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INTRODUCTION 


This  document  contains  reproductions  of  technical  papers  presented 
by  staff  members  of  the  NACA  Laboratories  at  the  NACA  Conference  on 
High-Speed  Aerodynamics  held  at  the  Ames  Aeronautical  Laboratory  of  the 
NACA,  March  l8,  19,  and  20,  1958*  The  primary  piu^ose  of  the  conference 
was  to  convey  to  the  military  services  and  their  contractors  the  results 
of  recent  research  and  to  provide  those  attending  with  an  opportunity 
to  discuss  the  res\ilts. 

The  papers  in  this  document  were  prepared  for  presentation  at  the 
conference  and  are  considered  to  be  complementary  to,  rather  than  sub- 
stitutes for,  the  Committee's  more  complete  and  formal  reports. 
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STUDY  OF  MOTION  AND  HEATING  FOR  ENTRY 
INTO  PLANETARY  ATMOSPHERES 
By  Dean  R.  Chapman 
Ames  Aeronautical  Laboratory 

INTRODUCTION 


One  of  the  many  challenging  problems  associated  with  space  flight 
is  the  so-called  reentry  problem.  Intense  aerodynamic  heating  of  the 
structure  ^d  possibly  severe  decelerations  of  human  occupants  may  occur 
when  orbiting  vehicles  enter  either  the  atmosphere  of  the  earth  or  the 
atmosphere  of  another  planet. 

analytical  studies  of  the  entry  problem  have  been  made 
®^ore  specific  vehicles  than  those  in  the  present  study.  By  limiting 
consideration  to  specific  vehicles  it  is  possible  to  disregard  various 
combinations  of  the  forces  which  appear  in  the  overall  problem.  For 
example,  in  a study  of  ballistic  vehicles,  Allen  and  Eggers  (ref.  l) 
have  shown  that  very  good  results  can  be  achieved  even  though  the  gravity 
forces  and  the  centrifugal  forces  axe  disregarded.  Also,  in  the  case  of 
glide  vehicles  operating  at  hypersonic  Mach  numbers  or  orbital  velocities, 
it  is  possible  to  disregard  the  vertical  component  of  drag  force  the 
3-ccelerat ion  but  not  possible  to  disregard  the  gravity  or  cen- 
trifugal forces.  The  early  studies  of  S&iger  (ref.  2)  have  been  on 

this  basis.  For  the  case  of  a satellite  entering  an  atmosphere  through 
the  process  of  a naturally  decaying  orbit,  however,  a realistic  solution 
is  not  obtained  if  either  the  gravity  force  or  the  centrifvigal  force  or 
the  vertical  component  of  drag  force  is  disregarded.  Full  consideration 
is  given  herein  to  these  various  forces  by  means  of  a mathematical  trans- 
formation which  reduces  the  problem  to  a form  simple  enough  to  hnnHip 
these  various  forces  without  undue  complication.  In  fact,  all  of  the 
results  of  this  paper  are  based  on  the  discovery  of  a mathematical  trans- 
formation which  reduces  the  relatively  complicated  pair  of  motion  equa- 
tions to  a single  ordinary  differential  equation  that  is  amenable  to 
solution.  This  paper  is  concerned  with  the  problem  of  entering  planetary 
atmospheres  and  provides  a generalization  and  extension  of  previoixs  ana- 
lytical studies  of  the  entry  problem  to  a wider  class  of  vehicles  and  to 
different  types  of  entry  than  have  previously  been  studied  with  analytical 
methods.  A more  complete  report  of  this  study  is  given  in  reference  5. 
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SYMBOLS 


The  notation  employed  is  illustrated  in  figure  1,  wherein  the  flight 

path  is  illustrated  for  a vehicle  entering  the  atmosphere  of  a planet. 

r distance  from  center  of  planet 

mg  force  of  gravity  acting  upon  vehicle  towards  center  of  planet 

L lift  force,  normal  to  flight  path 

D drag  force,  parallel  to  flight  path 

cp  flight-path  angle  relative  to  local  horizontal  direction,  or 

entry  angle 

u component  of  velocity  in  local  horizontal  direction 

u dimensionless  independent  variable j u = 1.0  when^velc^ity  is 

equal  to  local  circular  orbital  velocity,  and  u = V2  when 
velocity  is  equal  to  escape  velocity 

Z dependent  variable  proportional  to  density  of  undisturbed 

atmosphere  ahead  of  vehicle 

( p -3y^' 

P exponential  decay  parameter  ® 1 


reference  area  for  drag  | D = Cp 


altitude 


resultant  velocity,  u/cos  cp 
wetted  area 

factor  for  total  heat  absorbed 
factor  for  heating  rate 
total  heat  absorbed 


maximum  heating  rate 


<it/MAX 


Y 
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ANALYSIS 


% 
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The  basic  principle  of  the  method  is  that,  when  the  horizontal  com- 
ponent of  velocity  is  taken  as  the  independent  variable  and  the  function  Z 
(proportional  to  density)  is  taken  as  the  dependent  variable,  the  complete 
pair  of  motion  equations  can  be  transformed  into  a single,  second-order, 
ordinary  differential  equation: 


Vertical 

acceleration 


Vertical 
drag  force 


Gravity  minus 
Centrifugal  force 


Lift 


1 - gg 

uZ 


(1) 


In  completing  this  transformation,  two  terms  in  the  complete  equations 
which  are  small  compared  with  the  others  are  disregarded  (ref.  5).  For 
the  present  analyses  an  explanation  of  the  physical  significance  of  the 
various  terms  appearing  in  this  differential  equation  is  sufficient. 

In  equation  (l)  it  can  be  seen  that  the  first  term  on  the  left-hand  side 
represents  the  transformed  vertical  acceleration  and  the  second  term 
represents  the  vertical  component  of  drag  force.  The  first  term  on  the 
right-hand  side  of  equation  (l)  represents  the  gravity  force  minus  the 
centrifugal  force  and  the  last  term  represents  the  vertical  component  of 
lift  force. 


Inasmuch  as  this  differential  equation  is  of  second  order,  two  initial 
conditions  suffice  for  determining  a solution.  For  these  conditions  the 
value  of  the  function  Z at  some  initial  velocity  Uj^  and  the  value  of 
the  derivative  Z'  at  the  same  initial  velocity  are  selected:  u = up; 

Z(ui)  = 0;  Z'(up)  = cpp.  It  is  noted  that  the  initial  value  Z'(up) 
is  proportional  to  the  initial  angle  of  descent  cpp  (negative  for  descent). 
The  dimensionless  parameter  \j^  is  essentially  constant  for  any  planet 

and  is  approximately  50  for  the  planet  Earth.  The  following  example 
illustrates  the  Initial  conditions  for  the  decay  of  a satellite  orbit: 
up  = 1;  Z(l)  = 0;  Z'(l)  = 0.  In  this  case  the  dimensionless  initial 
velocity  is  1.0.  The  initial  angle  of  descent  is  negligible,  as  is  the 
initial  density  compared  with  the  density  at  conditions  near  peak  heating 
or  maximum  deceleration.  Consequently,  the  initial  conditions  are  simply 
those  indicated. 
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In  order  to  obtain  a better  understanding  of  this  differential 
equation,  assume  that  all  of  the  terms  on  the  right-hand  side  of  equa- 
tion (l)  were  neglected  - that  is,  the  gravity  force,  the  centrifugal 
force,  and  the  lift  force.  Then,  the  remaining  terms  on  the  left-hand 
side  of  this  equation  form  a linear  differential  equation,  the  solution 
of  which  yields  exactly  the  solution  of  Allen  and  Eggers  for  ballistic 
entry  (ref.  l) . This  should  not  be  surprising  inasmuch  as  they  dis- 
regarded  the  forces  represented  by  the  terms  on  the  right-hand  side  of 
this  equation.  On  the  other  hand,  assume  that  the  terms  on  the  left- 
hand  side  of  the  equation  were  disregarded  - that  is,  the  vertical  accel- 
eration and  the  vertical  component  of  drag  force  - then,  the  solution  to 
the  remaining  terms  on  the  right  side  is  a simple  algebraic  solution  for 
the  Z-fmctlon  which  is  exactly  the  same  as  the  solution  for  ecpilibrlum 
glid.ix5g  flight  of  hypersonic  vehicles  originally  advanced  by  Sanger 
(ref.  2).  In  the  present  paper,  however,  none  of  the  terms  in  this  equa- 
tion are  disregarded,  so  that  all  of  the  subsequent  results  are  numerical 
solutions  based  upon  equation  (l)  as  given. 


DISCUSSION 


Some  examples  that  illustrate  the  types  of  results  which  can  be 
obtained  from  the  method  are  now  considered.  In  figure  2,  a plot  is 
shown  of  the  maximum  deceleration  together  with  the  miss  distance  in  range 
due  to  a 0.5O  error  in  the  initial  angle  of  entry  (pi  for  nonlifting 
vehicles.  It  is  seen  that,  if  a nonlifting  vehicle  were  intended  to  enter 
at  an  angle  of  2°  initially  but  inadvertently  entered  at  either  I.5  or 
2.5°,  the  change  in  impact  point  would  be  roughly  100  miles.  Therefore, 
as  would  be  expected,  the  larger  the  initial  entry  angle,  the  smaller  is 
this  error  in  entry  range  for  a given  error  in  initial  entry  angle.  As 
can  be  seen  in  figure  2,  however,  arbitrarily  large  initial  entry  angles 
cannot  be  employed  if  the  device  is  to  carry  a human  occup^t.  At  an 
initial  entry  angle  of  approximately  5°,  the  approximate  limit  of  human 
tolerance  to  accelerative  stress  is  reached.  At  lower  angles,  such  as 
0°  < -9-  < 1°  the  maximum  deceleration  is  seen  to  be  a little  over  Og. 

This  certainly  would  not  be  comfortable  but  is  well  within  the  limit  of 
human  tolerance.  In  this  figure  and  subsequently  in  figure  7,  where  the 
approximate  human  limit  to  deceleration  stress  is  indicated,  it  is  to  be 
understood  that  this  limit  corresponds  to  transverse  orientation  of  the 
acceleration  loads  (that  is,  with  the  stresses  either  in  the  back-to- chest 
or  chest-to-back  orientation) . This  limit  takes  into  accoi^t  the  approxi- 
mate duration  of  the  acceleration  stress  in  a manner  that  is  believed  to 
be  conservative.  It  is  regarded  as  only  an  approximate  limit. 
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As  would  be  expected^  tiie  maxiiauni  rate  of  heating  also  Increases 
with  an  increase  in  the  initial  angle  of  descent,  as  indicated  in  fig- 
ure  5>  where  the  curve  for  is  seen  to  be  quite  similar  to  the 

curve  for  maximum  deceleration  already  discussed  in  figure  2.  The  larger 
the  Initial  ^gle  of  descent,  the  lower  is  the  altitude  at  which  the 
intense  heating  takes  place  and,  hence,  the  higher  are  the  density,  the 
deceleration,  and  the  maximiam  rate  of  heating.  As  is  shown  in  figure  5, 
however,  the  total  heat  absorbed  follows  an  opposite  trend  to  the  maxi- 
mum heating  rate.  ^ What  happens,  of  course,  is  that,  although  the  raaxi- 
mxrni  heating  rate  is  increased,  the  tine  duration  over  which  the  intense 
heating  occurs  is  very  much  reduced  for  the  larger  initial  angles  of 
entry.  The  net  effect  is  a reduction  in  the  total  heat  absorbed  with 
increasing  entry  angle.  For  example,  the  heat  absorbed  at  an  initial 
entry  angle  of  0°  is  twice  that  absorbed  at  an  initial  entry  angle  of  5°. 

There  is  a simple  and  general  equation  developed  by  Allen  (ref.  1) 
in  his  studies  on  ballistic  entry,  which  helps  to  understand  the  quali- 
tative variations  of  total  heat  absorbed,  as  presented  in  figure  3 £uid, 
also,  as  presented  in  figures  5,  6,  9,  11,  and  12  wherein  curves  of  total 
heat  absorbed  are  included.  The  equation  for  total  heat  absorbed  is 


2Cd  a 1 


(2) 


This  equation  was  developed  in  the  study,  of  ballistic-type  entry  but 
actually  is  general  and  can  be  applied  to  an  arbitrary  entry  path.  The 
equation  states  that  the  total  heat  absorbed  for  a given  change  in  kinetic 

energy  mV^|  is  proportional  to  the  ratio  of  the  wetted  area  S to 

the  reference  area  A and,  also,  is  proportional  to  the  ratio  of  the 
effective  skin-friction  coefficient  Cp  to  the  drag  coefficient  Cp. 

It  is  the  known  qualitative  variation  of  skin- friction  coefficient  with 
Reynolds  number  which  explains  the  qualitative  variation  of  total  heat 
absorbed  in  figure  3.  As  the  initial  angle  of  descent  is  increased, 
the  reduction  in  kinetic  energy  does  not  change  but  heating  takes  place 
at  lower  altitudes,  where  the  densities  and  Reynolds  nimibers  are  higher 
and,  hence,  where  the  skin-friction  coefficients  are  smaller.  Thus, 
equation  (2)  shows  that,  in  this  case  or  in  any  other  case  where  heating 
occurs  at  lower  altitudes  for  a given  loss  in  kinetic  energy,  the  total 
heat  absorbed  is  less  than  if  heating  occurs  at  high  altitudes. 

The  entry  of  lifting  vehicles  starting  with  a negligible  initial 
angle  of  descent  ~ 0^,  as  would  be  the  case  for  the  orbital  decay 


■ 
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of  a satellite,  is  now  considered.  Figure  4 represents  a plot  of  the 
Reynolds  number  per  foot  at  the  conditions  of  maximum  heating  as  a func- 
tion of  the  parameter  w/CpA  where  W is  the  vehicle  weight  in  Earth 
pounds.  It  is  seen  from  the  equation  in  the  figure  that  the  Reynolds 
number  is  proportional  to  the  Z-function.  The  point  of  practical  inter- 
est, however,  is  that  for  typical  values  of  the  loading  parameter  W/CjjA, 
say,  in  the  range  between  10  and  100  pounds  per  square  foot,  the  Reynolds 
number  at  peak  heating  is  only  of  the  order  of  105  to  10^  per  foot. 

These  values  are  low  enough  to  expect  extensive  rims  of  laminar  flow. 

For  this  reason,  the  calculations  of  heat  transfer  in  equation  (2)  and 
for  figures  4 to  6 and  8 to  12  are  based  upon  the  assumption  of  laminar 
flow.  As  may  be  noted  in  figure  4,  the  relative  values  of  Reynolds  num- 
ber for  the  planets  Venus,  Mars,  and  Jupiter  are  not  greatly  different 
from  those  of  Earth.  Consequently,  for  entry  into  the  atmospheres  of 
these  planets  the  Reynolds  numbers  at  conditions  near  maximum  heating 
are  sufficiently  small  to  expect  much  laminar  flow  on  many  types  of 
vehicles. 


In  figure  some  curves  are  presented  that  illustrate  the  effect 
of  lift-drag  ratio  on  the  maximum  heating  rate  experienced  dirring  entry 
from  a decaying  satellite  orbit.  The  equation  for  maximum  heating  rate, 
shown  in  the  upper  right  side  of  this  figure,  is  seen  to  consist  of  a 
series  of  factors.  The  group  of  factors  within  the  braces  represents 
the  influence  of  the  particular  planet  - that  is,  the  coefficient  of 
viscosity  li,  the  gravitational  acceleration  g,  the  planet  radius  r, 
and  the  exponential  decay  parameter  p of  the  atmosphere.  The  group 
of  factors  under  the  radical  represents  the  influence  of  the  physical 
characteristics  of  the  vehicle  -•  that  is,  the  mass,  shape,  and  dimen- 
sions. The  factor  q is  related  to  the  Z-function  and,  as  indicated, 
depends  only  upon  the  lift-drag  ratio  of  the  vehicle.  If  the  drag  coef- 
ficient were  maintained  constant  and  the  lift-drag  ratio  were  increased, 
such  as  might  be  conceived  if  reaction  lift  were  employed  rather  than 
aerodynamic  lift,  then  the  maximum  heating  rate  during  entry  would  con- 
tlnmlly  decrease  as  the  lift-drag  ratio  is  increased,  as  Indicated  by 
the  dashed  curve  in  figure  5.  For  aerodynamic  lift,  however,  the  drag 
coefficient  and  the  lift-drag  ratio  are  always  coupled  in  the  sense  that 
the  lift-drag  ratio  cannot  be  indefinitely  increased  without  eventually 
decreasing  drag  coefficient.  As  the  formula  given  in  figure  5 indicates, 
a decrease  in  the  drag  coefficient  would  correspond  to  an  increase  in 
the  maximum  rate  of  heating.  This  coupling  between  Cp  and  L/D  is 


different  for  each  family  of  aerodynamic  shapes,  three  families  of 
which  are  illustrated  in  figure  5.  The  solid  c\rrves  represent  the  quan- 
tity q/^.  The  family  of  half-cones  and  the  family  of  half -paraboloids 

are  maintained  with  the  flat  surface  in  the  flight  direction;  the  lift- 
drag  ratio  is  changed  by  changing  the  fineness  ratio.  For  the  family  of 
flat  plates,  however,  the  lift-drag  ratio  is  changed  by  changing  the 
angle  of  attack.  In  all  cases,  the  forces  are  computed  by  use  of  the 
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Newtonian  theory.  It  is  seen  that  the  net  effect  of  the  coupling 
between  drag  coefficient  and  lift-drag  ratio  is  such  that  about  the 
best  that  can  be  expected  by  the  use  of  aerodynamic  lift  is  that  the 
peaJc  rate  of  heating  can  be  reduced  roughly  50  percent  for  lift-drag 
ratios  in  the  neighborhood  of  0 . ^ to  1.0.  Inasmuch  as  the  dashed  ciorve 
is  closely  proportional  to  1/\/l/D  (ref.  5),  it  follows  from  the  equa- 
tion given  in  figure  5 that  the  maximum  heating  rate  would  be  nearly 
proportional  to  i/vEE  and,  hence,  would  be  a minimum  for  vehicles 
entering  at  Thus,  for  practical  purposes,  the  maximum  heating 

rate  may  be  minimized  by  entering  in  this  manner. 

In  figure  6,  a plot  similar  to  that  presented  in  figure  5,  in  -vdilch 
radiation  is  disregarded,  is  shown  only  for  the  total  laminar  heat 
absorbed.  In  this  case  the  structure  of  the  corresponding  equation  for 
Q also  is  composed  of  a series  of  factors;  the  group  within  braces  again 
represents  the  Influence  of  the  planetary  atmosphere,  the  group  under  the 
radical  represents  the’  Influence  of  the  physical  characteristics  of  the 
vehicle,  and  the  factor  Q is  related  to  the  Z-function  and,  as  indicated, 
depends  only  upon  the  lift-drag  ratio.  The  interesting  point  in  this  fig- 
ure is  that  for  a given  drag  coefficient  the  variation  in  total  heat 
absorbed  with  lift-drag  ratio  is  just  opposite  that  observed  for  maximum 
rate  of  heating.  The  explanation  for  this  may  be  understood  by  reference 
to  equation  (2).  As  the  lift-drag  ratio  is  Increased,  the  overall  loss 
in  kinetic  energy  does  not  change  but  the  heating  takes  place  at  higher 
altitudes  where  the  friction  coefficients  are  larger  and,  hence,  the 
total  heat  absorbed  must  also  be  larger.  In  figure  6 the  coupling  between 
drag  coefficient  and  lift-drag  ratio  is  seen  to  result  in  an  optimum  at 
negative  lift-drag  ratios  in  the  vicinity  of  approximately  -0.5*  The 
minimum  value  of  total  heat  absorbed,  however,  is  not  greatly  different 
from  the  value  for  nonlifting  vehicles.  When  it  is  considered  that  the 
use  of  negative  lift-drag  ratios,  at  least  for  entry  into  the  Earth's 
atmosphere,  results  in  large  deceleration,  it  may  be  concluded  that  the 
practical  optimum  for  minimizing  total  heat  absorbed  will  be  achieved  by 
essentially  nonlifting  vehicles.  A large  penalty  in  total,  heat  absorbed 
by  the  use  of  a lifting  vehicle  is  evident  from  figure  6.  Also  shown  in 
this  figirre  is  a point  representing  an  optimum  skip  starting  from  circiilar 
orbital  velocity.  This  optimum  skip  occurs  at  a lift-drag  ratio  of  about 
0.7  ^which  corresponds  to  seen  to  resiilt  in  much  less 

total  heat  absorbed  than  for  the  case  of  smoothly  gliding  entry.  The 
difference  amoimts  to  about  a factor  of  3*  The  reason  for  this  may 
again  be  seen  from  equation  (2).  As  compared  with  a gliding  vehicle, 
a skip  vehicle  penetrates  deeper  into  the  atmosphere  where  the  density 
is  lower  and  the  friction  coefficients  are  lower  and,  hence,  much  less 
heating  occixrs  for  a given  loss  in  kinetic  energy. 
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A compaxison  of  the  decelerations  and  aerodynamic  convective  heating 
problems  for  several  neighboring  planets  is  now  considered.  A plot  is 
presented  in  figure  7 of  the  maximum  deceleration  in  Earth  g units  as  a 
function  of  the  vehicle  lift-drag  ratio  for  the  planets  Mars,  Venus, 

Earth,  and  Jupiter.  These  curves  correspond  to  entry  from  satellite 
velocity  starting  with  cp^  = 0.  The  pronounced  effect  of  lift-drag  ratio 

in  reducing  the  maximum  deceleration  is  evident  from  this  figure.  For  _ 
example,  a lift-drag  ratio  of  the  order  of  a few  tenths  reduces  the  m^i- 
mum  deceleration  for  Earth  from  about  8 to  2 or  5-  Inasmuch  as  the  cir- 
cular  orbital  velocity  for  Mars  is  only  12,000  feet  per  second  as  compared 
with  roughly  25,000  feet  per  second  for  Earth  and  Venus  and  l40,000  feet 
per  second  for  Jupiter,  the  relative  positions  of  the  various  c\irves  in 
figure  7 are  to  be  expected.  The  decelerations  for  entry  into  Mars  are 
sufficiently  low  that  even  vehicles  with  negative  lift  can  be  employed 
without  exceeding  the  approximate  limit  of  human  tolerance  to  decelera- 
tion, These  limits  indicated  in  figure  7 are  different  for  the  different 
plEinets,  inasmuch  as  the  duration  of  the  deceleration  is  different  for 
each  planet.  For  example,  the  duration  of  entry  into  Mars  is  much  less 
than  into  Jupiter  and,  therefore,  the  maximum  deceleration  tolerable  is 
greater  (fig.  7).  Entry  into  Jupiter  would  impose  many  problems  not 
imposed  by  entry  into  Venus  or  Mars,  inasmuch  as  the  gravitational  accel- 
eration even  for  a vehicle  at  rest  would  be  at  least  2.7g  the  velocity 
necessary  to  escape  from  Jupiter  is  200,000  feet  per  second.  These  fac- 
tors impose  very  severe  problems  Indeed  and,  hence,  Jupiter  cannot  be 
given  practical  consideration  but  is  included  in  figure  7 other 

figures  merely  for  purposes  of  comparison. 

For  the  same  type  of  entry  as  was  considered  in  figure  7>  the  cor- 
responding maximum-temperature  parameter  experienced  during  entry  for 
radiation  equilibriimi  is  shown  as  a function  of  the  lift-drag  ratio  for 
these  planets  in  figure  8.  The  quantity  e represents  the  s^face  emis- 
sivity  and  would  be  1.0  for  a black  body.  In  order  to  understand  the 
numbers  on  the  ordinate,  assume  that  the  radius  I of  the  st^nation 
point  is  10  feet  and  that  the  parameter  W/Cp>A  has  a value  of  10  pounds 

per  square  foot.  Consequently,  the  denominator  ^W/Cj)AZ^  would  be 

1.0  and,  hence,  for  a black  body  the  nijmbers  indicated  on  the  ornate 
scale  would  represent  nearly  the  maximum  surface  temperatiare  in  For 

Mars  the  maximum  surface  temperatures  are  not  really  severe  v,9-s  ow  as 
1,300°  R)  when  compared  with  those  of  the  other  planets.  For  E^^  ^ 
Venus  the  maximum  surface  temperature  can  be  as  low  as  roug^y  2, TOO  R, 
which  is  within  the  limitations  of  current  metals.  For  Jupiter,  however, 
the  temperatvires  are  of  the  order  of  at  least  '^,000  R and  would  impose 
a much  more  severe  problem  for  any  radiation-cooled  device.  As  can  be 
seen  from  the  curves  in  figure  5,  the  minimum  surface  temperature  occurs 
in  the  region  of  lift-drag  ratio  between  about  O.5  and  1.0. 


Curves  for  total  laminar  heat  absorbed  during  entry  from  satellite 
velocity  are  shovn  in  figure  9 for  the  same  planets.  As  would  be  expected 
from  their  relative  orbital  velocities,  the  planets  in  this  figvire  bear 
the  same  relative  position  to  each  other  as  in  figure  8.  The  ordinate 
in  this  figure  represents  the  total  heat  absorbed  per  unit  area  at  a 
stagnation  point  pf  radius  of  curvature  I . The  units  are  as  indicated 
in  figure  9*  In  this  figure  the  minimum  heat  absorbed  occurs  at  negative 
lift -drag  ratios,  as  would  be  expected  from  the  discussion  of  figure  6. 

A different  type  of  entry  - namely,  atmosphere  braking  - is  now 
considered.  In  order  to  land  on  any  of  the  planets,  it  is  assmed, 
first,  that  the  velocity  must  be  reduced  from  some  value  near  escape 
velocity  (u  = \f2)  to  a va^ue  near  satellite  velocity  (u  = l) . If 

this  reduction  in  velocity  is  attempted  by  means  of  chemical  rockets, 
it  would  be  very  inefficient  in  terms  of  weight.  If  it  is  attempted  by 
means  of  a low-thrust  space  engine,  it  would  be  inefficient  in  terms  of 
time.  Consequently,  there  is  interest  in  the  process  of  making  successive 
passes  through  the  atmosphere  in  order  to  decrease  the  velocity  from 
roughly  escape  velocity  to  satellite  velocity.  This  type  of  entry  is 
illustrated  schematically  in  figure  10.  The  solid  line  represents  a 
pass  through  the  atmosphere  which  slows  the  vehicle  down  and  reduces  the 
apogee  of  the  orbit  in  preparation  for  another  entry  to  reduce  further 
the  velocity  and  apogee,  etc.,  until  circular  velocity  is  obtained.  The 
ordinate  in  this  figure  is  the  same  as  that  in  figure  8.  The  abscissa 
is  the  maximum  acceleration  experienced  during  the  braking  process.  A 
number  of  other  parameters  could  have  been  plotted  as  the  abscissa.  For 
example,  the  altitude  of  closest  approach  to  the  planet’s  surface  could 
be  employed  inasmuch  as  the  closer  the  vehicle  passes  to  the  surface, 
the  greater  the  maximum  deceleration  experienced  during  this  pass.  Of 
course,  if  the  vehicle  passes  too  close  to  the  surface,  then  in  a single 
pass  the  velocity  would  be  reduced  sufficiently  to  cause  an  impact  with 
the  surface  in  the  first  pass.  This  type  of  entry  is  indicated  by  the 
long-dash  lines  in  figure  10.  From  this  figure  it  is  seen,  for  example, 
that,  in  order  to  limit  the  maximum  temperatures  to  the  order  of  2,500^  R, 
about  the  greatest  niomber  of  g units  that  can  be  experienced  during  a 
single  pass  is  only  a few  tenths.  As  it  turns  out,  this  is  sufficient 
to  complete  the  reduction  from  escape  velocity  to  circular  satellite 
velocity  in  roughly  six  or  seven  passes.  If  the  vehicle  experiences 
greater  decelerations,  as  would  be  the  case  by  making  the  pass  closer  to 
the  planet’s  surface,  it  is  seen  that  the  maximum  deceleration  is  steadily 
increased  up  to  a certain  point  where  it  dis continuously  increases  to  a 
value  corresponding  to  the  completion  of  entry  in  the  first  pass.  In 
the  case  of  Earth,  for  example,  the  curve  in  figure  10  shows  that,  when 
the  maximum  deceleration  is  somewhat  less  than  4-g,  the  single  pass  will 
slow  the  vehicle  down  sufficiently  to  complete  the  entry  in  the  first 
pass.  This  means  that  circular  orbital  velocity  is  obtained  before 
leaving  the  atmosphere.  At  this  point  (represented  by  a small  vertical 


bar  in  fig.  10)  the  maximum  value  of  the  deceleration  suddenly  increases 
to  about  7.2g  as  the  vehicle  completes  the  entry,  but  the  temperature 
does  not  increase  inasmuch  as  the  maximum  temperature  already  has  been 
experienced  before  the  vehicle  has  been  reduced  from  escape  velocity  to 
satellite  velocity.  About  the  largest  deceleration  that  can  be  experi- 
enced in  the  process  of  atmosphere  braking  on  Mars  is  somewhat  less 
than  1 g.  For  Jupiter,  as  would  be  expected,  much  more  deceleration  can 
be  experienced  without  completing  the  entry  in  the  first  pass,  but  the 
temperatures  also  become  very  large. 

The  heat  absorbed  during  a single  pass  through  the  atmosphere  is 
presented  in  figure  11.  The  ordinate  is  the  same  as  that  in  figure  9- 
Again,  the  same  relative  position  of  the  different  planets  is  noted. 

In  figure  11,  however,  it  is  seen  that,  once  a sufficient  deceleration 
is  experienced  to  slow  down  a vehicle  to  circular  orbital  velocity,  a 
further  increase  not  only  discontinuously  increases  the  maximum  decelera- 
tion but  also  discontinuously  increases  the  heat  absorbed.  This  of  course 
is  because  of  the  additional  heat  which  must  be  absorbed  in  reducing  the 
velocity  from  satellite  velocity  to  zero.  Up  to  the  point  beyond  which 
a single  pass  to  impact  occurs,  the  heat  absorbed  in  the  single  pass  of 
atmosphere  braking  increases  because  of  the  greater  loss  in  kinetic  energy. 
Where  only  a single  pass  occurs  (long-dash  curves  in  fig.  11),  the  total 
change  in  kinetic  energy  is  the  same.  As  may  be  seen  for  Mars,  the  greater 
the  mny-iTmim  deceleration,  the  lower  is  the  total  heat  absorbed.  The 
reason  for  this  can  again  be  seen  from  equation  (2).  As  the  vehicle 
passes  closer  to  the  planet's  surface  and  experiences  increased  decelera- 
tion upon  entry,  heating  occurs  at  lower  and  lower  altitudes  where  the 
friction  coefficients  also  are  lower  and,  hence,  the  total  heat  absorbed 
is  lower.  It  is  seen  in  figure  11  that,  if  the  heat  absorbed  in  a single 
pass  is  kept  within  the  same  limitations  as  for  the  heat  absorbed  dioring 
the  entire  reentry  from  satellite  velocity  to  impact  (about  5,000  for 
Earth),  the  maximum  deceleration  which  can  be  experienced  during  the 
braking  process  is  about  1.5S*  ^ turns  out  this  is . sirC f icient  to 

complete  the  reduction  from  escape  velocity  to  satellite  velocity  ^ two 
passes.  In  such  a procedure,  of  course,  the  heat  absorbed  in  the  fy^t 
pass  could  be  radiated  away  before  the  satellite  returns  to  begin  the 
second  pass. 

The  curves  in  figure  12  illustrate  the  effect  of  lift-drag  ratio  on 
the  heat  absorbed  during  a single  pass  through  the  atmosphere,  to  this 
figure,  the  abscissa  is  now  the  dimensionless  velocity  at  the  exit 

of  the  braking  process,  that  is,  at  the  exit  of  the  single  pass.  The 
pass  in  all  cases  starts  with  an  initial  velocity  representing  escape 
velocity.  A given  value  of  u^x  represents  a given  loss  in  kinetic 
energy  per  unit  mass;  hence,  for  a given  change  in  kinetic  energy  dicing 
a single  pass,  the  heat  absorbed  is  reduced  as  the  lift-drag  ratio  is 
increased.  This  is  just  opposite  the  trend  observed  in  figure  6,  where 


it  was  noticed  that  the  greater  the  lift-drag  ratio  the  greater  is  the 
total  heat  absorbed  during  entry  from  satellite  velocity.  The  explana- 
tion is  as  follows:  in  order  to  reduce  the  velocity  by  a given  amount 

in  a single  pass,  a lifting  vehicle  must  penetrate  deeper  into  the 
atmosphere  than  a nonlifting  vehicle.  This  means  that,  for  a given 
change  in  kinetic  energy,  the  greater  the  lift  the  lower  is  the  altitude 
at  which  heating  occurs;  hence,  the  lower  the  friction  coefficient  the 
less  is  the  heating  (eq.  (2)).  Although  it  is  desirable.  Insofar  as 
heat  absorbed  is  concerned,  to  use  a vehicle  with  lift  in  the  process 
of  atmosphere  braking,  once  the  velocity  is  reduced  to  circular  satel- 
lite velocity  it  is  desirable  to  use  a nonlifting  vehicle  or  even  a 
vehicle  with  negative  lift. 
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ENTRY  HEATING  FOR  LAMINAR  FLOW,  L/D=0 


INITIAL  ENTRY  ANGLE,  Vj,DEG 


Figure  5 


REYNOLDS  NO.  AT  MAX  HEATING  ( Uj=  I , <Pj=0) 


EFFECT  OF  L/D  ON  LAMINAR  HEATING  RATE,  Uj  = l 9\=0 


Figure  5 


EFFECT  OF  L/D  ON  TOTAL  HEAT  ABSORBED,  (LAMINAR) 
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TOTAL  LAMINAR  HEAT  ABSORBED  FOR  ORBITAL  DECAY 


L/D 


Figure  9 
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Figure  10 


LAMINAR  HEAT  ABSORBED  IN  SINGLE  PASS  FOR 
ATMOSPHERE  BRAKING  WITH  L/D=0,  U|  = l.4 


Figure  11 
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WINGLESS  CONFIGURATION ; NONLIFTING 

By  Maxime  A.  Faget,  Benjamine  J.  Garland^ 
and  James  J.  Buglia 

Langley  Aeronautical  Laboratory 


INTRODUCTION 


This  paper  is  concerned  with  the  simple  nonlifting  satellite  vehicle 
which  follows  a ballistic  path  in  reentering  the  atmosphere.  An  attrac- 
tive feature  of  such  a vehicle  is  that  the  research  and  production  expe- 
riences of  the  ballistic-missile  programs  are  applicable  to  its  design 
and  construction. 

The  ballistic  reentry  vehicle  also  has  certain  attractive  operational 
aspects  which  should  be  mentioned.  Since  it  follows  a ballistic  path 
there  is  a minimiom  requirement  for  autopilot,  guidance,  or  control  equip- 
ment. This  condition  not  only  results  in  a weight  saving  but  also  elim- 
inates the  hazard  of  malfunction.  In  order  to  return  to  the  earth  from 
orbit,  the  ballistic  reentry  vehicle  must  properly  perform  only  one  maneu- 
ver. This  maneuver  is  the  initiation  of  reentry  by  firing  the  retrograde 
rocket.  Once  this  maneuver  is  completed  (and  from  a safety  standpoint 
alone  it  need  not  be  done  with  a great  deal  of  precision) , the  vehicle 
will  enter  the  earth *s  atmosphere.  The  success  of  the  reentry  is  then 
dependent  only  upon  the  inherent  stability  and  structural  integrity  of 
the  vehicle.  These  are  things  of  a passive  nature  and  may  be  thoroughly 
checked  out  prior  to  the  first  man-carrying  flight.  Against  these  advan- 
tages the  disadvantage  of  large  area  landing  by  parachute  with  no  cor- 
rective control  during  the  reentry  must  be  considered. 

In  a previous  paper.  Dean  R.  Chapman  has  shown  that  the  minimum 
severity  of  the  deceleration  encountered  during  a ballistic  reentry  is 
related  to  the  fundamental  nature  of  the  planet.  Thus  it  can  be  con- 
sidered a fortunate  circumstance  that  man  can  tolerate  this  deceleration 
with  sufficient  engineering  margin. 
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lift 

drag 

weight 

drag  coefficient 
cross-sectional  area  (frontal) 
normal-force  coefficient  slope  per  radian 

lift  coefficient  slope  per  radian 

pitching-moment  coefficient  slope  per  radian 

moment  of  inertia  (general) 

mass 

period 

normal  acceleration 
acceleration  (longitudinal) 

Reynolds  number  based  on  diameter 
thrust  of  jet 
Mach  number 

pitching-moment  coefficient 
normal-force  coefficient 
diameter 
distance 


For  aerodynamic  coefficients,  the  frontal  area  is  the  reference  area  and 
the  diameter  is  the  reference  length. 
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DISCUSSION 


Figiare  1 shows  man's  approximate  tolerance  to  "g"  loads  for  sev- 
eral positions  in  which  he  may  be  supported.  The  information  shown  was 
obtained  from  reference  1.  It  should  be  noted  that  the  tolerance  to 
acceleration  varies  for  different  individuals  and  that  figvire  1 does  not 
give  a complete  picture  of  the  problem.  It  does,  however,  neatly  estab- 
lish an  approximate  basis  for  consideration  of  the  acceleration  loads  to 
be  described. 

The  deceleration  history  of  a typical  reentry  is  presented  in  fig- 
ure 2.  For  this  case  the  reentry  angle  is  -0.8°  and  results  in  a maxi- 
mum deceleration  of  8.5g.  It  should  be  noted  that  the  buildup  in  decel- 
eration is  very  gradual  and  that  the  overall  severity  is  well  within 
human  tolerances.  In  fact,  larger  reentry  angles  resulting  in  a more 
severe  deceleration  history  should  be  tolerable. 

The  acceleration  loads  which  may  be  encountered  during  laionching 
are  presented  in  figure  5.  The  acceleration  history  shown  was  calculated 
by  using  elements  of  a present-day  ballistic-missile  propulsion  system 
as  a basis.  The  severity  of  this  acceleration  history  is  approximately 
the  same  as  the  deceleration  history  in  figure  2 and  is  well  within  the 
himian  tolerance  limit. 

The  one  maneuver  which  the  ballistic  reentry  vehicle  must  perform 
is  the  retrograde  maneuver.  This  maneuver  consists  of  deflecting  the 
orbit  by  the  proper  application  of  an  impulse  provided  by  the  retrorocket. 

The  performance  required  from  the  retrorocket  to  initiate  reentry 
from  a circular  orbit  of  800,000  feet  altitude  is  shown  in  figure  4. 

This  figure  shows  the  flight-path  angle  that  would  be  obtained  at  the 
550,000-foot  level  when  the  retrorocket  "kicks"  the  satellite  with  vari- 
ous velocity  changes . It  can  be  seen  that  use  of  a rearward  impulse  is 
much  more  effective  than  a downward  one.  The  downward  one  has  some  merit, 
however,  in  that  it  would  cause  reentry  to  occur  much  sooner  after  the 
impulse  was  applied.  With  a rearward  impulse  the  satellite  would  travel 
approximately  halfway  around  the  earth  before  reentering  the  atmosphere; 
with  a downward  impulse  the  satellite  would  travel  only  about  one-fourth 
of  the  way  around  before  reentry. 

There  are  some  particular  advantages  to  be  gained  if  reentry  is  made 
from  an  elliptical  orbit.  Figure  5 is  a schematic  drawing  of  an  elliptical 
orbit  and  will  help  illustrate  this.  The  elliptical  orbit  has  a perigee 
point  where  it  passes  close  to  the  earth's  sxirface  and  an  apogee  point 
which  is  l80°  away  and  is  the  point  of  highest  altitude.  Inasmuch  as  the 
satellite  is  closest  to  the  earth  at  the  perigee,  the  perigee  forms  a bucket 
as  far  as  determining  the  landing  point  is  concerned.  Since  the  landing 
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point  naturally  tends  to  be  in  vicinity  of  perigee,  the  acc\iracy  of  the 
reentry  maneuver  is  improved  when  the  landing  point  is  purposely  made 
in  the  vicinity  of  the  perigee. 

Inspection  of  figure  5 suggests  an  interesting  possibility.  If  the 
satellite  is  given  a moderate  rate  of  spin  about  its  longitudinal  axis 
at  last-stage  burnout,  it  can  be  attitude-stabilized  in  space  and  will 
be  traveling  exactly  backward  at  the  apogee  in  the  correct  attitude  for 
firing  the  retrorockets . Also  at  the  perigee  it  will  be  in  the  correct 
nose-first  attitude  for  entry.  The  required  spin  rates  are  well  within 
the  tolerance  of  a supine  or  prone  pilot.  This  technique  of  spin  stabi- 
lization might  simplify  considerably  the  guidance  and  control  equipment 
necessary  for  attitude  stabilization. 

Figure  6 shows  the  required  performance  of  the  retrorocket  when 
used  in  initiating  reentry  from  the  apogee  of  an  elliptical  orbit.  It 
can  be  seen  that  increasing  the  height  of  the  apogee  decreases  the  amount 
of  impulse  required  to  produce  a given  reentry  path  angle . 

During  the  last  several  years  the  National  Advisory  Committee  for 
Aeronautics  has  been  intensively  studying  the  important  aerodynamic 
aspects  of  ballistic-missile  reentry  bodies.  Much  of  this  work  is 
directly  applicable  to  the  problem  at  hand.  Thus,  fairly  well  established 
information  is  available  to  help  in  the  choice  of  the  configuration  for 
the  ballistic  reentry  vehicle . Table  I summarizes  some  aerodynamic  char- 
acteristics for  four  different  types  of  nose  shapes . 

The  nose  shapes  shown  in  table  I are  compared  on  a basis  of  equal 
weight  and ■ diameter . A weight  of  2,000  pounds  was  chosen  as  being  reason- 
able for  the  ballistic  reentry  satellite.  A diameter  of  7 feet  was  chosen 
as  being  adequate  for  the  occupant  supported  in  the  prone  or  supine  posi- 
tion. The  aerodynamic  characteristics  shown  in  the  table  are  those  asso- 
ciated with  the  forebodies  (shown  by  the  solid  lines).  The  afterbodies 
are  arbitrary  shapes.  Four  different  nose  shapes  are  shown.  They  are  a 
hemisphere,  a heavily  blunted  15°  cone,  a 55°  cone,  and  a nearly  flat  nose 
consisting  of  a spherical  segment.  The  position  of  the  neutral  point  and 
an  arbitrary  center-of-gravity  location  are  indicated  for  each  of  these 
noses . 

Values  of  W/Cj)A,  total  heating  load,  and  maximum  heating  rate  are 

also  listed  for  these  noses . The  heating  was  computed  for  reentry 
starting  at  550^000  feet  with  a path  angle  of  -0.8°.  Computations  were 
based  upon  the  methods  shown  in  references  2 and  3 and  the  experimental 
data  presented  by  William  E.  Stoney  in  a subsequent  paper.  It  should  be 
noted  that  the  heating  is  dependent  upon  both  the  shape  and  the  W/Cj)A. 

The  peak  heating  rates  are  of  an  order  of  magnitude  less  than  those 
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expericncGd.  by  ballistic  missiles . The  other  aerodynamic  derivatives 
shown  are  of  interest  when  the  motion  of  the  body  dioring  reentry  is 
considered. 


The  heating  shown  is  based  on  the  assumption  that  laminar  flow 
exists  over  the  entire  face  of  the  nose.  This  assuniption  at  least  seems 
to  be  justified  for  the  nearly  flat  nose  and  is  illustrated  in  figure  7. 

7 shows  the  variation  of  Reynolds  number  based  on  nose  diameter 
with  Mach  ni^ber  for  several  possible  reentry  paths  in  which  the  initial 
path  angle  is  varied  from  -0.5°  to  -2.5°-  Also  shown  are  two  flights  of 
rocket  powered  models  (refs,  t and  5)  which  laminar  flow  was  measured 
over  the  entire  flat  nose  of  the  model.  Although  these  flights  do  not 
indicate  the  maximum  Reynolds  number  which  could  be  obtained  with  lami- 
flow,  they  do  show  that  laminar  flow  does  exist  at  Reynolds  numbers 
greater  than  those  which  would  be  expected  during  the  reentry. 

Based  upon  the  foregoing  statements,  a specific  configuration  was 
chosen  in  order  to  bring  into  focus  some  of  the  more  detailed  reentry 
problems.  This  configuration  is  shown  in  figure  8.  This  space  capsule 
is  conceived  of  as  traveling  in  two  directions.  During  launching  it 
would  provide  a fairly  low-drag  nose  for  the  boosting  system,  but  during 
reentry  it  would  have  the  desired  heat  shield  in  the  front.  This  rever- 
sal in  attitude  also  simplifies  the  support  system  for  the  occupant, 
since  the  same  couch  is  properly  alined  for  both  the  acceleration  and 
deceleration  phases  of  the  flight.  The  heat  shield  chosen  is  the  one 
with  the  lowest  heating  of  the  four  shapes  studied. 

During  reentry  the  attitude  control  system  will  be  used  to  aline 
the  vehicle  with  the  flight  path.  Although  this  alinement  should  usually 
be  accomplished  with  sufficient  precision,  one  can  expect  that  either 
tnrough  error  or  malfunction  the  capsule  will  occasionally  enter  the 
atmosphere  with  an  attitude  error.  It  is  assumed  that  if  no  corrective 
control  is  applied,  the  capsule  will  develop  a pitching  and  yawing 
oscillation. 


In  a subsequent  paper,  John  D.  Bird  will  show  that  the  limit  enve- 
lope of  this  oscillation  is  not  affected  by  the  degree  of  static  stabil- 
ity and  is  independent  of  dynamic  stability  down  to  the  point  of  maximum 
deceleration.  From  this  framework  it  is  easy  to  study  the  violence  of 
the  residual  oscillation  at  maximum  g.  Figure  9 shows  the  period  and 
normal  acceleration  that  would  be  encountered  during  an  oscillating 
reentry.  The  equations  shown  for  P and  a^  were  developed  by  simply 


substituting  q 
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into  the  standard  expression  for  these  quantities. 


Inspection  of  the  resulting  equation  shows  that  the  length  of  the 
period  is  directly  proportional  to  the  square  root  of  Cp/CV  . Thus  to 


decrease  the  severity  of  the  oscillation,  the  period  may  be  lengthened 
by  choosing  a shape  having  a high  value  of  Similarly,  the 

severity  of  the  oscillation  may  be  decreased  by  reducing  the  resulting 
normal  acceleration  for  a given  angle  of  attack.  Here  it  is  desired  to 
have  a large  ratio  of  Cj)  to  Cjj  . It  can  be  seen  that  from  both  these 

considerations  the  nearly  flat  nose  is  very  favorable.  It  is  estimated 
that  this  configuration  would  have  a period  of  roughly  1 second  at  maxi- 
mum deceleration  and  that,  with  an  initial  attitude  error  of  10°  at  the 
start  of  reentry,  the  maximum  normal  acceleration  would  be  approxi- 
mately O.lg. 

The  particular  configuration  shown  may  have  negative  daunping  and, 
as  John  D.  Bird  will  show,  this  situation  will  result  in  a buildup  in 
the  oscillation  amplitude  after  the  point  of  maximum  deceleration  is 
passed.  This  amplitude  will  approximately  equal  the  initial  attitude 
error  of  reentry  when  sonic  velocity  is  reached.  In  order  to  determine 
the  limit  that  the  oscillation  might  build  up  to  in  the  subsonic  region, 
some  tests  (unpublished)  were  carried  out  in  the  Langley  20-foot  free- 
spinning  tvinnel.  These  tests  showed  that  the  configuration  oscillated 
at  an  amplitude  of  approximately  U5°-  The  use  of  a small  drogue  chute 
about  one-half  the  diameter  of  the  capsule  reduced  the  ait5)litude  of  the 
oscillation  to  about  20°.  An  extendable  flared  skirt  originating  at 
the  maximum  diameter  essentially  eliminated  any  oscillatory  motion. 

However,  such  a device  may  be  unduly  complicated  to  be  practical.  An 
alternate  configuration,  the  55°  cone  shape,  was  tested  and  proved  to 
have  very  little  oscillatory  motion. 

It  appears  very  likely  that,  after  initial  flights  of  the  ballistic 
reentry  type  of  satellite,  the  need  to  reduce  the  size  of  landing  area 
which  must  be  kept  under  surveillance  may  result  in  the  desire  to  improve 
the  landing-point  accuracy.  For  this  reason  several  simple  means  of  pro- 
ducing small  amounts  of  lift  have  been  investigated.  Figure  10  illustrates 
three  such  schemes . 

The  use  of  the  attitude  jets  provide  a simple  method  since  they  would 
already  be  in  existence . Because  of  a low  value  of  ^ high  moment 

arm,  and  a high  negative  these  jets  appear  to  be  fairly  effective 

in  producing  lift.  With  this  arrangement  an  L/D  of  0.1  could  be  pro- 
duced during  the  entire  reentry  deceleration  with  an  expenditure  of 
approximately  80  pounds  of  H2O2.  A drag  flap  is  shown  to  be  very  effec- 
tive by  some  tests  carried  out  in  the  Langley  11-inch  hypersonic  tunnel 
and  presented  by  John  A.  Penland  in  a subsequent  paper.  A trimmed  L/D 
of  0.2  may  be  obtained  with  a flap  area  4.5  percent  of  the  frontal  area. 
Similarly,  a small  center-of-gravity  shift  is  also  very  effective  in 
producing  lift. 


Figure  11  illustrates  the  effect  of  a small  amount  of  lift  during 
reentry.  It  is  seen  that  with  a lift-drag  ratio  of  0.2  the  maximum 
deceleration  is  roughly  half  of  that  with  no  lift.  This  value  will  also 
stretch  the  range  by  280  miles.  Similarly,  the  landing  point  may  be 
deflected  to  the  side  by  the  use  of  lift.  A 90°  bank  angle,  for  instance, 
will  provide  a lateral  displacement  of  roughly  60  miles  with  a lift-drac 
ratio  of  0.1.  ^ 

These  possibilities  of  variations  in  range  or  lateral  displacement 
landing  point  may  be  looked  upon  in  two  ways . As  previously 
stated  it  may  be  considered  as  a useful  method  of  correcting  errors  in 
the  ballistic  path. 

However  it  should  be  pointed  out  that  this  condition  should  also 
be  considered  as  an  indication  that,  in  the  case  where  a pure  ballistic 
reentry  trajectory  is  desired,  the  ballistic  path  will  be  highly  sensi- 
tive to  small  aerodynamic  mlsalinements  and  center-of -gravity  displace- 
ments. The  employment  of  a slow  rate  of  spin  to  produce  an  averaging 
effect  may  prove  to  be  a necessity  in  order  to  avoid  this  difficulty. 

The  use  of  a shape  which  is  Incapable  of  producing  lift  such  as  the 
sphere  would  also  avoid  this  difficulty. 


CONCLUSION 

In  conclusion  it  appears  that,  as  far  as  reentry  and  recovei*y  is 
concerned,  the  state  of  the  art  is  sufficiently  advanced  so  that  it  is 
possible  to  proceed  confidently  with  a manned  satellite  project  based 
upon  the  ballistic  reentry  type  of  vehicle. 
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APPROXIMATE  HUMAN  TOLERANCE  TO  ACCELERATION 


Figiore  1 


TYPICAL  REENTRY  DECELERATION 
HISTORY  STARTING  AT  350P00  FT; 
INITIAL  FLIGHT- PATH  ANGLE, -0.8® 
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Figure  2 
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ACCELERATION  HISTORY  DURING  LAUNCHING 


Figure  5 


DESCENT  MANEUVER  FROM  CIRCULAR  ORBIT  AT  800.000  FT 


Figure  ^ 
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SCHEMATIC  OF  DESCENT  MANEUVER 


IN  VICINITY  OF  APOGEE 


Figure  5 


DESCENT  MANEUVER  FROM  ELLIPTICAL  ORBITS  WITH  PERIGEE 
AT  800,000  FT 

REARWARD  IMPULSE  APPLIED  AT  APOGEE 


Figure  6 
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REYNOLDS  NUMBER  HISTORY  DURING  REENTRY 
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Figure  7 


CONFIGURATION  STUDIED 

LENGTH.  II  FT;  DIAMETER.  7 FT;  WEIGHT,  2,000  LB 


FLIGHT  DIRECTION  DURING  LAUNCHING 
FLIGHT  DIRECTION  DURING  REENTRY 


Figure  8 
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NORMAL  ACCELERATION  AND  PERIOD 
DURING  OSCILLATORY  REENTRY 


Figure  9 


METHODS  FOR  PRODUCING  LIFT 


Figure  10 


EFFECT  OF  LIFT  DURING  REENTRY 
HISTORY  STARTING  AT  350,000  FT; 
INITIAL  FLIGHT-PATH  ANGLE, -08° 


Figure  11 
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PRELIMINAEY  STUDIES  OF  MAKMED  SATELLITES 


WINGLESS  CONFIGURATIONS:  LIFTING  BODY 

By  Thomas  J.  Wong,  Charles  A.  Hermach,  John  0.  Reller,  Jr,, 

and  Bruce  E.  Tinling 

Ames  Aeronautical  Laboratory 


INTRODUCTION 


An  exploratory  study  has  been  made  of  a manned  satellite  in  which 
the  man  is  considered  to  be  an  active  part  of  the  system  during  orbiting 
and  reentry  flight.  The  maximum  horizontal  deceleration  on  a fixed- 
geometry  nonlifting  vehicle  is  of  the  order  of  8g.  In  order  to  take 
this  kind  of  loading,  the  man  may  have  to  be  so  securely  supported  that 
he  is  essentially  immobilized.  On  the  other  hand,  a lifting  vehicle 
with  a lift-drag  ratio  of  O.5  e:q)eriences  a maximum  deceleration  of 
about  2g.  This  is  within  the  tolerable  limit  for  a man  in  a sitting 
position  and  is  sufficiently  low  to  permit  him  to  have  active  control 
over  reentry.  Because  of  the  effectiveness  of  low  lift-drag  ratios  in 
reducing  decelerations  and  the  effectiveness  of  high  drag  in  reducing 
total  heat  convection  (ref.  l),  the  possibility  of  using  a modified 
ballistic-missile  shape  as  a lifting  element  was,  considered.  Another 
attractive  virtue  of  high -drag  shapes  is  that  they  are  known  to  have 
aerodynamic  characteristics  which  are  relatively  insensitive  to  changes 
in  Mach  number  and  Reynolds  n\imber  at  high  supersonic  speeds  in  the 
continuimi-flow  regime.  Therefore,  high-drag  shapes  can  be  investigated 
in  existing  test  equipment,  and  the  aerodynamic  characteristics  obtained 
are  representative  of  those  to  be  expected  at  the  hypervelocities  of 
reentry . 

Now  consider  how  lift  might  be  developed  on  a ballistic-missile 
shape  such  as  that  shown  in  figure  1.  A symmetrical  high-drag  shape  of 
the  type  shown  at  the  top  left  of  the  figure  has  a small  lift -curve 
slope  so  that  increasing  angle  of  attack  is  a relatively  ineffective 
method  for  developing  lift.  On  the  other  hand,  lift  can  be  effectively 
developed  on  a high-drag  shape  simply  by  removing  the  upper  portion  of 
the  body.  On  the  resulting  shape,  the  pressvues  which  previously  devel- 
oped only  high  drag  now  develop  high  lift  as  well. 

A configuration  based  on  this  concept  is  shown  at  the  bottom  of 
figtjre  1.  A cone  with  a semiapex  angle  of  50°  was  selected  as  a basic 


shape  for  this  configuration.  A blunter  cone  would,  of  course,  have  a 
smaller  amount  of  heat  convected  to  it  during  reentry.  However,  a 
blunter  configuration  would  have  less  satisfactory  stability  character- 
istics and  would  experience  higher  decelerations  during  reentry  than 
the  configuration  chosen.  The  body  was  made  slightly  deeper  than  a 
half -cone  to  provide  more  usable  depth  for  a given  length,  the  corners 
and  nose  were  rounded  to  reduce  local  heat -transfer  rates,  and  trailing- 
edge  flaps  were  provided  for  longitudinal  and  lateral  control.  Drag 
can  be  increased  by  flaring  all  controls  simultaneously,  which  provides 
a method  for  varying  the  longitudinal  glide  range.  The  aspect  ratio  of 
the  controls  was  kept  low  (0.6)  to  minimize  the  effects  of  shock -wave — 
boundary -layer  interaction  and  Mach  number  on  control  effectiveness. 


AERODYNAMIC  CHARACTERISTICS 


Theoretical  Calculations 

The  aerodynamic  characteristics  of  this  configuration  were  calcu- 
lated by  using  Newtonian  impact  theory  for  the  nose,  conical  surface, 
and  controls  and  two-dimensional  shock-expansion  theory  for  the  upper 
surface;  the  pressure  coefficient  on  the  base  was  assumed  to  be  0.7  of 
the  vacuum  pressure  coefficient.  Calculations  were  made  for  Mach  numbers 
of  5 to  6 and  oo.  The  calculations  indicated  that  the  configuration 
w'ould  be  stable  and  controllable  at  supersonic  speeds. 


Experiment 

A series  of  wind-tunnel  tests  was  conducted  to  verify  these  calcula- 
tions and  to  determine  the  static  stability  and  control  characteristics 
of  the  configuration  at  subsonic  and  low  supersonic  speeds.  A representa- 
tive portion  of  the  results  is  shown  herein.  All  force  and  moment  coeffi- 
cients are  referred  to  the  fuselage  plan  area  (S  = 0.%^),  pitching -moment 
coefficients  are  referred  to  body  length,  and  yawing-  and  rolling-moment 
coefficients  are  referred  to  body  diameter. 


Performance 

The  calculated  and  experimental  values  of  trim  lift  coefficient  and 
lift -drag  ratios  are  shown  in  figure  2.  At  M = 3 above,  the  con- 

figuration self -trims  (i.e.,  with  controls  undeflected)  at  an  angle  of 
attack  of  about  10°  as  shown.  Also  at  M = 3 and  above,  theory  and 
experiment  axe  in  good  agreement.  At  these  speeds,  little  variation 
with  Mach  number  is  observed,  and  the  calculated  values  at  M = oo  are 
very  close  to  the  values  obtained  at  M = 3 "to  6. 
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The  configuration  should  therefore  glide  at  a constant  lift  coeffi- 
cient and  a constant  lift-drag  ratio  of  about  0.5  throughout  most  of  the 
reentry  speed  range.  Experimental  data  for  this  configuration  were 
obtained  up  to  a Mach  n\miber  of  6.  Tests  at  Mach  numbers  from  5 to 
12.2  of  a similar  configuration  having  a small  wing  also  showed  very 
little  change  in  aerodynamic  characteristics  at  Mach  numbers  greater 
than  4.  At  lower  Mach  numbers,  the  configuration  is  not  self -trimming 
at  lift  coefficients  below  the  maximum.  At  these  Mach  nunibers,  the  con- 
figuration was  trimmed  with  the  lower  controls  deflected.  The  tnayiimiTn 
control  deflection  used  was  about  45°  at  M = 0.25. 


Stability  Characteristics 


The  static  stability  characteristics  are  presented  in  figure  5. 

Cj^,  directional  stability  and 

are  plotted  as  functions  of  Mach  mamber.  The 


Values  for  longitudinal  stability 
dihedral  effect  C 


results  indicate  that  the  configuration  is  stable  about  a.l  1 three  axes 
and  at  all  test  Mach  numbers.  Again  at  M = 5 eind  above,  theory  and 
experiment  are  in  good  agreement,  little  variation  with  Mach  nmber  is 
noted,  and  all  measured  values  are  close  to  the  estimated  values  for 
M = 00.  Preliminary  calculations  were  made  for  the  Dutch  roll  oscilla- 
tion using  the  vehicle  weight  and  trajectory  to  be  discussed  subsequently. 
Assuming  zero  rotary  and  cross  derivatives,  it  is  indicated  that  the 
oscillation  is  stable  (although  lightly  damped)  and  has  periods  varying 
from  about  5 seconds  at  a velocity  of  25,000  feet  per  second  to  a mini- 
mum of  1.6  seconds  at  5,500  feet  per  second. 


Control  Characteristics 

High-speed  control  characteristics  are  given  in  figure  4.  Incre- 
mental changes  in  forces  and  moments  with  changes  in  control  deflection 
are  given.  Moments  due  to  aileron  deflection  are  shown  on  the  left  and 
forces  and  moments  due  to  elevator  deflection  are  shown  on  the  right. 

The  control  loads,  in  general,  are  fairly  well  estimated  by  the  Newtonian 
impact  theory.  Thus,  the  effects  of  Mach  number  and  shock-wave— boundary- 
layer  Interaction  are  apparently  negligible.  The  ailerons  produce  yawing 
moments  having  the  same  sign  as  the  rolling  moments.  This  is  desirable 
for  the  proposed  two-control  operation  of  the  vehicle.  Preliminary  cal- 
culations indicate  that  these  controls  should  have  adequate  effective- 
ness when  the  dynamic  press\ire  increases  to  about  7 pounds  per  square 
foot.  As  mentioned  previously,  drag  can  be  increased  by  flaring  all 
controls  simultaneously.  It  is  shown  that  the  upper  controls  deflected 
6o°  and  the  lower  controls  deflected  about  55°  have  lift  and  pitching- 
moment  increments  which  are  approximately  equal  and  of  opposite  sign. 
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With  controls  in  this  position  the  trim  lift  coefficient  remains 
about  the  same;  however,  L/D  is  reduced  from  about  0.5  'to  about  0.^+4 . 
This  reduction  in  L/D  represents  about  10  percent  reduction  in  longi- 
tudinal glide  range  or,  for  the  trajectory  to  be  considered  in  the  fol- 
lowing section,  a variation  of  about  700  miles  in  longitudinal  location 
of  the  landing  point.  The  results  of  this  investigation  indicate  that 
a vehicle  of  this  shape  can  be  made  stable  and  controllable  throughout 
the  reentry  speed  range. 


TRAJECTORY 


In  order  to  calculate  the  trajectory,  a total  reentry  weight  of 
4,000  pounds  and  a body  length  of  6^  feet  were  assumed  for  the  vehicle. 

The  vehicle  was  assumed  to  be  in  a circular  orbit  at  an  altitude  of 
100  statute  miles,  and  it  was  assumed  that  siifficient  reverse  thrust 
was  used  to  bring  the  vehicle  down  to  an  altitude  at  which  aerodynamic 
drag  becomes  significant  (in  this  case,  about  70  miles).  From  this 
altitude  the  vehicle  follows  an  equilibrium  glide  path  calculated  by 
the  method  of  Eggers,  Allen,  and  Neice  (ref.  2). 

The  variations  of  altitude  and  flight  velocity  with  reentry  range 
are  shown  in  figure  5.  The  total  reentry  range  is  about  20,000  miles. 

It  is  apparent  that  the  flight  velocity  remains  close  to  satellite  speed 
over  80  percent  of  the  range  and  that  the  glide  phase  amounts  to  about 
1/5  of  the  total  range.  The  total  time  of  descent  is  76  minutes.  The 
amount  of  reverse  thrust  employed  ^Tj.  = 4^  pounds^  was  fixed  by  the 

requirement  that  the  angle  of  descent  and  velocity  at  the  end  of  reverse 
thrust  match  up  with  the  corresponding  quantities  at  the  beginning  of 
the  equilibritun  glide  trajectory.  Thus,  the  transition  to  the  glide 
phase  is  accomplished  without  introducing  an  oscillatory  or  skipping 
motion. 


HEATING  AND  STRUCTURE 


The  convective  heating  experienced  by  the  vehicle  during  reentry  is 
shown  in  figure  6.  Heating  rate  q at  various  parts  of  the  body  is 
plotted  as  a function  of  reentry  range . The  indicated  heating  rates  are 
for  the  case  of  a cool  wall  immersed  in  continuum  flow  and  include  the 
effects  of  dissociation  calculated  by  the  method  of  Eggers,  Hansen,  and 
Cvinningham  (ref.  5)  • Stagnation-point  heating  rates  calculated  by  this 
method  compare  well  with  measured  values  obtained  by  Rose  and  Stark 
(ref.  4).  Laminar  flow  was  assumed  in  calculating  the  heating  rates 
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since  the  flight  Reynolds  numbers  based  on  maximum  diameter  were  less 
than  10^  throughout  the  critical  heating  range.  It  can  he  seen  that 
the  majority  of  the  heating  occurs  in  the  last  half  of  the  glide  phase, 
with  the  peak  stagnation-region  heating  rate  of  about  71  Btu  per  square 
foot  per  second  bccurring  at  an  altitude  of  about  kO  miles  and  a velocity 
of  25,000  feet  per  second.  Average  heating  rates  at  the  bottom  and  top 
surfaces  are  about  l/k  and  l/20  of  the  stagnation-region  value,  respec- 
tively. The  total  amount  of  heat  convected  to  this  configuration  is  of 
the  order  of  10^  Btu  for  the  entire  period  of  descent.  These  heat  loads 
determine  the  heat-shield  requirements  for  the  configuration.  One  attrac- 
tive heat  shield  may  consist  of  a heat-sink  material  covered  by  an  exter- 
nal layer  of  ceramic  insulation.  The  use  of  insulation  appears  attrac- 
tive inasmuch  as  it  permits  higher  surface  teii5)eratures  with  a resultant 
increase  in  the  portion  of  the  total  heat  that  can  be  radiated  to  the 
atmosphere.  The  weight  of  heat -sink  material  required  is  thereby  reduced. 
The  effectiveness  of  this  approach  in  relation  to  other  possible 
approaches  will  be  discussed  in  a subsequent  paper  by  William  A. 

Brooks,  Jr.,  Roger  A.  Anderson,  and  Robert  T.  Swann. 

For  the  preliminary  study  made,  a conservative  unit  weight  of 
7 pounds  per  square  foot  of  surface  area  was  used.  The  resultant  weight 
breakdown  for  the  vehicle  is  presented  in  figure  7 along  with  a sketch 
of  the  vehicle.  It  can  be  seen  that  the  heat -shield  weight  is  about 
l/4  of  the  total  weight  of  the  vehicle . A possible  arrangement  for  the 
pilot  and  internal  equipment  ajce  shown.  Also  shown  eo’e  the  eierodynamic 
and  reaction  controls  at  the  rear.  In  this  structural  concept,  the 
pilot  and  the  equipment  are  contained  in  a pressuirized  capsule  atv^  the 
external  heat  shield  is  thermally  isolated  from  the  capsule. 


CONCLUDING  REMARKS 


As  a result  of  this  investigation  it  appears  that  a high-lift  high- 
drag  configuration  of  the  type  discussed  has  attractive  possibilities 
for  the  reentry  of  a satellite  vehicle.  Decelerations  are  low  enough 
to  permit  the  pilot  to  perform  useful  functions  during  the  reentry  period. 
The  configuration  appears  to  be  stable  and  controllable  down  to  subsonic 
speeds  and  is  sufficiently  maneuverable  to  allow  a lateral  deviation  of 
about  ±250  miles  and  a longitudinal  variation  of  about  70O  miles  in  the 
choice  of  a landing  point.  Moreover,  it  appears  that  this  type  of  con- 
figuration may  have  an  acceptably  low  structural  weight. 
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Figure  4(b) 


ALTITUDE  AND  VELOCITY  DURING  RE-ENTRY 

W = 4,000  LB  L=  6.67  FT 


Figure  5 


CONVECTIVE  HEATING  DURING  RE-ENTRY 
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PRELIMINARY  STUDIES  OF  MANNED  SATELLITES 


WINGED  CONFIGURATIONS 
By  John  V.  Becker 
Langley  Aeronautical  Laboratory 


PROBLEMS  OF  WINGED  CONFIGURATIONS 


Previous  studies  of  hypersonic  gliders  have  been  concerned  mainly 
with  those  having  a high  lift-drag  ratio  (l/D).  (Symbols  used  herein 
are  defined  in  the  appendix.)  In  figure  1 it  is  seen  that  designs  of 
this  type  have  undesirably  long  glide  ranges  for  a typical  reentry  con- 
dition. (This  type  of  high  L/D  glider  is  shown  in  fig.  2.)  Obviously, 
operation  at  a lower  lift-drag  ratio  would  be  preferable  for  satellite 
reentry  since  long  range  within  the  atmosphere  is  of  little  significance. 
With  this  low  lift-drag-ratio  mode  of  operation,  the  high-convectlve-heat 
load  characteristic  of  the  glider  with  high  lift-drag  ratio  can  also  be 
avoided.  A method  of  achieving  low  lift-drag  ratios,  which  is  particu- 
larly favorable  from  the  heating  viewpoint,  is  to  operate  at  high  angles 
of  attack,  extending  upward  to  maximum  lift.  Because  the  requirements 
for  high  lift-drag  ratio  configurations  (such  as  slender  fuselage  pro- 
portions, small  leading-edge  radius,  and  thin  wings)  are  not  necessary, 
conf igiorations  like  that  shown  in  the  lower  sketch  of  figure  2 can  be 
considered.  A range  of  the  design  lift-drag  ratio  from  about  0.7  near 
maximum  lift  coefficient  to  perhaps  2 at  an  angle  of  attack  of  25°  would 
permit  the  reentry  range  to  be  varied  by  some  10,000  miles.  This  range 
would  provide  a large  margin  for  correcting  errors  made  in  the  initia- 
tion of  the  reentry.  In  a subsequent  paper  by  Hubert  M.  Drake,  Donald 
R.  Bellman,  and  Joseph  A.  Walker,  the  large  lateral  range  capability, 
which  is  also  inherent  in  this  type  of  winged  vehicle,  is  discussed. 

The  deceleration  rates  for  the  maximum-lift-coeff icient  MAx) 

type  of  reentry  are  very  low,  a fraction  of  1 gj  thus,  at  no  part  of  the 
reentry  would  the  pilot's  ability  be  limited  by  high  deceleration  rates 
as  it  would  be  in  the  high-drag  reentry  vehicles. 

Another  mode  of  reentry  for  a winged  vehicle  is  illustrated  in 
figure  1.  The  reentry  is  made  without  lift  (or  with  only  small  lift) 
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until  low  superoonic  opccds  are  reached^  at  which  point  a transition  is 
made  to  the  normal  glide  attitude.  In  addition  to  permitting  a normal 
landing,  the  wing  serves  to  produce  a relatively  low  with  the 

associated  low  heating  rate.  As  has  been  brought  out  in  the  previous 
papers,  the  use  of  low  lift  with  high  drag  will  reduce  the  peak  decel- 
eration rate  to  a more  acceptable  level  than  that  of  the  nonlifting 
reentry.  A brief  review  of  the  problems  and  potentialities  of  these 
low-lift-drag-ratio  modes  of  operation  will  be  presented. 


HEATING  PROBLEMS  CONSIDERED 


The  structure  is  assumed  to  be  of  the  type  in  which  nearly  all  the 
imposed  heat  is  disposed  of  by  radiation  rather  than  by  absorption  into 
the  structure.  (Previous  studies  have  shown  that  the  absorption  type 
of  structure  tends  to  be  excessively  heavy  for  winged  gliders.)  The 
primary  design  factor  for  the  radiation  structure  is  the  peak  heating 
rate,  which  determines  the  peak  or  design  value  of  the  skin  temperature. 

The  extent  to  which  the  use  of  high  lift  can  alleviate  the  heating 
environment  will  be  considered  first.  In  figure  5^  machine -calculated 
trajectories  are  shown  for  the  optimum-lift  case  (^LMAx)^  optimum- 

drag  case  mAx)^  intermediate  case  for  high  drag  and  low  lift. 

Of  interest  is  the  condition  for  peak  heating  which  occurs  in  all  cases  , 

near  V = 22,000  ft/sec.  Since  the  velocity  is  essentially  fixed,  the 
peak  stagnation  heating  rate  depends  mainly  on  the  atmospheric  density 
and  radius  of  the  body  nose.  For  the  present,  only  the  density  or  envi- 

l/2  .nn  X. 

ronmental  factor  is  considered;  that  is,  the  parameter  will  be 

investigated  as  a function  of  the  factors  W/S,  Cp,  and  Cp  which  con- 

l/o 

trol  the  trajectory.  The  corresponding  parameter  ^ 

lower  surface  of  the  wing,  will  also  be  evaluated  for  comparison  pur- 
poses. Figure  4 presents  these  heating  parameters  plotted  against  wing 
loading  (or  disk  loading  for  the  bodies).  These  parameters  increase  as 

(w/s)^/2^  Comparison  of  the  two  upper  curves  for  the  spherical  nose 
shape  indicates  the  extent  to  which  the  use  of  ^l,MAX  alleviated 

the  heating  problem;  the  optimum-lift  case  has  about  one-half  of  the 
heating  parameter  of  the  optimum-high-drag  case,  a result  which  agrees 
with  that  obtained  by  Dean  R.  Chapman.  The  flat-faced  shapes,  such  as 
the  airplane  at  a = 90^^  have  the  benefit  of  a more  favorable  nose 
shape  which  reduces  their  stagnation-heating  parameter  to  about  the 
same  level  as  that  of  the  spherical  nose  in  the  lifting  case.  The  ^ 

surface -heating  parameter  is  considerably  lower  than  the  stagnation- 
heating parameter  because  of  the  lower  pressiores  on  the  surface. 
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These  comparisons  (illustrated  in  fig.  4)  show  the  beneficial 
effect  of  lift  on  the  heating  environment.  An  additional  favorable  nose 
shape  factor  effect  is  present  in  the  lifting  case.  That  is^  a spherical 
nose  faired  into  a flat  wing  surface  at  a high  angle  of  attack  will  have 
a lower  stagnation  heating  rate  than  the  isolated  spherical  nose  shape 
operating  at  the  same  altitude.  This  shape  effect  will  reduce  the 
heating-rate  parameter  to  a level  below  that  of  the  lifting  case  of 
figure  4 which  includes  only  the  environmental  effect.  This  shape  fac- 
tor is  not  known  accurately  for  the  angle -of -attack  range  and  for  the 
wing  plan  forms  of  greatest  interest  in  this  problem. 

The  leading  edge  is  of  greater  practical  importance  than  the  nose 
of  the  configuration  because  of  its  much  larger  area.  The  basic  heating 
rate  for  the  leading  edge  will  be  less  than  that  of  the  nose  by  a fac- 
tor of  about  0.7  in  transforming  to  quasi  two-dimensional  flow.  Some 
further  beneficial  effect  can  be  achieved  by  sweep.  Obviously,  how- 
ever, the  effective  sweep  angle  at  high  angles  of  attack  is  less 

than  the  plan-fom  geometric  sweep  angle  Aq  according  to  the  rela- 
tion sin  Apjrp  z=  sin  Aq  cos  a.  An  estimate  of  the  leading-edge  maxiimim- 
heating-rate  parameter  in  which  all  the  above  modifying  effects  were 
included  indicates  values  of  about  the  same  level  as  the  surface  heating- 
rate  parameter  of  figxore  4.  Further  heat-transfer  research  on  wings 
with  blunt  swept  leading  edges  at  high  angles  of  attack  and  high  Mach 
number  is  needed. 

In  figure  5 the  peak  heating  rate  is  calculated  from  the  parameters 
of  figure  4 for  typical  dimensions  of  lifting  and  nonlifting  vehicles. 

Tlie  long -dashed  line  (fig.  5)  applies  to  the  surface  at  a distance  of 
0.5  foot  from  the  leading  edge  of  an  assumed  sharp-edged  wing.  A leading- 
edge  radius  of  the  order  of  0*5  foot  is  estimated  to  produce  about  the 
same  heating  rate  as  the  surface  at  x = 0.5  foot,  (in  practice  a 
somewhat  smaller  radius  should  be  possible  if  internal  radiation  from 
the  leading  edge  to  the  upper  surface  of  the  wing  occurs.  Heat  conduc- 
tion through  the  structure  will  also  tend  to  reduce  the  skin  tempera- 
ture at  the  stagnation  point.)  It  is  interesting  to  note  that  the 
average  rate  for  the  lower  surface  of  the  wing  in  the  high-drag  zero- 
lift  reentry  is  slightly  lower  than  the  lower  surface  lifting  case . 

Thus,  the  same  basic  wing  structure  would  be  adequate  for  either  type 
of  reentry.  The  horizontal  short-dashed  line  (fig.  5)  represents  the 
rate  at  which  heat  can  be  radiated  from  a blackened  surface  at 
2,000^  F.  This  rate  represents  a nominal  upper  limit  for  pertinent 
metallic  structures.  Evidently,  wing  loadings  of  50  pounds  per  square 
foot  or  less  are  required  for  radiation  structiores  for  this  applica- 
tion. When  the  winged  vehicle  is  compared  with  a capsule  of  2.5-Toot 
radius^  it  is  clear  that  the  capsule  will  generally  require  the  heat- 
sink approach,  since  the  disk  loading  will  usually  be  50  pounds  per 


square  foot  or  higher.  An  exception  to  this  requirement  can  he  achieved 
by  use  of  a parachute  or  similar  drag  device  capable  of  reducing  the 
capsule  disk  loading  to  10  pounds  per  square  foot  or  less,  (it  should 
be  noted  that  the  drag  capsule  has  a comparatively  low  total  heat  load 
as  has  been  pointed  out  in  the  previous  papers.  Thus,  it  is  not  depend- 
ent on  the  use  of  a radiation  structure  for  low  weight  to  the  same  extent 
as  the  lifting  case . ) 

An  in5>ortant  heating  problem  for  winged  vehicles  arises  during  the 
initial  dip  into  the  atmosphere  and  the  subsequent  pull-up  to  the  desired 
glide  path.  Reentry  will  occur  at  an  angle  ranging  upward  to  perhaps 
as  high  as  -3°,  depending  on  the  shape  of  the  orbit,  the  retrograde 
action  utilized,  and  the  type  of  vehicle.  The  typical  path  shown  in  fig- 
ure 6 is  for  a 7 = -1°  reentry  at  0-^  = 1 that  is  followed  by  the 
indicated  pushover  into  either  glide  path.  A peak  in  the  skin  ten5)era- 
ture  will  occur  at  the  bottom  of  the  dip  (see  fig.  6)j  this  peak  temper- 
atiire  cannot  be  allowed  to  exceed  the  peak  design  tengjerature  that  is 
reached  later  in  the  glide  at  V «=  22,000  ft/sec.  By  using  machine 
calculated  trajectories  for  the  atmosphere  (ARDC  model  1956),  T-|_  has 

been  evaluated  for  the  range  of  reentry  angles  shown  in  figure  7«  Evi- 
dently, angles  as  high  as  -1°  are  feasible  for  a design  ten^erature  of 
2,000°  F.  Thus,  the  radiation  structure,  contrary  to  what  is  sometimes 
believed,  is  not  restricted  to  the  gradually  decaying  orbit  type  of 
approach  to  the  glide  path.  The  results  of  figure  7 can  be  extended  to 

other  wing  loadings  or  values  from  the  relation  T 


EXPERIMENTAL  LIFT  RESULTS 


Exploratory  experiments  at  M = 7 and  10  for  several  winged  con- 
figurations at  high  angles  of  attack  have  recently  been  conpileted.  The 
static  stability,  control,  and  trim  results  are  discussed  in  a subsequent 
paper  by  Robert  W.  Rainey.  Additional  data  for  both  lifting  and  non- 
lifting configurations  are  included  in  a subsequent  paper  by  Jim  A. 
Penland  and  William  D.  Armstrong.  These  papers  conclude  that  statically 
stable  trimmed  configurations  for  high  angle-of -attack  operation  can  be 
achieved.  However,  additional  data  are  required  at  angles  of  attack 
above  30°  (the  limit  of  most  of  the  tests  to  date)  and  at  higher  Mach 
nijmbers . 

One  of  the  objects  of  this  experimental  program  was  to  determine 
the  maximum  lift  capability  of  these  vehicles,  since  this  factor  is 
important  in  the  heating  problem.  Figure  8 s\jmmarizes  the  available 
experimental  data  at  M = 6.9  for  delta  wings  of  various  plan  form  and 
cross  section.  The  lift  is  referenced  to  the  theoretical  two-dimensional 
value  for  a flat  plate  and  is  plotted  against  angle  of  attack.  An 
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• extrapolation  from  30°,  the  limit  of  the  tests,  to  45°  is  involved  as 
is  shown  by  the  long-dashed  lines.  Examine  first  the  sharp-edged  wings 
of  increasing  sweep  and  note  that  in  all  cases  the  flow  is  detached 
from  the  leading  edge  at  the  high  angles  of  attack  and  significant 

• losses  in  lift  occur  as  the  sweep  is  increased.  A thick  wing  with  a 
sweep  of  70°  and  a large  leading-edge  radius  (indicated  by  short-dashed 
lines),  which  is  representative  of  an  all-wing  satellite  vehicle,  is 
compared  here  with  the  sharp  thin  wing.  A loss  in  lift  of  about  10  per- 
cent is  noted  for  the  thick  wing.  A wing-body  combination,  which  had  a 
large  leading-edge  radius  and  blunt  fuselage  (configuration  5-B  in  the 
subsequent  paper  by  Jim  A.  Penland  and  William  D.  Armstrong),  is  com- 
pared with  the  75°  sharp  wing,  and  a loss  of  some  5 percent  is  noted. 
These  results  can  be  interpreted  to  indicate  that  a configuration  with 

a 70°  swept  wing  and  a large  leading-edge  radius  would  have  a lift 
coefficient  Cj^  of  about  0.8,  the  value  assiomed  in  the  previous  heating 
evaluations . 

In  the  extrapolation  of  these  results  to  the  much  higher  speed  (but 
still  continuum  flow)  regime  where  heating  is  critical,  no  large  dete- 
rioration of  the  lift  from  the  values  indicated  in  figure  8 are  antici- 
pated. For  example,  the  Newtonian  maximiim  lift  is  0-77,  and  the  shock- 
expansion  value  at  shock  detachment  is  of  the  order  of  1.0  at  M « 22. 


CONFIGURATIONS  CONSIDERED 


Consider  first  a possible  configuration  for  the  high-drag  type  of 
reentry  winged  vehicle.  The  aerodynamic  and  structural  supporting 
studies  of  this  type  of  vehicle  are  in  a less  advanced  state  than  those 
for  the  hypersonic  glider  but,  nevertheless,  a few  generalizations  can 
be  made.  A significant  feature  of  the  high-drag  reentry  vehicle  is  that 
the  wing  plan  form  is  not  subject  to  any  obvious  restrictions.  Further- 
more, since  all  components  are  completely  shielded  by  the  wing  during 
reentry,  they  can  be  shaped  to  produce  an  optimum  configuration  for  low- 
speed  approach  and  landing.  (The  boost  phase  would  probably  present 
the  most  serious  structural  problem  for  these  components  which  are 
s^i®lded  during  reentry  and  might  in5)ose  some  additional  shape  restric- 
tions that  are  not  considered  here.)  A design  which  capitalizes  on  the 
potentialities  of  the  drag-type  reentry  is  shown  in  figirre  9.  The  cir- 
cular section  on  the  lower  surface  of  the  wing  is  intended  to  promote 
static  stability  in  the  reentry  attitude.  The  wing  tips  fold  outward 
to  effect  the  transition  to  normal  gliding  flight  and  to  provide  static 
stability  at  subsonic  speeds.  A lift-drag  ratio  of  the  order  of  10,  a 
turning  radius  of  less  than  1,000  feet,  and  a landing  speed  as  low  as 
75  knots  should  be  possible  with  this  type  of  configuration. 
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A minimum  winged  vehicle  capable  of  reentry  from  orbit  is  repre- 
sented in  figure  10.  This  design  is  intended  primarily  for  the  high- 
lift  hypersonic -glide  type  of  reentry,  but  it  would  also  be  capable 
structurally  of  the  high-drag  reentry.  The  leading  edge  and  the  lower 
surface  are  designed  to  radiate  all  the  imposed  heat  load  with  a maxi- 
mum design  temperature  of  2,000°  F.  A discussion  of  the  structural 
concepts  applicable  to  this  type  of  vehicle  is  given  in  a subsequent 
paper  by  William  A.  Brooks,  Jr.,  Roger  A.  Anderson,  and  Robert  T.  Swann. 
The  fuselage  is  a pressure  capsule  essentially  independent  of  the  wing 
structure.  Some  upward  tilt  of  the  nose  of  the  wing  is  required  for 
trim  at  high  angles  of  attack.  The  flaps  extend  rearward  for  low-speed 
stability.  With  an  estimated  low-speed  lift-drag  ratio  of  about  4,  this 
vehicle  could  be  landed  \inder  favorable  conditions  but,  obviously,  it 
would  be  less  satisfactory  in  this  respect  than  the  previous  design. 
Aerodynamic ally,  the  design  might  be  improved  by  using  less  sweep, 
extending  the  flaps  outward  Instead  of  rearward,  and  by  using  a smaller 
leading -edge  radius . The  use  of  a smaller  leading-edge  radius  would , 
of  coiiTse,  require  substitution  of  a material  that  would  withstand 
higher  ten^eratures  or  the  use  of  a coolant  in  the  leading  edge.  The 
use  of  a small  jet  engine  would  greatly  simplify  the  landing  operation. 

The  weight  estimate  for  this  minimum  manned  winged  satellite  vehi- 
cle is  noted.  A payload  of  1,400  pounds  is  assumed  (a  payload  that  is 
200  pounds  more  than  that  considered  necessary  in  the  drag  capsule  vehi- 
cle discussed  by  Maxime  A.  Faget) . The  structural  and  systems  weights 
are  estimated  to  be  1,660  pounds  on  the  basis  of  the  analysis  of  William 
A.  Brooks,  Jr.,  Roger  A.  Anderson,  and  Robert  T.  Swann  for  their  impro- 
tected  thick-wing  case.  The  gross  weight  of  5,060  pounds  is  only  about 
1,000  pounds  higher  than  that  of  the  minimum  drag  vehicle.  Thus,  it  may 
be  concluded  that  the  minimum  winged  satellite  ^vehicle  is  not  prohib- 
itively heavier  than  the  drag  type.  The  weight  is  sufficiently  low  to 
permit  launching  by  booster  systems  similar  to  that  for  the  drag  vehicle 
described  in  a previous  paper  by  Maxime  A.  Faget,  Benjamine  J.  Garland, 
and  James  J.  Buglia. 


APPENDIX 


SYMBOLS 


fiinctions 

tangential  acceleration 
a angle  of  attack 

V velocity 

L lift 

D drag 

W weight 

S surface  area 

lift  coefficient 
Cj)  drag  coefficient 

q.  convective  heat-transfer  rate 

p density 

X distance 

r radius 

T temperature 

7 reentry  angle 

A sweep  angle 

A cross-sectional  area 

M Mach  number 

€ emissivity 

Subscripts: 


0 


zero  angle  of  attack 
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1 

initial 

SAT 

satellite 

MAX 

maximum 

EFF 

effective 

DESIGN 

design 

RE-ENTRY  RANGE  AND  PEAK  DECELERATIONS 
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Figure  1 


GLIDER  CONFIGURATION 


Figure  2 
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COMPARISON  OF  CONDITIONS  FOR  PEAK  HEATING  RATE 
W/S  » 20  LB/SQ  FT 
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Figure  5 


MAXIMUM-HEAT -RATE  PARAMETERS 


Figvire  4 


COMPARISON  OF  MAXIMUM  HEAT  RATES 
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TRANSITION  FROM  REENTRY  TO  GLIDE  PATHS 
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MAXIMUM  TEMPERATURE  IN  RE  ENTRY  PULL-UP 
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Figure  7 


lift  capability  of  delta -wing  configurations 
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Figure  8 


HIGH-DRAG  RE-ENTRY  CONFIGURATION 


Figure  9 


HIGH-LIFT-GLIDE  RE-ENTRY  CONFIGURATION 


Figure  10 


PRELIMINARY  AERODYNAMIC  DATA  PERTINENT  TO  MANNED 


SATELLITE  REENTRY  CONFIGURATIONS 
Ry  Jim  A.  Penland  and  William  0.  Armstrong 
Langley  Aeronautical  Laboratory 


SUMMARY 


Seme  recent  experimental  data,  together  with  calculations  made  by 
the  modified  Newtonian  and  shock-expansion  theories,  are  presented  for 
a variety  of  eierodynamic  shapes  considered  for  use  as  manned  reentry 
vehicles.  These  vehicles  were  grouped  in  three  basic  categories:  non- 

lifting bodies,  lifting  bodies,  and  airplane-like  vehicles.  The  results 
Indicate  that  from  aerodynamic  considerations,  all  of  these  configuration 
types  are  suitable  for  consideration  as  manned  reentry  vehicles. 


INTRODUCTION 


The  aerodynamic  characteristics  of  satellite  reentry  vehicles  at 
hypersonic  speeds  are  essential  for  adequate  prediction  of  their  reentry 
characteristics.  The  purpose  of  the  present  paper  is  to  present  some 
basic  data  of  this  type  obtained  in  the  Leingley  11- inch  hypersonic  tun- 
nel at  M = 6.9  in  air.  The  data  concern  three  types  of  configurations: 

(1)  Axisymmetrical  nonlifting  bodies  that  would  follow  purely 
ballistic  reentry  paths. 

(2)  Bodies  equipped  with  flaps  capable  of  being  trimmed  to  produce 
finite  lift.  These  are  referred  to  as  lifting  bodies. 

(5)  Highly  swept  airplane-like  conf ig\u:ations. 

Comparisons  of  the  experimental  results  with  theoretical  predictions  are 
incliaded. 


S^lfMBOLS 


frontal  area 

mean  aerodynamic  chord 

drag  coefficient,  based  on  wing  area  or  maximum  body  cross 
section 

drag  coefficient  at  zero  angle  of  attack 

lift  coefficient,  based  on  wing  area  or  maximum  body  cross 
section 

lift  coefficient  at  = 0 

pitching-moment  coefficient,  based  on  mean  aerodynamic 
chord  or  body  length 

pressure  coefficient 

maximum  pressure  coefficient 

diameter 

elevator  incidence  angle 
nose  incidence  angle 

body  length 
lift-drag  ratio 
lift-drag  ratio  at  Cm  = 

Mach  number 

Reynolds  number  based  on  mean  aerodynamic  chord  or  maximimi 
body  diameter 

radixis 


unshielded  area  of  flaps 
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Sref 

W 


cp 


a 

6 

e 


reference  area 
weight 

center  of  pressvire,  percent  body  length 

angle  of  attack 
flow-deflection  angle 
cone  semiapex  angle 


COlW’IGURATIONS 


Sketches  of  the  test  configurations  are  shown  in  figvire  1.  The 
configurations  include  seven  nonlifting  bodies,  two  lifting  bodies,  and 
two  airplane-like  configurations. 


RESULTS  AND  DISCUSSION 


Nonlifting  Bodies 

For  nonlifting  reentry  vehicles,  the  aerodynamic  characteristic  of 
main  interest  is  the  drag  coefficient,  since  W/Cj^A  is  the  predominant 
variable  in  determining  range  and  heating.  Figure  2 compares  the  meas- 
ured drag  at  M = 6.9  of  a series  of  cones  and  cone-cylinders  of  various 
apex  angles  at  zero  angle  of  attack  with  predictions  made  by  shock- 
expansion  theory  and  by  modified  Newtonian  theory;  that  is,  the  local 

P 

pressure  coefficient  is  given  by  Cp  = sin  6 where  6 is  the 

flow-deflection  angle  (refs.  1 and  2),  CalcilLations  by  shock-expansion 
and  modified  Newtonian  theory  were  made  for  only  the  cones,  with  no 
allowance  for  skin  friction.  Additional  experimental  data  are  given  in 
reference  5 f*or  cones  and  cone -cylinders  in  which  the  afterbodies  were 
k diameters  long. 


Figxrre  2 shows  good  agreement  between  the  predictions  by  shock- 
expansion  theory  and  experimental  data  up  to  a semiapex  angle  near  shock 
detachment  (56.7^  for  M = 6.9)*  Modified  Newtonian  theory  shows  rather 
poorer  agreement  with  experiment  and  tends  to  underpredict  drag  for  the 
less  blunt  cone  shapes  and  to  ovearpredict  drag  for  the  more  blunt  shapes. 
It  may  also  be  seen  from  this  figure  that  the  increase  in  experimental 

with  increasing  apex  angle  beyond  shock  detachment  is  relatively 


{%) 


ot=0 


62 


small.  This  variation  in 

detachment,  with  the  value  for  a circular  disk  normal  to  the  stream 
(0  = 90°)  falling  between  the  values  calculated  by  assuming  stagnation 
pressure  and  static  pressure  behind  the  normal  shock. 

The  drag  coefficients  and  center-of -pressure  location  for  a repre- 
sentative group  of  nonlifting  reentry  shapes  over  a wide  Mach  number 
range  are  shown  in  figure  5.  All  data  shown  in  this  figure  other  than 
that  at  M = 6.9  were  obtained  from  references  4 to  8.  The  drag  coef- 
ficient (lower  half  of  figure)  predicted  by  modified  Newtonian  theory 
remains  relatively  constant  with  Mach  number  above  a Mach  nmber  of 
about  4.  This  prediction  is  fairly  well  verified  by  experimental  data 
taken  on  the  cylinder  and  sphere,  which  were  tested  up  to  Mach  nmbers 
of  about  7 and  10,  respectively.  The  meastired  data  Indicate  that  there 
is  little  change  in  drag  with  Mach  nmber  in  the  hypersonic  speed  range 
from  7 to  10  and  it  appears  reasonable  to  assume  that  in  continum  flow 
these  data  are  representative  of  the  entire  hypersonic  speed  range. 

The  upper  half  of  figure  3 shows  that  modified  Newtonian  theory 
fairly  accurately  predicts  the  center- of- pres sure  location  for  those 
bodies  shown.  It  appears  that  these  bodies  can  be  made  statically  stable 
in  the  hypersonic  speed  range  with  practical  center-of -gravity  locations. 


] follows  a linear  path  beyond  shock 


Lifting  Bodies 

The  second  group  considered  in  this  paper  consists  of  high-drag 
configurations  which  can  utilize  some  lift  to  decrease  reentry  decelera- 
tions and  provide  limited  range  control. 

The  accuracy  with  which  predictions  may  be  made  on  simple  bodies 
over  a wide  angle-of-attack  range  is  of  fundamental  interest  when  con- 
sideration is  given  the  aerodynamics  of  high-drag  lifting  configurations. 
Figure  4 compares  the  experimental  drag  coefficient  of  a series  of  cones 
of  various  apex  angles  at  M = 6.9  and  at  angles  of  attack  up  to  150° 
with  calculations  made  by  the  modified  Newtonian  theory.  It  is  seen 
that  the  modified  Newtonian  theoiy  gives  an  excellent  representation  of  ^ 
the  trends  of  the  drag  coefficient  for  cones  with  angles  of  attack  from  0 
to  150°. 

Figure  5 shows  the  details  of  configuration  2-A,  a drag-type  reentry 
vehicle  with  flaps  for  trimming  the  vehicle  at  some  positive  angle  of 
attack,  to  obtain  lift  for  trajectory-path  control.  This  configuration 
consists  of  a frustm  of  a 15°  half -angle  cone  with  a spherical  nose. 

The  untrimmed  experimental  and  modified  Newtonian  longitudinal  char- 
acteristics of  this  configuration  are  shown  in  figure  6.  The  configuration 


is  statically  stable  about  a moment  reference  center  at  50  percent  of 
the  body  length.  Theory  and  experiment  are  in  excellent  agreement  for 
pitching  moment.  The  lift-cxrrve  slope  is  positive  and  the  lift  coef- 
ficient is  also  predicted  fairly  well  by  theory  through  the  angle-of- 
attack  range.  The  predictions  of  Cj)  and  l/D  are  much  less  accurate 

than  are  the  predictions  of  Cl  and  Cm,  as  is  to  be  expected,  since 
theory  mderpredicts  drag  for  this  configuration. 

The  experimental  trim  characteristics  of  this  configuration  at 
M = 6.9  are  shown  in  figure  7.  The  flaps  used  for  trim  have  an  effec- 
tive area  equal  to  8.8i<-  percent  of  the  body  base  area.  The  configura- 
tion is  statically  stable  for  all  conditions  of  the  tests.  With  flap 
deflections  of  -20°  and  the  vehicle  was  trimmed  at  angles  of 

attack  of  4°  and  10°,  respectively.  There  is  a noticeable  reduction  in 
L/D  due  to  Increasing  trim  drag  with  increasing  trim  effectiveness. 

Figure  8 is  a detailed  sketch  of  configuration  2-B,  which  repre- 
sents a more  bl\int  reentry  vehicle.  This  model  consists  of  a reverse 
frustum  of  a 15°  half-angle  cone  with  spherical  bases.  The  vehicle  is 
trimmed  with  a drag-type  flap,  located  on  the  circumferential  edge  of 
the  front  svarface,  which  has  an  area  l^•.5  percent  of  the  base  reference 
area.  Figure  9 presents  the  untrimmed  (flap  removed)  longitudinal  sta- 
bility characteristics  of  this  reentry  vehicle  through  an  angle -of -attack 
range  from  0°  to  90°.  This  figure  gives  an  indication  of  the  general 
aerodynamic  characteristics  of  a very  blunt  reentry  body  over  a wide 
angle -of -attack  range  and  compares  the  results  of  experimental  data  with 
that  obtained  by  modified  Newtonian  theory. 

The  trends  of  Cj^,  Cp,  and  l/D  are  predicted  reasonably  well  by 

the  modified  Newtonian  theory;  however,  pitching-moment  coefficient  is 
not  very  accurately  predicted.  It  can  be  seen  from  the  pitching-moment 
data  that  this  body  is  statically  stable  up  to  an  angle  of  attack  of  45°. 
The  lift-curve  slope  for  this  vehicle  is  negative  and  mRylTmim  l/D  is 
about  0.5  at  an  angle  of  attack  of  -^t0°.  Configuration  2-B  has  approxi- 
mately the  same  volume  as  configuration  2-A  (shown  in  fig.  5),  but  as 
a result  of  the  increase  in  body  bluntness,  configuration  2-B  bns  approx- 
imately three  times  the  drag  of  configuration  2-A. 

The  experimental  trim  characteristics  of  model  2-B  with  the  flaps 
on  are  shown  in  figure  10.  The  pitching  moment  and  lift- drag  ratio  are 
presented  for  various  flap  angles  through  an  angle-of -attack  range 
from  0°  to  45°.  This  vehicle  is  statically  stable  throughout  the  range 
of  angles  of  attack  of  the  tests  and  was  trimmed  at  angles  of  attack  up 
to  23°  with  flap  deflections  up  to  l40°.  The  moment  reference  for  these 
tests  was  29  percent  of  the  body  length  from  the  nose.  The  lift-drag 
ratio  for  this  vehicle  is  negative  for  positive  angles  of  attack,  and 
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shows  little  change  due  to  trim.  Because  of  the  negative  lift-curve  « 

slope,  this  conf ig\jration  would  have  to  be  flown  at  negative  angles  of 
attack  to  generate  positive  lift. 


Airplane-Like  Configurations 

The  final  category  of  manned  reentry  vehicles  considered  in  this 
investigation  is  the  airplane-like  configuration,  or  glider,  utilizing 
both  high  lift  and  high  drag  to  control  reentry  decelerations.  This 
vehicle  can  be  operated  at  a higher  L/D  than  the  other  two  basic 
reentry  categories  discussed.  This  higher  l/d  permits  the  glider  to 
exercise  greater  control  over  range  and  position,  and  therefore  more 
latitude  is  allowed  in  landing-site  selection  and  touchdown.  Figure  11 
shows  the  all-wing  configuration  5-A.  This  delta-plan-form  configura- 
tion is  trimmed  longitudinally  by  a combination  of  nose  and  flap  deflec- 
tions. As  indicated  in  this  figure  the  nose  can  be  deflected  upward  to 
an  angle  of  20°  and  the  flaps  can  be  deflected  from  20°  to  -20°.  Direc- 
tional control  can  be  maintained  by  lateral  deflection  of  leading-edge 
side  plates  located  at  the  rear  of  the  model. 

Figure  12  presents  the  untrimmed  longitudinal- stability  character- 
istics of  this  vehicle  at  a Mach  number  of  6.9*  The  experimental  values 
of  Cjn,  Cl^  Cd,  and  L/D  are  compared  with  values  obtained  by  shock- 
expansion  theory  over  the  angle -of -attack  range.  The  two-dimensional 
theory  used  here  would  be  expected  to  overestimate  the  lift  and  drag 
at  high  angles  of  attack  because  of  leading-edge-f low-detachment  effects. 
However,  the  theory  does  predict  fairly  acciurately  the  pitching-moment 
coefficient  thro\ighout  the  range  of  angles  of  attack.  This  configuration 
is  statically  stable  with  the  center  of  gravity  located  at  42  percent 
mean  aerodynamic  chord  and  has  a maximum  untrimmed  L/D  of  about  2. 

The  trim  capabilities  of  configuration  5-A  are  presented  in  fig- 
ure 13  for  various  nose  and  flap  deflections.  Plotted  in  this  figure 

are  / Ct\  , and  flap  incidence  for  trim  against  angle  of 

V ^/TRIM  \ /TKIM^ 

attack  for  nose  settings  of  0°,  10°,  and  20°.  The  data  cover  a trim 
angle -of -attack  range  up  to  30°.  If  the  experimental  data  are  extrapo- 
lated, it  appears  that  with  various  combinations  of  nose  and  flap 
settings  this  vehicle  can  probably  be  trimmed  at  angles  of  attack 
approaching  50°.  Maximum  about  1.7  at  a = 10°  and 

decreases  to  values  less  than  1.0  at  the  higher  angles  of  attack. 

Figure  l4  shows  details  of  configuration  3-B,  which  consists  of  a 
flat  delta-wing  model  with  a spherical  nose,  a large  xmiform  leading- 
edge  radius,  and  a cone-shaped  body  mounted  on  the  upper  surface. 
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The  untrimmed  longitudinal  characteristics  of  this  configuration 
at  M = 6.9  are  shown  in  figure  15.  This  model  appears  to  have  a region 
of  low  static  stability  at  small  angles  of  attack  but  shows  Increasing 
stability  with  increasing  angle  of  attack.  The  maximum  l/D  is 
about  2.9  and  occiors  at  an  angle  of  attack  of  10°. 


CONCLUDING  EEMARKS 


Results  are  presented  of  an  aerodynamic  investigation  at  Mach  num- 
ber 6.9  of  several  configurations  of  interest  for  satellite  reentry 
in  the  nonlifting-body,  lifting -body,  and  winged  categories.  Prelimi- 
nary analysis  of  these  data  indicates  that  trimmed,  statically-stable 
arrangements  are  attainable  for  practical  designs  in  each  category. 


« 


1^ 


4 


REFERENCES 


1,  Grinirriinger^  Williams,  E.  P,,  and  Young,  G.  B*  W.:  Lift  on 

Inclined  Bodies  of  Revolution  in  Hypersonic  Flow.  Jour,  Aero. 

Sci.,  vol.  17,  no.  11,  Nov.  1950,  pp.  675-69O. 

2.  Penland,  J.  A.:  Aerodynamic  Characteristics  of  a Circular  Cylinder 

at  Mach  Number  6.86  and  Angles  of  Attack  up  to  90*^.  NACA  TN  386I, 

1957*  (Supersedes  NACA  RM  L5^Al4. ) 

5.  Cooper,  Ralph  D.,  and  Robinson,  Raymond  A.:  An  Investigation  of  the 

Aerodynamic  Characteristics  of  a Series  of  Cone-Cylinder  Configura- 
tions at  a Mach  Number  of  6.86.  NACA  RM  L5U09,  1951. 

4.  Potter,  J.  Leith,  Murphree,  William  D.,  and  Shapiro,  Norman,  M.:  Nor- 

mal Force  and  Center  of  Pressure  on  Right  Circular  Cylinders.  Joxir. 

Aero.  Sci.  (Readers'  Forum),  vol.  22,  no.  5,  Mar.  1955>  PP*  214-215. 

5.  Long,  J.  E.:  Supersonic  Drag  Coefficients  of  Circular  Cylinders  up 

to  Mach  Number  8.  NAVORD  Rep.  4j82,  U.  S.  Naval  Ord.  Lab.  (White 
Oak,  Md.),  Oct.  26,  1956. 

6.  Charters,  A.  C.,  and  Thomas  R.  N.:  The  Aerodynamic  Performance  of 

Rnml 1 Spheres  From  Subsonic  to  High  Supersonic  Velocities.  Jour.  , 

Aero.  Sci.,  vol.  12,  no.  4,  Oct.  1945,  PP-  468-476. 

7.  Hodges,  A.  J.:  The  Drag  Coefficient  of  Very  High  Velocity  Spheres. 

Jour.  Aero.  Sci.,  vol.  24,  no.  10,  Oct.  1957,  PP-  755-758-  . 

8.  Selff,  Alvin,  Sommer,  Simon  C.,  and  Canning,  Thomas  N.:  Some  Exper- 

iments at  High  Supersonic  Speeds  on  the  Aerodynamic  and  Boundary- 
Layer  Transition  Characteristics  of  High-Drag  Bodies  of  Revolution. 

NACA  RM  A56IO5,  1956. 


CONFIGURATIONS  TESTED 


NONLIFTING  BODIES 

LIFTING  BODIES 

AIRPLANE-UKE  BODIES 

<^,-A 

p? 

1 1 1-8 

O i-c 

10^  Q i-D 

O- 

30* 

^ — 1 l-G 

2-A 

2-B 

PLAN  FORM 
SIDE  VIEW 

3-A 

PLAN  FORM 

SIDE  VIEW 

3-B 

Figure  1 


VARIATION  OF  CONE  DRAG  WITH  SEMIAPEX  ANGLE 

Ms 6.9;  as  0“ 

l.8r 

Cq  from  STAGNATION-s^ 

PRESSURE  BEHIND 
NORMAL  SHOCK  Q 


1.6 


1.2 


(Co) 


a = 0* 


SHOCK  ^ 

DETACHMENT-  09/  FROM  STATIC 

z'"  PRESSURE  BEHIND 
^ NORMAL  SHOCK 


O CONE  CYLINDER 
□ CONE 

SHOCK  EXPANSION 

MODIFIED  NEWTONIAN 


15  30  45  60  75 

SEMIAPEX  ANGLE,  6,  DEG 


90 


Figure  2 


EFFECT  OF  MACH  NUMBER  ON  DRAG  AND  CENTER  OF  PRESSURE 
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STRUCTURAL  DESIGN  CONSIDERATIONS  FOR  BOOST-GLIDE 

AND  ORBITAL  REENTRY  VEHICLES 

By  William  A.  Brooks,  Jr.,  Roger  A.  Anderson, 
and  Robert  T.  Swann 

Langley  Aeronautical  Laboratory 


INTRODUCTION 


The  preceding  papers  have  discussed  the  aerodynamics  and  heating 
of  several  vehicles  designed  for  atmospheric  reentry  from  satellite 
orbits.  Because  of  large  heating  inputs,  some  fundamental  questions 
about  the  structvire  of  these  vehicles  are  also  raised.  Although  there 
are  many  factors  which  influence  structural  design,  only  a brief  exam- 
ination of  the  relationship  between  heating  input  and  structural  weight 
is  discussed  here.  For  this  purpose  the  heating  inputs  associated  with 
the  four  vehicles  shown  in  figure  1 are  employed. 


SYMBOLS 


Be  beryllium 

bending  moment  per  inch  (intensity) 

q heating  rate 

Tg  equilibrium  temperature 

e emissivity 

Subscript: 


MAX 


maximum 


DISCUSSION 


The  first  vehicle  shown  in  figure  1 (vehicle  A)  is  a high-drag 
zero-lift  reentry  bodyj  the  second  (vehicle  B)  is  a reentry  body  which 
develops  a small  amount  of  liftj  the  third  (vehicle  C)  is  a reentry 
glider  which  utilizes  a large  amount  of  lift;  and  the  fourth  (vehicle  D) 
is  a boost  glider  with  a high  lift-drag  ratio.  The  heating  histories 
for  1 three  of  the  reentry  vehicles  were  calculated  for  a small 
entrance  angle  to  the  earth's  atmosphere.  The  heating  for  the  boost 
glider  is  associated  with  a boost  to  18,000  feet  per  second  at  an  alti- 
tude of  180,000  feet  and  a glide  to  earth  over  a 5,000-mile  range. 
Indivld\ial  histories  show  significant  differences  in  time  duration  of 
heating  and  in  maximum  heating  rate  as  well  as  in  total  heat  input 
which  is  given  by  the  area  under  each  curve. 

The  vehicles  which  develop  the  highest  lift-drag  ratios,  vehicles  C 
and  D,  have  the  longest  duration  of  heating  and  the  highest  total  heat 

input.  Total  heat  input  varies  from  about  6,000  Btu/ft  in  the  case  of 

p 

the  zero-lift  body  to  over  20,000  Btu/ft  for  the  boost  glider.  It 
should  be  noted  that  the  heating  history  for  the  ballistic  reentry 
capsule  (vehicle  A)  has  a peak  rate  of  heating  about  an  order  of  magni- 
tude less  than  for  comparably  shaped  ballistic  missiles  which  reenter 
at  steeper  angles,  whereas  the  duration  of  heating  is  about  an  order  of 
magnitude  greater. 

The  curves  shown  in  figure  1 are  applicable  to  particular  areas  on 
each  vehicle.  For  vehicle  A the  heating  history  applies  to  the  stagna- 
tion region  but  is  very  close  to  the  average  over  the  entire  face.  For 
vehicle  B a large  variation  in  heating  rate  is  encountered  along  the 
under  surface.  The  c\irve  shown  gives  the  average  rate  along  the  center 
meridian  of  the  under  surface.  In  the  present  analysis  this  average 
rate  is  taken  as  Indicative  of  the  heating  problem  for  the  vehicle. 

For  both  of  the  gliders  (vehicles  C and  D),  the  heating  history  applies 
to  a point  one  foot  rearward  of  the  leading  edge  on  the  lower  siirface 
of  the  wing  and  is  taken  as  indicative  of  the  structural  problem  for 
the  wing.  In  the  present  paper,  the  heating  of  the  leading  edges  of 
the  gliders  is  not  considered,  inasmuch  as  the  appropriate  structural 
treatment  for  this  region  depends  heavily  on  the  degree  of  leading-edge 
bluntness . 

The  heat  Inputs  are  next  considered  from  the  standpoint  of  the 
structural  design  problems  that  they  present.  A very  Important  design 
consideration  is  the  level  of  temperature  that  may  be  encountered.  An 
Indication  of  potential  structiiral  ten^jerature  is  provided  by  the  scale 
at  the  right  in  figure  1.  These  are  the  surface  ten^^eratiires  at  which 
a balance  is  achieved  between  the  convective  heat  input  and  the  radiation 
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output  from  a surface  having  an  emissivlty  of  0.8.  If  2,000°  F is 
taken  as  the  maximum  temperature  at  which  present  structural  metals  can 
be  used  with  some  reliability,  it  is  apparent  that  the  tnaxiTniiTn  equilib- 
rium temperat\ires  for  important  areas  of  these  vehicles  are  equal  to  or 
greater  than  present  structural-material  operating  limits.  Basic  struc- 
tural approaches  for  handling  this  situation  are  shown  in  figure  2. 

The  first  approach  is  that  of  an  unprotected  structure  represented 
by  a sandwich  skin  of  high-temperature  material.  Structural  tempera- 
ture in  this  case  is  controlled  only  by  the  heat  capacity  available  in 
the  skin  and  the  ability  of  the  structure  to  radiate  the  incoming  heat. 
This  approach  can  be  used  in  those  areas  of  the  vehicles  where  struc- 
tural weight  is  not  greatly  increased  by  operation  at  high  temperatures. 

The  remaining  approaches  are  basically  methods  to  either  block  or 
absorb  a portion  of  the  convective  heat  input  in  order  to  limit  the 
rise  in  structural  temperature.  The  sin5)lest  method  is  to  supply  a 
thicker  structural  skin  (approach  2)  in  order  to  obtain  the  required 
capacity  to  absorb  heat.  Alternatively,  heat  capacity  of  the  structuire 
can  be  raised  by  the  incorporation  of  materials  of  higher  specific  heat, 
such  as  berylliiim,  or  by  the  addition  of  a coolant,  such  as  water.  This 
type  of  approach  is  ideally  suited  to  the  vehicle  with  a high  peak 
heating  rate  but  with  a small  total  heat  input. 

A third  approach  makes  use  of  an  external  heat  shield  or  insulation 
to  retard  the  flow  of  heat  to  the  structure  and,  hence,  increase  the  pro- 
portion of  heat  which  is  radiated.  The  heat  which  passes  through  the 
insulation  must  be  absorbed  by  the  structure  or  by  a cooling  system 
which  is  indicated  here  (fig.  2)  by  some  piping.  With  this  approach, 
some  of  the  problems  in  the  design  of  the  primary  structure  are  trans- 
ferred to  the  heat  shield  which  must  withstand  the  effects  of  a high- 
temperature  boundary  layer.  This  approach  is  considered  for  vehicles  B, 

C , and  D . 

The  fourth  approach,  which  is  known  as  ablation,  makes  use  of  an 
external  layer  of  material  which  absorbs  heat  as  it  is  consumed  during 
the  heating  period.  Application  of  this  technique  may  be  feasible  for 
the  high-drag  bodies  which  have  higher  rates  of  heat  input. 

The  weight  associated  with  the  use  of  an  unprotected  structure  for 
the  wings  of  the  glide  vehicles  is  considered  first.  Figxire  5 shows 
how  the  weight  of  the  wing  primary  structure  is  affected  by  design  tem- 
peratures. Two  types  of  structures  are  considered:  One  is  a thick  wing 

with  sandwich  cover  skins  and  may  be  suitable  for  a reentry  glider 
with  blvint  leading  edges . The  other  is  a thin  wing  of  full-depth  honey- 
comb construction  which  may  be  suitable  for  a boost  glider  of  higher 
aerodynamic  efficiency.  The  weights  were  computed  by  using  a value  of 
bending  moment  of  5^000  in-lb/in.,  which  is  conservative  for  the 


maneuver  loads  but  which  provides  a needed  margin  for  carrying  thennally 
induced  bending  moments  in  a hot  structure . Structural  mterials  appro- 
priate for  the  tempera t\ure  range  were  used.  These  materials  are  in  cur- 
rent use  for  engine  construction.  Haynes  alloy  No.  25  is  a cobalt-base 
alloy  and  Rend  hi  is  a nickel-base  alloy  superior  to  Inconel  X.  For  the 
thin  wing,  the  wing  depth  was  allowed  to  vary  between  2 and  4 inches  in 
order  to  obtain  the  least  weight  at  any  given  temperature.  In  the 
design  temperature  range  for  these  vehicles,  which  is  1,600  F and 
higher,  it  is  seen  that  the  weight  begins  to  rise  sharply  because  of 
rapid  deterioration  in  the  strength  of  available  materials. 

In  the  case  of  the  thick  wing,  a constant  weight  with  increasing 
temperature  is  obtained  up  to  1,900°  F.  This  result  simply  reflects 
the  fact  that  for  a thick,  lightly  loaded  wing  the  weight  is  determined 
by  mi  niTimm  sheet  gages  rather  than  by  loads . It  was  assumed  that  a 
minimum  gage  of  at  least  0.010  inch  is  desirable  for  the  construction 
of  sandwich  panels  which  are  to  be  subjected  to  a hypersonic  airstream. 


It  is  of  interest  now  to  compare  these  basic  structure  wei^ts  with 
the  weight  required  to  provide  adequate  insulation  to  a wing  of  a glide 
vehicle.  Figure  4 gives  the  combined  weight  of  Insulation  and  coolant 
required  to  maintain  the  wing  structure  at  specified  temperatures. 

These  weights  were  computed  by  using  the  particular  boost-glider  heating 
history  which  has  a maxim'um  equillbriiim  ten^ierature  of  1,900°  F.  The 
lower  curve  shows  the  weight  when  a highly  efficient  insulating  material 
is  used  in  combination  with  a cooling  system.  The  cooling  system  is 
assumed  to  be  capable  of  absorbing  1,000  Btu/lb  of  cooling- system  weight. 
This  analysis  indicates  that  Insulation  and  cooling  weights  of  between  2 


and  2^  Ib/ft^  of  wetted  wing  area  are  required  to  maintain  structxural  tem- 
peratures at  values  significantly  below  the  maximum  equilibrium  value  of 
1,900°  F.  In  an  alternate  calculation,  the  cooling  system  was  replaced 
by  beryllium  in  order  to  augment  the  heat  capacity  of  the  structure,  and 
from  the  resulting  upper  curve  it  is  seen  that  larger  weights  are 
obtained.  Altho\igh  the  weight  difference  between  the  two  curves  may  not 
be  considered  large,  it  was  found  that  the  optimum-weight  combination 
of  insulation  and  beryllium  gives  rise  to  Insulation  thicknesses  that 
may  be  unacceptable,  particularly  at  low  structural  temperatures.  At 
500°  F the  insulation  thickness  associated  with  the  upper  curve 
approaches  5 Inches,  as  compared  with  about  1^  inches  for  the  lower 

cujTve . However,  at  allowable  structural  temperatures  of  1,000  F and 
higher,  this  difference  in  insiilatlon  thickness  is  not  so  large,  and 
the  nonmechanical  system  begins  to  compare  favorably  with  a mechanical 


cooling  system. 


If  the  heat-protection  weights  and  the  weight  of  the  primary  struc- 
ture for  corresponding  design  temperatures  are  now  added  together,  the 
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total  weights  shown  in  figxare  5 are  obtained.  Inasmuch  as  primary 
structure  weight  increases  and  heat-protection  weight  decreases  with 
increasing  design  ten5)erature , a nearly  uniform  trend  in  combined  struc- 
ture and  heat-protection  weight  prevails.  It  is  seen  that  minimum 
weight  is  achieved  by  keeping  the  structure  at  a low  temperature  with 
insulation  and  a cooling  system.  However^  if  the  structural  tempera- 
ture is  allowed  to  rise  to  1^500^  F;  both  an  insulated  structure  with  a 
cooling  system  and  an  insulated  structure  augmented  by  a beryllium  heat 
sink  provide  essentially  equal  weights. 

The  weights  for  the  insulated  wing  may  be  compared  with  the  weight 
of  an  unprotected  thin  wing  shown  by  the  solid-curve  segment  on  the 
right  in  figiire  5-  This  curve  is  a portion  of  the  weight  curve  for  thin 
wings  shown  in  figure  5 and  spans  the  range  of  probable  design  tempera- 
tures for  the  particular  heating  history  being  examined.  The  lower  end 
of  the  curve  is  at  1,750^  F,  which  is  the  estimated  ten5)erat\are  of  the 
lower  surface  of  the  wing  when  heat  is  transferred  by  radiation  to  the 
cooler  upper  surface.  The  upper  end  of  the  curve  is  at  1,900^  which 
is  the  maximum  possible  structural  temperature  for  this  heating  history. 
It  is  obvious  that  at  these  temperature  levels,  small  changes  in  the 
design  temperature  for  the  structure  produces  large  changes  in  the  weight 
of  unprotected  wings,  and  for  this  reason,  on  a weight  basis,  there  is 
not  a clear-cut  choice  between  protected  and  unprotected  wings.  It  is 
evident,  however,  that  by  considering  both  of  these  approaches,  the 
weight  of  the  wing  of  a boost  glider  is  bracketed  between  5 and  k Ib/ft^ 

of  wetted  area,  or  6 to  8 Ib/ft^  of  plan-form  area.  On  the  other  hand, 
for  a small  lightly  loaded  reentry  glider  which  could  use  a thick  wing, 
it  does  not  appear  that  an  insulated  structure  will  provide  a weight 
saving  unless  structural  design  temperatures  exceed  2,000^  F. 

A corresponding  weight  analysis  has  been  made  for  fuselages  where 
cooling  of  the  contents  was  assumed  to  be  a design  necessity.  This 
analysis  shows  that  it  is  desirable,  from  weight  considerations,  to 
externally  insulate  the  fuselage  structure  for  a vehicle  such  as  a 
boost  glider  which  may  have  large  pressurized  areas;  however,  for  a 
reentry  glider  with  only  a small  lightly  pressurized  cabin,  an  unpro- 
tected structure  with  internal  insulation  appears  to  lead  to  the  least 
weight . 

High-drag  reentry  vehicles  which  are  subjected  to  higher  peak  rates 
of  heating  and,  hence,  must  have  protection  in  some  form  for  a successful 
design  are  considered  next.  Figiire  6 gives  the  heat  input  that  must  be 
absorbed  in  order  to  keep  structural  temperatures  in  the  range  under 
2,000^  F.  Trie  left-hand  end  of  each  of  these  curves  gives  the  total 
amount  of  heat  that  must  be  absorbed  for  only  a minor  temperature  rise 
in  the  structure.  These  values  may  be  assiomed  to  represent  the  heat 
input  to  an  ablation  shield.  The  amount  of  heat  that  must  be  absorbed 
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by  a metallic  heat  sink  which  is  permitted  to  rise  in  temperature  is 
given  by  the  solid  curves,  while  the  dashed  curves  give  the  heat  capacity 
required  in  an  ideal  cooling  system.  The  difference  in  required  heat 
capacity  between  \he  heat-sink  and  cooling-system  curves  for  each  vehicle 
arises  because  radiation  cooling  is  more  significant  for  the  cooling 
system. 

This  difference  is  explained  with  the  use  of  figure  7.  Here  the 
heating-rate  histories  for  the  two  high-dr-ag  vehicles  A and  B are  shown. 
The  operation  of  an  ideal  cooling  system  can  be  defined  in  the  following 
manner:  The  cooling  system  is  not  operated  during  the  initial  heating 

period;  therefore,  the  stinicture,  having  very  little  thermal  inertia, 
rapidly  reaches  some  desired  temperature  limit  as  shown  by  the  dashed 
line.  At  this  time  the  cooling  system  is  put  into  operation,  and  a con- 
stant structural  temperature  is  maintained  until  the  heating  rate  reaches 
the  peak  value  and  drops  back  to  the  material  limit  line . The  total  heat 
absorbed  by  the  coolant  is  equal  to  the  cross-hatched  area  above  the 
dashed  line,  and  the  area  beneath  the  dashed  line  represents  heat  that 
is  radiated  by  the  hot  structure.  On  the  other  hand,  a metallic  heat 
sink  designed  for  the  same  temperature  limit  has  a much  slower  tempera- 
ture response,  shown  by  the  lower  solid  curves,  and  does  not  reach  peak 
temperature  until  near  the  end  of  the  heating  cycle.  The  bounded  areas 
above  the  cxrrves  represent  the  heat  which  must  be  absorbed,  whereas  the 
areas  below  the  cxirves  represent  the  heat  radiated  by  the  hot  structure. 
It  is  apparent  that  with  heat-sink  designs,  a smaller  proportion  of  the 
heating  input  can  be  radiated  and  more  must  be  absorbed  by  the  metal. 

The  difference  between  the  amount  of  heat  that  can  be  radiated  by  a 
heat-sink  structure  and  a structure  with  a cooling  system  is  seen  to  be 
fairly  significant  for  the  heat  input  for  vehicle  B but  of  much  less 
importance  for  vehicle  A.  This  fact  is  also  reflected  by  the  differences 
between  the  curves  of  figure  6.  From  the  standpoint  of  practical  opera- 
tion, it  may  be  expected  that  the  heat  absorbed  by  actual  cooling  sys- 
tems will  lie  between  the  extremes  represented  by  the  ideal  cooling 
system  and  by  the  simple  metallic  heat  sink. 

The  weight  associated  with  these  two  methods  of  absorbing  heat  is 
shown  in  figure  8 for  the  high-drag  zero-lift  vehicle.  The  weight  of  a 
heat  sink  obviously  depends  on  the  specific  heat  of  the  material  and 
the  temperature  rise  permitted.  Beryllium  was  chosen  for  the  material 
because  of  its  high  specific  heat,  and  a temperature  rise  less  than  its 
melting  point,  which  is  about  2,300^  F,  was  utilized.  For  the  cooling 
system  a constant  cooling  efficiency  of  1,000  Btu/lb,  which,  for  example, 
can  be  achieved  by  boiling  water,  was  assumed.  The  weight  of  actual 
systems  of  this  efficiency  will  lie  in  the  hatched  band  between  the 
curves,  with  the  weight  of  the  ideal  system  given  by  the  lower  edge  of 
the  band.  From  this  comparison  it  is  seen  that  a tenperature  rise  of 
1,600°  F in  a beryllium  heat  sink  leads  to  the  same  weight  as  does  the 
mechanical  cooling  system.  It  is  believed  that  a temperature  rise  of 


81 


this  magnitude  can  be  permitted  in  a beryllium  shield  backed  by  a load- 
carrying structure.  The  required  beryllium  weight  is  about  6 Ib/ft^. 

Tile  weight  of  an  ablation  heat  shield  may  be  estimated  from  the 
coolant  curve  if  it  is  assumed  that  an  effective  heat  of  ablation  of 
1,000  Btu/lb  can  be  realized  under  these  low-heating-rate  conditions. 

On  this  basis,  the  least  weight  of  such  a shield  would  also  be  6 Ib/ft^. 
This  weight  represents  the  weight  of  material  actually  consumed  and 
makes  no  allowance  for  an  additional  thickness  required  to  prevent  heat 
from  flowing  into  the  structure  during  the  heating  period.  Relatively 
little  is  known  about  the  ablation  of  materials  under  heating  rates  of 
less  than  75  Btu/ft^-sec,  but  it  is  obvious  that  acquisition  of  a suit- 
able ablating  material  will  provide  an  attractive  alternate  to  a metal 
heat  shield. 


Analyses  similar  to  these  have  been  carried  out  for  the  semibal- 
listic  reentry  vehicle  (vehicle  B),  and  the  results  are  shown  in  fig- 
ure 9.  Because  a larger  total  heating  input  is  involved  for  this 
vehicle,  several  methods  for  absorbing  heat  were  investigated.  In 
addition  to  results  for  the  cooling  system  and  the  beryllium  heat  sink, 
results  are  shown  for  a beryllium-oxide  heat  sink,  a beryllium  heat 
si^  insulated  with  ROKIDE  "Z",  and  a beryllium  heat  sink  insulated 
wioh  a very  low  conductivity,  lightweight  ceramic.  A beryllium-oxide 
heat  sink  offers  no  weight  advantage  over  a berylliimi  heat  sink  for  an 
equal  ten5)erature  rise,  but  it  does  offer  a possibility  for  operation 
at  higher  temperatures.  At  these  higher  temperatures,  radiation  of 
heat  becomes  very  significant,  and  a berylliimi-oxide  heat  sink  operating 
at  a very  high  temperatiire  can  provide  a weight  saving  over  a beryllium 
heat  sink  operating  at  a lower  tempera txxre . A more  promising  method 
for  achieving  higher  surface  temperatures  and,  hence,  more  benefit  from 
radiation  is  to  insulate  the  heat  sink  externally.  With  a presently 
available  insulating  material,  ROKIDE  "Z",  which  can  be  applied  by 
flame  spraying,  a weight  advantage  is  obtained  over  an  uninsulated 
beryllium  shield  for  equal  tenqjerature  rise  in  the  berylliiam.  Sub- 
stantially larger  reductions  in  weight  are  possible  with  insulating 
materials  of  lower  conductivity  and  density,  as  shown  by  the  lower  cvurve. 
The  properties  used  in  this  calculation  correspond  to  those  of  commer- 
cially available  ceramic  refractories.  Because  of  the  large  temperature 
gradients  which  exist  in  the  insulating  ceramic,  it  may  be  premature  to 
assume  that  the  weights  given  by  the  curve  can  be  achieved  in  a practical 
design  at  the  present  time.  However,  the  potential  benefits  of  current 
research  effort ‘in  this  direction  are  clearly  indicated. 

If  the  cooling -system  curve  is  used  as  a guide  to  the  weight  of  an 
ablating  shield,  it  is  apparent  that  such  a shield  will  have  to  absorb 
heat  with  an  efficiency  substantially  greater  than  1,000  Btu/lb  in  order 
to  obtain  savings  in  weight  over  the  other  systems  indicated. 


CONCLUDING  REMARKS 


It  has  been  shown  that  for  glide  vehicles  which  utilize  large 
amounts  of  lift  (vehicles  C and  D) ^ large  total  heat  inputs  are  encoun- 
tered, but  the  maximum  rates  of  heating  are  low  enoiigh  that,  for  the 
temperatures  generated,  available  engine  materials  are  satisfactory. 

It  appears,  therefore,  that  the  major  part  of  the  heat  can  be  radiated, 
and  structural  unit  weights  may  be  obtained  which  are  comparable  to  low- 
aspect-ratio  winged  aircraft  of  contenqporary  design. 

For  a semiballistic  vehicle  (vehicle  B)  which  develops  a small 
amount  of  lift,  the  problems  of  higher  temneratiires  and  large  total  heat 
input  are  present.  The  consequence  is  that  with  the  present  state  of 
the  art,  estimated  structural  weight  per  unit  of  heated  area  is  somewhat 
larger  than  that  for  a high-lift  reentry  vehicle  (vehicle  C);  however, 
total  surface  area  should  be  less  than  that  for  a winged  vehicle,  and 
this  factor  is  of  equal  importance  in  determining  total  structural  weight. 
At  the  extreme  is  the  case  of  the  zero -lift  high -drag  vehicle  (vehicle  A) 
which  enco\inters  high  heat  rates  for  a relatively  short  period  of  time, 
with  the  total  heat  input  being  at  a minimum.  For  this  case,  a light- 
weight structure  can  be  obtained  with  a relatively  sinqple  heat—sink 
design,  and  a considerable  amount  of  engineering  experience  has  been 
acctmrulated  for  this  purpose. 
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WING  WEIGHT  FOR  GLIDE  VEHICLES 
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OPERATIONAL  PROBLEMS  OP  MANNED  ORBITAL  VEHICLES 

By  Hubert  M.  Drake,  Donald  R.  Bellman, 
and  Joseph  A.  Walker 

NACA  High-Speed  Flight  Station 


INTRODUCTION 


Manned  vehicles  of  orbital  performance  potential  introduce  many 
operational  problems  as  a result  of  their  extreme  performance  and  the 
relative  inflexibility  of  their  operations.  The  present  paper  attempts 
to  discuss  some  of  the  major  problems  and  to  indicate  their  possible 
effects  on  flight  research  operations. 

The  vehicles  being  considered  for  possible  use  as  manned  satellites 
fall  in  the  three  general  categories  that  were  discussed  by  the  previous 
speakers  and  are  shown  in  fig\ire  1.  Briefly,  the  first  vehicle  is  the 
ballistic  type,  characterized  by  the  use  of  drag  alone  for  entry  decel- 
eration and  for  reducing  the  heat  load.  The  second  category,  the  semi- 
ballistic  vehicle,  en5)loys  lift  to  reduce  the  peak  decelerations  and  to 
provide  some  degree  of  aerodynamic  flight-path  control.  The  finsil  cate- 
gory consists  of  what  might  be  called  winged  vehicles,  that  is,  vehicles 
capable  of  aerodynamically  efficient  flight.  It  sho\ild  be  pointed  out 
that  this  category  may  also  be  considered  of  the  semiballistic  type 
because  it  can  obtain  lift-drag  ratios  as  low  as  zero  by  operating  at 
high  angles  of  attack.  In  general,  only  the  ballistic  and  winged  types 
will  be  discussed  in  detail,  inasmuch  as  the  capabilities  of  the 
semiballistic  type  fall  between  these  extremes.  The  general  problem 
areas  of  escape,  piloting,  orbit  selection,  entry,  flight  termination, 
range  requirements,  and  flight-test  program  are  discussed  briefly. 

Altho\igh  both  vertical  rocket-boost  take-off  and  air-la\mch  might 
be  considered  for  orbital  flight,  the  major  operational  problems  for  the 
two  types  of  launch  differ  only  during  the  initial  phases.  Since  the 
vertical  take-off  presents  the  more  stringent  problems,  it  is  the  type 
considered  herein. 


ESCAPE  AND  SURVIVAL 

The  presence  of  the  human  in  the  orbital  vehicle  requires  that  meJ.- 
functions  be  either  nondestructive  or  such  that  an  escape  system  can 


provide  survival.  The  provision  of  a means  of  escape  from  all  reason- 
able emergency  conditions  requires  an  escape  system  vith  all  the  char- 
acteristics of  the  final  vehicle.  It  therefore  appears  that  the  final 
stage  should  be  designed  to  serve  as  the  major  element  of  the  escape 
system.  A primary  goal  should  be  the  design  of  the  final  stage  and  the 
tailoring  of  the  entire  flight  operation  to  provide  the  greatest  possible 
survival  potential  for  this  stage.  A positive  means  of  pilot  separation 
from  the  final -stage  survival  vehicle,  such  as  a high-performance  ejec- 
tion seat,  is  also  required. 

The  presence  of  propellants,  the  take-off  operation,  stage  separa- 
tion and  ignition,  and  high  dynamic  press\rre  combine  to  make  the  la\xnch 
operation  (fig.  2)  the  most  critical  escape  region.  Significant  survival 
regions  are  indicated  by  the  lettered  areas  on  the  launch  trajectory  of 
figure  2 and  are  further  described  in  table  I.  Only  two  areas,  A and 
C,  are  discussed  in  einy  detail. 

Escape  at  lift-off,  region  A,  is  difficult  in  that  the  use  of  the 
ejection  seat  would  require  its  reorientation,  and  the  normal  final-stage 
powerplant  possesses  insufficient  acceleration  to  permit  satisfactorily 
rapid  separation  from  a malfunctioning  first  stage.  A possible  escape 
technique  consists  of  providing  high-thrust,  jettisonable,  solid  rocket 
units  attached  to  the  final  stage.  Rockets  sufficient  to  place  the  final 
stage  at  an  altitude  of  1,000  feet  and  a speed  of  500  knots  within  5 bo 
4 seconds  will  probably  be  adequate  for  escape  from  all  take-off  acci- 
dents that  do  not  involve  an  actual  detonation.  This  end  condition  per- 
mits airplane  final  stages  to  be  airborne  and  allows  sufficient  time  for 
an  attempted  engine  start.  Should  the  engine  fail  to  start,  a gliding 
landing  is  made,  if  possible,  or  the  ejection  seat  may  be  used.  Bal- 
listic or  semiballistic  vehicles  can  make  a normal  parachute  landing. 

These  auxiliary  rockets  and  any  necessary  stabilizing  surfaces  should  be 
retained  to  the  altitude  at  which  a normal  separation  and  recovery  can 
be  made.  An  example  of  such  a system  has  been  investigated,  and  it  was 
found  that  carrying  the  system  to  an  altitude  of  about  20,000  feet  reduces 
the  first-stage  burnout  velocity  by  only  about  40  feet  per  second. 

Another  critical  area  for  escape  and  siarvival  is  that  indicated  as 
region  C in  figure  2 and  table  I,  where  escape  by  use  of  final  stage 
may  subject  the  man  to  excessive  decelerations  or  the  vehicle  to  exces- 
sive heating.  The  extent  of  this  region  is  greatly  influenced  by  such 
design  and  operational  factors  as  the  type  of  vehicle,  firing  of  final - 
stage  power,  launch  trajectory,  lift-drag  ratio,  and  lift  or  drag  loading. 

With  the  ballistic  vehicle  in  this  region  there  is  a danger  that  the 
man  will  be  subjected  to  excessive  decelerations  in  case  of  booster  mal- 
function as  shown  in  figure  3.  The  solid  line  indicates  the  decelerations 
encountered  in  the  event  of  a malfunction  d\nring  the  normal  gravity -txurn 
laxmch  of  a vehicle  similar  to  that  discussed  in  a previous  paper  by 


Maxime  A.  Faget.  The  decelerations  in  this  case  reach  values  of  about 
22g.  It  might  be  well  to  point  out  that  the  final  satellite  vehicle 
would  also  have  a peaJc  deceleration  near  22g  at  malfunction  speeds  near 
2,000  feet  per  second  if  it  were  separated  from  the  boosters  at  this 
point.  The  lower  decelerations  shown  result  from  retaining  the  final 
boost  stage  with  the  vehicle  to  increase  its  sectional  density  during 
the  coast  to  high  altitude  following  malfunction.  Separation  of  the 
final  vehicle  at  the  peak  of  the  coasting  period  results  in  the  low 
decelerations  shown.  Possible  means  of  reducing  the  decelerations  at 
high  speed  of  course  include  the  use  of  lift  (the  semiballistic  vehicle), 
provision  of  thrust  to  reduce  flight-path  angle,  and  variable  drag  geom- 
etry. Another  possibility  is  the  use  of  a launching  trajectory  which 
has  been  modified  in  such  a manner  that  the  vehicle  will,  in  case  of 
booster  failure,  always  enter  the  atmosphere  at  a sufficiently  flat 
angle  to  keep  the  accelerations  to  a tolerable  level.  A first  approxi- 
mation to  such  a trajectory  has  been  calculated  and  the  resulting  decel- 
erations are  shown  as  the  line  labeled  "safety"  trajectory.  In  this 
case  the  peak  decelerations  have  been  reduced  by  one -half,  the  peak 
value  being  about  llg. 

Figure  4 shows  that  the  safety  trajectory  is  considerably  flatter 
than  the  optimum  lavmching  pathj  thus,  the  boosters  are  subjected  to 
higher  aerodynamic  and  control  loads  and  to  increased  heating.  These 
factors  may  result  in  a further  performance  penalty  above  that  incurred 
by  the  use  of  the  nonoptimum  trajectory.  This  performance  penalty  wotild 
have  to  be  judged  against  the  costs  of  other  means  of  insuring  survival 
in  this  region.  It  might  be  mentioned  that  figure  k does  not  show  the 
entire  launch  operation  for  the  safety  trajectory.  The  conditions  at 
burnout  yield  an  elliptical  orbit  having  an  apogee  at  I50  miles;  an 
additional  speed  increment  must  be  applied  at  this  point  to  obtain  a 
c ir cular  orb it . 

A similar  condition  exists  for  the  winged  vehicle  in  region  C.  In 
this  case  there  is  a possibility,  following  booster  failure,  that  the 
vehicle  will  be  forced  to  perform  a skipping  entry  under  conditions  that 
will  expose  it  to  excessive  heating.  A similar  trajectory  modification 
may  be  made  to  avoid  this  region.  Here,  again,  possible  use  of  final- 
stage  thrust  cah  greatly  alleviate  the  problem.  The  investigation  of 
safety  trajectories  has  been  a neglected  field  of  research  which  must 
be  explored  for  manned  satellite  vehicles. 

It  is  difficult  to  envision  a reason  for  evacuating  the  vehicle  in 
orbit;  however,  a malfunction  in  orbit  may  make  the  entry  operation 
hazardous.  Examples  of  such  malfimctions  are  the  failure  or  explosion 
of  auxiliary  power  units,  or  fuel  tanks,  and  the  failure  of  stabilization 
systems.  Adequate  reliability.  Isolation,  and  duplication  of  such  crit- 
ical systems  are  the  best  safety  and  survival  provisions.  The  prevention 


of  such  accidents  should  be  a primary  design  goal.  In  some  designs  if 
adequate  reliability  cannot  be  attained  it  may  even  be  desirable  to 
incorporate  a special  escape  capsule  of  the  drag-entry  type  for  orbital 
or  entry  escape. 

It  might  be  well  to  emphasize  a point  that  has  been  inferred  through- 
out the  foregoing;  that  is,  that  the  final  stage  should  be  designed  with 
the  most  reliable  powerplant  and  auxiliary  power  system  possible.  The 
final-stage  powerplant  can,  by  reliable  stop  and  restart  capabilities, 
greatly  alleviate  many  otherwise  dangerous  emergencies. 


PILOTING 


Consider  now  the  piloting  of  a satellite  vehicle,  particularly  during 
the  lavinching  phase.  Although  complete  automatic  stabilization  and  con- 
trol is  feasible,  it  would  be  desirable  to  take  advantage  of  the  abilities 
of  the  pilot  to  simplify  the  system  and  thus  increase  the  reliability  and 
safety  of  the  operation.  An  exploratory  simulator  investigation  has  been 
made  to  determine  the  accuracy  with  which  a pilot  could  fly  a three -stage 
vehicle  to  a desired  orbit.  The  guidance  used  consisted  of  a presenta- 
tion of  error  between  programed  and  actual  pitch  angle  and  indications 
of  altitude,  rate  of  climb,  velocity,  and  angle  of  attack.  Figure  5 shows 
some  of  the  results  of  this  investigation.  The  plot  on  the  left  side  of 
the  figure  indicates  the  accuracy  in  angle  and  velocity  required  to  obtain 
an  orbit  having  a perigee  above  75  miles  and  indicates  the  manner  in  which 
an  error  in  angle  can  be  compensated  by  an  increase  in  velocity . The  plot 
on  the  right  side  of  the  figure  shows  the  piloting  accuracy  for  various 
conditions.  The  basic  condition,  using  a rate -of -climb  instrument  of 
25  ft /sec  indication  for  guidance,  gave  a piloting  acc\jracy  of  ±0.1°. 

Using  sensitive  or  insensitive  altimeters  increased  the  errors  as  shown. 
Reducing  the  damping  augmentation  to  zero  caused  the  vehicle  to  become 
difficult  to  control  with  sufficient  accirracy  to  consistently  approach 
the  desired  orbital  conditions.  It  appears  that  the  dandling  system  must 
be  of  extreme  reliability.  Although  not  shown,  loss  of  the  static  sta- 
bilization system,  resulting  in  an  extreme  value  of  aerodynamic  insta- 
bility during  the  first  200,000  feet  of  the  trajectory,  had  little  effect 
on  the  pilots'  ability  to  establish  a satisfactory  orbit. 

The  effect  of  inaccirracy  or  malfunction  of  the  pitch  programing 
presentation  was  also  investigated.  With  normally  operating  presentation 
the  pilot  could  attain  the  desired  orbital  altitude  to  an  accxiracy  of 
±2,000  feet.  The  malfunctions  simulated  included  inaccutrate  computations, 
and  complete  failure,  as  early  as  20  seconds  after  lift-off.  It  was  found 
that  the  pilot  was  able  to  place  the  vehicle  at  the  desired  orbital  con- 
ditions to  an  accuracy  of  ±8,000  feet  using  the  altitude  and  speed  indi- 
cators and  several  checkpoints  during  the  climb.  The  early  loss  of 


guidance,  or  automatic  control,  would  probably  be  sufficient  reason  to 
abort  the  flight;  however,  if  failvire  occurred  at  a later  stage  in  the 
launch  it  might  well  be  safer  to  proceed  under  pilot  control  and  attempt 
to  establish  the  orbit. 

Although  the  simulation  used  was  by  no  means  optimum  or  even  desir- 
able, the  results  indicate  that  pilot  guidance  of  a launching  vehicle 
with  adequate  accioracy  was  feasible.  It  appears  that  proper  design  of 
presentation  and  use  of  the  pilot  may  considerably  reduce  the  complexity 
of  the  vehicle  and  increase  its  overall  reliability,  particiilarly  in 
case  of  malfunctions. 


ORBIT  SELECTION,  ENTRY,  AND  LANDING 


The  orbital  factors  of  primary  importance  in  manned  operations  are 
altitude  and  inclination.  The  altitude  of  the  orbit  will  be  determined 
primarily  by  the  desired  lifetime,  at  least  for  the  purposes  presently 
being  implemented,  and  will  probably  be  between  100  and  5OO  miles. 

The  inclination  of  the  orbit  may  determine,  or  be  determined  by, 
the  factors  of  use,  sirrvival,  and  operational  ease.  With  regard  to  use, 
military  satellites  will  require,  and  geophysical  satellites  will  prob- 
ably desire,  orbits  as  steep  as  90°.  Satellite  research  vehicles  have 
less  stringent  requirements;  whereas,  permanent,  high-altitude,  space 
terminals  will  undoubtedly  have  equatorial  orbits,  inasmuch  as  this  orbit 
has  the  greatest  stability  and  passes  over  the  same  points  on  the  earth 
on  each  rotation,  thus  considerably  simplifying  the  supply  sind  rendezvous 
problems . 

The  vehicle  survival  potential  of  an  orbit  is  primarily  associated 
with  the  problems  of  entry,  landing,  and  rescue  following  landing  and  is 
therefore  discussed  in  that  aspect.  Considering  first  the  ballistic 
vehicle,  malfxuiction  during  the  launching  operation  could  possibly 
cause  the  vehicle  to  land  amywhere  around  the  world,  approximately  on 
the  first  orbital  path.  In  actuality,  malfunctions  over  90  percent  of 
the  boost  period  would  cause  impact  in  the  first  6,000  miles  and  use  of 
the  retrorockets  could,  in  any  case,  limit  this  distance  to  about 
12,000  miles.  Intentional  landings  from  later  orbits,  in  general,  can 
occur  anywhere  between  the  extreme  latitudes  obtained  by  the  orbit.  The 
only  azimuth  control,  in  this  case,  is  the  crude  one  of  choice  of  orbit 
on  which  to  enter.  To  offset  this  lack  of  azimuth  control,  and  thus 
minimize  the  area  to  search  for  rescue,  the  equatorial  orbit  is  an  obvi- 
ous choice  if  the  mission  permits. 

The  passenger  does,  of  coin-se,  have  complete  freedom  of  choice  in 
range,  since  he  is  able  to  fire  his  recovery  rockets  at  any  point  in  his 


orbit  and  thus  land  wherever  he  desires.  It  was  pointed  out  in  a previ- 
ous paper  by  Maxime  A.  Faget  that  the  prediction  of  the  impact  point  is 
least  sensitive  to  errors  if  the  retrorockets  are  fired  at  the  apogee 
of  an  elliptical  orbit.  The  determination  of  the  apogee  point  by  the 
pilot  will  be  relatively  easy  by  use  of  a radio  altimeter  and  clock. 

If  everything  progresses  satisfactorily,  a rather  unlikely  event,  the 
point  of  landing  can  be  predicted  before  launch  within  a circle  perhaps 
60  miles  in  diameter.  In  the  more  probable  case  in  which  the  flight 
and  recovery  are  not  executed  with  the  desired  precision,  the  area  to 
be  searched  may  be  much  greater . Consideration  of  the  launch  malfunc- 
tion problem  mentioned  before  indicates  a possible  maximum  area  of 
12,000  miles  by  100  miles  for  landing.  The  difficulties  of  search  and 
rescue  in  an  area  this  large  composed  of  open  sea  or  jungle  cannot  be 
overen^jbasized.  This  problem  may  give  the  ballistic  vehicle  an  inher- 
ently lower  survival  potential  than  the  other  two  types. 

The  winged  vehicle  places  fewer  requirements  on  the  inclination  of 
the  orbit  because  the  pilot  is  able  to  modify  the  entry  path  and 
approach  and  land  at  preselected  area  which  may  be  considerably  off 
the  orbital  path.  In  an  emergency  this  would  require  that  only  about 
six  or  seven  emergency  landing  areas  be  available  on  the  first  orbital 
path.  Figure  6 shows  the  lateral  deviation  available  to  the  semiballis- 
tic  or  winged  vehicles  as  a faction  of  lift -drag  ratio  for  entry  from 
a 100-mile  orbit.  Even  the  lower  lift-drag  ratios  res\ilt  in  making 
available  a large  area  for  landing.  In  addition,  a curve  is  shown  for 
the  case  where  aerodynamic  heating  requires  the  initial  entry  to  be  made 
at  a lift -drag  ratio  of  unity  down  to  a velocity  of  l6,000  ft/sec,  and  a 
lift -drag  ratio  of  4 is  available  for  the  remaining  distance.  An  indi- 
cation of  what  this  means  to  the  pilot  is  given  in  figure  7 which  depicts 
this  region  superimposed  on  a map.  The  large  elliptical  region  indicates 
the  area  which,  if  intersected  by  the  orbital  track,  will  permit  a landing 
anywhere  within  the  smaller  elliptical  area.  The  orbits  from  which  a 
possible  landing  could  be  made  for  these  orbital  conditions  are  indicated. 
In  this  case  a landing  could  be  made  from  any  of  the  first  four  orbits 
and  then  from  the  tenth  through  the  eighteenth.  This  gives  the  pilot ^ 
greatly  increased  flexibility  of  operation.  An  interesting  point  indi- 
cated here  is  that  only  slightly  greater  maneuverability  would  be  required 
to  enable  landing  in  the  continental  United  States  from  an  equatori^ 
orbit.  Such  maneuverability  can  also  be  attained  by  use  of  thrust  in 
space.  However,  the  amount  of  maneuverability  shown  in  this  figure  woiild 
require  a mass  ratio  of  about  2.5  at  a specific  impulse  of  250. 

Consideration  of  the  actual  landing  maneuver  indicates  a high  prob- 
ability of  a water  landing  for  the  ballistic  vehicle  and  a possibility 
of  a similar  landing  for  the  other  types.  The  vehicles  should  be  designed, 
therefore,  with  water  landing  capability.  The  landing  can  be  made  by  con- 
ventional landing  gear  or  parachute  with  the  winged  vehicle  or  by  para- 
chute with  the  ballistic  vehicle. 


The  factor  of  operational  ease  is  indicated  only  hriefly.  It  is 
thought  that  the  majcimum  operational  ease  will  probably  be  attained 
with  a winged-type  vehicle  launched  and  recovered  within  the  continental 
limits  of  United  States.  The  ballistic  vehicle  in  an  equatorial  orbit 
has  the  operational  problems  of  shipboard  or  island  la\mch  of  extremely 
large  vehicles,  search  and  rescue  of  a large  area  roughly  22  percent 
jungle  and  78  percent  water,  and  the  problems  of  establishing  the  sea- 
borne range.  The  problems  of  shipboard  or  island  launch  and  seaborne 
range  are  of  course  associated  with  the  equatorial  orbit  and  would  silso 
be  true  of  the  winged  vehicle  in  such  an  orbit. 


RANGE  REQUIREMENTS 


Undoubtedly,  manned  operations  will  require  exact  position  and 
trajectory  data,  monitor  and  command  data  link,  communications,  long- 
range  GCA,  and  homing  in  certain  parts  of  the  orbit.  The  coverage 
desired  of  these  facilities  is  again  affected  by  the  type  of  vehicle, 
while  the  number  of  installations  is  determined  by  this  desired  coverage 
and  by  the  limits  of  line-of-sight  radio  propagation.  This  effectively 
limits  any  one  installation  to  a radius  of  about  85O  miles  for  an  orbit 
altitude  of  100  miles.  This  distance  can  be  increased  by  about 
1,200  miles  for  UHF  communications  by  employing  a repeater  station  in 
an  aircraft  at  high  altitude. 

The  range  requirements  of  the  ballistic  and  winged  vehicles  differ 
considerably,  with  the  ballistic  vehicle  substituting  complexity  of 
ground  installations  for  vehicle  conplexity.  The  miniTmiTn  coverage 
required  for  a ballistic  vehicle  is  shown  in  figure  8.  This  vehicle 
requires  complete  coverage,  as  shown,  for  a distance  of  about  one-half 
that  around  the  world  for  location  and  rescue  in  case  of  launch  malfunc- 
tion. An  additional  station  at  l80°  from  the  launch  site  is  desirable 
for  orbit  verification  and  for  aiding  in  entry  initiation.  The  darker 
region  shown  in  the  Pacific  Ocean  is  the  primary  la\mch  and  data-taking 
region  while  the  other  areas  are,  as  indicated,  only  for  location  and 
communication.  At  the  other  extreme  the  coverage  required  for  the  winged 
vehicle  in  a nonequatorial  orbit  is  shown  in  figure  9*  This  coverage 
consists  of  the  first  5^000  miles  after  take-off,  the  Intermediate  sta- 
tions shown,  and  the  last  2,000  miles  before  landing.  The  first  region 
is  used  to  monitor  the  take-off  and  initial  portion  of  the  orbit  to  make 
an  initial  determination  of  the  orbit  and  check  the  pilot’s  instrument 
indications.  The  intermediate  points  are  selected  for  orbit  verifica- 
tion, to  insure  communication  with  the  pilot  at  least  once  per  revolu- 
tion, and  to  assist  the  pilot  in  initiation  of  entry.  The  final  cover- 
age is  in  the  nature  of  long-range  GCA  for  the  final  approach.  The 
vehicle  itself  must,  of  coiu’se,  incorporate  the  required  communications, 
beacons,  telemeters,  and  homing  equipment. 
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It  would  probably  be  desirable  during  the  launch  operation,  and 
the  first  orbits,  to  have  the  maximum  communications  coverage  possible. 
The  stations  shown  for  the  ballistic  vehicle  of  course  provide  complete 
coverage  for  the  first  12,000  miles,  leaving  about  a 40-minute  gap; 
whereas,  those  for  the  winged  configuration  leave  gaps  of  as  much  as 
20  minutes  in  which  communications  are  lacking.  As  mentioned  previously, 
this  coverage  can  be  inproved  easily  and  quickly  by  use  of  airborne 
repeaters.  The  pilots  have  a natural  desire  for  continuous  worldwide 
communications;  however,  it  appears  improbable  that  such  coverage  can 
be  achieved  with  earthbound  stations.  A promising  solution  in  this  case 
is  the  provision  of  communication  satellites  in  the  "stationary" 
(22,000-mile  altitude)  orbit.  The  ability  to  establish  such  facilities 
may  well  precede  the  capability  of  establishing  manned  satellites. 


FLIGHT  TESTING 


One  final  matter  that  should  be  mentioned  in  any  discussion  of 
manned  satellite  operations  is  the  flight -test  program.  Any  flight- 
test  program  should  utilize  the  usual  procedure  of  a rational  buildup 
of  performance  on  successive  flights  in  order  to  explore,  with  reason- 
able safety,  successively  higher  performance  ranges.  This  procedure 
would  have  the  desirable  effect  of  providing  the  longest  period  possible 
for  the  improvement  and  demonstration  of  booster  reliability.  The  pro- 
vision of  boosters  of  sufficient  reliability  is,  of  course,  one  of  the 
greatest  obstacles  to  the  accomplishment  of  manned  orbital  flight. 


CONCLUDING  REMARKS 


Although  this  cursory  survey  has  not  indicated  any  insurmoimtable 
operational  problems  to  manned  orbital  flight  regardless  of  configuration 
type,  the  problems  of  the  various  satellite  configurations  do  materially 
affect  operations  and  must  be  considered  early  in  the  design.  Safety  and 
survival  requirements  must  be  taken  into  consideration  in  manned  opera- 
tions and  may  force  considerable  deviation  from  optimum  procedures. 
Although  the  presence  of  man  in  the  vehicle  requires  increased  emphasis 
on  reliability  and  safety,  proper  use  of  his  abilities  csin  considerably 
simplify  design  and  increase  reliability. 
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SUMMARY 


Various  features  of  the  stability  of  ballistic  reentry  shapes  are 
discussed,  including  those  considerations  pertinent  to  ballistic-missile 
and  manned -satellite  reentry  capsules.  Calculations  and  aerodynamic  data 
are  used  to  indicate  the  problems  involved.  It  is  concluded  that,  with 
proper  allowance  for  desirable  geometrical  featiires,  the  attainment  of 
satisfactory  stability  of  reentry  bodies  having  subsonic  terminal  veloc- 
ities is  not  too  difficvilt  but,  in  efforts  to  minimize  weight  in  solution 
of  the  heating  problem,  undesirable  features  may  be  introduced  which 
will  cause  marginal  stability  characteristics.  The  attainment  of  satis- 
factory stability  of  reentry  bodies  having  supersonic  terminal  velocities 
appears  to  offer  fewer  problems. 


INTRODUCTION 


The  analysis  of  Allen  (ref.  1)  indicated  the  essential  features 
of  the  problem  of  reentry  stability  in  terms  of  Bessel  functions.  In 
this  work  and  the  related  work  of  others,  the  powerful  constraining 
effect  on  the  motion  of  the  rapid  increase  of  dynamic  pressure  was 
shown  in  addition  to  the  destabilizing  influence  of  the  drag  force. 

The  criterion  of  stability  was  expressed  by  Allen  in  reference  1 in 
terms  of  a now  well-known  damping  factor  which  includes  the  drag,  lift, 
and  pitch-damping  coefficients.  This  solution  is  good  for  the  range 
of  Mach  numbers  where  the  stability  derivatives  are  essentially  con- 
stant as  assumed  in  the  analysis  and  only  undergoes  some  modification 
near  and  below  the  transonic  region  where  the  aerodynamic  character- 
istics change  radically  and  the  motion  has  slowed  to  the  point  where 
the  influence  of  gravity  becomes  significant.  In  this  work  it  was 
shown  that  satisfactory  directional  stability  was  the  factor  of  primary 
concern  down  to  an  altitude  in  the  vicinity  of  100,0CXD  feet  for  the 
densities  of  missiles  generally  under  consideration  and  that  the 


m 


damping  derivatives,  that  is,  the  drag,  lift-curve  slope,  and  the 
damping  in  pitch,  made  themselves  felt  primarily  below  that  altitude. 

The  purpose  of  the  present  investigation  is,  first,  to  discuss  some 
aerodynamic  characteristics  of  blunt  reentry  shapes  and  to  give  some 
indication  of  the  significance  of  these  characteristics  as  related  to 
the  dynamics  of  ballistic-missile  reentry  bodies,  second,  to  discuss  the 
dynamics  of  a manned  lightweight  reentry  capsule  and,  third,  to  mention 
a few  points  in  connection  with  work  on  slender,  high- terminal- velocity 
bodies  for  ballistic  missiles. 


SYMBOLS 


drag  coefficient 

lift-coefficient  derivative  with  respect  to  angle  of  attack, 
per  radian 


Cmq  + Cm^ 


pitch-damping  derivative  based  on 


I 

27 


I characteristic  length,  generally  maximimi  diameter 

a radius  of  gyration 

M Mach  mmiber 

a angle  of  attack 

OE  angle  of  attack  on  reentry  to  atmosphere 

W weight  of  reentry  body 

A reference  area,  generally  maximum  cross-sectional  area 

Cjj  normal-force  derivative  with  respect  to  angle  of  attack, 

per  radian 

ly  moment  of  Inertia 


7 

Cma 

V 


flight -path  angle,  positive  up 

pitching-moment-coefficient  derivative  with  respect  to 
angle  of  attack,  nondimensionalized  by  reference  area 
and  length,  per  radian 

forward  velocity 
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R 


Reynolds  nvunber 


f 


frequency 


%iax 


maximum  dynamic  pressure 


t 


time 


DISCUSSION 


Examples  of  the  pitch  damping  obtained  for  blxmt  shapes  at  various 
Mach  mmibers  are  shown  in  figures  1 and  2.  The  data  shown  in  these 
figures  in  the  subsonic  Mach  number  range  were  obtained  in  the  Ames 
12-foot  pressure  tunnel  by  Donald  A.  Buell,  whereas  those  in  the  super- 
sonic Mach  number  range  were  obtained  in  the  Ames  8-  by  7-foot  Unitary 
Plan  vind  tunnel  by  Benjamin  H.  Beam.  Figure  1 shows  results  obtained 
on  a very  shallow  reentry  shape.  It  can  be  seen  that  imstable  pitch 
damping  is  obtained  in  the  supersonic  region  for  this  shape  with  a mod- 
erately sized  afterbody.  This  would  result  in  an  undesirable  dynamic 
behavior  of  this  configuration  unless  there  is  an  appreciable  modifica- 
tion of  the  pitch  damping  in  the  lower  or  higher  supersonic  Mach  mmiber 
« range . 


One  of  the  most  interesting  points  in  connection  with  these  data 
is  the  influence  of  afterbody  shape.  At  the  supersonic  Mach  numbers 
increasing  the  size  of  the  afterbody  was  beneficial  (made  the  pitch 
damping  more  negative),  whereas  at  both  subsonic  and  supersonic  speeds 
reducing  the  size  of  the  afterbody  was  beneficial.  This  beneficial 
effect  of  afterbody-size  reduction  at  subsonic  speeds  is  better  shown 
by  the  data  of  figure  2 which  are  for  a parabolic  configuration.  For 
this  configuration,  reduction  of  afterbody  size  produced  a pronounced 
effect  at  subsonic  speeds  but  had  essentially  no  effect  at  the  super- 
sonic speeds.  Also,  the  pitch  damping  for  this  configuration  was  stable 
in  the  supersonic  region  as  contrasted  with  the  results  for  the  more 
shallow  configuration  of  figure  1. 

A factor  that  has  been  given  some  attention  in  connection  with 
damping  measurement  is  that  of  the  influence  of  a small  angle  of  attack 
that  may  arise  from  \Hisymmetrlcal  distortion  of  the  body.  In  the  case 
of  the  blunt  shallow  reentry  shapes  this  effect  has  been  found  to  be 
quite  significant  at  a Mach  nimiber  of  2.5-  (See  fig.  3*)  Small  angles 
of  attack  are  siifflcient  to  cause  marked  changes  in  the  pitch  damping. 

In  the  case  of  the  configuration  with  a moderate  afterbody  the  damping 
is  changed  from  an  unstable  value  to  a stable  one  by  a change  of  2°  in 
angle  of  attack.  Damping  of  the  configuration  with  a small  afterbody. 
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however,  becomes  unstable  at  2°  angle  of  attack.  These  results  show  a 
decided  nonlinear  damping  behavior  which  dictates  the  study  of  pitch 
damping  to  amplitudes  commensurate  with  those  to  be  tolerated  in  the 
particular  application  in  order  to  obtain  a reasonable  perspective. 

The  results  shown  in  figure  5 indicate  the  strong  probability  of  limit 
cycle  operation  for  the  model  with  the  moderate -sized  afterbody. 

The  effect  of  a change  in  pitch  damping  on  reentry  body  motion  is 
shown  in  figure  4.  Calculations  are  shown  in  this  figure  for  optimimi- 
range  intercontinental-ballistic-missile  (ICHVI)  reentry  conditions  for 
which  the  aerodynamic  derivatives  used  are  given  in  table  I.  These 
calculations  were  made  by  use  of  an  IBM  type  70^  electronic  data  proc- 
essing machine.  The  complete  nonlinear  equations  of  motion  were 
employed.  In  one  case  in  figure  h-  the  aerodynamic  characteristics 
correspond  generally  to  those  of  the  shallow  body  with  moderately  sized 
afterbody,  and  in  the  other  case  the  aerodynamic  characteristics  corre- 
spond generally  to  those  of  the  shallow  body  with  a small  afterbody. 

It  can  readily  be  seen  that  an  increase  of  damping  is  beneficial.  The 
calculation  diverges  to  considerably  greater  amplitude  prior  to  a Mach 
number  of  1 for  negative  pitch  damping  than  for  zero  pitch  damping. 

When  the  stable  subsonic  pitch  damping  comes  into  play,  the  motion  of 
the  body  with  small  afterbody  subsides.  The  calculation  with  negative 
pitch  damping  was  not  carried  completely  to  the  ground.  It  should  be 
remembered  that  limit  cycle  performance  will  very  probably  prevent 
bodies  similar  to  the  shallow  model  with  moderately  sized  afterbody 
from  exceeding  a certain  relatively  small  amplitude.  In  general,  con- 
siderable divergence  can  be  tolerated  prior  to  a Mach  number  of  1.0  if 
good  subsonic  damping  is  present  and  care  is  taken  not  to  have  too 
great  an  angle  of  attack  at  reentry.  Pitch  damping  as  great  as  -0.3 
would  give  an  almost  linear  decay  of  the  pitching  motion  to  zero  ampli- 
tude at  about  an  altitude  of  J+0,000  feet.  Artificial  pitch  damping  as 
great  as  -5.0  would  cause  the  motion  to  subside  by  the  time  an  altitude 
of  100,000  feet  is  reached. 

One  possibility  for  improving  the  stability  characteristics  of  sub- 
sonic reentry  bodies  in  the  transonic  region  that  has  been  given  some 
thovight  involves  the  use  of  a spool- like  form  as  shown  in  figures  5 and  6. 
These  data  were  obtained  in  the  Langley  transonic  blowdown  tunnel  and 
Mach  3 jet  by  Lewis  R.  Fisher  and  William  Letko,  respectively.  The 
theory  behind  the  use  of  this  configuration  is  that  the  flare  at  the 
end  of  the  body  will  be  extremely  effective  in  the  near  transonic  region 
and,  hence,  will  contribute  to  the  pitch  damping  in  large  meas\rre  at  low 
speeds  but  will  not  greatly  affect  the  aerodynamic  characteristics  nor 
will  the  flare  encoimter  great  heating  loads  at  the  higher  speeds,  because 
of  its  location,  if  it  is  made  sufficiently  small.  Some  beneficial  effect 
should  be  obtained  for  this  arrangement  at  the  extremely  high  reentry 
altitudes  because  of  the  improvements  in  directional  stability  at  the 
large  angles  of  attack  that  may  be  encoiontered  without  precise  orienta- 
tion by  automatic  means.  It  can  be  seen  that  a surprisingly  large  value 


of  directional  stability  is  obtained  with  this  arrangement  in  comparison 
with  that  obtained  with  the  simple  flared  model  at  the  left  in  figure  5- 
Results  at  a Mach  number  of  3*0  on  somewhat  different  models  Indicate 
that  spool  models  do  not  experience  as  great  an  increase  of  stability 
over  simple  flared  models  for  supersonic  speeds  as  was  the  case  for 
transonic  speeds  (fig.  6).  The  damping  in  pitch  of  a spool  model  can 
be  seen  from  the  data  of  figure  J.  These  data  were  obtained  in  the 
Langley  high-speed  7-  tiy  10-foot  tunnel  by  Herman  S.  Fletcher.  The 
simple  flared  model  shows  unstable  damping  at  the  higher  subsonic  speeds, 
whereas  the  spool  model  shows  a powerful  damping  influence.  It  is  quite 
likely  that  an  optimum  spool  shape  would  have  less  flare  than  the  models 
for  which  data  are  shown  because  these  models  have  more  directional  sta- 
bility than  is  required. 

The  unstable  pitch  damping  shown  for  the  simple  flared  model  as 
the  transonic  region  is  approached  has  been  obtained  for  other  shapes 
in  greater  or  lesser  degree  and  has  caused  some  concern.  However,  a 
considerable  degree  of  unstable  damping  may  be  tolerated  in  the  transonic 
region  for  subsonic-terminal-velocity  bodies  which  make  rapid  transit  of 
the  transonic  region  if  the  subsonic  pitch  damping  is  stable.  This 
unfavorable  pitch  damping  effect  can  be  seen  from  the  calculations  shown 
in  figure  8,  the  conditions  for  which  are  given  in  table  I.  It  can  be 
seen  in  figure  8 that  a reversal  in  sign  of  the  pitch  damping  in  the 
transonic  region  does  not  impose  an  intolerable  burden  because  not  too 
great  an  amplitude  is  reached  before  the  transonic  region  is  passed. 

The  result  may  be  entirely  different,  of  course,  for  a reentry  body 
having  a transonic  terminal  velocity;  this  body  would  be  exposed  to  any 
transonic  peculiarity  for  a much  longer  period  of  time. 

Recently  there  has  been  a general  belief  that  a high-drag  bluff 
body  would  make  an  adequate  minimum  reentry  body  for  a man-carrying 
satellite  (ref.  2).  In  such  an  application  a low  angle  of  reentry 
would  be  employed  in  order  to  minimize  the  acceleration  on  the  occupant. 
An  example  of  the  motion  of  a vehicle  on  reentry  to  the  atmosphere  is 
shown  in  figure  9.  Aerodynamic  data  for  the  reentry  capsule  shown  in 
this  figure  were  used  for  the  present  calculation.  The  various  mass 
and  aerodynamic  quantities  used  in  the  calculation  are  given  in  table  I. 
The  equations  for  these  calculations  included  the  effect  of  the  earth's 
cirrvature  and  were  integrated  by  use  of  an  lEM  type  704  electronic  data 
processing  machine.  The  sketch  in  figiuce  9 shows  the  general  character 
of  this  reentry.  A maximum  deceleration  of  9.9g  is  encountered  at  an 
altitude  of  1^5^000  feet.  Also  shown  in  this  figure  is  a plot  of  the 
amplitude  envelope  of  the  oscillation  during  reentry  for  an  assumed 
error  in  alinement  with  the  flight  path  of  1°  at  reentry.  The  first 
few  cycles  of  the  oscillation  are  shown  as  a dashed  line  in  the  right- 
hand  side  of  this  plot.  The  amplitude  of  oscillation  at  Mach  number  1 
is  much  the  same  as  that  at  reentry.  Thereafter,  an  increase  in 


divergence  occiors  in  spite  of  the  stable  subsonic  pitch  damping.  The 
damping  factor  is  unstable  in  this  region  as  well  as  for  the  remainder 
of  the  reentry  because  of  the  negative  lift-curve  slope.  An  increase 
of  pitch  damping  in  the  subsonic  region  to  -0.20  effected  by  adding  a 
tail  assembly  or  flare  produces  a more  stable  behavior.  The  frequency 
history  of  the  capsule  during  reentry  is  presented  in  figure  10.  It  is 
evident  from  the  figure  that  the  frequency  and  dynamic  pressure  are  not 
excessive.  The  maximimi  frequency  is  about  1.0  cycle  per  second  which 
occurs  at  an  altitude  of  145^000  feet.  The  maximimi  normal  acceleration, 
which  is  extremely  low  because  of  the  small  normal  lift-curve  slope  and 
small  error  in  alinement  of  the  satellite  on  reentry,  is  about  0.12g 
and  occurs  at  an  altitude  of  about  125^000  feet.  These  results  indicate 
this  to  be  a reasonable  form  of  reentry  vehicle  from  the  stability  point 
of  view. 

An  example  of  the  negative  lift- curve  slopes  of  several  forms  of 
blunt  reentry  bodies  which  contribute  to  the  low-altitude  divergence 
shown  for  the  satellite  is  given  in  figure  11.  These  data  were  obtained 
in  the  Langley  transonic  blowdown  tunnel  by  Lewis  R.  Fisher  and  Joseph  R. 
DiCamillo.  In  this  figure  the  lift-curve  and  pitching -moment-curve 
slopes  are  shown  for  several  blunt  shapes  at  a Mach  mamber  of  1.0.  It 
can  be  seen  that  the  very  blunt  forms  have  destabilizing  negative  lift- 
curve  slopes  and  that  there  is  a pronounced  Reynolds  number  effect  for 
one  of  the  intermediate  shapes.  The  negative  lift-curve  slopes  for  the 
blunt  rounded-corner  forms  shown  in  figure  11  become  somewhat  smaller 
as  the  supersonic  region  is  entered  and  the  aerodynamics  approaches  the 
Newtonian  consideration  more  closely.  Instability  from  this  particular 
source  may  be  well  in  evidence  in  the  terminal  phase  of  flight  for  bodies 
with  relatively  low  pitch  damping. 

Recently,  it  has  become  apparent  that,  for  ballistic  missiles, 
terminal  velocities  to  a Mach  number  of  2.0  or  higher  are  not  unreason- 
able with  present  methods  and  materials.  As  a result,  increased  emphasis 
has  been  given  to  long  slender  shapes  having  low  rather  than  high  drag 
coefficients.  An  examination  of  the  Allen  damping  factor  (ref.  1) 
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Indicates  that  this  trend  is  favorable  inasmuch  as  the  destabilizing 
drag  qmntity  is  reduced  considerably  when  long  slender  shapes  aare  used. 
In  addition,  the  sometimes  troublesome  transonic  region  is  avoided  com- 
pletely, and  the  possibility  of  destabilizing  negative  lift-curve  slopes 
is  eliminated  because  the  lift- curve  slope  of  slender,  more  pointed 
bodies  is  positive. 


One  approach  to  the  design  of  ballistic  missiles  having  high  ter- 
minal velocities  might  be  to  utilize  slender  arrangements  in  the  form 
of  artillery  shells  that  have  no  stabilizing  surfaces  to  protect  from 
heating.  Such  an  arrajigement  would  generally  have  some  degree  of  insta- 
bility if  packaged  more  or  less  uniformly  which  would  have  to  be  co\mter- 
acted  by  sufficiejit  spin  or  by  other  means  to  provide  stabilization.  An 
examination  of  the  spin  stability  criterion  indicates  that  the  required 
spin  rates  axe  likely  to  be  excessive  for  so  complicated  a device  as  a 
reentry  warhead  or  a man-carrying  satellite.  Also,  the  higher  gyroscopic 
stiffness  introduced  tends  to  maintain  large  amplitudes  of  yaw  well  into 
the  region  of  high  heating.  Such  behavior  may  be  advantageous  for  appli- 
cations in  which  appreciable  loss  of  heat  by  radiative  cooling  is  obtained 
in  this  case  a body  could  be  toasted  more  or  less  evenly  on  all  sides. 

Because  of  the  difficulties  of  spin  stabilization  one  of  the  most 
promising  considerations  in  conjunction  with  the  design  of  adequate  sta- 
bility and  damping  into  slender  reentry  bodies  having  high  terminal 
velocities  involves  the  use  of  flares.  It  has  been  shown  by  rocket- 
prope lie d-mode 1 tests  conducted  at  the  Langley  Pilotless  Aircraft 
Research  Station  at  Wallops  Island,  Va.,  that  heating  loads  obtained 
on  the  flared  portion  of  blunt  bodies  are  not  unreasonable.  The  loca- 
tion of  the  flare  at  the  end  of  the  body  is  advantageous  from  the  stand- 
point of  damping  because  lifting  elements  generally  contribute  to  pitch 
damping  in  proportion  to  the  squares  of  their  lever  arms  and  lift  is 
not  generated  by  expanding  portions  of  the  body  in  front  of  the  center 
of  gravity  which  tend  to  cancel  the  contributions  to  stability  of  the 
rearward  portions. 

Work  by  Becker  and  Korycinski  (ref.  5)  has  shown  a tendency  for 
slender  flared  bodies  to  develop  large  regions  of  separated  flow  in 
front  of  the  flare  for  low  Reynolds  numbers  at  Mach  numbers  near  J.O. 

The  net  effect  of  this  phenomenon  is  to  reduce  the  efficiency  of  the 
flare  in  contributing  to  directional  stability.  This  reduction  in 
efficiency  necessitates  a greater  area  of  flare  than  might  be  antici- 
pated otherwise. 

A measure  of  the  pitch  damping  of  two  of  these  rocket-propelled 
models  from  a program  conducted  by  John  C.  McFall,  Jr.,  together  with 
data  from  tests  of  a flared  rounded-nose  model  at  Thompson  Aeroballistics 
Laboratory,  is  given  in  figure  12.  These  data  are  referenced  to  frontal 
body  diameter  and  area  rather  than  to  base  diameter  and  area.  Adequate 
pitch  damping  is  shown  for  all  of  the  models  in  the  supersonic  region, 
but  definite  unstable  values  exist  for  the  flared  and  the  blunt  cylinder 
models  in  the  subsonic  region.  Similar  results  have  been  obtained  at 
subsonic  Mach  nmbers  for  a flared  blunt  model  in  wind-tunnel  tests  at 
the  Langley  Laboratory.  Rocket-propelled-model  tests  on  simple  10°  cone 
models  have  indicated  good  damping  at  Mach  numbers  of  approximately  6.0. 
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In  one  rocket-propelled-model  flight,  a 10°  amplitude  wandering 
motion  of  a flared  model  was  obtained  in  the  transonic  region.  Fig- 
\ire  15  shows  the  time  history  in  this  particular  flight  of  the  flared 
model  compared  with  a time  history  for  a more  stable  configuration. 

At  least  one  wind-tunnel  measurement  has  indicated  that  this  flared 
configuration  has  'unstable  damping  in  the  s'absonic  region.  It  is  q'oite 
possible,  of  course,  that  the  sharp  corner  is  an  undesirable  feature  of 
the  flared  configuration  with  regard  to  damping. 


CONCLUDING  REMARKS 


With  proper  allowance  for  desirable  geometrical  features,  the  attain- 
ment of  satisfactory  stability  of  reentry  bodies  with  subsonic  terminal 
velocities  is  not  too  difficult  but  in  efforts  to  minimize  weight  in 
solution  of  the  heating  problem  undesirable  features,  such  as,  extremely 
flat  noses,  short  skirts,  and  bulging  afterbodies,  may  be  incorporated 
into  the  system.  Use  of  these  features  will  require  a much  more  precise 
determination  of  stability  because  they  may  produce  marginal  character- 
istics. The  attainment  of  satisfactory  stability  of  reentry  bodies  with 
supersonic  terminal  velocities  appears  to  offer  fewer  problems  but  a 
number  of  good  measurements  of  pitch  damping  are  needed  for  low  drag 
shape  s . 
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EFFECT  OF  BODY  SHAPE  ON  PITCH  DAMPING 


Figure  1 
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EFFECT  OF  CONTRACTION  NEAR  CENTER  OF  BODY 
M = 1 ; R = 5.6  X 10® 


Figiore  5 


EFFECT  OF  CONTRACTION  NEAR  CENTER  OF  BODY 
M»3 ; R=6xi0® 


Figure  6 
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EFFECT  OF  CONTRACTION  NEAR  CENTER  OF 
BODY  ON  PITCH  DAMPING 
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EFFECT  OF  UNFAVORABLE  DAMPING  IN  TRANSONIC  REGION 
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MOTION  OF  BALLISTIC  REENTRY  CAPSULE 

y = -3«  AT  400,000  FTi  Qg  s I* 

— 25,400  FPS 
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MOTION  OF  BALLISTIC  REENTRY  CAPSULE 
y = -3®  AT  400,000  FT ; aE=l* 
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PITCH  DAMPING  OF  HIGHER  FINENESS  RATIO  MODELS 
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AERODYNAMIC  PERFORMANCE  OF  HYPERSONIC  GLIDERS 


By  C.  A.  Syvertson 
Ames  Aeronautical  Laboratory 

and  Charles  H.  McLellan 
Langley  Aeronautical  Laboratory 


INTRODUCTION 


There  are  three  major  considerations  which  infl\ience  the  design  of 
a hypersonic  glider.  First,  there  is  aerodynamic  heating;  second,  aero- 
dynamic performance;  and  third,  stability  and  control.  The  heating  and 
structure  problems  were  discussed  in  a previous  paper  by  William  A. 
Brooks,  Jr.,  Roger  A.  Anderson,  and  Robert  T.  Swann.  Aerodynamic  per- 
formance will  be  discussed  in  this  paper;  and  stability  and  control  are 
discussed  in  reference  1.  Since  aerodynamic  heating  is  one  of  the  most 
important  factors  at  hypersonic  speeds,  the  attainment  of  high  aerody- 
namic performance  is  not  always  desirable  since  it  can  prolong  flight 
times  at  conditions  of  high  heating  rates.  This  situation  exists  par- 
ticularly at  speeds  in  the  neighborhood  of  20, OCX)  feet  per  second.  At 

• somewhat  lower  speeds  as  might  be  required  for  ranges  of  the  order  of 
5,000  nautical  miles,  however,  aerodynamic  performance  or  lift-drag 
ratio  has  its  usual  importance  in  determining  range  (ref.  2).  Since 
there  seems  to  be  little  problem  in  obtaining  low  lift-drag  ratios  at 

• hypersonic  speeds,  the  discussion  in  this  paper  will  be  confined  to  the 
achievement  of  high  lift-drag  ratios  and  to  the  discussion  of  some 
recently  obtained  results.  Some  previous  work  on  this  subject  may  be 
found  in  references  5 to  5- 


RESULTS  AND  DISCUSSION 


In  figiire  l(a),  maximimi  lift-drag  ratios  ( are  presented  for 

three  simple  glider  configurations  as  a function  of  equivalent  Mach  num- 
ber Mgq.  All  three  configurations  had  the  same  arrow-plan-form  wing 

with  77*^°  of  leading-edge  sweep  and  an  aspect  ratio  of  1.4.  Three  dif- 
ferent fuselage  locations  were  tested.  In  one  case  the  fuselage  was  a 
half -cone  mounted  entirely  beneath  the  wing  in  a flat-top  arrangement. 
This  model  is  shown  in  figure  l(a).  With  this  flat-top  arrangment,  the 
wing  experiences  favorable  lift  interference  from  the  pressure  field  of 
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the  fuselage  (refs.  5 to  8).  In  the  second  case,  the  fuselage  was 
symmetrically  disposed  relative  to  the  wing.  In  this  case,  the  body  had 
a smaller  diameter  to  keep  the  volume  the  same  as  that  for  the  flat-top 
model.  In  the  third  case,  the  fuselage  was  a half-cone  located  entirely 
above  the  wing  in  a flat-bottom  arrangement.  According  to  impact  theory, 
this  arrangement  should  be  the  most  efficient  at  hypersonic  speeds.  (See 
refs.  9 to  11. ) 

All  of  the  results  have  been  corrected  to  flight  conditions  with 

an  assimied  transition  Reynolds  number  of  3 X 10^  and  with  base  drag 

included.  The  base-pressure  coefficient  was  assumed  to  be  The 

m2 

methods  employed  to  correct  the  skin  friction  are  given  in  references  12 
to  15. 

At  Mach  numbers  from  3 to  6,  the  results  were  obtained  by  standard 
test  techniques  and  are  shown  by  the  open  symbols.  At  these  speeds,  the 
results  support  previous  findings  that  the  use  of  favorable  lift  inter- 
ference can  significantly  improve  aircraft  performance. 

At  Mach  numbers  greater  than  6 the  results  were  obtained  by  appli- 
cation of  the  hypersonic  similarity  rule  and  are  shown  by  the  solid  sym- 
bols. This  rule  is  thoroughly  treated  in  references  16  to  18,  and  in 
the  present  tests  it  was  employed  as  follows:  A second  set  of  models 

were  constructed  with  thickness-to-chord  and  span-to-chord  ratios  doubled 
relative  to  the  original  models.  These  models  were  also  tested  at  Mach 
numbers  from  3 to  6 and  with  the  aid  of  relations  given  by  the  similarity 
rule;  the  data  were  transformed  to  give  results  applicable  to  the  orig- 
inal models  at  twice  the  actuial  test  Mach  number.  Since  these  data 
were  obtained  in  this  manner,  the  abscissa  of  figure  l(a)  is  labeled 
equivalent  Mach  number. 

The  two  sets  of  results  overlap  at  a Mach  number  of  6 and  show  good 
agreement,  and  the  differences  between  corresponding  points  is  2 percent 
or  less.  These  results  show  that  the  differences  between  the  three  fuse- 
lage arrangements  decrease  with  increasing  Mach  number  and  are  of  the 
order  of  a few  percent  at  a Mach  number  of  12. 

Similar  trends  are  shown  in  figure  l(b)  for  uncorrected  wind-tunnel 
test  results.  For  Mach  numbers  M of  6.9  and  9-6,  the  results  were 

obtained  from  tests  in  air  at  a Reynolds  number  R of  0. 69  X 10  . Those 
for  a Mach  number  of  13  were  obtained  from  tests  in  helium  at  a Reynolds 
number  of  3*1  x 10^.  This  much  higher  test  Reynolds  number  accounts  for 
the  lift-drag  ratios  being  higher  at  this  Mach  number.  The  upper  part 
of  figure  l(b)  is  for  a model  with  a modif ied-arrow-plan-form  wing  and 
a minimum-drag  body  of  revolution  (ref.  19)*  In  this  case,  a symmetric 


* 
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model  with  the  same  volvune  distribution  was  also  tested  at  a Mach  number 
of  6.9-  The  configuration  shown  in  the  bottom  part  of  figure  l(b)  h^d 
an  arrow  wing  and  a conical  fuselage  of  slightly  different  cone  angle 
than  the  configuration  shown  in  figure  l(a).  The  trends  shown  in  fig- 
irre  l(b)  are  essentially  the  same  as  those  shown  in  figure  l(a).  In 
this  case,  however,  the  symmetric  model  was  slightly  more  efficient 
the  flat-top  model  at  a Mach  number  of  6.9-  In  addition,  the  differ- 
ences at  the  higher  Mach  numbers  are  even  less  than  those  shown  in  fig- 
ure l(a).  In  fact,  no  difference  was  measured  at  the  higher  Mach  ntm- 
bers.  The  conclusion  here  is  clear.  At  the  higher  Mach  numbers,  the 
effect  of  fuselage  arrangement  is  small  and  the  choice  for  a particular 
glider  will  depend  on  factors  other  than  performance. 

None  of  the  models  discussed  thus  far  were,  of  course,  directionally 
stable.  One  scheme  suggested  for  achieving  directional  stability  is  to 
use  deflected  wing  tips  (ref.  5).  Some  indication  of  the  performance 
penalty  this  scheme  involves  is  shown  in  the  bar  graph  in  figure  2. 

These  results  are  for  the  models  shown  in  the  upper  part  of  figxjre  l(b) 
and  are  at  a Mach  number  of  6.9.  In  all  cases  the  tips  were  deflec- 
ted 45°.  The  resxats  indicate  that  deflection  of  the  wing  tips  always 
produces  a penalty,  but  for  either  a flat-top  or  flat-bottom  model  the 
penalty  is  smaller  if  the  tips  are  bent  downward.  For  the  symmetric 
model  there  is  no  difference. 

With  these  results  in  mind,  the  performance  of  gliders  which  are 
stable  both  longitudinally  and  directionally  will  be  considered.  Since 
fuselage  location  has  a small  effect,  first,  a flat-top  design  is  con- 
sidered and  then  a flat-bottom  design  is  considered.  The  aerodynamics 
of  both  configiorations  has  been  studied  in  some  detail,  but  only  a sum- 
mary of  the  results  will  be  discussed  herein. 

The  flat-top  glider  is  shown  in  figure  5(a).  The  dimensions  shown 
are  those  estimated  for  a full-scale  vehicle  which  could,  if  so  desired, 
be  man  carrying.  The  fuselage  is  formed  from  a minimum-drag  body  of 
revolution.  The  weight  was  estimated  to  be  about  22,000  pounds  exclu- 
sive of  fuel  with  the  center  of  gravity  at  j6  percent  of  the  root  chord. 

The  wing  is  of  essentially  arrow  plan  form  with  the  tips  expanded 
to  provide  for  controls.  The  leading-edge  sweep  is  77.4°;  the  aspect 
ratio,  approximately  1;  and  the  wing  loading  is  20  pounds  per  square 
foot.  The  wing  and  fuselage  are  blunted  because  of  aerodynamic  heating. 
To  provide  directional  stability,  the  wing  tips  have  a droop  of  45° 
about  a line  toed  in  3°  with  respect  to  the  plane  of  symmetry.  To  sup- 
plement directional  stability  at  Mach  numbers  less  than  6,  a retractable 
ventral  fin  is  provided.  Longitudinal  and  lateral  control  are  obtained 
from  plane  trailing-edge  flaps  at  the  wing  tips.  Directional  control 


at  low  Mach  numbers  is  provided  by  a conventional  rudder  on  the  ventral 
fin  and  at  high  Mach  numbers,  by  body  flaps  which  can  also  function  as 
dive  brakes. 

For  this  glider,  a scale  model  and  a hypersonically  similar  model 
with  thickness-to-chord  and  span-to-chord  ratios  doubled  were  tested  in 
air  at  Mach  numbers  from  5 to  6 in  the  manner  described  previo\isly.  In 
addition,  the  scale  model  was  tested  in  helim  at  a Mach  number  of  12 
and  the  similar  model  was  tested  at  a Mach  number  of  9 in  order  to  pro- 
vide data  for  a Mach  number  of  l8. 

The  performance  results  are  summarized  in  figure  3(^)  where  trim 
lift-drag  ratios  are  shown  for  equivalent  flight  Mach  numbers  from  3 
to  l8.  At  Mach  numbers  less  than  6,  the  symbols  are  flagged  to  indicate 
that  the  ventral  fin  was  extended.  Althoiigh  these  results  were  obtained 
from  fotir  test  techniques,  the  overall  variation  of  lift-drag  ratio 
appears  to  be  consistent.  The  decrease  in  lift-drag  ratio  at  lower  Mach 
numbers  is  associated  with  the  increased  contribution  of  base  drag.  The 
decrease  at  higher  -Mach  numbers  is  associated  in  part  with  the  relative 
increase  in  skin  friction  and  in  part  with  the  increased  drag  due  to 
lift.  In  general,  the  results  indicate  that  lift-drag  ratios  between 
about  5 and  6 are  obtainable  with  the  flat-top  glider. 

The  flat-bottom  glider  is  shown  in  figure  ^(a).  Again  the  dimen- 
sions are  those  estimated  for  a full-scale  man-carrying  vehicle.  The 
weight  was  also  about  22,000  poionds  and  the  center  of  gravity  was  esti- 
mated to  be  at  42  percent  of  the  mean  aerodynamic  chord  which  was  the 
center  of  pressure  at  low  subsonic  speeds  and  which  was  used  in 
reference  20. 

The  wing  has  a triangular  plan  form  with  78.2°  of  lead.ing-edge  sweep. 
The  nose  and  leading  edge  are  blunted  as  indicated.  In  order  to  provide 
a positive  trimming  moment  and  thus  reduce  trim-drag  penalties,  the  for- 
ward section  of  the  glider  has  been  cambered  upward  6°.  Directional 
stability  is  provided  by  fins  located  at  the  wing  tips.  These  fins  are 
toed  in  6.8°  to  improve  their  effectiveness.  Longitudinal  and  lateral 
control  are  provided  by  trailing-edge  flaps  and  directional  control  is 
provided  by  rudders  on  the  tip  fins. 

The  aerodynamic  performance  at  flight  conditions  for  this  glider 
is  shown  in  figure  4(b).  The  curves  shown  were  obtained  theoretically, 
allowing  the  altitude  and  Reynolds  mmiber  to  vary  as  required  to  main- 
tain the  wing  loading.  The  base-pressure  coefficient  was  assumed  to 

be  For  the  upper  set  of  curves,  laminar  boundary  layer  was  assmed 

M^ 

nnd  the  glider  was  untrimmed  ajid  had  no  directional  surfaces.  The  dif- 
ference between  the  dashed  and  solid  curves  indicates  the  magnitude  of 


bolindary- layer  displacement  effects  (refs.  15  and  21)  on  maximvun  lift- 
drag  ratio  for  flight  conditions.  It  is  observed  that  in  this  case  the 

effect  on  ( — ) is  small.  The  effects  of  the  boundeiry- layer  displace- 

ments  are  discussed  in  references  15  and  21.  The  assumption  of  a laminar 
boundary  layer  iS  undoubtedly  optimistic  and  for  the  three  lower  curves 

a local  transition  Reynolds  number  t of  5 x 10^  was  assumed.  The 

middle  curves  are  for  the  glider  without  directional  sirrfaces  and  show 
the  effect  of  trim.  A very  small  trim  penalty  results  when  a cambered 
nose  is  used;  in  fact,  the  two  curves  are  so  nearly  coincident  that  they 

appear  as  a single  heavy  line.  Experimentally,  no  loss  in  (^)  was 

detectable  when  the  nose  camber  was  incorporated.  For  the  bottom  curve, 
the  configuration  is  trimmed  and  the  directional  surfaces  are  included. 
Achieving  directional  stability  results  in  a decrement  in  lift-drag  ratio 
of  about  0.5.  The  tip  fins  used,  however,  have  not  been  optimalized  from 
the  standpoint  of  lift-drag  ratio. 

Experimental  results  corrected  to  flight  conditions  are  shown  for 
comparison;  the  flagged  symbols  correspond  to  the  lower  c\irve.  In  gen- 
eral, the  agreement  is  good  and  provides  considerable  confidence  in  the 
theoretical  estimates.  Essentially,  the  same  methods  have  been  used  in 
calcxaating  the  boxandary  layer  as  were  used  in  references  15  and  21  where 
excellent  agreement  was  found  in  predicting  model  skin  friction  in  the 
tunnel.  For  the  trimmed  and  directionally  stable  glider,  the  lift-drag 
ratios  varied  between  about  5 sud  6.  These  values  are  essentially  the 
same  as  those  for  the  flat-top  glider  and,  in  fact,  the  trends  in  lift- 
drag  ratio  with  Mach  number  are  also  very  similar. 


CONCLUDING  REMARKS 


These  results  have  shown  something  of  the  aerodynamic  performance 
obtainable  with  hypersonic  gliders.  From  the  lift-drag  ratios  obtained 
in  these  studies,  estimates  have  been  made  of  the  range  capabilities 
of  the  gliders.  The  results  were  essentially  the  same  for  both  flat- 
top  and  flat-bottom  configurations.  With  an  initial  glide  velocity  of 
12,000  feet  per  second,  the  range  was  estimated  to  be  about  2,200  nau- 
tical miles.  For  an  initial  velocity  of  l8,000  feet  per  second,  it 
was  5^700  nautical  miles. 
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FLIGHT(-k)  FOR  FLAT-TOP  GLIDER 
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FLIGHT  flat-bottom  GLIDER 
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SmTIC  STABILITY  AND  CONTROL  OF  HYPERSONIC  GLIDERS 
By  Robert  W.  Rainey 
Langley  Aeronautical  Laboratory 


SUMMARY 


A study  has  been  made  of  the  static  stability  and  control  problems 
associated  with  several  hypersonic  boost  gliders.  It  appears  that,  in 
general,  it  is  possible  to  obtain  the  desired  trim  features.  The  flat- 
top  configuration  was  foixnd  to  be  essentially  self  trimming,  whereas  for 
the  flat-bottom  configuration  negative  camber  provided  an  effective 
means  to  trim.  Furthermore,  at  the  low  angles  of  attack,  directional 
stability  and  control  were  adeqiiate  for  the  complete  configurations 
investigated;  however,  there  is  a need  for  further  study  of  directional 
stability  in  the  high  angle -of -attack  range  and  of  lateral  stability  at 
all  angles  of  attack. 


INTRODUCTION 


The  aerodynamic  characteristics  of  two  categories  of  winged  hyper- 
sonic boost  gliders  have  been  studied.  One  of  these  includes  moderate 
range  vehicles  which  operate  in  the  sensible  atmosphere  at  relatively 
high  lift-drag  ratios;  the  other  includes  vehicles  which  might  be  used 
for  manned  reentry  and  do  not  require  high  lift-drag  ratios.  Some  lift- 
drag  characteristics  of  the  high  lift-drag-ratio  vehicles  are  discussed 
in  reference  1.  Some  aspects  of  the  static  stability  and  control  will 
be  presented  herein. 


SYMBOLS 


b 

wing  span 

^D 

drag  coefficient. 

Drag 

Cl 

lift  coefficient. 

Lift 

10 


152 

Cl 

Rolling  moment 

rolling -moment  coefficient,  

q S„b 

00  w 

Pitching  moment 

pitching-moment  coefficient^  

^00  w 

M 

Cn 

. Yawing  moment 

yawing -moment  coefficient,  

c 

chord 

c 

mean  aerodynamic  chord 

i 

incidence  angle,  deg 

l/d 

lift-drag  ratio , Cl/Cj) 

M 

Mach  number 

q 

dynamic  pressure 

0 

s 

plan-form  area 

n 

a 

angle  of  attack,  deg 

P 

angle  of  sideslip,  deg 

0 

6 

control  deflection  angle,  deg 

Subscripts : 

EQ 

equivalent 

e 

elevator 

f 

flap 

N 

nose 

R 

wing  root 

r 

mdder 

m 

— 

0 
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w wing  (with  tips  undrooped  for  flat -top  configuration) 

00  free  stream 


DISCUSSION 


Since  a substantial  portion  of  the  flight  of  gliders  will  be  at,  or 
near,  trim  conditions,  it  is  instructive  to  consider  the  approximate 
range  of  interest  in  trim  characteristics.  (See  table  I.)  In  table  I, 
the  high-lift -drag-ratio  type  of  glider  is  envisioned  as  being  the  type 
that  operates  in  the  atmosphere  at  values  of  trimmed  l/d  of  the  order 
of  5 to  obtain  ranges  of  the  order  of  5^000  nautical  miles.  The  low- 
lift -drag-ratio  type  of  glider  is  applicable  to  global  missions  or  pos- 
sibly orbital  reentry  missions.  Trimmed  angles  of  attack  greater  than 
45°,  as  indicated  in  table  I,  would  undoubtedly  be  necessary  to  obtain 
values  of  trimmed  l/d  of  the  order  of  one-half  for  the  winged  vehicles 
considered. 


# 


High-Lift-Drag-Ratio  Type  of  Gliders 

Firstly,  a flat -top  configuration  will  be  considered  (fig.  1) . Lon- 
gitudinal and  lateral  control  is  obtained  by  use  of  wing-tip  flaps.  Direc- 
tional control  at  subsonic  and  supersonic  speeds  is  obtained  by  use  of  the 
rudder  on  the  ventral  fin.  At  hypersonic  speeds  (M  > 6),  body  flaps  pro- 
vide the  directional  control  and  may  serve  as  speed  brakes  at  all  speeds. 
Studies  of  the  static  stability  and  control  characteristics  have  been  made 
by  Thomas  J.  Wong  of  the  Ames  10-  by  l4-Inch  Supersonic  Wind  Tunnel  Branch. 


The  longitudinal  stability  and  control  characteristics  at  trim  for 
this  flat-top  configuration  are  presented  in  figure  2.  The  open  symbols 
are  for  results  obtained  by  use  of  scale  models  at  the  Mach  numbers  indi- 
cated. The  flagged  symbols  indicate  that  the  ventral  fin  was  extended. 
Solid  symbols  designate  results  obtained  with  hypersonically  similar 
models  at  the  equivalent  free-stream  Mach  number  as  obtained  from  the 
hypersonic  similarity  law.  (See  ref.  1.)  At  supersonic  speeds,  the 
variation  in  pitching  moment  with  lift  coefficient  was  reasonably  linear 
and  CmQ  was  essentially  invariant  with  Mach  number.  The  usual  desta- 


bilizing shift  at  subsonic  speeds  is  about  O.O5  and  the  glider  is  neu- 
trally stable.  At  subsonic  speeds  in  the  high- lift  range,  however,  a 
pitch-up  tendency  was  found.  Elevator  deflection  required  for  trim  is 
shown  on  the  lower  part  of  figure  2.  The  deflections  required  are 
small;  thus  the  glider  is  essentially  self -trimming. 


Directional  stability  is  shown  in  figure  3 a function  of  equiva- 
lent Mach  number  for  two  angles  of  attack,  5^  and  7^.  It  is  clear  that 
the  glider  maintains  directional  stability  throughout  the  ranges  of  Mach 
number  and  angle  of  attack  shown,  although  at  lower  Mach  numbers  this 
stability  is  achieved  with  the  aid  of  the  ventral  fin.  At  Mach  numbers 
around  3;  there  is  some  loss  in  stability  with  increasing  angle  of  attack. 


Lateral  stability  is  shown  in  figure  4.  Here  it  is  observed  that 
is  sometimes  positive;  that  is,  the  effective  dihedral  is  negative, 


particularly  at  the  higher  Mach  numbers  and  lower  angles  of  attack.  Some 
roll  instability  is,  therefore,  indicated.  Automatic  roll  stabilization 
for  the  glider  has  been  studied,  but  the  situation  is  complicated  by  the 
fact  that  the  roll  controls  are  located  on  the  drooped  wing  tips.  Thus, 
aileron  deflection  produces  yawing  as  well  as  rolling  moments.  A satis- 
factory roll-stabilization  scheme  was  found  only  after  both  the  ailerons 
and  body-flap  controls  were  employed  in  combination. 


Secondly,  a flat-bottom  configuration  is  considered  (fig.  5)  which 
has  negative  camber  to  provide  trim,  trailing-edge  flaps  for  longitudinal  • 
and  lateral  control,  and  rudders  on  the  toed-in  wing -tip  fins  for  direc- 
tional control. 


Calculations  of  the  longitudinal  stability  characteristics  of  the 
basic  body-wing  combination  without  negative  camber  have  been  made  at 
free -stream  Mach  niimbers  from  6.9  to  18.  The  configuration  is  shown  in 
figure  6 along  with  the  flow  fields  assumed  in  the  theoretical  analysis. 

It  was  assumed  that  the  half -cone  and  cylinder  of  the  body  operated  in 
the  local  flow  of  the  upper  wing  s-urface  throughout  the  ranges  of  a 
and  M.  The  interference  region  is  shown  shaded  and  bounded  by  the 
inviscid  shock  wave  generated  by  the  nose  cone  and  the  average  expansion 
from  the  cone-cylinder  juncture.  Constant  pressure  was  ass-umed  in  the 
region  between  the  two  average  expansions  as  well  as  between  the  wing 
leading  edge  and  nose-cone  shock  waves.  Two-dimensional  analysis  was 
applied  to  the  lower  wing  surface.  Finally,  through  the  use  of  experi- 
mental results,  the  induced  effects  and  effects  of  leading-edge  shock 
detachment  were  included.  This  was  accomplished  by  first  plotting  the 
ratio  of  measured  C^  to  calculated  C^  (using  two-dimensional  shock- 
expansion  theory)  as  a function  of  the  hypersonic  similarity  parameter  Mq, 
(where  = M times  a in  radians)  for  the  wings  of  reference  2.  This 
ratio  of  measixred  Cl  to  calculated  Cl  vas  plotted  for  each  wing, 
and  each  curve  was  designated  as  having  a specific  value  of  M^  (where 
M^  = M times  e in  radians,  and  e is  the  wing  half -apex  angle).  Then, 
by  use  of  the  hypersonic  similarity  relations,  Mq^  and  M^,  the  appropri- 
ate Cl  ratios  were  obtained  and  multiplied  times  the  calculated  values  for 


of  the  vehicle  at  the  four  Mach  numbers  and  various  angles  of  attack. 
Application  of  this  Cj^  ratio  was  also  made  to  the  pitching  moments . 

In  figure  7 it  is  indicated  that  the  calculations  predicted  Cju 
very  well  and  overestimated  Cl  somewhat.  The  Mach  number  effects 
upon  Cm  are  small  and  Cl  is  reduced  somewhat  as  the  Mach  ntimber  is 
increased.  It  is  also  noted  that  in  the  desired  range  of  trim  Cl 
(aroimd  0.08),  there  is  a sizeable  pitching  moment  to  be  trimmed  out. 

The  use  of  several  devices  considered  for  trim  and  control  are  shown 
in  figure  8.  The  trailing-edge  flaps  may  be  considered  for  longitudinal 
and  lateral  control;  in  this  instance  some  means  must  be  provided  for 
directional  stability  and  control.  The  three  wing-tip-rao\anted  controls 
may  be  considered  for  longitudinal,  lateral,  and  directional  stability 
and  control. 


In  figixres  9 and  10  are  presented  the  characteristics  of  the  con- 
figuration with  these  controls  at  deflection  angles  of  0°  and  -20°  at 
M = 6.9.  These  results  demonstrate  the  inability  of  these  controls  to 
produce  trim  in  the  desired  lift -coefficient  range  of  about  O.O8.  The 
highest  values  of  trim  Cl  were  obtained  with  the  trailing-edge  flap, 
and  this  was  only  about  0.045. 


Obviously  a better  method  for  trim  is  required,  and  the  use  of  nega- 
tive camber  appears  adequate  as  shown  in  figure  11.  The  measured  and 
calculated  restilts  of  the  same  configuration  untriramed  and  trimmed  by  the 
use  of  negative  camber  are  presented,  this  means  a trim  lift  coeffi- 
cient of  about  0.09  and  a trim  angle  of  attack  of  about  9°  were  obtained 
and  may  be  accurately  predicted.  A loss  in  stability  was  realized  by 
trimming;  however,  the  configuration  is  longitudinally  stable  at  trim. 
Similar  results  were  obtained  at  M = 9*6. 


In  figure  12  are  presented  the  measured  and  predicted 


Cn 


3 


charac  - 


teristlcs  of  the  configuration  without  and  with  two  types  of  tip  controls. 
For  these  predictions,  the  assumptions  for  the  flow  field  were  similar  to 
those  for  the  longitudinal  calculations.  It  is  seen  that  the  configura- 
tion without  controls  is  directionally  unstable.  The  directional  stability 
parameter  Cnp  with  either  control  is  about  the  same  at  M = 6.9  and 

essentially  invariant  with  Mach  number.  The  predictions  of  Cn^  are  con- 
servative. Additional  results  at  M = 6.9  indicated  that  the  use  of  nega- 
tive camber  had  little  effect  upon  C^p*  Also,  the  control  effectiveness 

parameter  Cng  appeared  to  be  adequate  and  was  predicted  with  reasonable 

accuracy  by  using  conical-flow  theory  for  the  tip  cones  and  oblique-shock 
relations  for  the  tip  fins  at  M = 6.9.  Some  additional  results  of 
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wind-tunnel  tests  at  M = 6.9  indicate  that  Cn^  increases  with  a in 

the  a range  from  0°  to  l6°  and  that  the  configuration  had  positive 
dihedral  effect  at  a greater  than  5°* 


Low-Lift-Drag-Ratio  i^pe  of  Gliders 

Consider  now  the  low-lift-drag-ratlo  type  of  vehicles  which  may  oper- 
ate in  the  atmosphere  or  might  also  be  considered  as  orbital  reentry  vehi- 
cles. As  indicated  in  table  I,  it  appears  desirable  for  these  vehicles  to 
trim  at  angles  of  attack  from  20°  to  ^5°^  or  greater,  at  lift  coefficients 
of  from  about  0.5  to  0.8. 

In  figure  15  are  presented  two  configurations  which  are  of  the  low- 
lift  -drag-ratio  type.  For  the  vehicle  on  the  left,  trim  is  accomplished 
by  the  use  of  trailing -edge  flaps;  the  combined  use  of  deflected  nose  and 
flaps  accomplishes  trim  for  the  vehicle  on  the  right.  In  both  instances, 
the  flaps  in  the  upper  and  lower  surfaces  deflect  in  the  same  direction. 
Cavities  (shown  as  darkened  regions  on  the  rear  of  the  vehicles)  provide 
a means  to  deflect  the  flaps  within  the  vehicles . Both  vehicles  were 
directionally  stable  at  a = 0°  (no  results  for  a>  0°).  Directional 
control  was  accomplished  by  deflecting  the  rearward  portion  of  the  leading 
edges  (shown  by  dashed  lines  in  the  plan  views  in  fig.  15) • 

The  experimental  results  in  figure  l4  indicate  for  this  vehicle  a 
trim  capability  at  Cl  of  about  0.2  at  an  angle  of  attack  of  about  15° 
with  the  flaps  deflected  -20°.  For  the  other  vehicle  (fig.  15) > a trim 
Cl  of  about  0.1+5  and  a trim  a of  about  50°  was  obtained  with  ijj  = 20° 
and  6f  = -10°.  Extrapolation  of  additional  measured  resiolts  (with 
ijj  = 20°  and  = -20°)  show  a trim  capability  at  a Cl  greater  than 

0.7  and  an  a in  excess  of  1+5°.  For  both  vehicles,  optimization  of  the 
combination  of  nose  and  flaps  would  undoubtedly  Increase  the  attainable 
trim  Cl  and  a. 


CONCLUDING  REMARKS 


It  appears  that,  in  general,  it  is  possible  to  obtain  the  desired 
trim  features.  The  flat-top  configuration  was  fo+md  to  be  self -trimming, 
whereas  for  the  flat-bottom  config\u*ation  negative  camber  provided  an 
effective  means  to  trim.  Furthermore,  at  the  low  angles  of  attack, 
directional  stability  and  control  are  adequate  for  the  complete  configu- 
rations investigated;  however,  there  is  a need  for  fvirther  study  of 
directional  stability  in  the  high  angle-of -attack  range  and  of  lateral 
stability  at  all  angles  of  attack. 
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TABLE  I 


DESIRED  CHARACTERISTICS  AT  TRIM 


FVXRAMETER 

TYPE  OF  BOOST  GLIDER 

LOwi 

L 

4 TO  6 

.5  TO  2 

0 

a,  DEG 

6 TO  9 

20  TO  45 

Cl 

0.06  TO  009 

« 03  TO  0.8 

Figure  5 


LATERAL  STABILITY 


EFFECT  OF  CONTROL  ON  LONGITUDINAL 
AERODYNAMIC  CHARACTERISTICS 
Mg,»6.9»  C.g.  AT  0.42  C 


Figure  9 


EFFECT  OF  CONTROL  ON  LONGITUDINAL 
AERODYNAMIC  CHARACTERISTICS 

Mco*6.9;  C.g.  AT  0.42  C 


Cl 


Figure  10 


EFFECT  OF  NOSE  AND  FLAP  INCIDENCES  UPON 
LONGITUDINAL  AERODYNAMIC  CHARACTERISTICS 


EFFECT  OF  TIP  CONTROLS  ON 
DIRECTIONAL  STABILITY  AT  a = 0® 
c.g.  AT  0.42  c 


Figure  12 
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DYNAMIC  LATERAL  BEHAVIOR  OF  HIGH-PERFORMANCE  AIRCRAFT 
By  Martin  T.  Moul  and  John  W.  Paulson 
Langley  Aeronautical  Laboratory 


SUMMARY 


Several  proposed  high-performance  aircraft  have  been  studied 
analytically  and  by  model  flight  tests  to  define  some  problem  areas  in 
dynamic  lateral  behavior  of  high-speed  aircraft  which  require  specific 
attention.  In  particular,  aileron  control  problems  and  Dutch  roll 
characteristics  with  and  without  artificial  damping  were  considered. 

The  results  indicate  that  effective  dihedral  and  cross-control  deriva- 
tives can  have  gross  effects  on  the  lateral  stability  and  controllabil- 
ity of  hypersonic  gliders . 


INTRODUCTION 


Hypersonic  gliders  have  been  proposed  which  would  extend  regions 
of  manned  flight  to  speeds  of  20,000  feet  per  second  and  altitudes 
above  200,000  feet.  These  airplanes,  although  they  would  fly  to  much 
higher  altitudes  than  current  aircraft,  experience  dynamic  motions  and 
control  responses  similar  to  those  of  current  aircraft.  This  is  so 
because  the  dynamic  pressures  encountered  throughout  the  flight  regime 
are  appreciable;  thus,  significant  aerodynamic  forces  and  moments  and 
airplane  natural  frequencies  comparable  to  those  of  today's  aircraft 
are  obtained.  As  a result,  dynamic  stability  and  response  character- 
istics remain  important.  In  this  paper  several  possible  problem  areas 
related  to  the  lateral  behavior  of  high-performance  aircraft  are 
examined. 


SYMBOLS 


b wing  span 

S wing  area 

M Mach  number 


r 


<1 

h 

kl 


k3 

Ix 

Iz 

■^1/2 
Cz  = 


dynamic  pressure 
altitude,  ft 
autopilot  gain,  p 

autopilot  gain,  6g^ 

autopilot  gain,  Sa/'P 

moment  of  inertia  about  x-axis,  slug-ft^ 
moment  of  inertia  about  z-axis,  slug-ft^ 
time  to  damp  to  1/2  amplitude,  sec 


Rolling  moment 
qSb 

Yawing  moment 
q.Sb 


a angle  of  attack 

P angle  of  sideslip 

cp  rolling  velocity 

5a  aileron  deflection 

5j.  rudder  deflection 

% - Kl^ 

ci|3  ■ ac,/3p 


confT 
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DISCUSSION 


Several  stability  and  controllability  problems  related  to  lateral 
behavior  of  high-speed  aircraft,  such  as  effects  of  static  lateral  deriv- 
atives ^np  und  Dutch  roll  stability,  aileron  divergence  cri- 
teria, and  effects  of  and  cross-control  derivatives  on  damper 

design,  are  considered. 

In  reference  to  the  Dutch  roll  stability  the  following  expression 
defines  a parameter  which  is  generally  a primary  factor  in  determining 
the  undamped  natural  frequency  of  the  Dutch  roll  mode.  Negative  values 
of  this  parameter 


= 0 _ aC- 


^H3,dYN  " > ■ 


(1) 


may  lead  to  a divergence.  Although  the  exact  expression  for  the  Dutch 
roll  spring  constant  includes  rotary  derivative  effects,  this  approxi- 
mation which  depends  only  on  the  static  lateral  derivatives  and 

C^p  is  adequate  for  most  cases.  For  flight  conditions  in  which  rotary 

derivatives  are  large,  these  effects  must  be  considered. 


The  contributing  factors  in  C 


are  now  considered.  In  addl- 


>^P,DYN 

tion  to  the  directional  stability,  there  is  a contribution  of  effective 
dihedral  which  is  proportional  to  the  inertia  ratio  I^/Ix  angle  of 

attack.  For  long,  slender,  high-speed  aircraft,  inertia  ratios 
of  10  or  more  are  common.  Thus  the  term  involving  C^p  can  have  a pre- 
dominant effect  even  at  moderate  angles  of  attack.  For  example,  if  the 
aircraft  has  negative  effective  dihedral,  this  term  can  overcome  direc- 
tional stability  and  lead  to  a divergence . In  an  effort  to  obtain  posi- 
tive directional  stability  at  high  Mach  numbers  and  angles  of  attack, 
designers  are  considering  configurations,  for  example,  ventral  fins, 
which  may  lead  to  negative  effective  dihedral.  Thus,  although  is 
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improved,  decreased,  and  a marginally 

airplane  will  res\alt. 


stable  or  \mstable 


Now  consider  the  other  condition  of  positive  effective  dihedral. 
With  positive  effective  dihedral  this  term  can  compensate  for  negative 
directional  stability  and  produce  a stable  airplane.  An  illustration 
of  this  favorable  effect  of  positive  effective  dihedral  and  the  in5)or- 

tance  of  Cn„  will  now  be  presented. 

“3,DYN 

Figure  1 shows  plots  of  and  ^ canard  configura- 

tion discussed  in  reference  1.  These  parameters  are  plotted  against 
angle  of  attack. 


For  this  particular  configuration  having  twin  inboard  vertical 
tails,  Cnp  decreased  with  increasing  angle  of  attack  and  reached  large 

negative  values  in  the  high-angle -of -at tack  range,  where  negative  values 
of  C are  normally  associated  with  a directional  divergence.  The  loss 

of  C-  is  attributed  to  an  effective  change  in  the  angle  of  sideslip 

np 

of  the  vertical  tail  associated  with  the  vortex  flow  from  the  canard 
surfaces.  However,  the  0^^  criterion  indicates  the  airplane  to  be 

stable  up  to  an  angle  of  attack  of 


A model  of  this  configuration  was  tested  in  the  Langley  full-scale 
tvinnel  by  the  free-flying-model  technique  at  angles  of  attack  of  28 
to  55°.  The  model  flew  smoothly  and  was  easy  to  control,  but  at  the 
higher  angles  of  attack  where  goes  to  zero,  the  pilot  observed 

that  the  model  was  becoming  difficult  to  control  as  expected.  • 


The  following  expressions  are  criteria  that  should  be  satisfied 
when  using  rudder  and  aileron  controls  to  maintain  zero  bank  angle . 


For  the  aileron  alone : 


% “ C 


> 0 


(2) 


is. 


For  the  aileron  plus  rudder  proportional  to  sideslip  (Sj.  = 

/C, 


■'no 


- C7„  ^4-  kiU^Cj 


P ^2 


6.  - ^ ° 


(5) 
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For  the  aileron  plus  rudder  proportional  to  aileron 


(6r  = k26a): 


Sa  \ 

•^iSa  * / 


(It) 


The  first  expression  (eq.  (2))  is  a divergence  criterion  when 
aileron  alone  is  used.  This  expression  must  he  positive  to  avoid  a lat- 
eral divergence.  Divergence  can  result  for  combinations  of  (l)  positive 
effective  dihedral  adverse  yaw,  since  /*^^5  would  be 


negative,  and  (2)  negative  effective  dihedral  and  favorable  yaw  with 
^ng  /*^Zg  being  positive.  The  importance  of  this  criterion  has  been 

demonstrated  in  flight  tests  of  airplanes  having  positive  effective 
dihedral  and  adverse  aileron  yaw. 


Some  unconventional  controls  proposed  for  preliminary  hypersonic 
configurations  have  actually  produced  cross-control  derivatives  of  the 
same  order  of  magnitude  as  the  basic  control  derivatives  and  results 
have  been  obtained  recently  at  low  speeds  with  free-flying  models  of 
such  conf igirrations . Figure  2 shows  the  ratio  of  aileron  effectiveness 
parameters  (yawing  moment  to  rolling  moment)  of  three  hypersonic  glider 
configurations  (a  flat-top,  a flat-bottom,  and  an  all-wing  configura- 
tion) plotted  against  angle  of  attack.  Positive  direction  corresponds 
to  favorable  aileron  yaw. 


Notice  that  the  flat-top  and  all -wing  configurations  have  aileron 
yawing  moments  twice  as  large  as  the  rolling  moments,  whereas  the  flat- 
bottom  configuration  has  relatively  small  aileron  yaw.  All  three  con- 
figurations have  positive  effective  dihedral  and  in  terms  of  the  aileron- 
alone  divergence  criterion,  the  all-wing  configuration  with  large  adverse 
yaw  is  predicted  to  be  divergent. 


Models  of  these  three  configurations  were  flown  at  angles  of  attack 
of  10°  to  20°  using  aileron  control  only.  The  flat-bottom  model  flew 
smoothly  and  was  easy  to  control.  The  flat-top  model  experienced  con- 
siderable yawing  motion  because  of  the  low  level  of  0^^^  and  the 

large  aileron  yaw.  The  all -wing  model  was  rapidly  divergent,  as 
expected,  and  could  not  be  controlled.  After  this  test,  the  rudder  of 
the  all -wing  model  was  linked  to  the  aileron  to  reduce  the  aileron  yaw 
effectively  and  the  model  became  controllable.  In  general,  when  both 
rudder  and  aileron  are  used  for  control,  the  two  cross-control  deriva- 
tives, yaw  due  to  aileron  and  roll  due  to  rudder,  are  important  in 
determining  the  divergence  characteristics.  Two  automatic-control 
schemes  for  introducing  deflections  to  alleviate  this  divergence  con- 
dition have  been  examined. 
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The  divergence  criterion  (eq.  (3))  when  the  rudder  is  used  propor- 
tional to  sideslip  angle  in  order  to  reduce  sideslip  has  been  given. 

The  first  part  of  this  equation  is  identical  to  that  of  equation  (2)  and 
the  second  part  is  a function  of  the  aileron  and  rudder  effectiveness 
derivatives . For  .configurations  which  would  be  divergent  with  aileron- 
alone  control,  the  possibility  exists  for  stabilizing  the  system  by  the 
effect  of  the  second  term.  Of  course,  the  second  term  can  be  destabil- 
izing too  for  values  of  cross-control  derivatives  having  like  algebraic 

signs  and  exceeding  the  primary  derivatives  Ci  and  . 

‘'Oq 


The  divergence  criterion  when  the  rudder  is  deflected  proportional 
to  the  aileron  in  order  to  counter  aileron  yaw  is  given  in  eqixation  (U). 

The  aileron-alone  criterion  (eq.  (2))  is  modified  by  a k2Cj^_  term  in 

°r 

the  niimerator  and  a kgC^  term  in  the  denominator.  If  k2  is  set  equal 

r>  &r 

to this  destabilizing  term  becomes  zero.  Thus,  feedbacks  in  the 

"Sr 

form  of  rudder  deflections  proportional  to  sideslip  angle  and  aileron 
deflection  may  be  effective  in  alleviating  divergence  conditions. 


These  cross-control  derivatives  can  also  have  an  important  effect 
on  damper  design.  Both  yaw  and  roll  dampers  may  be  required  to  provide 
satisfactory  lateral  characteristics  at  high  altitudes.  Next^  a stability 
problem  arising  from  the  use  of  dampers  with  a hypersonic  glider  configu- 
ration is  considered. 


Figure  3 shows  the  effects  of  large  variations  of  the  cross-control 
derivatives  on  Dutch  roll  damping  for  a flat-bottom  hypersonic  glider 
configuration  for  a flight  condition  of  M = 6.86  and  an  altitude  of 
150^000  feet.  The  ratio  of  to  is  plotted  as  the  ordinate. 

The  ratio  plotted  as  the  abscissa.  Curves  of  constant  time 

to  damp  to  l/2  amplitude  of  1,  2,  and  5 seconds,  and  infinity  are  shown. 
This  figure  indicates  the  variations  in  the  Dutch  roll  damping  for  com- 
binations of  cross-control  derivatives  up  to  ±2  after  roll  and  yaw  damper 
gains  were  selected  to  provide  a Dutch  roll  damping  just  under  2 seconds . 
Generally  large  changes  in  damping  can  result  from  variation  in  these 
parameters.  In  particular  for  the  range  of  cross-control  derivatives 
shown  for  this  airplane,  large  losses  in  Dutch  roll  damping  can  result 
for  favorable  aileron  yaw  and  negative  rolling  moment  due  to  rudder 
deflection  (first  quadrant).  In  fact,  for  some  combinations  of  the 
ratios  (l:l,  for  example)  the  damping  is  actually  reduced  to  zero.  This 
is  by  no  means  a general  result.  Other  airplanes  might  experience  damping 
losses  for  different  combinations  of  these  parameters. 
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in  recent  designs  of  damper  systems,  such  problems  have  already 
arisen  and  in  one  case,  for  example,  the  problem  was  solved  by  feeding 
a yaw-rate  signal  into  the  roll  channel  to  offset  the  rolling  moment 
due  to  the  rudder.  Also  interconnections  between  rudder  and  aileron 
have  been  used  to  alleviate  the  effect  of  large  cross-control  deriva- 

airplanes  are  being  designed  to  fly  through  a wider  range 
of  flight  conditions,  it  is  becoming  increasingly  difficult  to  avoid 
large  values  of  cross-control  derivatives,  and  this  problem  may  become 
more  critical. 


In  addition  to  the  cross-control  derivatives,  dihedral  effect 

may  also  have  an  important  effect  on  damper  design.  The  effect  of  posi- 
tive and  negative  effective  dihedral  on  Dutch  roll  frequency  has  been 
discussed,  and  in  figure  4 the  results  of  a study  to  investigate  damper- 
gain  requirements  for  values  of  " — 

Damping  as  ^ 


^1/2 


0.027  and  -O.O27,  are  presented, 
is  shown  for  the  two  lateral  modes  of  primary  concern. 


the  Dutch  roll  oscillation  and  the  damping- in-roll  mode,  as  a function 
of  roll-damper  gain  for  a flight  condition  of  M = 6.86  and  an 


altitude  of  150,000  feet.  The  cross-control  derivatives  were  considered 
to  be  zero.  The  solid  lines  on  the  figure  correspond  to  the  case  of 
= 0.027  or  negative  effe;:tive  dihedral.  A yaw-dan5>er  gain  was 


selected  for  which  the  Dutch  roll  oscillation  would  damp  to  1/2  amplitude 
in  2.5  seconds,  based  on  a one  degree  of  freedom  in  yaw  response.  With 
this  yaw  damper  and  zero  k^,  no  roll  damper,  the  damping- in-roll  mode 

is  imstable  and  indicated  a rapid  roll  divergence.  The  Dutch  roll  oscil- 
lation has  good  damping  at  this  point.  As  k^  is  increased,  the  damping- 

in-roll  mode  is  made  stable  but  the  damping  of  the  Dutch  roll  oscillation 
decreases  markedly. 


For  the  case  of  = -0.027,  positive  effective  dihedral,  two 

important  differences  should  be  noted.  First,  the  damping-in-roll  mode 
is  stable  even  for  = 0,  and,  secondly,  as  kj_  is  increased,  the 

Dutch-roll  damping  is  higher.  A comparison  of  both  sets  of  curves 
clearly  indicates  the  importance  of  in  determining  roll-  and  yaw- 

damper  gains  and  the  poor  damping  which  may  result  with  negative  effec- 
tive dihedral. 


CONCLUSIONS 


In  conclusion,  some  studies  of  high-performance  aircraft  have 
indicated  that: 

1.  For  recently  proposed  high-performance  aircraft  having  high 
inertia  ratio  Iz/^x^  effective  dihedral  parameter  C^p  assumes 

greater  importance  in  affecting  the  lateral  stability  characteristics 
of  the  airplane.  In  particular,  negative  effective  dihedral  may  lead  to 
a divergence . 

2.  Attention  must  be  given  to  the  cross-control  derivatives  of 
hypersonic  aircraft  in  avoiding  divergence  conditions  and  adverse  effects 
of  dampers . 
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SIMULATOR  INVESTIGATION  OF  CCM4AND  REACTION  CONTROI^ 


By  Euclid  C.  Holleman  and  Wendell  H.  Stillwell 
NACA  High-Speed  Flight  Station 


INTRODUCTION 


Exploitation  of  the  ballistic  capabilities  of  present  or  contemplated 
manned  vehicles  requires  some  form  of  reaction  control  so  that  attitude 
control  will  be  possible  beyond  aerodynamic  flight  limits.  Figure  1 shows 
the  pertinent  control  regions  for  a plot  of  altitude  against  Mach  number 
with  an  indicated  area  that  represents  a dynamic  pressure  q from  5 to 
10  pounds  per  square  foot.  In  general,  it  is  believed  that  above  this 
region  reaction  controls  will  be  required. 

Initial  investigations  of  reaction-control  usage  were  made  with  an 
analog  simulator.  These  studies  investigated  on-off  acceleration  reaction 
controls  which  gave  adequate  control,  but  which  required  constant  atten- 
tion to  the  control  task.  Such  a reaction  control  system  was  designed 
for  the  X-IB  airplane  and  has  been  ground-tested  with  the  use  of  a three- 
degree -of -freedom  simulator.  Flight  tests  of  these  reaction  controls 
have  been  initiated. 

The  purpose  of  this  paper  is  to  evaluate  the  effectiveness  of  reac- 
tion controls  that  command  velocity  and  attitude  and  to  con5>are  these 
systems  with  the  acceleration  command  system.  Although  many  of  the  data 
were  obtained  for  ideal  systems  at  zero  dynamic  pressure,  some  results 
are  also  available  to  assess  the  effects  of  low  dynamic  pressure  as  well 
as  assumed  rocket-system  lags. 


METHOD 


The  present  study  was  performed  by  utilizing  a closed-loop  simulator 
consisting  of  an  analog  computer,  oscilloscope  for  presentation,  control 
stick,  and  pilot. 

The  analog  computer  was  used  to  solve  the  differential  equations 
that  represented  the  airplane  and  control  system.  Three  degrees  of  free- 
dom were  assumed  for  the  zero-dynamic -pres  sure  case,  and  five  degrees  of 
freedom  were  assumed  for  the  finite-dynamic -pressure  case.  The  mass  and 
basic  aerodynamic  characteristics  of  a representative  research  airplane 
at  a Mach  number  of  4.5  were  used  for  the  assumed  problem.  A three -axes 
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control  stick  (fig.  2),  which  is  similar  to  the  controllers  being  used  in 
the  X-IB  airplane,  was  used.  This  stick  required  up-and-down  motion  for 
pitch  control,  side-to-side  motion  for  yaw  control,  and  rotation  for  roll 
control.  Also  shown  in  the  figure  is  the  presentation  to  the  pilot;  that 
is,  a trace  on  an  oscilloscope  moved  up  and  down  to  represent  pitch  and 
rolled  to  signify  roll  whereas  yaw  was  indicated  on  a meter. 

Since  it  was  desired  to  use  these  control  systems  for  orientation  as 
well  as  stabilization  in  the  reaction-control  region,  several  evaluation 
tasks  were  employed.  The  response  and  precision  of  control  were  evalu- 
ated by  making  pitch,  yaw,  and  roll  changes  in  attitude  and  by  coordi- 
nating these  changes.  This  task  will  be  referred  to  as  the  orientation 
task.  Another  control  task  consisted  of  attempting  to  retain  initial 
attitude  after  the  imposition  of  a sudden  constant  angular  acceleration 
of  2 degrees  per  second  per  second  in  pitch  or  yaw,  and  will  be  termed 
the  stabilization  task. 


RESULTS  AND  DI^USSION 


Previous  studies  of  acceleration  on-off  reaction  controls  have  indi- 
cated desirable  levels  of  control  effectiveness  and  proportioning.  A 
summary  of  these  results  is  presented  in  figure  which  shows  satis- 
factory control  regions  that  are  functions  of  roll  control  effectiveness 
and  control  effectiveness  ratio.  Control  effectiveness  is  defined  as  the 
angular  acceleration  produced  by  full  control.  Control  effectiveness 
ratio  is  the  ratio  of  roll  control  effectiveness  to  yaw  or  pitch  control 
effectiveness.  For  a stabilizing  task  the  on-off  acceleration  controls 
were  satisfactory  in  the  triangular  region  shown.  Higher  control  effec- 
tiveness resulted  in  overcontrol  tendencies . Also  shown  is  the  value 
presently  being  flight  tested  with  the  X-IB  airplane.  The  limits  of  the 
present  study  are  shown  by  the  bars . Although  this  study  was  not  as 
ccmprehensive  in  determining  the  limits  of  satisfactory  control  as  the 
previous  on-off  study  was,  the  three  systems  - proportional  acceleration 
command,  velocity  command,  and  attitude  command  - gave  satisfactory  con- 
trol over  the  range  shown,  which  is  a much  larger  range  of  control 
effectiveness  than  was  obtained  with  the  on-off  controls.  Somewhat 
arbitrary  values  of  roll  control  effectiveness  of  20  degrees  per  second 
per  second  and  a control  ratio  of  4 were  used  for  all  the  results  pre- 
sented. The  discussion  that  follows  compares  the  results  obtained  from 
proportional  acceleration,  velocity,  and  attitude  command  systems. 

For  an  auxiliary  control  system  such  as  the  reaction  control,  econom- 
ical operation  is  of  great  Importance.  The  fuel  requirements  are  one 
indication  of  the  effectiveness  of  the  closed-loop  control.  Figure  4 
shows  the  effect  of  feedback  gain  for  the  velocity  command  and  the  atti- 
tude command  systems  on  the  relative  fuel  required  for  the  stabilization 


task.  The  fuel  requirements  have  been  normalized  to  the  acceleration 
command  system,  which  is  represented  by  the  intersection  at  zero  gain. 

For  the  velocity  command  system,  the  relative  fuel  required  decreases 
with  increasing  feedback  gain.  A feedback  gain  of  I.5  gave  good 
response  as  well  as  reasonably  good  economy  for  the  velocity  command 
system  and  was  used  for  most  of  the  tests.  For  the  attitude  command 
system,  the  relative  fuel  required  was  rather  insensitive  to  feedback 
gain  in  the  range  from  0.1  to  0.5.  A value  of  O.25  gave  desirable 
response  characteristics  for  the  attitude  command  system  and  was  used 
subsequently. 

In  figure  5 the  fuel  required  to  change  pitch  attitude  50°  and 
stabilize  in  different  time  intervals  is  compared  for  the  three  systems. 
Yaw  and  roll  results  are  not  presented,  but  these  results  would  be  com- 
parable. As  might  be  expected,  the  slower  maneuvers  require  less  fuel 
than  the  faster  maneuvers.  It  is  apparent  that  the  velocity  and  attitude 
command  systems  are  about  as  economical  as  the  acceleration  command 
system. 

The  curves  shown  in  figure  5 represent  near -minimum  fuel  require- 
ments for  these  maneuvers  and  are  much  more  easily  realized  with  the 
velocity  or  attitude  system  than  with  the  acceleration  command  system. 

This  is  illustrated  in  figure  6.  Note  that  the  pilot  control  manipula- 
tion for  the  velocity  and  attitude  command  systems  is  much  less  than 
for  the  acceleration  command  system  for  satisfactory  completion  of  the 
orientation  task.  Initial  attempts  to  change  attitude  with  the  accele- 
ration system  usually  resulted  in  overcontrol  and  invariably  resulted 
in  more  control  manipulation. 

The  results  discussed  thus  far  were  for  ideal  systems  with  ideal 
rocket  characteristics.  The  effect  of  practical  rocket  thrust  response 
on  the  relative  fuel  required  for  the  stabilization  task  is  shown  in 
figure  7 . Practical  rocket  response  is  characterized  by  a delay  and 
buildup  time.  Thrust  buildup  times  to  0.14-  second  were  investigated 
and  had  no  measurable  effect  on  the  performance  of  the  systems.  Delays 
up  to  0.4  second,  which  should  cover  the  range  of  practical  delays,  ba/i 
little  effect  on  the  relative  fuel  for  any  of  the  three  systems.  The 
X-IB  had  a lag  of  0.2  to  0.4  second.  For  the  large  delay  of  0.8  second 
the  velocity  and  attitude  systems  showed  only  a small  increase  in  rela- 
tive fuel,  but  the  acceleration  system  showed  a large  increase  in  rela- 
tive fuel.  These  trends  were  even  more  evident  during  orientation  tasks. 

In  order  to  gain  some  insight  into  the  effect  of  dynamic  pressure  on 
the  control  task  with  reaction  controls,  stabilization  tasks  were  per- 
formed at  constant  dynamic  pressure.  The  results  of  these  tests  are  shown 
in  figure  8.  It  can  be  seen  that  with  the  velocity  and  attitude  command 
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systems,  there  was  little  effect  of  dynamic  pressure.  With  the  accelera- 
tion command  system,  dynamic  pressure  can  have  a marked  effect,  depending 
on  pilot  technique  and  effort  expended.  With  very  close  attention  to  the 
task,  the  efficiency  of  this  system  can  approach  that  of  the  velocity  or 
attitude  command  systems,  but  many  maneuvers,  though  not  out  of  control, 
resulted  in  the  fuel  required  that  is  indicated  by  the  upper  bounds  of 
the  cross-hatched  area.  The  dynamic -pressure  region  of  5 to  10  pounds 
per  square  foot  appears  to  be  a very  demanding  region  for  precise  control 
with  the  acceleration  system  due  to  dihedral  effect. 

In  figure  9,  these  results  are  extended  by  simulating  the  initial 
buildup  in  dynamic  pressure  during  a typical  entry  without  damper 
augmentation.  Shown  are  time  histories  of  dynamic  pressure,  sideslip, 
yaw  control,  bank  angle,  and  roll  control  for  the  acceleration  (shown 
by  solid  lines)  and  velocity  (shown  by  dashed  lines)  command  systems. 

It  was  the  task  of  the  pilot  to  recognize  a sideslip  misalinement , to 
zero  sideslip,  and  to  maintain  control  of  the  airplane  during  the 
dynamic -pres sure  buildup.  Successful  entry  could  be  accomplished  with 
either  of  the  control  systems.  As  dynamic  pressure  increased,  it 
became  necessary  to  control  the  sideslip  precisely  to  prevent  large 
excursions  in  roll.  The  velocity  command  system  minimized  this  task; 
whereas,  with  the  acceleration  system,  the  task  was  more  difficult. 

Roll  excursions  of  considerable  magnitude  were  evident  especially  in 
the  higher  dynamic -pressure  range.  It  should  be  noted,  however,  that 
in  this  dynamic-pressure  range  the  aerodynamic  controls  would  be  of 
increasing  importance . With  the  attitude  command  system,  entry  was 
accomplished  without  pilot  control. 


CONCLUDING  REMARKS 


In  conclusion,  it  may  be  said  that  a velocity  or  attitude  command 
reaction  control  system  would  facilitate  the  task  of  orientation  and 
stabilization  in  regions  of  low  dynamic  pressure.  All  the  systems  were 
insensitive  to  lags  that  might  be  encountered  in  practical  rocket  systems, 
but  at  large  lags  the  effectiveness  of  the  proportional  acceleration  sys- 
tem deteriorates  much  more  rapidly  than  does  the  effectiveness  of  the 
other  control  systems . Dynamic  pressure  complicates  the  stabilization 
and  orientation  problem  by  aerodynamically  coupling  yaw  and  roll,  but 
this  complication  only  serves  to  emphasize  the  superiority  of  the  veloc- 
ity and  attitude  command  systems  over  the  acceleration  system.  The 
attitude  command  system  was  superior  to  the  velocity  command  system  as  a 
stabilizing  device,  but  the  velocity  command  system  was  preferred  for 
orientation.  Finally,  additional  studies  would  be  desirable  to  determine 
whether  the  more  sophisticated  reaction  control  systems  are  required 
during  critical  entry  conditions. 
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PERTINENT  CONTROL  REGIONS 


Figxire  1 


CONTROL  STICK  AND  PRESENTATION 


Figure  2 
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CONTROL  EFFECTIVENESS  REGIONS  STUDIED 
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PILOT  CONTROL  PROBLEM 
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SIMULATION  STUDY  OF  A HIGH-PERFORMANCE  AIRCRAFT 


INCLUDING  THE  EFFECT  ON  PILOT  CONTROL  OF 
LARGE  ACCELERATIONS  DURING  EXIT 
AND  REENTRY  FLIGHT 

By  C.  H.  Woodling^  James  B.  Whitten,  Robert  A.  Champine, 

and  Robert  E.  Andrews 

Langley  Aeronautical  Laboratory 


SUMMARY 


A discussion  is  given  of  a simulation  study  of  a high-perfornmnce 
aircraft  conducted  on  the  human  centrifuge  at  the  U.  S.  Naval  Air 
Development  Center,  Johnsville,  Pa.  The  centrifuge,  in  combination  with 
an  analog  computer,  provided  a pilot-controlled  simulator  which  subjected 
the  pilot  to  linear  accelerations  similar  to  those  he  would  enco\inter  in 
exit  and  reentry  flight. 

Results  of  this  study  indicated  that  accelerations  of  the  magnitude 
considered  in  this  program  did  not  significantly  affect  the  pilot's  abil- 
ity to  carry  out  his  flight  task  when  "flying"  the  airplane  with  auxiliary 
dampers  operating.  However,  large  oscillating  acceleration  patterns  dioring 
reentry  flight,  such  as  might  be  encountered  with  certain  damper  failures, 
were  found  to  make  some  reentries  marginal  and  some  impossible  because 
of  the  effect  on  the  pilot's  ability  to  see  and  read  instruments  and 
satisfactorily  control  the  airplane. 

It  is  believed  that  the  centrifuge  simulator  is  a significant  advance 
over  static  or  "fixed-base"  simulators  for  evaluation  of  pilot  restraint, 
controls,  instrimient  display,  and  pilot  and  airplane  response. 


INTRODUCTION 


In  the  past,  simulation  studies  of  pilot  control  capabilities, 
including  ein  analog-computer  representation  of  the  motion  of  the  air- 
plane, have  been  found  to  be  valuable  in  the  investigation  of  difficult 
piloting  problems.  For  example,  simulation  studies  have  been  made  of 
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rolX  coupling,  pitch  up,  and  pilot  control  during  landing.  In  such 
studies,  however,  the  pilots  were  not  subjected  to  the  sometimes  violent 
motions  that  the  airplane  would  encounter . At  present,  studies  are  being 
conducted  of  manned  vehicles  which  will  be  required  to  exit  from  and 
reenter  the  earth's  atmosphere  and  in  which  the  pilot  will  be  subjected 
to  large  accelerations  during  the  exit  and  reentry  phases.  Due  to  the 
lack  of  actual  flight  experience  under  such  conditions,  it  is  desirable 
that  the  vehicle  and  its  flight  environment  be  simulated  as  closely  as 
possible  if  the  pilot  and  airplane  responses  are  to  be  predicted  with  a 
certain  degree  of  confidence.  The  subject  of  this  paper  is  a discussion 
of  a simulation  study  of  a high-performance  aircraft  conducted  on  the 
human  centrifuge  at  the  U.  S.  Naval  Air  Development  Center,  Johnsville, 
Pa.  In  this  study  the  pilot  was  subjected  to  the  large  linear  accelera- 
tions that  he  would  encounter  in  flight.  This  study  was  conducted  as 
a joint  effort  between  NACA  and  NADC  and  this  opportunity  is  taken  to 
acknowledge  the  excellent  cooperation  of  the  NADC  personnel  and  particu- 
larly Dr.  Carl  Clark  of  the  Aviation  Medical  Acceleration  Laboratory  for 
his  efforts  and  supervision  which  contributed  largely  to  the  success  of 
this  program. 


SYMBOLS 

h altitude,  ft 

M Mach  number 

a^  longitudinal  acceleration,  g units 

a^^  normal  acceleration,  g units 


DESCRIPTION  OF  SIMULATOR  SETUP 


A portion  of  a trajectory,  typical  of  that  planned  for  the  North 
American  X-I5  research  airplane,  was  considered  in  this  investigation  and 
is  shown  in  figure  1.  In  this  figure,  altitude  h,  Mach  number  M,  longi- 
tudinal acceleration  a^,  and  normal  acceleration  a^  are  plotted  against 

time  which  is  given  in  seconds.  This  part  of  the  trajectory  starts  at 
48  seconds  prior  to  engine  burnout  at  an  altitude  of  60,000  feet,  a Mach 
number  of  2,  on  a zero  lift  or  zero  angle -of -attack  flight  path,  and  at 
a climb  angle  of  45°.  During  the  powered  phase  of  the  exit,  the  thrust 
acceleration  increases  from  2g  to  about  4g.  While  \mder  this  acceleration 
arifl  in  the  presence  of  out -of -trim  moments  in  pitch  and  yaw  due  to  mis- 
alinement  of  the  thrust,  the  pilot's  task  is  to  fly  with  the  wings  level 


at  zero  angle  of  attack  and  sideslip.  At  burnout  the  acceleration 
rapidly  approaches  zero  and  disturbances  are  encountered  due  to  the 
sudden  termination  of  the  misalinement  moments.  As  the  airplane  reaches 
the  higher  altitudes,  aerodynamic  control  becomes  less  effective  and 
reaction  control  is  used  to  keep  the  airplane  at  the  proper  attitude. 

If  the  pilot  is  able  to  perform  his  task  properly  during  exit,  the  air- 
plane will  level  out  at  about  250,000  feet.  For  reentry,  the  pilot  pulls 
up  to  a prescribed  angle  of  attack  at  about  200,000  feet,  holds  this 
angle  of  attack  until  the  normal  acceleration  builds  up  to  about  5S 
because  of  the  increasing  dynamic  pressure,  and  then  decreases  the  angle 
of  attack  in  order  to  retain  nearly  constant  acceleration  mtil  the  rate 
of  descent  approaches  zero.  The  angle  of  attack  is  then  further  reduced 
until  level  flight  at  Ig  is  obtained. 

The  main  objectives  of  the  centrifuge  program  were  to  answer  the 
following  questions: 

Can  the  centrifuge  under  closed-loop  control  provide  a useful 
dynamic  simulation  of  a high-performance  aircraft  under  large 
accelerations? 

What  are  the  effects  on  the  pilot's  ability  to  control  the  dynamic 
simulator  when  he  is  subjected  to  longitudinal  accelerations  of  the  order 
of  4g  during  exit  and  normal  accelerations  of  the  order  of  5S  during 
reentry? 

What  is  the  effect  of  various  angles  of  attack  and  associated  accel- 
erations on  the  pilot’s  ability  to  fly  the  reentry? 

How  well  can  the  pilot  perform  his  task  during  reentry  when  sub- 
jected to  large  and  rapidly  oscillating  acceleration  patterns,  such  as 
might  be  encountered  with  certain  damper  failures? 

The  human  centrifuge  is  located  at  the  Aviation  Medical  Acceleration 
Laboratory  at  NADC.  A photograph  of  this  centrifxage  is  presented  in 
figvire  2.^  The  centrifuge  consists  of  an  enclosed  gondola  mounted  in  a 
two-gimbal  system  on  the  end  of  a 50~foot  rotating  arm.  The  gimbal  sys- 
tem consists  of  an  outer  gimbal  which  rotates  about  a horizontal  axis 
perpendicular  to  the  centrifuge  arm  and  an  inner  gimbal  which  rotates 
about  an  axis  in  the  plane  of  the  outer  gimbal  and  perpendicular  to  the 
axis  of  the  outer  gimbal.  The  total  acceleration  of  the  centrifuge  gon- 
dola when  the  arm  is  set  in  motion  is  comprised  of  a radial  con5>onent 
proportional  to  the  square  of  the  angular  velocity  of  the  arm,  a tangen- 
tial component  proportional  to  the  angular  acceleration  of  the  arm,  and 
the  vertical  acceleration  of  gravity.  The  controlled  gimbals  allow 

^A  mot ion -picture  film  (L-512)  showing  the  operation  of  the  facility 
and  some  results  of  this  study  has  been  prepared  and  is  available  on  loan 
from  NACA  Headquarters,  Washington,  D.  C. 


positioning  of  the  centrifuge  gondola  with  respect  to  these  accelerations 
so  that  the  pilot  is  subjected  to  linear  accelerations  similar  to  those 
he  would  experience  in  flight.  It  should  be  noted  that,  since  the  cen- 
trifuge has  only  three  degrees  of  freedom  as  compared  with  the  six  of 
the  airplane,  the  accurate  simulation  of  the  linear  accelerations  must 
be  done  at  the  expense  of  angular  motions  which  are  not  like  those  expe- 
rienced in  an  airplane.  However,  it  was  foxmd  that  under  the  large 
linear  accelerations  that  were  utilized  in  this  study,  the  pilots  were 
not  significantly  disoriented  or  distracted  by  these  wrong  angular  motions 
or  accelerations.  The  design  capabilities  of  this  centrifuge  are  a maxi- 
mum radial  acceleration  of  kOg  with  a maximum  rate  of  lOg  per  second.  A 
more  detailed  discussion  of  the  centrifuge  operation  and  capabilities 
is  given  in  references  1 and  2. 

Figiire  5 shows  a diagram  of  the  closed-loop  simulator  that  was  used 
in  this  program.  The  simulator  included  an  analog  computer,  a coordinate 
converter,  and  the  centrifuge  in  which  the  subject  pilot  was  placed.  The 
closed-loop  control  was  accomplished  by  feeding  the  three  linear  acceler- 
ations of  the  pilot,  as  determined  by  the  analog  computer  from  the  equa- 
tions of  motions  of  the  airplane,  to  a coordinate  converter.  Here  the 
accelerations  were  converted  to  centrifuge  commands  in  the  form  of  gimbal 
angles  and  aim  angular  velocity  and  acceleration.  The  centrifvige  then 
subjected  the  pilot  to  the  three  desired  accelerations  as  indicated  by 
the  analog  computer.  While  under  these  accelerations,  the  pilot  observed 
the  instrument  panel,  on  which  were  displayed  necessary  quantities  from 
the  analog  computer,  and  applied  stick  and  rudder  deflections  which  were 
fed  back  as  input  signals  to  the  analog  computer.  Thus,  the  loop  was 
completed,  since  the  pilot's  Inputs  actually  controlled  the  motion  of  the 
centrifuge.  The  two  main  parts,  that  is,  the  analog  computer  and  the 
centrifuge  were  located  at  a distance  of  approximately  5? 500  feet  apart 
and  were  tied  together  operationally  by  telephone  lines. 

The  analog  setup  included  a six-degree -of -freedom  representation  of 
the  airplane  motions,  control  equations  (including  auxiliary  damper  terms 
and  pilot  inputs) , and  computation  of  the  dynamic  pressure  as  a function 
of  altitude  and  velocity.  The  aerodynamic  characteristics  were  simulated 
as  a function  of  both  Mach  number  and  angle  of  attack. 

A simulated  cockpit  was  mounted  in  the  centrifuge  gondola  and 
included  a right-hand  console  stick,  rudder  pedals,  a left-hand  ballistic 
or  reaction  control  stick,  and,  for  comparative  purposes,  a standard  cen- 
ter control  stick.  An  instrument  display  panel,  which  is  shown  in  fig- 
ure k,  was  provided  for  the  pilot.  The  primary  Instruments  used  in  this 
program  included  an  attitude  ball  indicating  roll  and  pitch  angles,  and 
indicators  presenting  angle  of  sideslip,  angle  of  attack,  normal  accel- 
eration, inertial  altitude,  inertial  velocity,  inertial  rate  of  climb, 
roll  rate,  and  heading.  Positioned  below  the  panel  were  damper -malfunction 
indicator  lights  euid  associated  switches. 
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The  pilot  was  secvired  in  the  gondola  by  an  integrated  harness 
arrangement.  For  head  restraint  the  subject's  helmet  was  fastened  inside 
a bucket -type  headrest  by  a steel  cable  which  was  attached  to  the  helmet 
and  fixed  to  the  back  of  the  headrest. 


RESULTS  AND  DISCUSSION 


The  remaining  part  of  this  paper  discusses  some  of  the  more  perti- 
nent findings  of  this  study.  Included  in  these  results  are  some  of  the 
pilots'  comments  and  their  evaluation  of  the  dynamic  simulator. 

A typical  run  on  the  centrifuge  was  started  by  manually  bringing 
the  centrifuge  up  to  the  initial  condition  of  2g  thrust  acceleration. 
From  this  initial  condition,  the  pilot  would  actiially  start  his  flight 
and  assume  control  by  turning  on  the  engine  switch  on  the  instrument 
panel.  This  switch  started  the  integrators  of  the  analog.  The  angular 
velocity  of  the  centrifuge  would  then  increase,  and  the  pilot  was  sub- 
jected to  the  increasing  thrust  acceleration.  During  this  period  of 
prolonged  acceleration,  the  pilots  experienced  a drainage  of  the  sinus 
and  a feeling  of  fullness  in  the  throat  which  resxilted  in  frequent 
coughing.  Breathing  during  this  time  was  difficiilt,  usueilly  rapid  and 
shallow.  At  burnout,  oscillations  started  because  of  the  sudden  removal 
of  the  thrust  misalinement ; these  oscillations  could  be  stopped  by  the 
use  of  aerodynamic  control  if  the  pilot  reacted  promptly.  If  the  pilot 
reacted  slowly,  the  oscillations  persisted  to  higher  ailtitudes  and  the 
use  of  reactxon  control  was  iound  ncc 
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le  centrifuge , 

ujiable  to  simulate  less  than  Ig.  would  come  to  rest.  The  pilot  would 
then  fly  the  Og  portion  of  the  trajectory  (about  2 minutes  dioration) 
statically  (with  the  centrifuge  at  rest)  at  Ig  . As  the  airplane  reen- 
tered the  atmosphere,  the  centrifioge  would  again  rotate  in  response  to 
the  buildup  of  normal  acceleration.  The  reentry  required  rapid  scanning 
of  a relatively  large  number  of  instruments  and  a high  degree  of  concen- 
tration. The  high  rate  of  scanning  found  necessary  in  this  study  indi- 
cated that  the  relocation  and  possibly  combining  of  certain  instrimients 
for  a more  nearly  optimijm  display  should  be  considered.  With  all  dampers 
operating,  three  reentry  conditions  were  considered.  These  were  an  angle 
of  attack  of  15°  with  an  acceleration  of  5S  until  recovery,  20°  with 
and  25°  with  Ug.  Little  difference  was  noted  in  these  reentry  conditions 
except  that  the  25°  case  required  slightly  more  control  than  the  20°  or 
15°  reentries.  The  difference  between  4g  and  5g  normal  acceleration  had 
no  noticeable  effect  on  the  pilot’s  ability  to  reenter.  Only  moderate 
”greyout*'  was  experienced  during  the  reentries.  Safety  stops  were 
included  in  the  simulator  which  would  automatically  terminate  the  run 
if  the  commanded  acceleration  exceeded  8g;  however,  the  subjects  rarely 
received  an  acceleration  over  6g. 


It  is  of  interest  to  note  here,  before  discussing  some  of  the  daniper 
failure  results,  a few  comments  concerning  the  comparison  of  the  center 
control  stick  with  the  right-hand  stick.  The  majority  of  the  flights 
were  made  with  the  right-hand  stick.  However,  for  the  few  flights  with 
the  center  stick,  the  pilots  felt  that  it  was  a good  controller  at  low 
accelerations.  Above  about  2g,  however,  two  hands  were  used  and  the 
center  control  stick  was  considerably  more  difficult  to  use  than  the 
right-hand  stick  because  of  the  acceleration  effects  on  the  hand  and 
arm  positions. 

An  important  part  of  the  investigation  was  to  determine  the  ability 
of  the  pilot  to  control  the  airplane  during  reentry  under  certain  damper 
failures.  Figure  5 shows  the  effect  on  reentry  of  one  of  the  damper 
failinre  conditions  investigated.  Shown  are  the  lateral  accelerations 
during  a 25°  angle -of -attack  reentry  (starting  I90  seconds  after  the 
beginning  of  the  flight)  for  the  case  of  all  dampers  operating  and  the 
case  of  a yaw -damper  failure.  It  should  be  mentioned  that  in  the  pres- 
ent investigation  the  damper  system  consisted  of  dampers  about  all  three 
axes  and,  in  addition,  a crossfeed  of  yaw  rate  to  the  roll  control  siir- 
face.  In  the  reentry  shown  in  figure  5^  the  crossfeed  and  yaw  damper 
were  both  not  operating.  This  condition  would  correspond  to  a failure 
of  the  yaw -rate  sensing  gyro.  With  all  dampers  operating,  the  pilot  was 
able  to  maintain  practically  zero  lateral  acceleration  during  reentry. 
However,  with  the  damper  failure  a maxim\im  lateral  acceleration  of  about 
±2g  was  encountered.  Even  though  the  pilot  was  able  to  fly  the  airplane 
to  recovery  imder  this  failure,  he  experienced  some  difficulty  in  reading 
the  instrviments  dxaring  the  motion  and  considered  the  system  used  for  body 
and  head  restraint  necessary  in  avoiding  loss  of  orientation  and  minimizing 
distractions  from  being  Jostled  about. 

Another  type  of  damper  failure  that  was  simulated  is  shown  in  fig- 
ure 6.  Shown  in  this  fig\nre  is  the  normal  acceleration  during  reentry 
with  all  dampers  operating  and  with  the  pitch  damper  failed.  At  about 
225  seconds,  the  pilot  was  unable  to  cope  with  the  high  oscillating 
accelerations,  and  the  run  was  automatically  terminated  when  the  safety 
stop  was  reached  at  8g.  It  is  of  interest  to  note  the  change  in  fre- 
quency of  the  oscillation  as  the  airplane  reenters  the  atmosphere , It 
should  be  mentioned  that  in  the  static  or  "fixed-base"  simulation  tests, 
where  the  pilot  was  not  subjected  to  normal  accelerations,  he  was  able 
to  reenter  xmder  this  condition  of  pitch-damper  failure  about  60  percent 
of  the  time.  However,  the  pilots  never  did  reenter  successfully  in  the 
dynamic  tests  on  the  centrifuge.  The  pilots  believed  that  the  oscil- 
lating acceleration  was  such  that  it  did  not  permit  them  to  control  as 
precisely  as  required. 

Although  no  specific  results  will  be  discussed  for  reentries  with 
roll-danper  failure,  reentries  with  this  failure  were  found  to  be 
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extremely  difficult.  For  a small  percentage  of  the  cases,  recoveries 
were  made  with  very  precise  control  of  a low-angle -of -attack  reentry. 


CONCLUDING  REMAEKS 


The  centrifuge  simulator  was  found  to  be  a usefvil  dynamic  simulation 
of  a high-performeince  aircraft  under  large  accelerations.  It  is  believed 
that  this  simulator  is  a significant  advance  over  fixed-base  simula- 
tors for  evaluation  of  pilot  restraint,  controls,  instrviment  display, 
and  pilot  and  airplane  response. 

For  the  trajectory  considered  in  this  study,  and  with  all  the  dan5>ers 
operating,  the  pilots  were  generally  able  to  carry  out  successfully  their 
flight  task  while  under  longitudinal  acceleration  of  the  order  of  4g 
normal  acceleration  of  the  order  of  5s>  even  though  some  physiological 
effects  were  noted.  However,  large  oscillating  acceleration  patterns, 
such  as  might  be  encountered  in  the  case  of  certain  damper  failures, 
were  found  to  make  some  reentries  marginal  and  some  impossible  because 
of  the  effect  on  the  pilot ' s ability  to  see  and  read  instruments  and 
satisfactorily  control  the  airplane. 
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HYDROrOAMIC  CHARACTERISTICS  OF  MISSILES 
LAUNCHED  UNDER  WATER 
By  John  R.  Dawson 
Langley  Aeronautical  Laboratory 


SUMMARY 


14 


Seme  of  the  hydrodynamic  problems  associated  with  the  lamching  of 
an  air  missile  from 'under  water  are  examined  briefly.  From  a limited 
hydrodynamic  investigation  that  has  been  made  in  this  field,  some  exp)eri- 
mental  results  are  presented  to  illustrate  the  problems  that  may  be 
expected. 


INTRODUCTION 


Much  Interest  is  currently  being  given  to  the  possibility  of 
launching  an  air  missile  from  a submerged  submarine  in  such  a manner 
that  the  missile  rockets  can  be  fired  after  the  missile  emerges  from 
the  water  surface.  In  order  to  examine  some  of  the  problems  encountered 
in  such  laimchings,  the  NACA  has  made  some  hydrodynamic  experiments  in 
Langley  tank  no.  2 with  a dynamic  model  of  a typical  missile. 


SYMBOLS 


ISEC 


depth  of  launching  catapult 

time  after  emergence 

launch  angle  (cant  of  launching  tube) 

angle  of  deviation  of  missile  from  vertical 

angle  of  maximum  deviation  1 second  after  emergence 
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APPARATUS  AND  PROCEDURE 


Experiments  have  been  made  with  a small-scale  dynamic  model  repre- 
sentative of  a suitable  missile  configuration  (fig.  l) . The  weight, 
moment  of  inertia,  and  center -of -gravity  location  of  the  model  were 
sc8d.ed  from  representative  full-scale  values. 

The  launching  method  used  is  illustrated  in  the  sketch  included  in 
figure  2.  As  is  shown,  the  missile  was  laimched  by  means  of  a submerged 
catapult.  This  simple  catapult  used  compressed  air  in  a manner  currently 
being  considered  for  full-scale  launching,  but  it  was  not  a model  of  any 
particular  full-scale  catapult.  The  catapult  was  placed  on  a small  car- 
riage which  was  towed  along  underwater  rails  by  means  of  an  electric 
winch  when  it  was  desired  to  simulate  the  forward  motion  of  the  submarine. 
A few  tests  were  made  with  the  catapult  tube  Inserted  in  a streamline 
body  as  shown  in  figxire  2,  but  it  was  determined  that  for  the  submarine 
speeds  under  Investigation,  the  effect  produced  by  this  body  was  small, 
and  most  of  the  tests  were  made  with  the  launching  tube  alone.  The 
deviation  of  the  model  from  the  vertical  after  emerging  from  the  water, 
designated  the  angle  0,  was  determined  from  motion-picture  frames. ^ 


RESULTS  AND  DISCUSSION 


The  data  in  figure  1 are  for  a launching  depth  of  100  feet  and  an 
emergence  speed  of  90  feet  per  second.  The  deviation  angle  9 is 
plotted  against  time  after  emergence  from  the  water  surface.  It  is,  of 
coxiTse,  necessary  that  the  angle  9 be  within  limits  that  will  permit 
control  by  the  missile  guidance  system  at  the  time  when  the  rockets  are 
fired.  Each  test  point  shown  represents  the  maximxjm  deviation  obtained 
from  a group  of  test  runs  made  for  each  condition.  In  the  calm-water 
condition  only  random  disturbances  affect  the  model,  which  is  statically 
unstable,  and  the  area  shown  represents  a cross  section  of  the  cone  of 
dispersion  of  0 values.  It  is  advantageous  to  fire  the  rockets  as 
soon  as  possible  after  the  missile  emerges,  because  of  the  Increase  in 
deviation  with  time.  The  value  of  0 1 second  after  emergence  (repre- 

senting a reasonable  delay  for  rocket  firing)  is  used  as  a singxle  figure 
of  interest.  The  12 -foot  wave  Introduced  maximum  angvilar  deviations 
(after  1 second)  of  about  20°  more  than  the  8°  obtained  in  calm  water. 
The  water  in  a wave  crest  moves  in  the  direction  of  the  wave  train  while 


^A  short  motion-picture  film  supplement  (L-513)  illustrating  the 
effects  indicated  in  this  paper  is  available  on  loan  from  NACA 
Headquarters,  Washington,  D.  C. 
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that  in  the  trough  moves  in  the  opposite  direction.  Accordingly,  emer- 
gences thro-ugh  the  crest  and  through  the  trough  gave  deviation  angles 
in  opposite  directions  but  of  about  the  same  magnitude. 

The  effect  of  the  forward  speed  of  the  submarine  is  shown  in  fig- 
ure 5^  where  the  piaximum  angle  of  deviation  1 second  after  emergence 
(designated  ®isEc)  calm  water  is  plotted  against  the  vessel *s  speed 

of  advance.  These  data  were  taken  with  the  launching  tube  vertical. 

The  launching  vessel  was  traveling  on  rails  and  its  reactions  from  the 
catapulting  forces  were  therefore  negligible.  In  all  cases  the  devia- 
tion angle  was  opposite  to  the  direction  of  the  vessel’s  forward  motion. 

At  5 knots  the  deviation  was  about  45^  anl  even  at  1 knot  the  deviation 
was  more  than  twice  that  obtained  in  the  static  condition.  The  advan- 
tage of  getting  the  submarine  speed  down  to  a low  value  is  en5)hasized 
by  these  data. 

The  ciorved  path  of  the  missile,  when  the  submarine  is  under  way, 
can  be  made  more  nearly  tangent  to  the  vertical  after  emergence  by 
canting  the  launching  tube  forward  at  a launch  angle  0 as  shown  in 
figure  4.  The  data  in  this  figure  are  for  a ’’hovering”  speed  of  1 knot. 
Under  the  conditions  shown,  the  deviation  was  least  at  a launch  angle 
of  about  6^,  for  which  case  the  measured  deviation  1 second  after  emer- 
gence was  12^,  Thus,  about  half  the  deviation  introduced  by  the  1-knot 
forward  speed  has  been  recovered  by  canting  the  launching  tube  at  opti- 
mum launch  angle.  Although  the  optimum  angle  is  not  critical,  the  prac- 
tical use  of  this  trend  will  depend  on  the  accuracy  with  which  the  sub- 
marine trim  can  be  mainlained.  Somewhat  similar'  results  would  be  expected 
if  the  submarine  itself  instead  of  the  launching  tube  in  the  submarine 
were  inclined  at  the  launch  angle. 

In  figirre  5 the  effect  of  launching  depth  is  shown.  For  these  data 
the  launching  vessel  was  fixed  and  the  speed  of  emergence  from  the  water 
surface  was  maintained  constant  at  90  feet  per  second.  A rapid  increase 
in  the  deviation  angle  occurred  with  increase  of  depth.  At  depths 
greater  than  200  feet  the  model  would  not  consistently  emerge  from  the 
water. 

The  model  tests  reviewed  here  were  made  at  scale  speeds,  for  which 
no  cavitation  occiarred.  At  actual  full-scale  speeds  of  the  order  of 
90  feet  per  second,  appreciable  cavitation  has  been  observed  on  a mis- 
sile of  this  shape.  Force  tests  made  in  Langley  tank  no.  2 and  in  the 
Langley  high-speed  hydrodynamic  facility  have  indicated  relatively  small 
effect  of  this  cavitation  on  static  stability.  Effects  of  cavitation 
on  dynamic  stability  have  not  yet  been  evaluated. 

While  the  actual  values  of  deviations  indicated  in  this  investiga- 
tion might  perhaps  be  reduced  by  refinements  in  catapulting  techniques 


that  reduce  the  initial  disturbances^  there  still  remain  unavoidable 
distiorbances  due  to  motions  of  the  sea  and  of  the  launching  vessel. 
These  brief  experiments  have  indicated  that  such  environmental  disturb- 
ances have  substantial  effects,  and  the  limits  in  operating  conditions 
for  satisfactory  missile  launching  may  therefore  be  imposed  by  hydro- 
dynamic  behavior.  Where  these  operating  limits  are  found  to  be  too 
restrictive,  it  would  be  logical  to  increase  the  stability  of  the  mis- 
sile with  tail  fins  or  other  devices. 


CONCLUDING  REMARKS 


The  effects  of  some  pertinent  operating  parameters  on  the  behavior 
of  an  air  missile  when  launched  from  a submerged  submarine  have  been 
examined  experimentally.  It  was  found  that  for  the  case  of  a typical 
unstable  missile,  the  motions  of  the  sea  and  of  the  launching  vessel, 
as  well  as  the  depth  of  the  launching  catapult,  had  considerable  effect 
on  the  attitude  that  the  missile  would  have  at  the  time  its  rockets 
are  fired. 


l8l 


MISSILE  CONFIGURATION 


I n\ 

( ' I ‘ I • I 

0 . 2 3 


■NCHES 


Figure  1 


L- 58-1022 


EFFECT  OF  WAVES  ON  UNDERWATER  LAUNCHING 
SUBMARINE  SPEED,  ZERO;  VALUES  ARE  FULL  SCALE 


Figure  2 


EFFECT  OF  SUBMARINE  SPEED 
ON  VERTICAL  UNDERWATER  LAUNCHING 

VALUES  ARE  FULL  SCALE 


SUBMARINE  SPEED,  KNOTS 


Figure  5 


185 
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THEaa^ODYNAMIC  AM)  TRANSPORT  PROPERTIES  AND  CHEMICAL 


REACTION  RATES  FOR  HIGH-TEMPERATURE  AIR 
Ry  C.  Frederick  Hansen  and  Steve  P.  Heims 
Ames  Aeronautical  Laboratory 


INTRODUCTION 


It  is  axiomatic  that  the  science  of  aerodynamics  must  be  based  on 
a good  understanding  of  the  atmospheric  medi-um  through  which  vehicles 
are  to  fly.  It  is  well  known  that  vehicles  traveling  at  high  speed 
excite  the  air  to  high  temperatures,  with  the  result  that  air  properties 
deviate  considerably  from  those  of  a simple  gas  which  obeys  the  ideal 
gas  law  and  which  has  a constant  specific  heat.  For  example,  figure  1 
shows  the  major  chemical  reactions  which  are  produced  in  the  stagnation 
regions  of  vehicles  traveling  at  high  velocity  through  the  atmosphere. 

At  about  3^000  feet  per  second  the  vibrational  energy  of  air  molecules 
begins  to  become  important.  Oxygen  dissociation  begins  at  6,000  to 
8,000  feet  per  second,  nitrogen  dissociation  occurs  at  velocities  in 
excess  of  15,000  feet  per  second,  and,  finally,  ionization  of  atoms 
becomes  of  major  Importaxice  near  escape  velocity.  The  dissociation  and 
ionization  reactions  are  press\ire  dependent  because  each  particle  yields 
two  product  particles,  and  such  reactions  are  inhibited  by  high  pressure. 
Therefore,  higher  temperature  and,  consequently,  higher  velocity  are 
required  to  produce  the  reactions  at  sea  level  than  at  high  altitudes 
where  much  lower  pressures  occur.  Vibrational  energy  is  excited  wher- 
ever molec\xles  exist  at  high  temperature,  and  so  the  domain  in  which 
vibrational  excitation  is  important  continues  throughout  the  regions  of 
the  dissociation  reactions  as  well.  It  can  be  intuiti-vely  appreciated 
that  these  reactions  will  affect  many  of  the  properties  of  air.  Some 
of  these  properties  which  will  not  be  considered  herein  may  have  impor- 
tant aerodynamic  effects;  for  example,  the  electrical  conductivity  is  a 
fundamental  parameter  in  magnetohydrodynamics.  The  present  discussion, 
however,  is  limited  to  the  thermodynamic  and  transport  properties  and 
to  the  reaction  rates  for  the  chemical  processes  which  occur  in  air. 

The  thermodynamic  properties  include  the  energy,  enthalpy,  entropy, 
specific  heats,  and  the  speed  of  sound  for  air;  the  transport  properties 
to  be  considered  are  the  viscosity  and  thermal  conductivity;  and  the 
most  important  reaction  rates  are  those  for  the  chemical  processes  indi- 
cated in  figure  1.  In  the  absence  of  magnetohydrodynamic  effects,  these 
parameters  are  the  fundamental  ones  that  determine  the  characteristics 
of  air  flow. 


THERMODYNAMIC  PROPERTIES  OF  AIR 


The  equilibrium  thermodynamic  properties  of  air  can  be  calculated 
to  very  high  temperatures  with  considerable  confidence^  since  the  molec- 
ular and  atomic  energy  levels  on  which  these  calculations  are  oased 
are  known  very  precisely  from  spectroscopic  data  (refs.  1 and  2). 

Gilmore  (ref.  3)  and  later  Hilsenrath  and  Beckett  (ref.  k)  have  prepared 
accurate  tables  of  thennodynamic  functions  for  air.  Before  discussing 
the  features  of  these  functions  in  detail,  it  will  be  helpful  to  review 
briefly  the  expressions  for  energy  of  atoms  and  diatomic  molecules. 

Figure  2(a)  shows  a ball  and  spring  model  for  the  diatomic  molecule 
which  is  vibrating  and  rotating  at  the  same  time  that  it  is  in  transla- 
tional motion.  The  energy  of  this  molecule  is  a function  of  its  veloc- 
ity u,  the  rotational  quantum  number  J,  and  the  vibrational  quantum 
number  n,  as  shown  in  the  following  equation: 

e(u,J,n)  = + J(J  + 1)|£  + nhv 


where 

m mass  of  molecule 

h Planck  * s constant 

I moment  of  inertia 

V characteristic  frequency  of  molecular  bond  (the  spring) 

At  high  temperatures,  the  electrons  may  also  be  excited  to  quantum  states 
above  the  ground  state,  but  this  contribution  to  total  energy  is  gen- 
erally rather  small  and,  therefore,  is  omitted  herein  for  purposes  of 
simplification.  If  one  averages  this  molecular  energy  over  a large  num- 
ber of  molecules  in  an  isothermal  sample  of  the  gas,  the  average  energy 
per  mole  is  given  by  the  following  equation: 

/ ^ 

E = I RT  + RT  + - l) 


5 

The  translational  motion  contributes  ^ RT,  and  the  rotation  contributes 

an  average  energy  which  asymptotically  approaches  RT.  The  characteris- 
tic temperature  Tj,  at  which  rotational  energy  is  half  excited  is  of 
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the  order  of  5°  K,  so  that,  for  most  practical  purposes,  air  molecules 
in  the  gas  phase  are  always  fully  excited  in  rotation.  On  the  other 
hand,  the  molecular  bond  is  so  stiff  that  at  normal  temperatures  the 
molecules  are  essentially  rigid  rotators . However,  as  temperatiore 
increases,  the  molecular  collisions  eventually  become  energetic  enough 
to  set  the  bond  into  vibration.  The  characteristic  temperature  Ty  at 

which  vibrational  energy  is  half  excited  is  rather  high,  being  of  the 
order  of  5,000°  K. 

The  specific  heat  at  constant  density  is  the  derivative  of  the 
average  energy  with  respect  to  temperature.  This  specific  heat  for 
diatomic  molecules  is  shown  graphically  in  figure  2(a) . It  approaches 
5R/2  at  very  low  temperatures  and  maintains  a relatively  constant  value 
throughout  the  range  of  temperatures  encountered  at  subsonic  and  low 
supersonic  flight  speeds . As  vibrational  energy  becomes  important  at 
higher  temperatures,  the  specific  heat  approaches  TR/2. 

At  still  higher  temperatinres , the  molecular  impacts  become  so 
intense  that  the  bond  is  often  stretched  to  the  breaking  point.  Fig- 
ure 2(b)  illustrates  a collision  between  two  molecules  which  has  just 
resulted  in  the  dissociation  of  one  of  the  molecules  into  two  atoms. 
Again,  if  electronic  energy  is  neglected,  the  energy  of  each  atom  is 
its  kinetic  energy  plus  one -half  the  energy  stored  in  the  broken  bond 
6q/2,  as  shown  in  the  following  equation: 


e(u) 


(’m'^u£  f£ 
V2/  2 2 


The  average  energy  for  an  isothermal  mole  of  atoms  is 


E = 1 RT  + - 
2 2 


As  before,  the  kinetic  energy  contributes  ^ RT.  The  constant  Oq  is 

independent  of  temperature  or  velocity  and  contributes  to  the  average 
energy  the  heat  needed  to  dissociate  1 mol  of  the  molecules  D.  The 
ratio  D/R  is  of  the  order  of  50,000°  K for  oxygen  and  100,000°  K for 
nitrogen,  so  that  the  dissociation  energy  term  is  much  larger  than  the 
average  kinetic  energy  at  the  temperatures  of  interest  in  this  study 
(up  to  about  15,000°  K) . The  specific  heat  dE/dT  of  the  atoms,  from 

figure  2(b),  is  about  ^ R. 


Figure  5 shows  the  energy  and  specific  heats  for  molecule -atom  mix- 
tures in  equilibrium.  In  the  following  equations: 

Energy : 


E = (1  - x)Ejjj  + xE^ 


Specific  heat: 


dT 


= (1  _ x)^+  X 

^ dT 


+ (Ea) 


dx 


Ej„  and  Eg^  are,  respectively,  the  average  energy  per  mol  of  molecules 

and  of  atoms,  which  has  just  been  considered.  The  mol  fraction  of 
atoms  X is  a function  of  the  chemical  equilibrium  constant  K and 
press-ure  p,  which  can  be  calculated  precisely  (ref.  3),  and  the  mol 
fraction  of  molecules  is  1 - x.  In  the  equation  for  specific  heat, 
the  first  two  terms  on  the  right-hand  side  are  the  stun  of  the  specific 
heats  for  the  components  of  the  mixture,  whereas  the  last  two  terms 
give  the  contribution  due  to  the  change  in  mol  fractions . The  deriva- 
tive dx/dT,  which  can  be  expressed  as  a function  of  x and  the  loga- 
rithmic derivative  of  the  equilibrium  constant,  possesses  a rather  sharp 
maximum.  The  value  of  dx/dT  is  small,  but  the  value  of  Eg  is  so 
large,  because  of  the  dissociation  energy,  that,  where  the  mol  fraction 
derivative  is  a maximum,  the  last  term  in  the  specific-heat  equation  is 
overwhelmingly  predominant . 

The  graph  in  figure  5 shows  the  specific  heat  for  air  as  a function 
of  temperature  at  a pressure  of  0.01  atmosphere  and  illustrates  the 
striking  effect  of  the  chemical  reactions . Near  3^000°  K the  specific 
heat  has  a pronounced  maximum  due  to  dissociation  of  oxygen,  and  again 
near  5j000°  K the  nitrogen  dissociation  is  responsible  for  another  peak. 
The  last  peak,  near  10,000°  K,  is  due  to  the  reactions  for  single  ioni- 
zation of  nitrogen  and  oxygen  atoms . These  two  reactions  occur  together 
in  the  same  range  of  temperature  and  a similar  set  of  relations  is 
obtained  as  for  the  dissociation  reactions,  except  that  the  ionization 
energy  I is  larger  than  the  dissociation  energy  (i/R  is  of  the  order 
of  150,000°  K)  . The  effect  of  pressure  is  that  the  maximums  become  larger 
and  more  peaked  and  shift  to  lower  temperatures  as  pressure  decreases. 

It  is  convenient  to  relate  the  chemical  reactions  in  air  to  the 
compressibility  factor  Z.  This  factor  is  the  ntimber  of  moles  of  gas 
which  arise  from  a mol  of  air  originally  at  nommal  conditions  or, 
alternatively,  it  is  the  ratio  of  the  molecular  weight  of  normal  air 


to  the  mean  molecular  weight  of  the  equillhriim  gas.  It  represents  the 
correction  factor  to  the  ideal  gas  equation  of  state . Figiare  shows 
the  corapressihility  factor  for  air  as  a function  of  temperatxxre  for 
pressures  of  1.0,  0.01,  and  0.0001  atmosphere. 

The  important  reactions  in  air  axe  also  indicated  in  figure  4. 
These  are:  (l)  the  dissociation  of  oxygen 

O2  ^ 20 

(2)  the  dissociation  of  nitrogen 


N2  2N 


and  (5)  the  reactions  for  single  ionization  of  nitrogen  and  oxygen  atoms 

N t;  N+  + e- 


0 i;  0+  + e- 


The  ionization  reactions  occ\ir  at  very  nearly  the  same  tenperatvire  and 
with  the  same  energy  changes  so  that  they  may  be  classed  together  as  a 
single  reaction,  for  purposes  of  approximation. 

The  foregoing  reactions  are  the  ones  which  largely  ueLermine  the 
equilibri’am  ccrxcsntration  of  tiie  ]:najcr  coinponents  of  air^  and  these  com- 
ponents, in  turn,  establish  the  thermodynamic  properties.  At  high  pres- 
sures, nitric  oxide  NO  becomes  a sizable  minor  component  of  air  but  the 
thermodynamic  properties  of  NO  are  about  the  average  of  those  for  N2 

and  02}  and,  since  the  nitric  oxide  formation  does  not  change  the  balance 
between  molecules  and  atoms,  it  does  not  greatly  influence  the  thermo- 
dynamic functions  of  air. 

The  compressibility  is  not  influenced  by  vibrational  excitation 
and,  therefore,  is  equal  to  1.0  until  oxygen  dissociation  begins.  Since 
air  contains  about  20  percent  oxygen,  the  compressibility  approaches  1.2 
when  oxygen  dissociation  is  complete.  It  increases  further  to  a value 
of  2.0  when  nitrogen  dissociation  finishes  the  conversion  of  molecules 
into  atoms . Single  ionization  of  the  atoms  doubles  the  number  of  gas 
particles  again,  so  that  the  compressibility  approaches  i^-.O  when  these 
reactions  are  complete. 

The  effects  of  the  chemical  reactions  are  most  intense  where  the 
slope  of  the  compressibility  is  a maximum.  The  most  interesting  feature 
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of  these  fvmctions  is  that  the  slope  of  Z is  nearly  zero  at  the  transi- 
tion from  one  major  reaction  to  another  (fig.  4).  This  shows  that  one 
reaction  is  essentially  complete  before  the  next  reaction  starts,  and  in 
reference  5^  fo^  example,  complete  independence  between  the  reactions  is 
assumed  in  order  to  derive  analytic  solutions  for  the  properties  of  high- 
temperature  air.  It  is  found  that  these  analytic  solutions  are  generally 
within  2 percent  of  the  precise  answers  obtained  by  iteration  (ref.  4). 
The  most  time-consiaming  portion  of  such  calculations  is  finding  the  com- 
pressibility factor  (or  its  equivalent,  the  component  mol  fractions). 

If  less  accuracy  is  sufficient,  of  the  order  of  10  percent,  the  compres- 
sibility function  can  be  fitted  empirically  with  hyperbolic  tangents. 

The  approximate  formulas  for  compressibility,  energy,  and  the  specific 
heats  through  the  range  of  the  oxygen  dissociation  reaction  (l  < Z < 1.2) 
are  as  follows : 


Z(T,p)  » 2.5  + 0.1  tanh 


500 


(1) 


^ « (2  - z) 

RT 


[i  ^ 


3000/T  _ 


-1 


59000\ 


(Z  - 1)(5  + (2) 


R 


(2  - Z) 


1500/T 


+ 3(z  - 1)  (I  * 590oo)g^  (5) 


^^P  ZCy 

R " R 


+ Z + T| 


(!•) 


(log  signifies  the  logarithm  to  the  base  10) . In  view  of  the  order  of 
the  approximation,  an  average  vibrational  frequency  is  assimied  for  both 
oxygen  and  nitrogen,  the  particles  are  treated  as  though  they  are  all 
in  the  ground  state  of  electronic  excitation,  and  the  difference  between 
the  partial  derivatives  of  compressibility  at  constant  pressure  and  at 
constant  density  is  neglected.  Note  that  the  displacement  of  the  com- 
pressibility function  varies  as  the  logarithm  of  pressure  and  that  the 
thermodynamic  properties  are  all  given  as  functions  of  compressibility 
and  temperature.  Similar  formulas  are  available,  accurate  to  the  order 
of  10  percent,  through  the  nitrogen  dissociation  reaction  and  up  to 
10  percent  ionization  (Z  < 2.2)  and  over  a range  of  pressure  from 

100  to  10“^  atmospheres.  This  is  a sufficient  range  of  variables  for 
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most  practical  aerodynamic  problems  (ref.  5)-  A con^ilete  set  of  these 
approximate  formulas  is  as  follows : 

The  compressibility  is  given  by 
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where  the  reduced  temperature  is 
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and  the  reference  pressure  p^  is  1 atmosphere.  The  dimensionless 
energy  is 

For  case  I,  oxygen  dissociation  only  (l.O  < Z < 1.2): 
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For  case  II,  nitrogen  dissociation  only  (l.2  < Z < 2.0): 
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For  case  III,  ionization  reactions  only,  up  to  about  10  percent  ioniza- 
tion (2.0  < Z < 2.2) : 
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The  enthalpy  H is  easily  found  from  the  relation 


^ M + z (8) 

RT  RT 


For  cases  I and  II,  the  entropy  S is  approximately  given  by 
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and  for  case  III, 
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The  electronic  excitation  has  been  accounted  for  in  the  entropy  functions 
by  adding  constant  values  equal  to  the  average  of  the  logarithm  of  the 
electronic  partition  function  over  the  temperature  range  of  interest. 

For  the  specific  heat,  the  derivative  of  compressibility  with  tem- 
perature is  required.  It  is  given  by 
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If  the  correction  for  taking  the  partial  derivative  at  constant 
pressure  is  disregarded.^  the  specific  heat  at  constant  density  hecomes 
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The  specific  heat  at  constant  pressure  is 


H- z + T ^ 
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(12) 


and  to  the  order  of  these  approximations  the  speed  of  sound  is  given  by 


(15) 


The  dimensionless  energy  is  shown  in  figure  5 as  a function  of  tem- 
perature for  pressures  of  0.0001,  0.01,  and  1.0  atmosphere.  The  results 
given  by  the  approximate  formulas  couipare  favorably  with  more  precise 
calculations  (refs.  and  5).  The  greatest  errors  occiir  in  the  region 
of  the  ionization  reactions,  where  a simple  empirical  form  for  the  com- 
pressibility function  does  not  seem  entirely  adequate. 


As  expected,  the  accuracy  of  the  approximate  formulas  for  the 
specific  heats  is  not  as  good  as  for  energy,  since  derivatives  of  com- 
pressibility are  involved.  Still,  the  ratio  of  the  specific  heats  is 
not  greatly  different  from  more  precise  calculations  of  the  speed-of- 
sound  parameter  a^p/p^  as  shown  in  figure  6.  This  parameter  is  useful, 
for  exaxnple,  in  computing  solutions  for  air  flow  by  the  method  of  char- 
acteristics . The  largest  deviations  occur  at  the  transitions  between 
one  reaction  and  the  next,  where  the  speed-of-sound  parameter  is  a 
maximum. 


TRANSPORT  PROPERTIES  OF  AIR 


The  transport  properties  of  gases  can  all  be  related  to  the  effec- 
tive size  of  gas  particles  during  collisions  (refs.  6 and  7)*  Th® 
smaller  the  size,  the  larger  is  the  mean  free  path  between  collisions; 
then  the  transport  occurs  between  regions  of  the  gas  having  greater 
differences  in  momentum  and  energy.  Consequently,  the  coefficients  of 
viscosity  and  thermal  conductivity  vary  inversely  with  the  size  of  the 
gas  particles.  Figure  7 shows  qualitatively  the  form  of  the  potential 
functions  between  the  particles  from  which  the  collision  diameters  are 
determined.  Consider  first  the  potential  between  inert  molec-ules.  At 
long  range,  the  potential  has  a very  shallow  minimum  which  at  normal  or 
higher  temperature  is  very  small  compared  with  the  kinetic  energy  of 
the  colliding  molecules.  This  is  the  portion  of  the  potential  associ- 
ated with  the  weak  Van  der  Waals  forces  of  attraction.  At  shorter  range, 
the  potential  rapidly  approaches  very  large  positive  values  and  the 
interparticle  forces  are  strongly  repulsive.  The  path  of  one  molecule 
with  respect  to  another  during  collision  is  shown  for  two  typical  cases 
by  the  black  balls  which  roll  into  the  potential  well,  penetrate  the 
positive  column,  and  are  deflected  back  into  potential-free  space.  The 
depth  of  the  penetration  increases  with  increasing  kinetic  energy  of  the 
relative  motion  between  molecules. 

The  effective  collision  diameter  a is  roughly  the  diameter  of  the 
molectilar  volume  which  is  not  penetrated  by  the  collisions  and,  on  the 
average,  it  is  approximately  the  diameter  where  the  molecular  potential 
equals  +kT.  The  collision  cross  section  is  by  definition  jtcf2.  From 
the  shape  of  the  potential,  it  can  be  seen  that  the  collision  diameter 
depends  on  the  energy  of  the  collisions  and  is,  therefore,  a function 
of  teiT5)erature . At  high  temperatures,  however,  the  extremely  steep  por- 
tion of  the  potential  is  penetrated  and  the  collision  cross  section  is 
relatively  constant,  independent  of  temperature.  Then  the  molecules 
behave  essentially  as  hard  elastic  spheres,  for  which  the  coefficient 
of  viscosity  varies  as  the  one-half  power  of  the  temperature.  The 
Sutherland  correction  to  the  coefficient  of  viscosity  accounts  reasonably 


well  for  the  effective  increase  in  collision  diameter  at  low  temperatures. 
Where  more  precise  estimates  are  required,  the  methods  developed  by 
Hirschf elder  and  others  (ref.  6)  are  very  useful  for  calculating  the 
transport  properties  of  inert  gases. 

The  transport  properties  of  air  at  high  temperatures  are  in  doubt 
mainly  because  of  uncertainty  about  the  cross  sections  for  atom-atom 
and  atom-molecule  collisions.  Two  atoms,  for  example,  may  approach  one 
another  along  any  one  of  a nvimber  of  different  potentials  depending  upon 
how  the  electron  spin  vectors  add  up.  This  multiplicity  of  potentials 
is  indicated  by  the  dashed  lines  on  the  atom-atom  potential  diagram  of 
figure  7*  The  only  one  of  these  potentials  which  is  known  qiiantitatively 
at  present  is  the  lowest  lying  potential  associated  with  the  lowest  total 
electron  spin.  This  is  the  potential  responsible  for  the  vibrational 
energy  levels  observed  in  the  stable  diatomic  molecule.  The  distinctive 
feature  of  this  potential  is  its  negative  well  which  is  very  deep  com- 
pared with  the  kinetic  energy  of  collisions  at  the  temperatures  of 
interest  herein.  In  fact,  the  depth  of  this  well  is  just  the  dissocia- 
tion energy  of  the  diatomic  molecules.  As  pointed  out  previously  this 
energy  corresponds  to  temperatures  of  about  50^000“  K for  oxygen  and  of 
about  100,000°  K for  nitrogen.  Consider  the  collisions  illustrated  by 
the  paths  of  the  three  black  balls  rolling  into  this  potential  well 
(fig.  7)*  The  atom,  which  has  a kinetic  energy  much  larger  than  the 
absolute  value  of  the  potential  field  through  which  it  traverses,  will 
not  be  greatly  deflected.  Now  it  is  the  absolute  value  of  the  deflec- 
tion produced  by  a collision  which  influences  the  flux  of  mass,  momenttim, 
or  energj''  thrcogh  the  gas;  hence,  for  practical  purposes  this  collision, 
which  produced  only  a small  deflection,  may  be  considered  a miss.  On  the 
other  hand,  an  atom  which  penetrates  the  vol\ime  where  the  potential 
change  is  about  equal  to  its  kinetic  energy  will  sviffer  a considerable 
deflection,  and  such  a collision  will  count.  It  is  not  essential  that 
the  repulsive,  positive  portion  of  the  potential  be  penetrated,  as  in 
the  third  collision  shown  on  the  right  in  figure  7*  In  the  subsequent 
estimates  of  the  transport  properties,  it  will  be  ass\imed  that  the  effec- 
tive diameter  for  atom-atom  collisions  is  where  the  lowest  lying  poten- 
tial equals  -kT  and  that  the  diameter  for  atom-mole cvile  collisions  is 
the  arithmetic  average  of  the  atom-atom  and  the  molecule -mo leciile  diam- 
eters . This  latter  assumption  corresponds  to  the  concept  that  the  col- 
lision diameter  is  a measure  of  the  effective  range  of  the  electron  dis- 
tribution about  the  nucleus  and  that  a collision  occurs  whenever  these 
electron  distributions  overlap.  In  the  case  of  collisions  between  ions 
or  between  electrons,  the  well-known  coulomb  potential  -te^/r  may  be 
used  in  a similar  way.  For  collisions  between  a neutral  and  a charged 
particle,  the  potential  for  the  interaction  between  the  charge  and  the 
induced  dipole  is  used. 
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The  coefficient  of  viscosity,  which  is  based  on  the  preceding 
assu3T5)tion  (ref.  5),  is  shown  in  figure  8 as  a function  of  teinpera- 
ture  for  three  pressures  5 1.0,  0.01,  and  0.0001  atmosphere.  The  ordi- 

nate is  the  ratio  of  the  viscosity  coefficient  to  the  value  given  by  a 
Sutherland  type  formiHa 


= l.h-6  X 10' 
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(in  units  of  g/cm-sec).  The  ratio  is  unity  \mtil  dissociation  of  mole- 
cules becomes  appreciable;  then  the  mean  free  path  between  moleciilar 
collisions  becomes  larger  because  the  collision  diameters  for  the  atoms 
are  smaller  than  for  the  molecules,  the  momentum  exchange  takes  place 
between  more  widely  separated  planes  in  the  gas,  and  the  viscosity 
increases.  On  the  other  hand,  the  collision  diameters  become  very  large 
in  an  ionized  gas,  and  then  the  reverse  effect  causes  the  viscosity  to 
drop  to  very  low  values . Again,  because  of  the  regularity  of  the  func- 
tions, it  is  possible  to  establish  an  empirical  formula  which  approxi- 
mates the  temperature  and  pressure  effect  on  viscosity.  Such  a formula 
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(log  signifies  the  logarithm  to  the  base  10) . The  comparison  between 
equation  (15)  and  the  viscosity  function  is  shown  in  figure  8. 


The  coefficient  of  thermal  conductivity  is  shown  as  a function  of 
temperature  for  pressures  of  1.0  and  0.01  atmosphere  in  figure  9*  Again, 
the  coefficient  is  referenced  to  a coefficient  of  the  Sutherland  form: 


(16) 


(in  units  of  cal/cm-sec-°K) . The  calculation  of  these  coefficients  is 
based  on  the  method  outlined  by  Hirschf elder  (ref.  8)  and  developed  fur- 
ther by  Butler  and  Brokaw  (ref.  9)*  In  this  method,  the  energy  transfer 
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through  the  gas  is  treated  in  two  independent  parts . One  part  is  the 
energy  transferred  hy  collisions  as  in  ordinary  thermal  conductivity  of 
nonreacting  gases-.  The  other  part  is  the  energy  transferred  by  diffusion 
of  the  gas  particles  and  the  reactions  which  occur  to  reestablish  chemi- 
cal equilibrium.  This  latter  part  predominates  wherever  the  compressi- 
bility derivative  with  respect  to  temperature  becomes  a maximum.  The 
effect  is  very  much  like  the  effect  on  the  specific  heats.  In  fact,  the 
thermal  conductivity  ratio  k/k^  is  nearly  proportional  to  the  specific 
heat  just  as  for  inert  gases,  so  that  a reasonably  good  approximation  is 
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The  comparison  between  the  thermal  conductivity  and  the  approximate 
specific  heat  given  by  equation  (l2)  is  indicated  in  figure  9- 

The  relation  given  by  equation  (l7a)  is  good  only  for  the  dissocia- 
tion reactions.  Where  ionization  occurs,  the  thermal  conductivity  is 
greatly  increased  because  of  the  high  thermal  velocity  of  the  lightweight 
electrons.  Then  the  thermal  conductivity  is  approximately  given  up  to 
about  10  percent  ionization  by 
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It  is  desirable  to  check  the  foregoing  theoretical  calculations  and 
approximations  with  experiment.  One  of  the  mux-e  aLx-ikiiig  effects  pre- 
dicted by  the  theory  is  the  pronounced  effect  on  thermal  conductivity  of 
gases  in  which  chemical  reactions  occur.  This  effect  has  been  observed 
experimentally  in  dissociating  N2OI1  by  Coffin  and  O'Neal  at  the  Lewis 
Flight  Propulsion  Laboratory  (ref.  10).  As  figure  10  shows,  their 
experiments  are  in  very  good  agreement  with  the  theoretical  prediction 
for  the  equilibrium  gas . The  results  strongly  suggest  that  the  basic 
relations  established  by  Hirschfelder  (ref.  8)  are  essentially  correct. 
Unfortunately,  the  thermal  dissociation  of  air  cannot  be  studied  at  such 
tractable  temperatures  as  in  the  case  of  N2O4.  However,  high-temperature 
air  can  be  produced  in  the  shock  tube  for  short  intervals,  and  figure  11 
shows  the  correlation  between  measixred  and  theoretical  theraial  conduc- 
tivity in  air,  which  has  been  obtained  at  the  Ames  Aeronautical  Laboratory. 
In  these  experiments,  strong  shock  waves  are  reflected  from  the  closed 
end  of  a shock  tube,  and  a temperature  is  measured  at  the  interface 
between  the  hot  stationary  air  and  a quartz  glass  plug.  The  temperature 
is  deduced  by  meas'oring  the  change  in  resistance  of  a thin  film  of  nickel 
evaporated  onto  the  glass.  If  it  is  assumed  that  the  air  is  in  equilib- 
rixim  and  has  a constant  thermal  diffusivity  k/cpp,  the  interface 


temperatiire  rises  instantaneously  to  a constant  value  which  is  related 
to  the  diffusivity  of  air  and  of  the  glass  plug  (ref . 11) . As  will  be 
pointed  out  later,  the  dissociation  of  air  may  be  rapid  enough  to  jus- 
tify the  ass-umption  of  instantaneous  equilibrium.  Thermal  diffusivity 
will  not  be  constant  in  the  air,  of  course,  but  at  least  the  strong 
variations  in  heat  capacity  and  thermal  conductivity  will  cancel  each 
other.  In  any  event,  when  the  experimental  data  are  correlated  in  this 
manner,  they  compare  reasonably  well  with  the  theoretical  predictions . 

No  consistent  data  exist  yet  in  the  really  interesting  region  where  a 
maximum  in  the  coefficient  is  predicted  because  of  oxygen  dissociation. 

Ordinarily,  the  equilibri\xm  thermodynamic  and  transport  properties 
that  have  just  been  discussed  would  be  sufficient  to  determine  the  char- 
acter of  gas  flow  uniquely.  However,  the  chemical  reactions  in  air  pro- 
ceed with  a finite  rate.  When  the  time  required  for  approach  to  equi- 
librium compares  with  the  time  needed  for  a sample  of  air  to  pass  through 
a disturbed  region  of  the  flow  field,  the  chemical  reaction  rates  become 
another  set  of  independent  parameters  on  which  the  flow  depends . These 
parameters  are  discussed  in  the  following  section. 


CHEMICAL  REACTION  RATES 


Before  discussing  the  finite  reaction  rates,  sing>le  flows  are  com- 
pared for  the  two  limiting  cases:  (l)  The  reaction  is  frozen  and  (2) 

the  reaction  is  in  equilibrium. 

The  effect  of  chemical  reactions  in  equilibri\jm  on  the  flow  behind 
a normal  shock  wave  is  well-known  (ref.  12)  and  detailed  calculations 
are  available  for  air  (refs.  15,  l4,  and  15)*  Figure  12  shows  typical 
effects  on  the  density,  pressure,  and  temperature.  If  the  reactions 
were  infinitely  slow,  air  would  behave  as  an  ideal  gas,  and  this  condi- 
tion is  designated  as  frozen  flow.  However,  the  reaction  rates  are 
finite  and,  as  the  flow  approaches  equilibrium,  the  temperature  is 
greatly  reduced  because  thermal  energy  is  soaked  up  in  exciting  vibra- 
tions and  in  breaking  chemical  bonds . The  pressure  is  not  greatly 
influenced  by  the  reactions,  and  the  drop  in  teniperature  is  compensated 
by  a large  increase  in  density. 

Reference  l6  gives  an  analysis  for  flow  that  maintains  chemical 
equilibriiim  while  expanding  around  a corner,  and  a numerical  example 
is  given  in  figure  15  for  air  which  is  initially  at  6,lk0°  K and 
1.2  atmospheres.  The  effect  of  the  reaction  in  this  case  is  to  increase 
the  temperatxire  over  the  nonreacting  value  because  the  recombining  gas 
now  gives  up  the  energy  that  is  contained  in  dissociation  and  vibration. 
Thus  the  gas  cools  much  more  slowly  during  the  expansion  than  a non- 
reacting gas.  From  figure  15  it  is  seen  that,  during  the  Prandtl-Meyer 


expansion,  it  is  the  density  which  is  relatively  little  affected  by  the 
reactions  and  that  it  is  the  pressure  which  adjusts  with  the  temperature 
change  this  time.  This  is  in  marked  contrast  to  the  effects  of  reactions 
on  the  shock  coraptession. 


Now  the  reaction  rates  depend  on  the  number  of  molecular  collisions 
per  unit  time,  and  these  collisions  are  more  frequent  the  higher  the 
density  and  the  higher  the  temperature.  At  the  high  densities  which 
occur  in  low  altitude  flight,  the  rates  are  very  rapid  and  air  flows 
are  essentially  in  complete  equilibrium.  On  the  other  hand,  at  very 
high  altitudes  where  densities  are  very  low,  the  reaction  rates  are  so 
slow  that  flow  may  be  essentially  frozen.  At  intermediate  altitudes, 
it  is  necessary  to  consider  the  reaction  rate,  from  which  can  be  derived 
the  characteristic  time  in  which  the  gas  decays  to  chemical  equilibrium. 
In  a flowing  gas,  the  quantity  of  interest  is  a characteristic  length 
obtained  by  multiplying  the  time  by  the  flow  speed.  This  characteristic 
length  is  used  for  example  in  calculations  of  one -dimensional  flows  in 
references  I7  and  I8. 


Figure  l4  shows  the  lengths  required  to  reach  vibrational  equilib- 
rium in  the  flow  downstream  of  a normal  shock  wave  at  various  altitudes 
and  velocities.  Relaxation  effects  are  important  where  this  length  com- 
pares in  magnitude  with  a length  such  as  the  shock-detachment  distance. 

At  low  velocities,  where  low  temperatures  occ\ir,  the  reactions  have  a 
trivial  effect,  as  indicated  by  the  shaded  portion  of  the  figure.  It 
is  seen  that,  for  a wide  range  of  speeds  and  altitudes,  the  vibrations 
may  be  regarded  as  being  in  equilibrium.  At  altitudes  below  150,000  feet 
the  finite  length  generally  needs  to  be  considered  only  for  vehicles 
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tional  relaxation  will  be  important  at  the  stagnation  region  for  vehicles 
traveling  less  than  25^000  feet  per  second.  The  calculations  for  these 
curves  are  based  on  Blackman's  experimental  values  for  vibrational 
relaxation  (ref.  19)  • These  agree  fairly  well  with  the  theory  of 
Schwartz  and  Herzfeld  (ref.  20)  and  the  calculations  are  probably  cor- 
rect within  a factor  of  5^  a-t  least.  In  contrast,  the  existing  knowledge 
of  dissociation  rates  is  extremely  uncertain.  The  theoretical  calcula- 
tions require  some  severe  mathematical  approximations  (ref.  21),  and 
experiments  have  been  made  only  recently  which  fix  the  reaction  rates 
within  several  orders  of  magnitude  (refs.  22  and  25).  Despite  the  value 
of  these  recent  data,  the  state  of  knowledge  is  still  far  from  satis- 
factory, as  is  illustrated  in  figure  15.  This  figure  shows  the  three- 
body  recombination  rate  as  a function  of  temperature  for  the  recombina- 
tion of  oxygen  and  nitrogen  atoms  and  for  the  recombination  of  atoms  in 
air.  The  third  body  M in  the  collision  serves  to  carry  away  the  excess 
energy  released  by  the  recombination  so  that  the  newly  formed  molecule 
can  be  stable.  In  view  of  the  uncertainty  in  the  experimental  data,  the 
theory  developed  by  Wigner  (ref.  21)  has  been  used  to  calculate  the  char- 
acteristic reaction  lengths  in  dissociating  flow.  In  applying  this 


"theoiry  it  ha.s  been  assumed  that  the  third  body  in  the  recombination 
reaction  is  a hard  elastic  sphere  and  that  the  potential  between  atoms 
is  the  same  one  used  earlier  to  evaluate  the  transport  properties . The 
same  expression  is  used  for  the  recombination  rate  of  both  the  oxygen 
and  nitrogen  atoms. 

Figure  l6  shows  the  results  for  the  flow  lengths  required  to  reach 
oxygen  dissociation  equilibrium  downstream  of  a normal  shock.  The  same 
fimctional  relations  occur  as  for  vibrations;  that  is,  relaxation  becomes 
increasingly  important  at  hi^er  altitudes  and  lower  velocities . For 
nitrogen  dissociation,  all  curves  in  figure  l6  would  be  shifted  to  the 
left  so  that  the  curve  for  a velocity  of  10,000  feet  per  second  for 
nitrogen  roughly  coincides  with  the  curve  for  a velocity  of  15,000  feet 
per  second  for  oxygen;  it  would  fall  in  the  "reaction  negligible"  region. 
(See  fig.  1.)  Similarly,  the  curve  of  15,000  feet  per  second  for  nitro- 
gen shifts  roughly  to  the  cturve  of  20,000  feet  per  second  for  oxygen. 

Above  an  altitude  of  250,000  feet,  the  typical  vehicle  enters  slip 
flow  and,  as  the  altitude  increases  further,  the  shock  wave  eventually 
disappears.  Under  .these  conditions,  molecular  inpact  on  surfaces  is  a 
more  important  phenomenon  than  those  associated  with  the  continuum  air- 
flow properties.  Thus,  in  any  case,  the  relaxation  effects  need  to  be 
considered  only  over  a finite  range  of  velocity  and  altitude. 


CONCLUDING  REMARKS 


It  has  been  found  that  a fairly  satisfactory  state  of  scientific 
knowledge  exists  with  respect  to  the  equilibrium  thermodynamic  properties 
of  air,  that  the  knowledge  of  the  transport  properties  leaves  something 
to  be  desired,  and  that  the  state  of  theory  and  experiment  on  chemical 
reaction  rates  is  quite  inadequate.  For  example,  equilibrium  thermo- 
dynamic properties  can  be  calculated  very  precisely  by  iteration  methods, 
to  the  order  of  l/2  percent  or  better;  closed-form  analytic  solutions  for 
these  properties  are  accurate  to  the  order  of  2 to  5 percent;  and  approxi- 
mate semiempirical  formulas  are  available  for  rough  engineering  estimates 
which  are  good  to  the  order  of  10  to  20  percent.  For  transport  properties, 
good  theoretical  methods  for  calcvilating  collision  cross  sections  are  not 
yet  available ; the  approximations  used  have  an  uncertainty  of  the  order 
of  50  percent,  but  the  order  of  magnitude  and  the  functional  relationships 
which  have  been  estimated  for  these  properties  are  probably  correct . 
Vibrational  relaxation  rates  are  approximately  known,  but  the  dissocia- 
tion rates  are  still  uncertain  by  several  orders  of  magnitude.  However, 
much  effort  is  being  focused  on  these  problems,  and  it  is  reasonable  to 
anticipate  that  adequate  solutions  for  aerodynamic  pvirposes  will  soon  be 
forthcoming . 
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Figure  3 
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TRANSITION  ON  SOME  COOLED  BLUNT  AND  SLENDER  BODIES 
By  Richard  J.  Wisnievski 
Lewis  Flight  Propulsion  Laboratory 


INTRODUCTION 


4 


The  most  important  requirement  in  the  design  of  a successful  reentry 
vehicle  is  an  accurate  prediction  of  the  heating  rates.  Since  the  tur- 
bulent heating  rates  are  an  order  of  magnitude  greater  than  the  laminar 
rates,  optimum  design  cannot  be  accomplished  without  a knowledge  of  when^ 
where,  and  whether  transition  from  laminar  to  turbulent  flow  will  occur. 


The  present  generation  of  reentry  shapes  will  be  a family  of  high- 
drag  (blunt)  shapes  having  low  values  of  W/Cj)A  (where  W is  weight, 

Cj)  is  drag  coefficient,  and  A is  cross-sectional  area  of  the  body). 

This  is  a most  logical  choice  from  a consideration  of  aerodynamic  heating; 
since,  for  a given  flow  condition,  laminar  or  turbulent,  the  high-drag 
shape  absorbs  less  heat  than  the  low--irag  shape.  Numerous  experimental 
programs  have  been  initiated  to  determine  where  transition  will  occur 
on  the  various  shapes.  At  present,  analysis  of  the  transition  results 
of  these  programs  has  not  been  toe  successful. 

Although  from  a heating  point  of  view,  the  high-drag  shape  offers 
more  advantages  as  a reentry  shape  than  the  low-drag  shape,  it  may  be 
desirable  to  attain  higher  impact  velocities  and  hence  less  error  from 
wind  drift.  Therefore,  low-drag  bodies  may  be  of  interest  as  reentry 
shapes.  In  the  present  paper  the  prospects  for  laminar  flow  with  large 
amounts  of  cooling  for  some  high-drag  (blunt)  and  low-drag  (slender) 
bodies  will  be  discussed. 
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SYMBCIS 


A 

C] 

D 

h 


cross-sectional  (frontal)  area  of  body,  sq  ft 
body  drag  coefficient 

body  diameter,  in. 
enthalpy 


T 

k 

M 

Rejj. 


temperature,  k 
roughness  height,  ft 
Mach  number 

roughness  Reynolds  number. 


displacement-thickness  Reynolds  number, 

PeUgB 


PeUeS* 


transition  Reynolds  number, 


momentum-thickness  Reynolds  number. 


PeUe9 


d nose  diameter,  in. 

s surface  distance,  ft 

U velocity,  ft/sec 

W weight,  lb 

S*  boundary- layer  displacement  thickness,  ft 

0 momentum  thickness,  ft 

\i  viscosity,  slugs/ft-sec 

V kinematic  viscosity,  [x/py  ft^/sec 

p density,  slugs/cu  ft 

Subscripts : 

e local  free -stream  conditions  at  edge  of  boiindary  layer 

k at  top  of  roughness 

w conditions  at  wall 


o 


stagnation  conditions  behind  shock 


00 


free- stream  conditions  ahead  of  shock 


TR  conditions  at  transition 


HIGH-DRAG  SHAPES 


The  typical  high-drag  body  that  has  been  chosen  for  discussion 
is  the  hemisphere.  Although  the  hemisphere  is  generally  not  considered 
to  represent  a realistic  reentry  shape,  it  does  afford  a basic  geometric 
shape  on  which  to  study  transition.  Experimental  data  on  cooled  hemi- 
spheres are  plentiful  and  any  correlation  of  transition  data  should 
provide  some  sort  of  basis  for  correlating  transition  results  on  other 
high-drag  shapes. 


Summary  of  Hemisphere  Transition  Data 

In  figure  1 the  available  transition  data  for  cooled  hemispheres 
from  free-flight  and  wind-tunnel  tests  eire  presented  as  the  ratio  of 
wall  enthalpy  to  local  stream  enthalpy  h^/hg  plotted  against  the  local 

transition  Reynolds  number  based  on  momentum  thickness  Rsq  When 

these  data  are  analyzed  in  terms  of  h^/hg  and  no  correlation 

is  indicated  and,  furthermore,  no  apparent  effect  of  cooling  is  noted. 

The  cause  of  transition  on  cooled  hemispheres  is  not  known,  and 
therefore  several  correlations  have  been  atleuipted  to  determixie  what 
pgirameters  strongly  influence  transition  on  cooled  hemispheres.  The 
most  widely  attempted  correlations  have  relied  on  roughness  as  the  cor- 
relating parameter. 


Roughness  as  a Correlation  Parameter 

Two  of  the  most  logical  roughness  correlation  parameters  are  pre- 
sented in  figure  2.  In  figure  2(a),  the  ratio  of  roughness  height  to 
momentim  thickness  k/0  is  plotted  against  the  transition  Reynolds 
number  based  on  momentum  thickness  RCg  ^ for  several  sets  of  cooled- 

hemisphere  data.  Examination  of  the  NACA  Langley  data  reveals  that  the 
highest  values  of  k/0  yield  the  smallest  values  of  Re-  whereas 

the  smaller  values  of  k/0  yield  the  largest  values  of  Roq 
Examination  of  the  Lockheed  X-17  data,  however,  shows  no  evident  trend 
with  the  value  of  k/0.  Therefore,  although  some  type  of  roughness 
effect  is  suggested,  it  appears  that  k/0  is  an  inadeqviate  parameter 
for  correlation. 


In  figure  2(13),  the  mean  value  of  the  critical  roughness  Reynolds 
number  for  the  NACA  Langley  and  the  Lockheed  X-17  hemisphere  flights  and 
for  various  three-dimensional  distributed-roughness  tests  is  presented. 
The  data  for  the  hemispheres  are  from  tests  with  very  large  amounts  of 
cooling.  The  three-dimensional  distributed-ro'oghness  tests,  discussed 
in  greater  detail  in  a subsequent  paper  by  Albert  L.  Braslow  and 
Elmer  A.  Horton,  are  on  bodies  with  little  or  no  cooling.  The  roughness 
Reynolds  number  is  defined  in  terms  of  the  roughness  height  and  local 
conditions  evaluated  at  the  roiighness  height.  The  critical  roughness 
Reynolds  number  is  that  value  of  the  roughness  Reynolds  niomber  for  which 
transition  first  moves  from  its  natural  position.  In  figure  2(b),  the 
mean  value  of  the  critical  roughness  Reynolds  number  for  a subsonic  wing, 
a subsonic  hemisphere,  and  a supersonic  cone,  is  approximately  600.  The 
roughness  Reynolds  nvunber  obtained  in  flights  of  cooled  hemispheres, 
evaluated  by  using  the  roughness  height  meas\ired  before  flight,  yields 
values  between  0.05  and  20.  Therefore,  assviming  no  large  order  change 
in  the  measured  roughness  during  flight,  it  must  be  concluded  that  the 
roughness  is  not  large  enough  to  effect  transition  in  the  same  manner 
as  that  found  for  the  three-dimensional  distributed-roughness  tests  of 
Braslow  and  Horton. 


Correlation  of  Hemisphere  Data 

Since  doubtful,  or  little,  success  has  been  achieved  with  correla- 
tion parameters  based  on  roughness,  it  is  reasonable  to  examine  correla- 
tion parameters  that  are  independent  of  roughness.  An  empirical 
correlation  parameter  of  this  type  is  presented  in  figure  5-  In  fig- 
ure 5(a),  data  from  smooth  hemispheres  (l/2  to  6 microin.)  are  presented 
on  a log- log  scale  as  the  ratio  of  wall  enthalpy  to  total  enthalpy 
h^/hQ  plotted  against  the  ratio  of  the  local  displacement-thickness 
Reynolds  number  to  the  local  Mach  number  Re^^y^M^.  Examination  of 

figure  3(a)  shows  that  the  transition  data  are  well  correlated  and  that 
the  region  between  laminar  and  turbulent  flow  is  well  defined.  It  is 
also  Interesting  to  note  in  figure  3(a)  that,  at  a constant  value  of 
the  correlation  parameter,  cooling  will  cause  the  boundary  layer  to  go 
from  laminar  flow  to  turbulent  flow. 

Presented  in  figure  5(b)  are  all  the  data^  of  figure  1 classified 
in  terms  of  surface  roughness  and  shown  plotted  as  against 

Reg^Me*  Again,  three  regions  are  clearly  defined:  laminar,  transi- 

tional, and  turbulent.  Now,  however,  the  transition  region  is  seen  to 

^The  log-log  scale  restricts  the  inclusion  of  additional  points 
that  fall  on  the  correlation  curve  but  have  negative  values  of  the  cor- 
relation parameter. 


be  influenced  by  the  amount  of  roughness  present  on  the  hemisphere. 
Nevertheless,  the  data  appear  to  be  well  correlated. 

The  method  of  applying  the  suggested  correlation  is  presented  in 
figure  4.  In  addition  to  the  various  correlation  curves  for  the  various 
degrees  of  surface  roughness,  the  variation  of  the  correlation  paxameter 
between  an  angular  position  of  20°  and  80°  is  also  included  under  three 
different  conditions  in  a trajectory  having  a constant  value  of 
The  correlation  indicates  that,  at  a given  enthalpy  ratio,  three  regions 
can  be  distinguished.  When  the  variation  of  the  correlation  parameter 
along  the  body  is  such  that  it  falls  in  region  one,  the  flow  on  a body 
will  be  laminar  even  if  the  surface  is  quite  rough.  A second  region 
exists  where  the  flow  is  transitional.  In  this  region  the  transition 
position  depends  a great  deal  on  the  roughness;  that  is,  for  a roTigh 
body,  transition  will  occur  far  forward  whereas,  for  a smooth  body, 
transition  will  occur  well  back  on  a body.  In  a third  region,  the  flow 
will  be  turbulent  over  most  of  the  body  even  if  the  body  is  smooth  within 
practical  limits. 

This  correlation  does  not  represent  an  answer  to  the  entire  problem 
of  transition  on  cooled  blunt  bodies.  The  correlation  parameter  is  of 
an  empirical  nature,  and  no  physical  model  exists  to  base  it  on. 


Correlation  as  Applied  to  I^pical  Reentry  Conditions 

In  figure  the  smooth-hemisphere  correlation  curve  has  been 
plotted  on  a regular  scale,  and  the  variation  of  the  correlation  param- 
eter between  angular  positions  of  20°  and  3c°  is  included  for  a hemi- 
spherical intercontinental  ballistic  missile  (ICBM).  The  trajectory  is 
for  a 6-foot-diameter  hemisphere  having  a value  of  W/Cj^A  of  150  pounds 

per  square  foot.  Extrapolating  the  correlation  to  the  lower  enthalpy 
levels  and  extending  the  correlation  to  include  large-diameter  bodies, 
as  has  been  done  in  figure  5^  clearly  show  that  transition  will  occur 
on  or  near  the  20°  position  during  the  entire  time  of  reentry.  The 
results  presented  in  this  figure  indicate  a serious  question  as  to  the 
possibility  of  obtaining  extensive  laminar  flow  on  a hemisphere  under 
full-scale  reentry  conditions. 


Extension  of  Correlation  Parameter  to  Other  Shapes 

Since  the  actual  ICBM  reentry  nose  cones  will  not  be  hemispherical, 
it  is  desirable  to  show  that  the  correlation  of  transition  data  from 
other  shapes  can  be  attained  with  the  parameter  A plot  of  the 

correlation  parameter  for  both  the  hemisphere  and  a large  blunt  cone  is 


shown  in  figure  6.  This  figure  shows  that  the  correlation  works  equally 
well  for  the  large  "blunt  cone  and  that  two  distinct  correlation  curves 
axe  obtained.  In  fact,  at  a given  enthalpy  ratio,  the  blunt  cone  shape 
yields  a laxger  value  of  Reg^/M^  than  the  hemisphere.  This  fact  should 

not  be  interpreted  to  mean  that,  insofar  as  transition  is  concerned,  one 
shape  is  superior  to  the  other.  Such  a conclusion  could  be  made  only 
after  studying  both  configurations  under  identical  trajectories. 

At  this  time  it  should  be  pointed  out  that  the  hemisphere  is  by  no 
means  the  most  suitable  high-drag  body  for  laminar  flow.  For  example, 
under  the  same  free-stream  conditions , the  flat-face  body  has  demonstrated 
both  lower  heating  rates  and  more  extensive  laminar  flow  than  the  hemi- 
spherical body.  Although  in  this  paper  no  attempt  has  been  made  to  find 
the  most  suitable  high-drag  body  for  laminar  flow,  the  parameter  which 
correlates  transition  on  at  least  two  high-drag  shapes  have  been  presented. 


LOW-DRAG  SHAPES 


A typical  low-drag  shape  is  the  slightly  blunted  cone.  Since  it 
has  been  demonstrated  that  transition  data  on  sharp-  and  blunt-tip  cones 
are  in  good  agreement  when  local  stream  conditions  are  used,  consider- 
able data  from  sharp-tip  cones  will  be  considered  applicable  to  blimt 
cones . 


Cooling  Delays  Transition  on  Cones 

The  ratio  of  wall  temperature  to  local  stream  tenperatvire  Tw/Te 
plotted  against  the  local  transition  Reynolds  number  Re^  for  the 

transition  data  of  both  sharp-  and  bliint-tip  cones  is  presented  in  fig- 

lare  7.  Examination  of  these  data  indicates  that,  with  cooling,  transi- 

c 

tion  Reynolds  numbers  as  great  as  52  X 10^  have  been  obtained  in  flight 
with  sharp-tip  cones. 

At  the  present  time^  it  appears  that  long  laminar  runs  on  slender 
reentry  bodies  axe  certainly  feasible.  However^  two  recent  adverse 
trends  have  been  found  which  raise  questions  regarding  the  possibility 
of  extensive  laminar  flow  on  slender  reentry  shapes:  transition  rever- 

sal and  early  transition  as  found  with  excessive  blunting. 
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Transition  Reversal 

Experimental  transition  data  obtained  in  a wind  tunnel  on  a slightly 
blunted  9°  50'  total-angle  cone-cylinder  indicate  that,  under  certain 
conditions,  cooling  can  have  sin  adverse  effect  on  the  transition  Reynolds 
number.  This  phenomenon,  termed  "transition  reversal,"  is  presented  in 
figure  8.  The  data  of  this  figure  reveal  the  usual  increase  in  the  tran- 
sition Reynolds  number  with  moderate  cooling.  However,  with  increased 
cooling  the  trend  is  reversed,  and  transition  occurs  far  forward  on  the 
cooled  body.  This  transition-reversal  phenomenon  has  been  substantiated 
in  free  flight  and  in  wind-tunnel  tests  in  references  1 to  5-  At  present, 
no  explanations  have  been  completely  successful  in  explaining  all  the 
various  transition-reversal  data.  The  data  of  reference  1 indicate  an 
effect  of  roughness  on  transition  reversal.  However,  analysis  of  all  the 
available  reversal  data  in  terms  of  any  roughness  parameter  suggested 
to  date  has  not  proved  to  be  too  successful.  Therefore,  although  rough- 
ness certainly  affects  reversal,  roughness  as  the  cause  of  reversal  has 
not  been  definitely  established  as  yet.  Furthermore,  a combination  of 
conditions  with  cooling  are  required  to  obtain  transition  reversal.  At 
present,  it  has  been  established  that,  on  reasonably  smooth  surfaces 
(less  than  15  microin.),  transition  reversal  has  been  obtained  under  a 
proper  combination  of  local  Mach  number,  unit  Reynolds  number,  and  low- 
temperature  ratios. 


Transition  as  Affected  by  Bl'unting 


Since  all  low-drag  reentry  bodies  will  require  some  amount  of 
3Xunbing,  a flight  program  was  iiiitiatud  at  the  i.ewas  Flight  Propulsion 
Laboratory  to  determine  the  effect  of  various  amounts  of  blunting  on 
transition.  Preliminary  results  of  this  program  are  presented  in  fig- 
ure 9.  In  this  figure,  the  local  transition  Reynolds  number  He^R 


been  plotted  against  the  ratio  of  nose  diameter  to  cone  base  diameter 
d/D  for  constant-base-diameter  cones  under  the  same  ambient  conditions. 
These  data  show  that,  beyond  a value  of  d/D  of  0.5^  tr^sition  was 

observed  at  transition  Reynolds  numbers  less  than  1 x 10  . Similar 
results  at  higher  Mach  number,  which  show  the  same  trend,  have  also 
been  obtained  but  are  not  presented  here.  It  should  be  noted  that, 
because  full-scale  slender  reentry  bodies  will  traverse  approximately 
the  flight  conditions  covered  herein,  the  absolute  tip  size  rather 
than  the  tip  size  in  percent  of  cone  base  diameter  is  the  important 
dimension.  For  these  flight  conditions  the  apparent  limiting  diameter 
was  between  2 and  3 inches.  Additional  data  are  needed  before  any  firm 
conclusions  can  be  presented  concerning  this  phenomenon.  However,  it 
does  appear  that  there  exists  some  degree  of  bliunting  beyond  which  low 
transition  Reynolds  number  will  be  obtained  on  slender  bodies  even  with 
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large  amounts  of  cooling.  Local  conditions  on  the  tip  are  in  the  lami- 
nar region  of  the  blunt-hody  correlation  when  this  downstreajn  transition 
occurs . 


CONCLUDING  REMARKS 


In  conclusion,  it  has  "been  shown  that  a reasonable  correlation  of 
transition  data  for  a hemisphere  end  a laxge  blunt  cone  has  been 
attained.  Whether  the  parameter  will  be  useful  for  other  high-drag 
shapes  remains  to  be  seen.  Furthermore,  although  the  correlation  does 
indicate  that  under  certain  conditions  with  cooling,  treinsition  will 
occur  on  the  smoothest  practical  surfaces,  an  effect  of  roughness  on 
transition  is  noted  for  the  high-drag  body. 

On  the  low-drag  body,  examination  of  transition  data  reveals  that 
long  laminar  runs  are  feasible,  providing  a determination  can  be  made 
of  the  part  transition  reversal  and  blunting  play  in  the  transition 
picture. 
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ROUGHNESS  AS  A CORRELATION  PARAMETER 
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AERODYNAMIC  HEATING  OF  BLUNT  NOSE  SHAPES 
AT  MACH  NUMBERS  UP  TO  Ik 
By  William  E.  Stoney,  Jr. 

Langley  Aeronautical  Laboratory 


SUMMARY 


Results  are  presented  from  recent  investigations  of  the  aerodynamic 
heating  rates  of  blunt  nose  shapes  at  Mach  numbers  up  to  l4.  Data 
obtained  in  flight  and  wind-tunnel  tests  have  shown  that  the  flat-faced 
cylinder  has  about  50  percent  the  stagnation-point  heating  rates  of  the 
hemisphere  over  nearly  the  entire  Mach  number  range.  Tests  made  at  a 
Mach  number  of  2 on  a series  of  bodies  made  up  of  hemispherical  segments 
of  varying  radius  of  curvature  showed  that  slight  amounts  of  curvature 
can  decrease  the  local  rates  at  the  edge  of  the  flat-faced  cylinders 
with  only  a slight  increase  in  the  stagnation  rate.  The  total  heat 
transfer  to  such  slightly  curved  bodies  is  also  somewhat  smaller  than 
the  total  heat  transfer  to  flat-faced  cylinders. 


Comparison  of  several  tests  with  theoretical  heating-rate  distri- 
butions showed  that  both  laminar  and  turbulent  local  rates  can  be  pre- 
dicted by  available  theories  (given  the  pressure  distribution  about  the 
body  ) reasona'biy  veil,  altno'ogh  zne  scat  ox  oiie  avaX-LaOa.c  G.aca  ocxj-x 
leaves  open  the  choice  between  the  theories  at  the  edge  of  the  bodies, 
where  they  usually  differ. 


Tests  on  a flat-faced  cylinder  at  a Mach  number  of  2.49  and  at 
angles  of  attack  up  to  15^  shoved  the  movement  of  the  apparent  stagna- 
tion point  from  the  center  of.  the  body  to  the  50  percent  windward  sta- 
tion at  15^  angle  of  attack.  The  heat  transfer  near  the  windward  edge 
increased  about  50  percent  while  that  near  the  leeward  edge  decreased 
about  20  percent  at  15^  angle  of  attack. 


Preliminary  results  on  a concave  nose  have  indicated  the  possibil- 
ity that  this  type  of  design  may  be  developed  to  give  heating  rates 
significantly  lower  than  even  the  flat-faced  cylinder  rates.  The  test 
results  have  also  shown,  however,  the  existence  of  an  unsteady  flow 
phenomenon  which  can  increase  the  heating  rates  to  extremely  high  values. 
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IIITRODUCTION 


The  importance  of  bTunt  noses  as  a means  of  reducing  the  heat  trans- 
fer to  high  velocity  missiles  has  recently  received  much  publicity.  The 
question  of  just  what  blunt  shape  is  best  is  still  moot,  and  it  is  the 
purpose  of  this  paper  to  present  and  examine  some  recent  experimental 
results  which  may  throw  some  light  on  this  problem. 


SYMBOLS 


h 

M 

P 

Q 

R 

r 

s,x 

^TOTAL 

T 

u 

a 

Subscripts : 


heat-transfer  coefficient 

Mach  number 

pressure 

total  heat  input 
Reynolds  number 
radius 

distance  along  surface  measirred  from  center  line 

total  distance  along  surface  measirred  from  center  line  to 
edge  of  body 

temperature 

velocity 

angle  of  attack 


d based  on  diameter 

F flat  face 

HEMIS  hemisphere 

LAM  laminar  flow 


I 


local 
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TH  theoretical 

TURB  turbulent  flow 

t stagnation 

w wall 

00  free  stream 

Superscript: 

^ (prime)  hemispherical  segment 


DISCUSSION 


Stagnation-Point  Heating  on  Hemispherical 
and  Flat-Faced  Cylinders 


Heat  is  apparently  an  elusive  thing,  and  the  prediction  and  meas- 
urement of  its  transfer  rates  is  still  not  the  most  exact  of  sciences. 
This  fact  is  illustrated  in  figure  1,  which  presents  the  heat-transfer 
coefficients  measured  at  the  stagnation  points  of  hemispheres  and  flat- 
faced cylinders  as  a fimction  of  free-stream  Mach  number.  All  the  meas- 
ured rates  are  divided  by  theoretical  rates  for  the  hemisphere  deter- 
mined either  by  the  theory  of  Slbulkin  for  low  ifcich  numbers  (ref.  l)  or 
by  the  theory  of  Fay  and  Riddell  for  higher  Mach  numbers  (ref.  2).  The 


latter  theory  includes  the  real  gas  effects  due  to  the  very  high  stagna- 
tion temperatiires  obtained  at  these  flight  conditions.  The  measured 
results  were  obtained  on  rocket  models  (refs.  5 to  6)  and  in  wind  tun- 
nels (refs.  7 “to  11  and  unpublished  data). 


It  is  apparent  from  the  scatter  shown  that  both  methods  of  measure- 
ment have  their  troubles.  There  is  the  possibility  that  a variable  not 
accounted  for  by  the  theories  is  responsible  for  some  of  the  scatter. 

It  seems  probable,  however,  that  the  scatter  in  the  data  is  principally 
the  result  of  heat  losses  of  various  types,  errors  in  the  measxnrement 
of  the  very  thin  skins  usually  used,  and,  in  the  case  of  the  flight  data, 
errors  in  the  measiorement  of  the  flight  conditions  of  the  models.  This 
last  type  of  error  is  responsible  for  the  fact  that  heating-rate  distri- 
butions measured  on  flight  models  often  show  considerably  less  scatter 
if  they  are  nondimens ionali zed  by  division  by  the  measxrred  stagnation 
rates  rather  than  by  theoretical  rates . The  agreement  of  the  data  taken 
in  this  way  is  due  to  the  invariance  of  laminar  heating-rate  distribu- 
tions with  Mach  number  and  Reynolds  number . 
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With  these  qualifications,  it  then  appears  reasonable  to  say  that 
the  measured  values  support  the  theoretical  values  of  the  stagnation 
heating  rates  on  the  hemispheres  throughout  the  Mach  number  range  and 
that  the  stagnation  heating  rates  on  the  flat-faced  cylinder  are  roughly 
one-half  those  on  the  hemisphere . The  markedly  lower  rates  shown  for 
the  flat  face  indicate  its  possible  value  as  a low-heating-rate  shape, 
but  a final  evaluation  requires  the  examination  of  the  heating  rates 
over  the  entire  surface. 


Local  Heating  Rates  on  a Flat-Faced  Cylinder 

Local  heating  rates  on  a flat-faced  cylinder  are  presented  in  fig- 
ure 2.  The  local  heating  rates  measured  in  flight  (refs.  11  and  12) 
and  in  wind  tunnels  (ref.  10  and  unpublished  data)  are  divided  by  their 
measured  stagnation  rates  and  presented  as  fiuictions  of  local  distance 
from  the  center  line  divided  by  the  radius  of  the  body.  The  scatter  of 
some  of  the  data  is  indicated  by  the  spread  of  the  rails  through  the 
symbols.  The  data  are  compared  with  the  predictions  of  two  laminar  the- 
ories, the  solid  line  representing  the  theory  of  Lees  (ref.  15)  and  the 
dashed  line,  the  theory  of  Stine  and  Wanlass  (ref.  l4) . For  both  these 
theoretical  distributions  a pressure  distribution  measured  at  Moo  = 2 
in  a wind  tunnel  (ref.  10)  was  used.  This  use  is  justified  by  the 
experimentally  obtained  fact  that  the  local  flow  over  blunt  shapes 
"freezes"  at  Mach  numbers  above  about  2,  which  means  that  the  local  Mach 
mmibers  do  not  change  significantly  with  free-stream  Mach  number  above 

m 

that  Mach  number.  Lees'  theory  is  derived  for  the  condition  — ^ « 1 

Tt 

which  is  the  condition  of  all  high  Mach  number  flight  tests.  For  this 
condition  Lees  argues  that  the  direct  influence  of  a local  pressure 
gradient  is  small  and  can  be  neglected.  The  Stine  and  Wanlass  calcula- 
tions include  a local-pressure-gradient  effect,  and  this  is  the  princi- 
pal source  of  the  difference  shown  between  the  two  theories . 

In  figure  2 the  data  scatter  is  again  large  enough  that  it  is 
impossible  to  decide  which  of  the  two  theories  better  fits  the  data. 

A comparison  of  the  two  parts  of  the  figure  shows  the  invariance  of  the 
distribution  with  Mach  number  and  Reynolds  number  mentioned  previously. 
In  spite  of  the  data  scatter  it  is  also  obvious  that  the  flat-faced 
cylinder  loses  some  of  its  advantages  over  the  hemisphere  by  the 
increased  heating  rates  at  the  edge  of  the  face. 


Stagnation-Point  Heating  Rates  on  Hemispherical  Segments 

In  an  attempt  to  decrease  the  edge  heating  rates  while  keeping  low 
stagnation  rates,  a series  of  bodies  were  tested  which  were  shaped  by 


hemispherical  segments  of  different  radii . Figure  5 presents  the  ratio 
of  stagnation-point  heating  rates  measured  on  these  hemispherical  seg- 
ments to  the  stagnkti on-point  heating  rate  for  the  hemisphere  of  equal 
body  radius  plotted  (open  symbols)  as  a function  of  the  ratio  of  body 
radius  to  the  radius  of  curvature  of  the  hemispherical  segment.  The 
results  of  two  systematic  investigations  are  shown  and  the  agreement 
between  them  is  fair  in  spite  of  the  large  Mach  number  and  stagnation 
difference  between  them.  All  the  results  of  figure  1 could,  of  course, 

be  plotted  in  figure  5 at  ^ = 0 to  give  a band  of  data  from  about  0.4 

r' 

to  0.8.  The  results  of  the  two  Investigations  shown  have  the  advantage 
of  being  parts  of  a systematic  series  of  tests,  and  they  agree  with  the 
general  results  of  figure  1,  namely,  that  the  stagnation-point  heating 
rates  for  the  flat  face  are  about  50  percent  of  those  for  the 
hemisphere . 

Plotting  the  solid  points  which  were  obtained  from  pressure  meas- 
iirements  (ref.  15)  as  heating -rate  ratios  is  not  strictly  honest  since 
these  points  are  actually  the  square  root  of  the  velocity  gradient 
ratios;  that  is. 


V(du/dx) ' 

^(du/dx)^^^j^ 


However,  stagnation-point  heating-rate  theory  shows  that  the  heating 
rate  is  a direct  function  of  the  square  root  of  the  velocity  gradient 
and,  thus,  the  two  types  of  data  can  be  plotted  In  the  same  figure  with 

the  purpose  of  allowing  the  data  to  reinforce  each  other.  The  scatter 

in  the  pressure  data  is  smaller,  and  the  data  show  a small  ffech  nvunber 
Influence.  The  combination  of  pressure  and  heating-rate  data  allows  a 
fairly  decent  line  to  be  drawn  through  the  data  to  show  the  effect  of 

changing  the  nose  radius  of  curvature . The  use  of  theory  allows  a cal- 

culation of  heating-rate  ratios  to  be  made  from  the  Newtonian  pressure 
principle  also  and  this  result  is  shown  by  the  solid  line.  The  coiiipaxl- 
son  of  this  solid  line  with  the  data  is  interesting  because  it  shows 
that  the  data  depart  from  this  line  for  that  body  for  which  Newtonian 
theory  predicts  a Mach  number  of  1 at  the  shoulder  (l.e.,  slope  at  the 
shoulder  = 45°) . 


The  bodies  tested  had  sharp  or  nearly  sharp  corners,  anH  thus  a 
Mach  number  of  1 occurred  at  or  very  close  to  the  corner.  It  has  been 
suggested  (ref.  I5)  that  for  bodies  of  varying  radii  of  curvature  (for 
example,  a body  with  a flat  meridian  near  the  stagnation  point  faired 
into  the  cylinder  with  a radius  of  curvature  of  25  percent  of  the 
cylinder  radius),  the  value  of  r on  a plot  such  as  shown  in  fig- 
ure 2(b)  should  be  taken  at  that  point  at  which  the  local  flow  is 
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sonic,  this  point  to  be  determined  as  best  as  possible,  usually  by  means 
of  pressure  distributions.  Although  the  present  data  can  throw  no  light 
on  the  value  of  this  procedure  the  reader  should  be  aware  that  the  cor- 
ner can  influence  the  results  discussed  for  this  figure  and  the  fol- 
lowing local-heating-rate-distribution  figures,  and  that  it  does  this 
through  the  mechanism  of  the  sonic-point  location.  A more  general  dis- 
cussion of  a closely  similar  point  is  given  in  reference  l6,  where  it 
is  pointed  out  that  the  corner  shape  effects  can  be  felt  even  if  the 
position  of  the  sonic  line  is  known  and  is  ahead  of  the  corner,  at  least 
for  Mach  mmbers  less  than  3 for  bodies  of  revolution. 


Local  Heating  Rates  on  Hemispherical  Segments 

Again  the  local  heating  rates  must  be  examined  to  permit  an  evalua- 
tion of  the  various  noses  tested.  In  figure  4 the  local  rates  measured 
on  the  series  of  M = 2 tunnel  models  for  which  the  stagnation  rates 
were  presented  in  figure  3 presented  as  a function  of  the  ratio  of 
local  surface  distance  from  the  center  line  to  the  total  surface  dis- 
tance from  the  center  line.  The  local  rates  have  been  nondimens iona- 
lized  by  division  by  the  stagnation  rate  of  the  flat  face.  The 
resulting  ratios  have  been  adjusted  so  that  the  stagnation-point  ratios 
fit  the  dashed  curve  shown  in  figure  3*  This  has  been  done  in  an  effort 
to  remove  some  of  the  scatter  shown  in  this  figure  and  means  that  it  has 
been  assumed  that  the  difference  shown  in  the  stagnation  rates  was 
shared  by  all  the  measuring  stations.  This  assumption  is  partially 
justified  at  least  by  the  consistency  of  the  measured  values  of  the 
first  two  or  three  stations  away  from  the  center  line.  This  consistency 
appears  on  the  figure  as  the  flatness  in  the  faired  ciorves  near  the  cen- 
ter line.  For  comparison  the  laminar -theory  distributions  of  Stine  and 
Wanlass  (ref.  l4)  for  the  flat-faced  cylinder  and  the  hemisphere  are 
also  shown  (solid  lines).  (The  theory  of  Stine  and  Wanlass  was  used  for 

T 

the  flat  fa^^e  since  the  condition  predicted  by  Lees,  namely  « 1, 

*^t 

is  not  true  for  the  tunnel  conditions  being  compared  herein.) 


The  effect  of  changing  the  radius  of  curvature  of  the  nose  is  about 
as  might  be  expected;  that  is,  as  the  radius  of  curvature  of  the  nose  is 
increased  above  that  of  the  hemisphere,  the  stagnation-point  heating 
rates  are  reduced  but  the  edge  rates  are  increased.  Similarly,  as  the 
radius  is  decreased  from  the  infinite  radius  of  the  flat  face,  the  stag- 
nation rate  increases  and  the  edge  rate  decreases.  Thus  it  is  possible 
to  reduce  the  peak  local  heating  rates  somewhat  by  slight  amounts  of 
curvature.  Although  the  edge  data  are  not  too  accurate  because  of  high 
conduction  losses  near  the  corner  and  because  of  unknown  effects  on  the 
local  conditions  caused  by  small  and  varying  amounts  of  radius  at  the 
edge,  integration  of  the  local  rates  over  the  entire  surface  shows  that 


small  reductions  in  the  total  heat-transfer  rates  are  obtainable  for 
bodies  with  small  values  of  -£j-.  Note  that  the  hemisphere  has  about 

50  percent  more  total  heat  transfer  than  the  flat  face,  principally 
because  of  its  100  percent  greater  area. 


Comparison  of  Turbulent  and  Laminar  Rates 
With  Theoretical  Calculations 

Up  to  this  point  only  laminar  flow  has  been  discussed.  For  hemi- 
spheres it  has  been  shown  (ref.  7)  that  turbulent  rates  as  high  as  three 
times  the  laminar  stagnation  rates  can  occur.  A similar  situation  exists 
for  the  blunter  shapes.  Figure  5 presents  heat-transfer  rates  measured 

on  a blunt  nose  of  radius  ratio  — = 0.50  for  two  conditions  of  the 

r ' 

model  surface.  Again  the  measvired  rates  have  been  divided  by  the  meas- 
ured stagnation  rates.  The  circular  and  the  square  symbols  give  the 
distributions  measured  when  the  body  was  relatively  smooth,  while  the 
diamond  symbols  represent  the  data  obtained  when  the  body  was  sand- 
blasted to  a roughness  of  about  200  microinches.  (The  data  shown  by  the 
square  symbols  were  obtained  on  the  body  with  a small  l/4-inch  spot 
of  200-mlcroinch  roughness  at  the  stagnation  point  only.  The  body  was 
4 inches  in  diameter.)  As  on  the  hemisphere,  heating  rates  as  high  as 
three  times  the  stagnation-point  values  were  obtained. 

The  rough-surface  data  are  compared  with  flat-plate  turbvilent  theory 
derived  from  Van  Dreist  (see  ref.  I7,  and  appendix  of  ref.  10).  The 
agreement  is  fairly  good  and  is  similar  to  the  agreement  shown  for  flat- 
plate  theory  with  data  from  hemispherical  noses.  (See  ref.  7.) 

The  laminar  data  are  compared  with  the  laminar-distribution  theories 
of  Lees  (ref.  15)  and  Stine  and  Wanlass  (ref.  l4)  based  on  measured  pres- 
sure distributions.  Again  the  scatter  of  the  data  is  just  enough  to  pre- 
clude any  choice  between  the  theories  near  the  edge  where  they  Indicate 
a marked  difference.  There  is  the  possibility  that  the  high  point 
(square  symbol)  is  the  start  of  transition.  The  lateral  heat  flow  around 
the  corner  has  not  been  calculated  because  of  the  lack  of  temperature 
data  right  in  the  small-radius  corner  region,  and  thus  it  is  possible 
that  the  results  for  the  outer  two  stations  are  somewhat  low.  In  gen- 
eral, these  comparisons  are  representative  of  the  local  measirrements 
made  on  the  remaining  bodies  of  the  series  shown  in  figure  5. 
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Effect  of  Angle  of  Attack 

For  hemispherical  noses  the  effect  of  angle  of  attack  on  the  local 
heating  distributions  is  fairly  small,  as  can  be  seen  from  geometric 
reasoning  alone,  but  as  the  body  is  blunted,  the  possibility  of  larger 
changes  due  to  angle  of  attack  must  be  considered.  Some  recent  data 
from  the  Langley  Unitary  Plan  wind  tunnel  give  an  indication  of  these 
changes  for  a flat-faced  cylinder  for  angles  up  to  15°. 

In  figure  6 both  the  pressure  and  the  heating-rate  distributions 
are  plotted  as  a function  of  local  surface  distance  from  the  center  line. 
The  local  pressures  have  been  divided  by  the  total  pressure  behind  the 
shock.  The  lines  faired  through  the  data  (there  were  pressure  measiire- 
ments  at  all  the  stations  indicated  by  the  symbols  in  the  heating-rate 
plot)  indicate  that  the  apparent  stagnation  point  moved  from  the  center 
to  s/sjoTAL  = 0.25  at  a = 7.5°  and  to  s/s^q,j^  = O.5O  at  a = 15° 

on  the  windward  side. 

Tne  local  heating  rates  have  been  divided  by  the  stagnation  rate 
for  the  zero-angle-of-attack  case.  As  can  be  seen  in  the  figure  the 
rates  are  increased  about  50  percent  on  the  windward  side  and  decreased 
about  20  percent  on  the  leeward  at  15°  angle  of  attack.  These  results 
are  also  representative  of  tests  at  M = 3.59  and  several  other  Reynolds 
numbers  of  the  same  order  of  magnitude. 


Concave  Nose 

Some  rocket-model  tests  of  a series  of  small  specimens  indicated 
the  possibility  of  extremely  low  heating  rates  on  concave  shapes  and 
thus  a large-scale  flight  test  was  initiated.  The  flight-test  results 
were  so  startling  that  several  wind-tunnel  investigations  were  initiated 
nnH  rushed  to  completion.  The  results  of  all  these  tests  (refs.  I8  and 
19  and  unpublished  data)  are  presented  in  figures  7 sJi'i  8. 

A sketch  of  the  configuration,  which  is  simply  a concave  hemisphere 
with  slightly  ro\mded  corners,  is  presented  in  figure  7*  The  ratio  of 
local  heating  rate  to  the  stagnation-point  heating  rate  of  a hemisphere 
of  the  same  size  and  flight  conditions  (calculated  by  the  theory  of  Fay 
and  Riddell  (ref.  2))  is  presented  as  a function  of  the  ratio  of  local 
surface  distance  from  the  stagnation  point  to  the  total  distance  for 
both  the  flight  tests  (on  the  left)  and  the  wind-tiumel  tests  (on  the 
right).  The  rails  indicate  the  spread  of  the  data. 

The  low  heating  rates  over  most  of  the  inside  of  the  cup  increase 
to  only  the  order  of  the  flat-face  stagnation-point  heating  rates  at 
the  inside  of  the  edge  (see  sketch  in  fig.  7)*  The  agreement  between 


the  flight  and  tunnel  data  in  this  case  is  fairly  good;  however,  other 
wind-tunnel  results  do  not  compare  so  well. 

Some  of  the  wind-tunnel  tests  were  made  on  a small  model  on  which 
only  the  stagnation-point  heating  rates  were  measured.  These  tests 
which  are  presented  in  figure  8 indicated  unstable  flow  phenomena  in 
the  cup.  The  schlieren  photographs  are  typical  of  the  two  states  noted, 
(l)  where  the  shock  was  apparently  steady,  and  (2)  where  the  shock  was 
asymmetrical  and  apparently  unsteady  in  that  the  asymmetry  changed 
erratically  from  lip  to  lip.  An  independent  test  at  M = 3«9  a-nd 

Roo,d  = 1-9  X 10°  was  made  by  Robert  W.  Dunning  of  the  Langley  High  Mach 

Number  Jet  Group  on  a nose  similar  to  that  used  in  the  heat-transfer 
tests  except  that  the  lip  was  sharp. ^ Motion  pictures  of  this  test  show 
one  especially  interesting  featixre  in  that  at  small  angles  of  attack 
( < 2°)  the  flow  inside . the  cup  appeared  to  be  turbulent  even  when  the 
shock  was  apparently  symmetrical  and  steady.  This  turbulence  would  then 
explode  for  some  unknown  reason  and  the  apparently  unsteady  condition 
would  follow. 


The  stagnation-point  heat-transfer  data  for  all  the  tests  are  pre- 
sented in  figure  8,  again  as  a ratio  of  the  theoretical  hemispherical 
stagnation-point  results  and  as  a function  of  free-stream  Mach  niomber. 
Note  that  the  flight-test  data  extend  from  M = 2.5  to  6.5  and  that  the 
heating  rates  repeat  themselves  as  the  model  decelerates  to  M = 4.0.  As 
the  Mach  number  increases,  the  free-stream  Reynolds  mamber  (based  on 
diameter)  changes  from  9 x 10^  to  l4  x 10^  at  the  peak  M down  to 

5 X 10^  at  M = 4.0,  indicating  little  or  no  effect  of  Reynolds  number 
on  the  data. 


The  wind-tunnel  data  fall  roughly  into  two  groups  - the  heat- 
transfer  rates  when  the  unsteady  shock  condition  exists  (solid  symbols) 
and  the  rates  when  the  steady  shock  is  formed  (open  symbols).  These 
data,  especially  those  for  the  unsteady  flow,  show  a strong  Reynolds 
number  dependence  which  is  not  shown  in  the  flight  data.  The  triangles 
presented  on  the  right  part  of  figure  7 show  the  data  obtained  in  the 
Unitary  Plan  wind  tunnel  for  the  one  case  in  which  the  flow  was  appar- 
ently unsteady.  This  particular  case  occurred  at  M = 2.49  and 

F4o,d  = 1 X 10^  and  with  the  model  at  an  angle  of  attack  of  yi  . Results 


from  some  of  the  tests  from  the  Langley  Gas  Dynamics  Branch  and  especially 
the  film  supplement  to  the  present  paper  indicated  that  the  instability 
which  in  their  tests  was  almost  certain  to  exist  at  a = 0,  was  gone  at 


^A  motion-picture  film  supplement  (L-516)  has  been  prepared  and  is 
available  on  loan  from  NACA  Headquarters,  Washington,  D.  C. 
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a > 2*^.  (it  should  he  noted  here  that  the  flight  model  showed  no  indi- 
cation of  lateral  movement  on  its  normal  and  transverse  accelerometers . ) 

To  date  the  data  on  the  concave  shapes  have  shown  that  extremely 
low  heat-transfer  rates  can  he  obtained  over  most  of  the  surface  of  a 
concave  nose;  however,  the  existence  of  an  unsteady  state  with  extremely 
high  rates  has  also  been  found.  A comparison  of  all  the  stagnation- 
point  wind-tunnel  and  flight-test  data  for  the  apparently  steady  shock 
case  indicates  the  possibility  that  other,  and  as  yet  unknown,  param- 
eters are  important  in  this  phenomenon. 

Shape  is  certainly  one  of  these  important  factors  in  this  phenome- 
non. Unpublished  results  from  tests  made  by  John  0.  Reller,  Jr.,  of  the 
Ames  Laboratory  on  a series  of  cups  of  different  deepness  on  the  front 
end  of  an  ogive  nose  at  M = 4 indicated  that  the  depth  of  the  cup  is 
important  in  determining  the  stability  of  the  flow.  The  depth  of  the 
cup  was  varied  by  changing  the  radius  of  the  hemisphere  in  a manner  simi- 
lar to  the  method  of  obtaining  the  hemispherical  segment  noses  of  the 
present  paper.  From  shadowgraphs  of  the  shock  wave  it  was  found  that 

the  cup  with  = O.76  remained  steady  during  the  tests  while  the 

rvodv 

next  body  in  the  series  for  which  - — ^ = 0.95  exhibited  the  asym- 

”cup 

metrical  shock  associated  with  the  unsteady  flow  phenomenon  dixring 
nearly  all  the  test  time . 


SUMMARY  OF  RESULTS 


Recent  investigations  of  the  aerodynamic  heating  rates  of  blunt 
nose  shapes  at  Mach  numbers  up  to  li^■  have  yielded  the  following  results: 

1.  Data  obtained  in  flight  and  wind-tunnel  tests  have  shown  that 
the  flat-faced  cylinder  has  about  50  percent  the  stagnation-point  heating 
rates  of  the  hemisphere  over  nearly  the  entire  Mach  number  range. 

2.  Tests  made  at  a Mach  number  of  2 on  a series  of  bodies  made  up 
of  hemispherical  segments  of  varying  radius  of  c\jrvature  showed  that 
slight  amounts  of  ciorvature  can  decrease  the  local  rates  at  the  edge  of 
the  flat-faced  cylinders  with  only  a slight  Increase  in  the  stagnation 
rate.  The  total  heat  transfer  to  such  slightly  curved  bodies  is  also 
somewhat  smaller  than  the  total  heat  transfer  to  flat-faced  cylinders. 

5.  Comparison  of  several  tests  with  theoretical  heating-rate  dis- 
tributions showed  that  both  laminar  and  turbulent  local  rates  can  be 
predicted  by  available  theories  (given  the  pressure  distribution  about 
the  body)  reasonably  well,  although  the  scatter  of  the  available  data 


still  leaves  open  the  choice  between  the  theories  at  the  edge  of  the 
bodies,  where  they  usually  differ. 

Ij-.  Tests  on  a flat-faced  cylinder  at  a Mach  number  of  2.h9  and  at 
angles  of  attack  up  to  15°  showed  the  movement  of  the  apparent  stagna- 
tion point  from  the  center  of  the  body  to  the  50-percent  windward  sta- 
tion at  15°  angle  of  attack.  The  heat  transfer  near  the  windward  edge 
increased  about  50  percent  while  that  near  the  leeward  edge  decreased 
about  20  percent  at  15°  angle  of  attack. 

5.  Preliminary  results  on  a concave  nose  have  indicated  the  possi- 
bility that  this  type  of  design  may  be  developed  to  give  heating  rates 
significantly  lower  than  even  the  f lat-faced-cylinder  rates . The  test 
results  have  also  shown,  however,  the  existence  of  an  unsteady  flow 
phenomenon  which  can  increase  the  heating  rates  to  extremely  high 
values . 
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STAGNATION-POINT  HEATING  RATES  MEASURED  ON  HEMISPHERES 
AND  FLAT-FACED  CYLINDERS 
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Figure  2(a) 
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the  effect  of  injection 


OF  FOREIGN  GASES  ON  SKIN  FRICTION  OF  THE 
TURBULENT  BOUNDARY  LAYER 
By  C . C . Pappas 
Ames  Aeronautical  Laboratory 


Transpiration  cooling  systems  may  prove  to  be  useful  for  high-speed 
aircraft  experiencing  aerodynamic  heating.  Fluid  injection  has  an  effect 
on  tiurbulent -boundary-layer  skin  friction  as  well  as  on  heat -transfer 
phenomena.  The  primary  concern  in  this  report  is  the  assessment  of  the 
effects  of  gas  injection  on  the  skin  friction  of  the  turbulent  bouiidaxy 
layer  at  supersonic  speeds.  Emphasis  should  be  laid  on  the  fact  that 
the  surface  heat  transfer  with  transpiration  may  be  obtained  directly 
from  the  skin  friction.  Light  gases  such  as  hydrogen  and  helivim  are 
attractive  because  of  their  known  effectiveness;  air  may  be  used  for 
convenience,  and  certain  heavy  gases  will  emanate  from  ablating  materials. 

Figure  1 gives  some  idea  of  the  orders  of  magnitude  of  the  effects 
of  gas  injection.  The  theoretical  predictions  obtained  from  NACA  TN  U1L9 
(ref.  1)  show  the  influence  of  foreign-gas  injection  into  a turbulent 
boundai'y  layer  for  an  isothennal  liicuiiipressible  flow.  The  ordinate  is 
the  ratio  of  the  skin-friction  coefficient  with  injection  to  the  skin- 
friction  coefficient  with  zero  injection.  The  abscissa  is  the  ratio  of 
the  injection  parameter  F to  one-half  the  zero-injection  skin-friction 
coefficient.  The  injection  parameter  F is  used  subsequently  in  other 
figures  and  is  defined  as  the  coolant  mass  flow  rate  per  unit  area  normal 
to  the  surface  divided  by  the  mass -flow  rate  per  unit  area  of  the  main 
stream  at  the  edge  of  the  boundary  layer.  These  coordinates  are  used 
because,  theoretically  for  air  injection,  they  largely  eliminate  the 
effects  of  variations  in  Mach  number,  Reynolds  nimiber,  and  ratio  of  wall 
to  free-stream  temperature.  The  results  are  shown  for  a Reynolds  n\mber 

of  lo'^  and  it  is  apparent  that  the  light  gases  hydrogen  and  helium  show 
marked  reductions  of  the  skin  friction  as  compared  with  air  injection; 
the  heavy  gas  Freon -12  (CClpFp)  which  has  a molecular  weight  of  120.9 
shows  less  reduction  in  skin  friction  than  does  air  injection.  Similar 
reductions  in  heat  transfer  are  indicated  by  the  theory;  that  is,  the 
heat  transfer  drops  off  as  shown  by  the  skin  friction.  Reductions  in 
skin  friction  of  80  percent  are  shown  for  air  for  injection  rates  of 
the  order  of  3/IOOO  of  the  main  stream  flow.  These  theoretical  results 


might  encoxorage  one  to  look  further  into  the  problem  and,  of  course, 
this  has  been  done  to  a somewhat  limited  scale. 

An  instrximented  test  cone  was  used  in  this  series  of  experiments 
to  measure  the  average  skin  friction  with  foreign-gas  injection.  This 
cone,  shown  in  figure  2,  has  a 15°  total  included  angle,  is  10^  inches 

long,  and  has  a porous  sxirface  of  resin-bonded  fiber  glass.  The  cone 
is  mounted  on  one  side  of  a strain  gage  and  the  other  side  of  the  gage 
is  fixed  to  the  sting  support.  The  injection  gas  enters  the  cone  through 
a flexible  tube  and  then  passes  through  the  porous  wall.  Acting  in  the 
stream  flow  direction  are  the  external  pressure  force  and  the  external 
skin-friction  force.  Acting  in  the  opposite  direction  are  the  base- 
pressure  force  and  the  indicated  strain -gage  force.  Simple  addition  of 
forces  yields  the  desired  skin  friction. 

At  this  point  it  might  be  asked  what  are  the  physical  effects  on 
the  boundary  layer  when  a gas  is  injected  through  the  porous  surface. 

The  boxmdary  layer  would  be  expected  to  become  thicker  and  a normal 
laminar  boundary  layer  might  be  expected  to  be  tripped  by  the  action  of 
the  finite  jets  of  injected  gas.  In  figure  5 are  shown  shadowgraph 
pictures  of  a boundary  layer  on  the  test  cone  without  a trip.  The 
bottom  shadowgraph  is  of  the  undisturbed  normal  boundary  layer;  this 
boxmdary  layer  is  laminar.  The  other  three  shadowgraphs  show  the  bound- 
ary layer  for  about  equal  injection  mass-flow  rates  of  Freon-12,  air, 
and  helixim.  It  is  apparent  that  the  boundary  layer  is  markedly  disturbed 
and  thickened.  Large  swirls  or  eddies  are  especially  noticeable  for  the 
helium  injection.  The  boundary  layer  with  helium  injection  is  eight 
times  as  thick  as  the  undisturbed  boundary  layer.  Also,  the  edge  of  the 
bovindary  layer  is  much  more  irregxilar  for  helixmi  and  air  injection. 

These  large  swirls  may  be  due  to  the  action  of  small  jets  emitting  from 
the  porous  surface.  The  natxure  of  the  boundary -layer  flow  is  complicated, 
and  it  would  appear  difficult  to  synthesize  a suitable  flow  model  on 
which  a theory  might  be  based. 

It  has  been  assumed  by  many  people  that  injection  of  gases  into  a 
boundary  layer  would  cause  the  boundary  layer  to  become  turbulent  from 
the  initial  point  of  injection.  Immediate  tripping  does  not  occur; 
however,  the  transition  point  of  the  boundary  layer  is  adversely  affected 
by  injection.  In  figure  4 the  location  of  transition  is  shown  for  one 
set  of  wind-tunnel  test  conditions  as  a fxmction  of  the  injection  param- 
eter F.  As  expected,  helixim  initially  causes  the  largest  change  in 
transition  location,  followed  by  air  and  Freon.  The  movement  of  transi- 
tion location  per  unit  change  in  injection  for  helixmi  is  3.6  times  that 
for  Freon.  This  comparison  shoxild  be  considered  as  relative  only, 
because  transition  location  as  determined  from  wind-txinnel  tests  may  be 
influenced  by  the  individual  characteristics  of  the  wind  txinnel.  The 
transition  location  for  the  Freon  tests  appears  to  be  asymptotic  at  a 
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Reynolds  number  of  about  1.8  x 10^  and  complete  tripping  does  not  occxor. 
Limitations  in  viewing  the  model  and  the  limitation  in  injection  rates 
for  air  and  helixan  prevented  extension  of  the  respective  curves  for  these 
wind-tunnel  test. conditions. 


Fundamental  to  this  report  were  tests  to  determine  skin  friction 
(made  with  the  15°  cone  model)  of  a tripped  fully  tirrbulent  boundary 
layer  using  as  injected  gases  helium,  air,  and  Freon- 12.  The  molecular 
weights  of  the  gases  are  h,  28.9;  and  120.9;  respectively.  The  results 
of  these  tests  for  a cone  Mach  number  of  5*2  are  shown  in  figure  5. 
Plotted  again  is  the  ratio  of  the  skin-friction  coefficient  with  injec- 
tion to  the  zero-injection  skin-friction  coefficient  as  a function  of  the 
injection  parameter  F divided  by  one -half  the  zero-injection  skin- 
friction  coefficient.  The  curves  are  faired  through  the  data  points. 

It  should  be  remembered  that  the  skin-friction  coefficient  for  zero 
injection  is  a variable  with  Mach  number,  Reynolds  number,  and  ratio  of 
wall  to  free-stream  tempei’at are . The  relative  effectiveness  of  the 
light  gas,  helium,  in  reducing  skin  friction  is  apparent.  Less  reduc- 
tions in  skin  friction  were  obtained  for  air  and  Freon.  Model  limita- 
tions prevented  higher  injection  rates  for  air  and  helium. 


The  experimental  results  for  a turbulent  boundary  layer  for  a cone 
Mach  n-umber  of  4.5  are  presented  in  figure  6.  Higher  rates  of  injection 
were  obtained  for  these  test  conditions.  Superposed  over  the  data  points 
are  the  faired  curves  of  the  data  for  a Mach  mmiber  of  5.2.  The  reduc- 
tion in  skin  friction  for  helium  and  air  is  slightly  less  for  the  higher 
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this  figure  for  Freon,  air,  and  helium  injection.  It  is  of  interest  to 
note  that  for  zero  injection  the  laminar  skin-friction  coefficient  is 
35  percent  of  the  value  for  turbulent  flow  for  these  test  conditions. 
Three  conclusions  are  evident  from  the  test  results:  (l)  substantial 

reductions  in  skin  friction  are  attained  with  injection;  (2)  the  relative 
effectiveness  of  the  various  gases  is  in  accordance  with  the  theory  of 
reference  1;  and  (5)  heavy  gases  which  may  emit  from  ablating  surfaces 
are  not  very  effective  in  reducing  skin  friction.  At  the  present,  the 
experimental  data,  even  for  air  injection,  are  very  limited  and  a com- 
parison of  available  test  results  with  some  of  the  theories  is  warranted. 


This  comparison  is  made  in  figure  7 for  air  injection.  The  condi- 
tions for  comparison  are  for  a wall  temperature  approximately  equal  to 
the  stagnation  temperature  of  the  flow,  for  a Mach  number  range  from  0 
to  5^  and  within  a Reynolds  number  range  of  3 x 10^  to  lo"^.  The  two 
theories,  that  of  Dorrance  and  Core  (ref.  2),  and  that  of  Rubesin 
(ref.  5),  cover  the  shaded  regions  as  indicated  in  the  figure.  The 
dashed  curves  indicate  the  experimental  skin-friction  results.  The 
low-speed  (m  ^ O)  results  are  from  reference  k.  The  skin-friction  data 
for  a Mach  number  of  2.55  (ref.  5)  vere  obtained  on  a cone  with  a rough 
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surface,  and  the  zero-injection  skin-friction  coefficients  are  high. 

For  the  higher  injection  rates  the  influence  of  svarface  roughness  dimin- 
ishes; therefore,  the  skin-friction  coefficients  should  he  referenced 
to  smooth-cone  values  consistent  with  those  of  the  present  tests.  The 
ratio  of  the  skin-friction  coefficients  has  been  adjusted  upward  as 
indicated  by  the  two  vertical  arrows.  Note  that  neither  theory  predicts 
the  variation  with  Mach  number  of  the  skin-friction  ratio  as  obtained 
from  experiment  from  a Mach  n\miber  of  zero  to  a Mach  number  of  4.5* 

Also,  the  major  change  in  skin-friction  ratio  occiirs  in  the  range  of 
Mach  number  from  zero  to  2.55-  Small  changes  due  to  Mach  number  are 
shown  at  the  higher  Mach  numbers  and  the  injection  is  least  effective 
at  the  highest  Mach  number  where  transpiration  systems  will  find  their 
probable  application. 

Siurface  heat  transfer  for  a transpiration  system  should  follow  the 
trends  indicated  for  skin  friction.  Caution  should  be  exercised  when 
applying  the  available  theories  to  predict  heat  transfer  and  skin  fric- 
tion with  transpiration.  Additional  experimental  results  will  be  needed 
to  clairify  the  effect  of  Mach  number  on  skin  friction  with  foreign-gas 
injection. 
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A THEORETICAL  STUDY  OF  NOSE  ABLATION 


By  Leonard  Roberts 
Langley  Aeronautical  Laboratory 


INTRODUCTION 


It  is  now  well-known  that  an  important  feature  of  an  atmospheric 
reentry  vehicle  is  the  bluntness  of  its  nose.  Such  a shape  causes  a 
thickened  boundary  layer  so  that  a shield  of  air  over  the  nose  reduces 
heat  transfer  to  the  body.  This  reduction  in  heat  transfer  is  not  in 
itself  sufficient  to  achieve  desirable  body  temperatures,  however,  and 
further  shielding  of  some  sort  is  required. 


This  shielding  is  accomplished  by  providing  an  expendable  material 
which  soaks  up  heat;  thus,  a copper  nose  of  sufficient  thickness  soaks 
up  enough  heat  to  shield  the  interior  of  the  body.  Alternatively,  the 
material  may  be  supplied  as  a fluid  which  is  injected  through  a porous 
nose  into  the  boundary  layer  and  allowed  to  flow  over  the  body.  If  the 
injection  could  be  made  in  a cuntrolled  way  and  only  when  needed,  it 
would  be  an  improvement  over  the  solid  copper  shield  since  it  causes  a 
reduction  in  one  source  of  heat  - skin  friction.  However,  the  structural 
problems  involved  in  devisir.g  such  a porous  wa.ll  may  outweigh  the 
advantages. 


The  third  alternative  is  to  let  ablation  take  place.  This  is  not 
just  a negative  approach  of  allowing  heat  to  expend  itself  in  the  sub- 
limation or  depolymerization  of  unimportant  material;  it  is  also  an 
extension  of  the  original  blunt -nose  idea  of  using  the  thickened  bound- 
ary layer  to  shield  the  nose.  The  convection  of  heat  by  the  foreign 
gas  produced  can  make  the  main  contribution  to  the  shielding  at  suffi- 
ciently high  temperatures . 


Previous  theoretical  studies  of  ablation  have  been  concerned  mainly 
with  the  melting  of  glass  and  the  melting  of  ice,  and  solutions  of  the 
boundary -layer  equations  have  been  obtained  by  Sutton  (ref.  l) . These 
solutions  Involved  a seventh-order  system  of  differential  equations  with 
appropriate  boundary  conditions.  A simplified  analysis  has  been  made 
by  Lees  (ref.  2)  when  there  is  no  gaseous  phase  of  the  material. 

When  the  general  problem  of  shielding  by  ablation  is  considered, 
the  following  question  arises:  Which  material  will  have  the  best 
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overall  heat  capacity  per  poiind?  In  order  to  answer  this  question  it  is 
necessary  to  look  into  the  mechanism  of  shielding  and  to  ask  why  one 
material  can  absorb  more  heat  than  another. 

The  purpose  of  this  paper  is  to  show  that  these  questions  may  be 
answered  by  a simplified  analysis  provided  it  contains  all  the  correct 
physical  ingredients  of  the  problem.  The  analysis  presented  herein 
avoids  the  solution  of  a seventh-order  system  of  differential  equations 
but  nevertheless  respects  all  heat -transfer  and  mass-transfer  boundary 
conditions.  It  shows  in  a very  simple  way  the  important  properties 
that  make  a good  heat  shield.  Only  the  case  in  which  the  nose  sublimes 
directly  to  the  gaseous  state  is  considered  here,  although  the  extension 
to  the  more  general  case  of  solid-liquid-gas  ablation  is  easily  made. 

A comparison  with  experimental  results  for  the  material  Teflon 
shows  that  the  theory  is  useful  and  may  be  used  in  the  evaluation  of 
the  effective  heat  capacities  of  other  materials. 


SYMBOLS 


B 

^b 

Cp 

D 

Hgpjr 

k 

L 


q 

R 


burning  heat 

specific  heat  of  body  material 
specific  heat  of  mixture 
coefficient  of  diffusivity 
effective  heat  capacity 

conductivity 
latent  heat 


m 

rate  of 

mass  loss 

%u 

Nusselt 

number 

Npr 

Prandtl 

number , 

IT 

Nsc 

Schmidt 

number^ 

PB 

rate  of  heat  transfer  per  unit  area 
Reynolds  number 


TD] 


T 

U 

a,  V 
V 

w 

w 

X,  y 
z 


ten5)erature 

tangential  velocity  at  edge  of  boundary  layer 

velocity  components 

velocity 

concentration  of  foreign  gas 
rate  of  weight  loss  per  unit  area 
coordinate  axes 

value  of  z outside  boundary  layers 


z 

3 

B 

P 


shape  factor 
boundary  thickness 
coefficient  of  viscosity 
density 


time 


Subscripts; 


0 stagnation  conditions 

1 foreign  gas 

2 air 

b body 

o no  ablation 

T temperature 

u velocity 

w wall 


W 


concentration 


I 
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ANALYSIS 


Experiments  carried  out  at  the  Langley  Aeronautical  Laboratory  show 
that  the  nose  of  a body  in  ablation  soon  achieves  a blunt  shape  even  if 
it  was  not  initially  blxont  and  then  recedes  steadily  due  to  ablation 
without  further  appreciable  change  in  shape.  Because  of  this  effect, 
the  main  features  of  the  flow  can  be  obtained  by  considering  only  the 
region  in  the  near  vicinity  of  the  stagnation  point.  It  is  convenient 
to  fix  the  coordinate  system  in  the  ablation  surface  so  that  the  interior 
of  the  nose  moves  toward  its  s\u*face  with  a constant  velocity  equal 

to  the  unknown  ablation  rate.  (See  fig.  1.)  The  problem  of  heat  con- 
duction in  the  solid  is  first  considered  and  attention  is  then  turned 
to  the  problem  of  heat  transfer  and  mass  transfer  in  the  boundary  layer 
of  constant  thickness  near  the  stagnation  point. 


Conduction  of  Heat  in  the  Solid  Nose 

The  transfer  of  heat  in  a solid  moving  with  constant  velocity 
in  the  y-direction  is  governed  approximately  by  the  following  equation: 


I = |r(>'b  f ) (1) 

where  heat  transfer  is  considered  to  take  place  normal  to  the  constant- 
temperature  surface. 

The  solution  of  equation  (l)  which  satisfies  the  conditions  T = Ty 
at  y = 0 and  T = T^  as  y -»  -00  is 


T = + (t^  - T^)exp|^f^^  yj 

From  equation  (2)  the  rate  of  heat  transfer  at  y = 0 is 


and  the  heat  content  of  the  nose  is  approximately 


(2) 


(5) 


(4) 
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per  unit  cross-sectional  area  which  must  be  supplied  before  ablation 
starts. 


The  Integrated  Boundary -Layer  Equations 

The  integral  forms  of  the  boundary -layer  equations  are  written 
as  follows : 

For  heat  transfer^ 

-Op,2(To  - T„)V(Z)  = =p(T  - T„)a  a,  ^ (5) 

T.rV.-;  oln  c GO  c -I"  "ho  >100+.  "hol  onoo  in  f.Vio  'hmi'n/^or^r  1 o-^roT' . 

....  ^ * ““X"  - - _ . %/  V 

For  mass  transfer, 

pZ 

-v(z)  + V = 3 / ^ dz  (6) 

Jo  U 

The  left-hand  side  of  equation  (6)  denotes  the  rate  of  introduction  of 
mass  into  the  boundary  layer  whereas  the  right-hand  side  is  the  convec- 
tion of  mixture  in  the  x-direction  in  the  boundary  layer. 

For  foreign-gas  transfer. 


’w 


(7) 


The  rate  of  introduction  of  foreign  gas  is  balanced  by  the  convection 
of  foreign  gas  in  the  boundary  layer.  In  equations  (5)^  (6),  and  (7) 


V = 


^ V 


Jo  Pw 


<iy 


z 
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and 


% 


3 = ^ = U (8) 

dx  X 

and  is  the  velocity  gradient  at  the  stagnation  point.  The  specific  heat 
of  the  mixture  is 


Cp  = Cp^iW  + Cp^2(l  - W)  (9) 

The  transfer  boundary  conditions  at  the  ablation  surface  are 

Pb^b  = Pw\  = “ 

N,(i)^=(L-B)(VV„+ct,(T„-Tb)<>b''b 


The  following  simple  profiles  are  now  inserted  into  the  integral 
equations: 


where  6^,  bry,  and  6^  are,  respectively,  the  thicknesses  of  the  veloc- 
ity, temperature,  and  concentration  boundary  layers. 

The  boundary -layer  thickness  when  ablation  takes  place  is  greater 
than  that  of  the  corresponding  no-ablation  thickness  and  is  given  by 

(li^) 


f Bu  = f(Bu)o  - ^ 


and  the  no-ablation  thickness  (&u)q  related  to  the  dimensionless 
heat-transfer  parameter  by  equations  (5)  and  (I5)  by 

(&u)o 

The  value  ( ^\ 
of  reference  5* 

The  integral  equation  for  the  transfer  of  foreign  gas  (eq.  (7)) 
together  with  the  boiondary  condition  (eq=  (ll))  gives  the  following 
approximate  expression  ror  xne  concenxraxion  or  loreign  gas  at  the  wall: 


(15) 


= 0.72  was  taken  from  the  exact  solution 


%c,w' 


2/5 


m 


Ww  = 


(pd3)w' 


1/2 


Ni 


'Nu 


Npr,w=l 


m 


(ppp)^^ 


(16) 


which  may  now  be  used  in  the  calculation  of  the  specific  heat  Cp  of 
the  mixture . 


In  a similar  way  the  heat-transfer  integral  equation  (eq.  (5)) 
together  with  the  boundary  conditions  (eqs.  (lO)  and  (l2))  gives  the 
approximate  relation 


1 / \ + 1 ig  -2/5  m 


Npr,„L  l/2j  5 


(P|1P) 


w 


L - B + Cb  (Tw  - Tb) 

1 + r + 

^p,2(^0  " *^w) 


'PA 


- 1 


1 - I - f' 


m 


(17) 


In  terms  of  the  rate  of  heat  transfer  q^  to  the  unshielded  nose. 


equation  (17)  may  be  expressed  in  the 


'k)  _ *^0,2  ('^0  ' 
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Pr,w  \p 
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Cp  Npr,w  <lo 
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(pnp).y^ 


where 


(18) 


= 


2 %c,w  \^^'*Pr,w  ' ■ 7/  “ 5 ''‘Pr,w 


,2/5^  -1/5  - l\  1 . -2/5 


'^P,2  + 


1 - i Nsc,w^/yNp.,w-^/'  - f ^ 


'^,1 


(19) 


is  interpreted  as  an  effective  specific  heat  for  the  mixture  in  the 
boundary  layer. 


The  effective  heat  capacity  is  given  by 


E 


■EFF 


= :^  = L . B H-  c^(T^  - T ) + 

m ' 


cZ 

Pr,w 
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'P,2  / N, 


Nu 


(p^ip)l/^ 

w 


(20) 


It  is  seen  that  Hgpp  increases  linearly  with 


9o 


(ppp)y^ 


For  high 


'Ni 


heating  rates 
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^P.2 


Eu  ^ 
r1/2> 


w 


(ppP) 


1/2  %r,w 


^ a finite  limits  although  m 


w 


continues  to  increase  slowly  because  of  the  increase  in 

w 
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Thus  at  high  heating  rates  the  effective  heat  capacity  continues 
to  increase  even  though  the  rate  of  mass  loss  is  almost  constant.  (See 
figs.  2 and  5.) 

The  effective  specific  heat  ^ is  seen  to  he  a function  of 
Cp  2>  %r  ^Sc  w that  it  depends  on  the  thermal  and  diffusive 

properties  of  the  mixture  of  gas  and  air.  Typical  curves  showing  the 
variation  of  c^^Cp^2  with  Cp^2./Cp^2^  and  Ng^  ^ are  shown  in 

figure  k. 


DISCUSSION  CF  RESULTS 


The  steady  nondlinenslonal  rate  of  mass  xoss  is  shown  in 

figure  2 as  a function  of  — , which  has  units  Btu/lh  and  is  Inde- 

pendent  of  the  nose  shape.  The  effective  heat  capacity  is  also 

plotted  against  ^2 — (See  fig.  5-)  In  order  to  maJce  a con^jarison 

(p^^3)y^ 

with  experimental  results,  the  experimental  values  were  corrected  to 
take  account  of  the  time  t required  to  heat  up  the  body  before  abla- 
tion could  take  place;  this  corrected  value  is  given  by  equation  (^)  as 


T 


^b  ^w  “*  '^b 


The  results  presented  here  do  not  differ  appreciably  when  other 
boundary -layer  profiles  are  used;  this  agreement  shows  that  the  impor- 
tant conditions  are  the  mass-transfer  and  heat -transfer  boundary  condi- 
tions at  the  surface  of  the  nose.  Since  these  conditions  have  been 
respected,  it  is  not  surprising  that  good  agreement  with  the  experimental 
results  is  obtained.  (See  figs.  2 and  5*) 

The  effective  specific  heat  of  the  mixture  given  by  equa- 
tion (19)  is  shown  in  figiore  4 as  a function  of  Cp^l^Cp^2  different 

values  of  ^ and  Ng^  Figure  4 shows  that,  for  ^ 

c^  increases  as  the  Schmidt  number  Ng^  ^ decreases  but,  for 

Cp^j^yCp^2  ^ ^ increases  as  ^ increases. 


An  increase  in  Prandtl  number  however,  causes  an  increase 

in  ^ for  both  c . /c  o > ^ ^ /^T^  o ^ 1*  These  diffusive 

P p,l/  p,2  p,l/  P>2 

effects  are  explained  very  simply  in  the  following  way. 

When  the  Prandtl  number  %r,w  large,  the  velocity  boundary- 

layer  thickness  is  greater  than  the  thermal -layer  thickness  so  that 
most  of  the  convection  in  the  x-direction  takes  place  in  the  hot  fast- 
moving  layers  of  gas  and  the  effective  specific  heat  of  the  layer  is 
high  (see  fig.  5);  this  is  true  for  any  value  of  Cp  ±j^-p  2* 

The  Schmidt  number  effect  is  explained  by  noting  that  the  highest 

is  obtained  when  the  gas  of  higher  specific  heat  is  convected  in  the 

hot  fast -moving  layers  furthest  from  the  wall;  thus,  for  c ^ > c 

P ^ P 

a low  value  of  the  Schmidt  number  gives  a high  value  of  since  the 

foreign  gas  diffuses  easily  away  from  the  wall  before  being  convected. 
When  Cp  -]_  < Cp^2  'the  Schmidt  number  is  large,  however,  a high 

value  of  ^ is  obtained;  thus,  the  foreign  gas  does  not  diffuse  easily 
but  rather  pushes  the  air  into  the  hot  fast-moving  layers.  (See  fig.  5.) 


CONCLUDING  REMARKS 


The  shielding  of  a body  by  ablation  of  a suitable  material  at  the 
nose  is  a very  effective  method;  the  mechanism  is  such  that  the  effec- 
tive heat  capacity  increases  with  heat  transfer  and,  as  the  theory  shows, 
the  rates  of  mass  loss  tend  to  increase  only  very  slowly  even  when  the 
rate  of  heat  transfer  increases  considerably.  The  very  simplicity  of 
this  method  suggests  that  it  deserves  a great  amount  of  effort  in  the 
processing  of  materials  which  have  the  appropriate  thermal  properties 
in  the  solid  and  gaseous  state. 
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COMPARISON  WITH  EXPERIMENTAL  RESULTS  FOR  TEFLON  MODELS 


Figure  5 


EFFECTIVE  SPECIFIC  HEAT  OF  THE  MIXTURE 


Figure  4 
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EXPERIMENTAL  ABLATION  COOLING 

By  Aleck  C.  Bond,  Bernard  Rashis, 
and  L.  Ross  Levin 

Langley  Aeronautical  Laboratory 


SUMMARY 


This  paper  presents  the  results  of  an  ejqjerimental  investigation  on 
the  ablation  of  a number  of  promising  materials  for  heating  conditions 
comparable  to  those  which  may  be  encountered  by  unmanned  reentry  satel- 
lite vehicles,  as  well  as  for  higher  heating  conditions  compsurable  to 
those  associated  with  reentry  ballistic  missiles.  Materials  tested 
included  the  plastics  Teflon,  iiylon,  and  Lucite^  the  inorgaiiic  salts 
ammonium  chloride  and  sodium  ceirbonatej  graphite;  a phenolic  resin 
fiber  glass  coii5)osition;  and  the  commercial  material  Haveg  Rocketon. 
Results  of  these  tests  indicated  heat-absorption  capabilities  which  are 
several  times  greater  than  those  of  current  metallic  heat-sink  materials. 
The  results  with  Teflon  showed  that  for  hemispherical  noses  there  was  no 
apparent  effect  of  size  or  stagnation-point  pressure  on  ablation  rate 
for  the  range  of  variables  covered  in  the  tests.  For  flat-faced  configu- 
rations, however,  there  was  a definite  Increase  in  the  ablation  rate  with 
increased  stagnation-point  pressure.  The  results  for  the  several 
maoexxaj-3  tested  at  heating  rates  associated  with  reentry  ballistic 


missiles  showed  considerable  increase  in  the  effective  heats  of  ablation 
over  the  results  obtained  at  lower  heating  rates.  This  trend  of 
increased  effectiveness  with  increased  heating  potential  is  in  agree- 
ment with  the  predictions  of  ablation  theories.  Comparisons  of  the 
results  for  several  materials  tested  at  the  higher  heating  rates  showed 
graphite  to  have  the  lowest  ablation  rate  of  all  materials  tested. 


INTRODUCTION 


Ablating  surface  materials  appear  to  hold  considerable  promise  as 
a cooling  or  heat-shielding  system  for  high-speed  vehicles,  from  the 
standpoint  of  simplicity  as  well  as  efficiency.  A theoretical  treatment 
by  Leonard  Roberts  of  the  Langley  Laboratory,  for  ablating  materials  which 
sublime  rather  than  melt,  has  Indicated  the  desirable  properties  for  such 
materials.  Likewise  the  theoretical  treatments  of  ablation  systems  with 
materials  which  exhibit  the  intermediate  liquid  phase  by  such  investiga- 
tors as  Lees  (ref.  1)  and  Sutton  (ref.  2)  have  also  indicated  the  prime 
requisites  for  such  systems.  Further,  these  studies  have  all  shown  that 
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the  ahsorption  of  heat  by  ablation  involves  a number  of  complex  mechanisms 
which  require  considerable  knowledge  of  material  properties  in  the  various 
states  (solid,  liquid,  and  gaseous)  for  con5)lete  analytical  treatment,  and 
therefore  detailed  experimental  investigation  of  the  ablation  phenomena  is 
necessary.  The  purpose  of  this  paper  is  to  present  some  recent  experi- 
mental data  on  the  ablation  of  a number  of  promising  materials  for  condi- 
tions of  medium  to  high  aerodynamic -heating  rates.  These  data  were 
obtained  in  three  hot-air  jet  facilities  of  the  Langley  Laboratory. 


SYMBOLS 


^EFF 

K, 

Pt,2 

q 


s 


t 


effective  heat  of  ablation,  Btu/lb 

w/s 

free -stream  Mach  number 

surface  pressure  at  model  stagnation  point,  Ib/sq  in.  abs 

average  aerodynamic  heating  rate  (for  a nonablating  surface)  for 
flat  face  or  hemispherical  nose  at  a surface  temperature  equal 
to  the  melting  or  decomposition  temperature  of  the  material, 
Btu/ (sq  ft) (sec) 

surface  eirea  of  flat  face  or  hemispherical  nose,  sq  ft 
surface  temperature , °F 
stagnation  temperature,  °F 
time,  sec 


W weight,  lb 


average  rate  of  weight  loss  from  nose  of  model, 
Ib/sec 


TEST  FACILITIES  AND  MODELS 


The  ceramic -heated  jets  (laboratory  scale  model  and  pilot  model) 
of  the  Langley  Pilotless  Aircraft  Research  Division  and  the  700-kw 
electric -arc -powered  air  jet  of  the  Langley  Structures  Research  Division 
were  used  to  conduct  the  present  tests.  The  laboratory  scale  model, 
which  is  a M^^  = 2.0  jet  (ref.  J),  was  utilized  to  make  exploratory 
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tests  at  moderate  heating  rates  on  the  materials  Teflon,  Lucite,  nylon, 
ammonium  chloride,  sodium  carbonate,  phenolic  resin  and  fiber  glass,  and 
Haveg  Rocketon.  Hemispherical -nosed  models  l/2  and  5/8  inch  in  diameter 
were  used  in  these  tests.  The  pilot  model  Jet,  which  is  a similar  but 
larger  facility  (M(„  = 5*65),  was  used  to  investigate  the  effect  of  such 
factors  as  size,  shape,  and  surface  pressure,  as  well  as  heating  rate, 
on  Teflon.  Both  hemispherical  and  flat-faced  models  from  I/2  to  2 incites 
in  diameter  were  tested  in  this  facility.  The  electric -arc -powered  air 
Jet  (M<„  = 2.0)  was  used  to  Investigate  the  performance  of  nylon.  Teflon, 
Rocketon,  and  graphite  at  extremely  high  heating  rates.  The  test  stag- 
nation temperature  was  approximately  11,000°  F in  this  facility  and 
hemispherical -nosed  models  of  l/l-inch  diameter  were  employed  in  the 
tests . 


TEST  TECHNIQUE  AND  DATA  REDUCTION 


The  method  of  data  reduction  eiiployed  in  these  tests  is  illustrated 
in  figure  1.  The  sketches  at  the  top  of  the  figure  indicate  the  mode  of 
ablation  which  was  generally  observed  for  both  the  hemispherical  and 
flat-faced  models.  The  hemispherical  noses  tended  to  maintain  their 
hemispherical  shape,  and  likewise  the  flat-faced  models  tended  to  main- 
tain their  flat  face  with  some  slight  rounding  at  the  corners.  The 
weight  loss  of  the  nose  was  determined  in  most  cases  by  weighing  the  model 
before  and  after  testing  to  obtain  a total  weight  loss  and  applying  a cor- 
rection to  account  for  the  material  loss  from  the  sides  of  the  model.  In 
some  cases  the  nose  weight  loss  was  determined  by  calculating  volumetric 
changes  from  enlargements  of  high-speed  motion-picture  film.  It  was 
found  that  this  latter  method  agreed  rather  closely  with  the  weighing 
method  except  for  the  materials  which  have  high  coefficients  of  expansion. 


The  average  ablation  rate  of  the  nose  w was  determined  by  simply 
dividing  the  nose  weight  loss  by  the  elapsed  test  time.  Test  times  of  2 
to  7 seconds  were  used  for  the  ceramic -heated  Jet  tests,  and  for  the 
electric-arc-powered-jet  tests  the  test  times  were  l/2  to  2 seconds 
except  for  the  graphite  test  which  was  conducted  for  a period  of  about 
4 seconds.  In  order  to  compare  the  several  materials,  the  data  were 
reduced  to  an  effective -heat-of -ablation  parameter  hgpp,  defined  as 

^/S 


Laminar  heating  distributions  were  assumed  for  all  the  ceramic- 
heated-  jet  tests  since  the  Reynolds  number  (based  on  diameter)  for  the 
largest  model  tested  was  less  than  600,000.  Also,  the  nose  surfaces 
eroded  as  would  be  expected  with  laminar  heating  distributions.  Inte- 
gration of  the  laminar  heating  distribution  at  Moo  = 2.0  on  a hemisphere 


gives  the  result  that  the  average  heating  rate  to  a hemisphere  is  equal 
to  1/2  the  stagnation-point  heating  value.  Likewise,  integration  of  the 
laminar  heating  distribution  for  a flat  face  at  Moo  = 2.0  from  the 
results  of  reference  4 yielded  the  result  that  the  average  heating  rate 
to  the  flat  face  is  about  5/4  of  the  stagnation-point  heating  ratio  of  a 
hemisphere  of  the  same  diameter.  The  theory  of  reference  modified  for 
conditions  behind  the  normal  shock  and  including  the  appropriate  velocity 
gradient,  has  been  found  to  agree  quite  well  with  calorimeter  measurements 
of  the  stagnation-point  heating  of  hemispherical  noses  in  these  two 
facilities  and  was  thus  used  to  obtain  the  stagnation-point  heating  rates. 

In  the  case  of  the  electric -arc -powered  air  jet  the  average  heating 
rate  to  the  hemispherical-nosed  models  was  obtained  by  converting  calorim- 
eter measurements  of  the  heating  rates  to  a copper  model.  Since  the 
test  Reynolds  number  (based  on  model  diameter)  is  also  quite  low  in  this 
facility,  and  since  the  models  here  too  eroded  as  would  be  expected  with 
laminar  heating  distributions,  it  was  assumed  that  the  heating  to  these 
models  was  also  laminar. 

Surface  temperatures  used  in  calculating  heat  transfer  for  the 
various  materials  are  given  in  the  following  table : 


Materials 

Melting  or  decomposition 
temperature,  °F 

Teflon 

1,000 

Phenolic  resin  and  glass 

2,000 

Haveg  Rocketon  * 

2,000 

Nylon  ' 

600 

Lucite 

250 

Ainmonium  chloride  (NH4CZ) 

635 

Sodium  carbonate  (Na2C0j)  ^ 

1,560 

Current  literature  on  properties  of  Teflon  (refs.  6 and  fo^ 
example)  does  not  give  any  fixed  sublimation  or  decomposition  tempera- 
ture for  this  material,  but  indicates  that  it  tends  to  become  soft  and 
jellylike  at  temperatures  approaching  600*^  F.  Some  data  on  mass  loss 
rate  with  temperature  are  given  in  reference  from  which  it  may  be 
deduced  that  for  high  heating  rates  the  decomposition  temperature  may 
be  in  the  range  from  1,000°  to  1,200°  F.  Some  simple  laboratory  tests 
were  conducted  in  an  atten^jt  to  determine  the  stabilization  temperature 
of  a metallic  plate  heated  electrically  at  relatively  high  heating 
rates  and  covered  on  both  sides  with  pieces  of  Teflon.  When  this  sta- 
bilization temperature  was  extrapolated  to  eliminate  the  effect  of  the 


gas  layer  produced  between  the  heated  plate  and  the  Teflon,  the  resulting 
temperature  was  approximately  1,000°  F. 

The  surface-temperature  values  used  in  the  calculations  for  the 
phenolic  resin  ahd  glass  and  for  Haveg  Rocketon  were  estimated  from 
static-test  measurements.  Some  recent  measurements  made  with  an  optical 
pyrometer  with  models  tested  in  the  jets  have  substantiated  the  estimated 
values . The  melting  temperature  of  nylon  was  obtained  through  private 
correspondence  with  E.  I.  du  Pont  de  Nemours  &.  Company,  Inc.  Surface  tem- 
peratures for  the  remaining  materials,  Lucite,  ammonium  chloride,  and 
sodium  carbonate,  are  handbook  values  and  were  obtained  from  reference  8. 


RESULTS  AND  DISCUSSION 


r 4- <-i 


Results  of  the  exploratory  ablation  tests  conducted  at  moderate 
heating  rates  in  the  laboratory  scale  model  ceramic-heated  air  jet  and 
at  high  heating  rates  in  the  electric -arc-powered  air  jet,  all  at  a Mach 
number  of  2.0,  are  shown  in  figure  2.  The  data  are  presented  as  the 
effective-heat-of -ablation  parameter  hgpp  plotted  against  the  average 

aerodynamic  heating  rate  and  were  obtained  with  l/2-  and  5/8-iJ^cbi- 
diamctcr  models  in  the  ceramic -heated  jet  and  l/4-inch-diameter  models  in 
the  arc -powered  jet.  The  heating -rate  scale  is  broken  in  this  figure  in 
order  rhax  the  trends  in  the  lower  range  of  heatirg  will  not  be  obscured. 
The  lower  heating-rate  range  (75  'to  about  550  Btu/(sq  ft) (sec))  is  compar- 
able to  the  heating  rates  which  may  be  encountered  by  unmanned  reentry  sat- 
ellite vehicles,  whereas  the  higher  heating  rate  (=»1,570  Btu/(sq  ft) (sec)) 
is  in  the  category  of  heating  rates  associated  with  reentry  ballistic  mis- 
siles. Another  range  of  heating  rates  exists  for  the  manned  reentry  sat- 
ellite vehicle,  from  0 to  about  75  Btu/(sq  ft) (sec),  as  has  been  indi- 
cated in  heating  studies  for  such  vehicles  of  reference  9-  It  is  felt 
that  caution  should  be  used  in  extending  the  present  data  to  this  lower 
range  of  heating,  since  these  materials  may  be  affected  by  heat  conduc- 
tion and  hence  exhibit  deterioration  of  physical  strength  under  prolonged 
low  heating  rates. 

For  the  lower  heating  rates  the  plastic  materials  Teflon,  nylon, 
and  Lucite  show  a decreasing  effectiveness  with  increasing  heating  rate. 

The  high  values  of  effectiveness  indicated  for  these  materials  at  the 
lower  heating  rates  are  believed  to  be  influenced  somewhat  by  conduction 
into  the  solid  and  hence  do  not  reflect  values  of  effectiveness  for 
steady  ablation.  This  conduction  effect  was  investigated  experimentally 
for  Teflon  by  testing  a series  of  models  at  an  approximately  constant 
heating  rate  (q  =«  68  Btu/(sq  ft)  (sec))  for  successively  longer  periods 


of  time  in  order  to  determine  the  elapsed  time  at  the  actual  beginning  of 
ablation.  At  this  low  heating  rate  it  was  found  that  approximately 
0.7  second  elapsed  before  noticeable  ablation  began.  At  approximately 
2.0  seconds  the  ablation  rate  was  90  percent  of  the  leveling -off  or 
asymptotic  value.  Applying  this  data  correction  to  the  value  of  hgpj- 

(5,100  Btu/lb)  at  q » 76  Btu/(sq  ft) (sec)  results  in 

hgprp  = 2,850  Btu/lb.  Therefore,  conduction  accounts  for  only  about 

10  percent  of  the  uncorrected  value  of  hjipp.  The  correction  for  conduc- 
tion would,  of  course,  decrease  with  increasing  heating  rate  and  should 
be  well  within  the  experimental  accuracy  at  heating  rates  of  200  to 
500  Btu/(sq  ft) (sec). 

In  the  case  of  the  phenolic  resin  and  fiber  glass  composition  and 
the  Haveg  Rocketon,  which  is  a resin-asbestos  composition,  it  is  seen 
that  hgpp  increases  with  increasing  heating  rate.  This  can  be  explained 

by  the  fact  that  the  resin  in  these  materials  burns  readily,  and  hence  at 
the  lower  heating  rates  the  heat  of  combustion  of  the  resin  must  counter- 
act a significant  portion  of  the  shielding  effect.  However,  as  the  heat 
input  is  increased  the  shielding  effect  apparently  also  increases. 

Both  sodium  carbonate  and  ammonium  chloride  displayed  higher  average 
effective  heats  of  ablation  than  any  of  the  other  materials  at  the  lower 
heating  values  at  which  they  were  tested.  The  ammonium  chloride  has  an 
effectiveness  more  than  twice  as  great  as  that  of  the  other  materials  at 
a heating  rate  of  about  2Q0  Btu/(sq  ft) (sec).  It  should  be  mentioned 
that  both  these  materials  displayed  low  resistance  to  thermal  shock,  pos- 
sibly because  of  the  method  of  manufacture,  which  consisted  of  simply 
cold-pressing  crystals  of  these  materials  to  form  the  test  specimen. 

This  difficulty  might  be  overcome  by  the  use  of  suitable  binders  or 
reinforcement  materials  during  manufacture. 

The  vadues  of  hEFF  for  Teflon,  nylon,  and  Rocketon  at  the  higher 
heating  rates  of  the  arc -powered  jet  show  an  increasing  trend  of  effec- 
tiveness with  heating  rate . The  Rocketon  and  nylon  show  more  than  a 
200  percent  increase  in  effectiveness  over  the  values  at  lower  heating 
rates;  however.  Teflon  does  not  show  such  a marked  increase  in  perform- 
ance. This  larger  increase  for  nylon  and  Rocketon  may  be  due  to  the  more 
complete  vaporization  of  the  liquid  layer  which  was  seen  to  form  on  these 
materials  at  the  lower  heating  rates . Teflon,  on  the  other  hand,  did  not 
display  this  liquid  phase  at  any  of  the  test  heating  rates  but  went 
directly  from  the  solid  to  the  gaseous  state. ^ The  trend  of  increased 
effectiveness  with  increased  heating  rate  agrees  with  the  theory  of  Lees 


^These  observations  can  be  seen  in  a motion-picture  film  supplement 
L-296  which  is  available  on  loan  from  NACA  Headquarters,  Washington,  D.  C. 


(ref.  1)  which  predicts  increased  effectiveness  with  higher  enthalpy- 
potentials.  The  trend  of  increased  effectiveness  for  Teflon  at  higher 
heating  rates  is  also  predicted  by  the  previously  mentioned  theory  of 
Leonard  Roberts,  which  was  specifically  developed  for  materials  which 
sublime  rather  than  melt. 

A photograph  showing  several  materials  after  test  in  the  laboratory 
scale  model  ceramic -heated  jet  is  given  as  figure  5.  It  can  be  seen 
that  the  plastic  materials  Teflon,  nylon,  and  Luclte  ablated  quite 
uniformly  with  relatively  small  change  in  the  hemispherical -nose  shape. 

The  Rocketon  does  not  show  as  uniform  ablation  as  the  plastics  and 
exhibits  some  charring  at  the  nose  due  to  burnout  of  the  resin  binder. 

The  specimen  of  phenolic  resin  and  fiber  glass  shown  here  was  tested  for 
a shorter  period  of  time  than  the  other  materials  and  hence  shows  prac- 
tically no  effect.  Other  models  of  this  material,  tested  for  longer 
periods  of  time,  showed  considerable  charring  action  as  the  resin  binder 
was  consumed. 

The  effect  of  the  resin  content  of  the  phenolic  resin  glass 
specimens  on  the  average  effective  heat  of  ablation  was  investigated  by 
testing  specimens  of  different  resin  content  for  constant  stagnation 
temperature  or  constant  heating  rate.  Results  of  these  tests  for  stag- 
nation temperatures  of  2,900°  and  5,800°  F are  shown  in  figure  A.  These 
results  indicate  decreasing  effectiveness  with  increased  resin  content, 
due  of  course  to  the  lower  effectiveness  of  the  resin  binder  itself. 
I'udications  are  (private  correspondence  with  the  General  Electric  Company) 
t.hai  at  higher  heat  fluxes  (from  1,000  to  1,500  Btu/(sq  ft)(sec)),  the 
trend  is  reversed.  The  chemical  breakdown  of  resin  at  these  high  heating 
rates  apparently  results  in  the  formation  of  light  gases  which  are  rela- 
tively efficient  in  their  shielding  action. 


Further  Teflon  Tests 

In  the  initial  tests  at  the  moderate  heating  rates  of  the  laboratory 
model  ceramic -heated  jet,  the  models  utilized  were  all  essentially  the 
same  size  (1/2  and  5/8  inch  in  diameter),  the  stream  total  pressure  was 
maintained  constant  for  all  the  tests,  and  the  aerodynamic  heating  rate 
was  varied  siinply  by  changing  the  stagnation  temperature.  In  order  to 
investigate  the  effect  of  such  test  conditions  as  temperature,  pressure, 
and  model  size  and  shape,  a program  was  laid  out  for  a somewhat  systematic 
variation  of  these  test  conditions.  Teflon  was  chosen  as  the  material, 
since  it  is  relatively  easy  to  handle  and  fabricate,  it  ablates  rather 
uniformly,  and  it  also  has  the  characteristic  of  going  directly  from  the 
solid  to  the  gaseous  state  without  any  intermediate  liquid  phase.  The 
program  as  outlined  for  this  series  of  tests  is  shown  in  figure  5^  and 
includes  the  previously  discussed  initial  tests . As  previously  stated,  the 


initial  tests  in  the  laboratory  scale  model  ceramic -heated  jet  were  all 
conducted  at  constant  stream  total  pressure,  and  hence  Vt,2f  which  is 

the  surface  pressure  at  the  model  stagnation  point,  is  constant  in  all  of 
these  tests.  In  the  pilot  model  ceramic -heated  jet,  systematic  varia- 
tions of  heating  rate  were  accomplished  for  1 -inch-diameter  flat-faced 
models  by  varying  stagnation  temperature  for  two  levels  of  stagnation 
pressure.  Likewise  the  effect  of  size  on  both  flat-faced  and 
hemispherical -nosed  models  was  investigated  at  the  higher  pressirre  level 
and  at  near -constant  stagnation  temperature.  The  test  conditions  for 
the  electric-arc -powered  air  jet  are  also  included  here. 

The  data  from  these  various  tests  on  Teflon  are  presented  in  fig- 
ure 6 as  the  average  rate  of  ablation  per  unit  surface  area  as  a func- 
tion of  the  average  aerodynamic  heating  rate.  The  open  symbols  denote 
the  data  for  hemispherical-nosed  models  and  the  partially  and  com- 
pletely filled  symbols  denote  the  data  for  the  flat -faced  models.  In 
general,  the  points  for  the  hemispherical-nosed  models  tend  to  lie 
along  one  line  without  any  discernible  effects  resulting  from  changes 
in  model  size  or  stagnation-point  pressure.  It  should  be  noted  that 
here  again  the  heating -rate  scale  has  been  broken  and,  hence,  the  one 
data  point  for  the  highest  test  heating  rate,  if  plotted  on  an  unbroken 
scale,  would  show  a reduction  in  slope  of  the  average  rate  of  ablation 
at  the  higher  heating  rates.  The  points  for  the  flat-faced  models  at 
the  lower  pressure  level  (denoted  by  the  half-filled  squares)  also  tend 
to  agree  with  the  trend  of  the  data  for  the  hemispherical -nosed  models; 
however,  the  data  for  the  flat-faced  models  at  the  higher  pressure 
level  show  a pronounced  effect  of  pressure  on  ablation  rate. 

The  ablation-rate  data  of  figure  6 have  been  reduced  to  the 
effective -heat-of -ablation  parameter  hEpp  and  are  presented  in  fig- 
ure 7 again  as  a function  of  the  average  aerodynamic  heating  rate 
All  the  data  for  the  hemispherical-nosed  models  show  essentially  the 
same  trend  with  q,  and  the  flat-faced  models  tested  at  the  lower 
stagnation-pressure  level  (denoted  by  the  half -filled  squares)  also 
agree  with  this  trend.  The  three  points  for  the  flat-faced  models  at 
the  higher  stagnation-point  pressure  (denoted  by  the  filled  squares) 
gave  lower  values  of  hppp,  but  tend  to  approach  the  trend  established 
by  the  other  data  at  the  higher  heating  rates.  The  data  point  at  the 
higher  heating  rate  of  the  electric-arc -powered  jet,  which  is  the  same 
as  that  presented  previously  for  Teflon  in  figure  2,  indicates  the 
gradually  increasing  trend  of  effectiveness  with  heating  rate  for  rates 
greater  than  about  250  Btu/(sq  ft) (sec). 

It  is  known  that  the  heat  of  depolymerization  of  Teflon  decreases 
with  increased  pressure,  and  hence  the  reduction  in  effectiveness  for 
the  flat-faced  models  at  the  lower  heating  rates  may  possibly  be  a 
result  of  the  higher  pressure  loading  on  the  flat  face.  As  heating  rate 


is  increased  the  heat  of  depolymerization  becomes  a less  significant 
part  of  the  total  effectiveness,  since  the  shielding  effect  is  becoming 
more  predominant. 

Photographs  of  several  typical  Teflon  models  after  test  in  the  pilot 
model  ceramic -heated  Jet  are  shown  in  figure  8.  In  general,  these  photo- 
graphs show  that  the  smaller  models,  up  to  1 inch  in  diameter,  ablated 
quite  uniformly  with  little  change  in  basic  shape.  Both  the  flat-faced 
and  the  hemispherical-nosed  model  of  2-inch  diameter  showed  some  local 
pitting  or  cratering  which  may  be  attributed  to  transition  to  turbulent 
flow,  or  possibly  to  increased  heating  due  to  impact  of  ceramic  dust  with 
the  model  surface . 

As  a matter  of  interest  a comparison  is  made  in  figure  9 of  the 
experimental  effective  heat  of  ablation  of  Teflon  (presented  in  fig.  7 
for  hemispherical-nosed  models)  with  the  effectiveness  for  a nitroKen- 
transpiration-cooled  hemispherical  nose  shape  of  the  same  diameter  as 
the  Teflon  models..  The  lower  curve  for  nitrogen  was  calculated  for  a 
surface  temperature  of  1,000°  F,  the  ten^jerature  used  in  the  calculation 
of  heating  rates  for  Teflon.  The  upper  transpiration-cooling  curve  was 
calculated  for  a surface  temperature  of  1,500°  F,  which  is  considered  a 
practical  limit  of  surface  ten^jerature  for  porous  stainless-steel  mate- 
rials employed  in  transpiration  cooling  systems,  and  thus  represents 
the  most  effective  cooling  that  can  be  achieved  with  nitrogen  for  the 
aerodynamic  heat  fluxes  to  which  the  Teflon  models  were  subjected. 

Both  nitrogen  curves  indicate  less  cooling  effectiveness  than  those 
for  Teflon  for  the  range  of  q from  about  75  to  225  Btu/(sq  ft) (sec). 
At^the  very  high  heating  rate  of  1,570  Btu/(sq  ft) (sec),  however,  the 
nitrogen  transpiration  effectiveness  is  calculated  to  be  more  than  twice 
the  effectiveness  of  Teflon.  It  should  be  noted  that  the  calculations 
of  the  nitrogen  values  were  based  on  the  theoretical  curve  of  Stanton 
number  ratio  as  a function  of  the  flow-rate  parameter  given  in  Lees ' 
analysis  (ref.  1)  and  not  on  experimental  values.  The  theoretical 
curves  are  based  on  the  assumption  that  the  exiting  coolant  proper- 
ties identical  to  those  of  the  local  stream  flow.  For  the  electric-arc- 
powered  air  Jet,  the  local  stream  properties  may  very  well  be  substan- 
tially different  from  those  of  the  transpired  coolant. 

If  a lighter  gas  such  as  helium  had  been  chosen  for  the  con5)arison, 
it  would  have  been  shown  to  be  considerably  more  effective  than  the 
Teflon  ablating  system.  Nitrogen  was  chosen  for  the  comparison  since  it 
was  estimated  that  the  properties  of  the  Teflon  gas  resemble  those  of 
nitrogen.  Likewise,  the  comparison  could  have  been  made  with  some  of 
the  other  ablating  materials  which  show  considerably  higher  effective- 
ness than  Teflon. 
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Graphite  Test 

Considerable  interest  has  been  expressed  in  the  use  of  carbon  as  an 
ablating  material  in  view  of  its  extremely  high  heat  of  vaporization. 
Reference  10  indicates  values  of  about  26,000  Btu/lb  for  the  heat  of 
vaporization  of  carbon.  In  order  to  take  advantage  of  these  high  heats 
of  vaporization,  carbon  or  graphite  should  be  used  at  conditions  where 
the  surface  can  reach  the  vaporization  or  sublimation  temperature  of 
these  materials.  Test  temperatures  in  the  ceramic -heated  jets  are  not 
high  enough  to  achieve  surface  vaporizationj  however,  the  test  temper- 
ature («11,000°  F)  of  the  electric -arc -powered  air  jet  is  more  than 
adequate.  A test  was  conducted  in  this  facility  with  a l/4-inch- 
diameter  hemisphere -cylinder  model,  made  of  AGR  graphite,  and  the 
measured  ablation-rate  data  are  shown  in  figure  10  end  are  compared 
with  the  previously  discussed  ablation-rate  data  for  the  several  other 
materials  tested  in  this  facility.  The  graphite  model  was  tested  for 
a period  of  k seconds  in  order  to  obtain  a measurable  weight  loss.  As 
can  be  seen  from  this  bar -graph  presentation,  the  graphite  is  consider- 
ably better  than  any  of  the  other  materials  tested  at  these  high  heating 
conditions.  It  has  only  about  l/8  the  erosion  rate  of  the  better  of  the 
other  materials,  Rocketon. 

Some  additional  tests  conducted  with  graphite  in  the  laboratory 
scale  model  ceramic -heated  jet  at  a stagnation  temperature  of  4,000°  F 
showed  that  in  spite  of  the  fact  that  graphite  suffers  from  oxidation 
at  such  temperatures,  the  ablation  rate  was  only  about  l/2  that  measured 
in  the  arc -powered  jet. 


CONCLUDING  REMARKS 


The  experimental  results  given  in  this  paper  have  indicated  several 
ablating  materials  that  have  effective  heat -absorption  capabilities 
several  times  greater  than  those  of  current  metallic  heat-sink  materials. 
Since  the  ablating  materials  investigated  herein  are  rather  unconven- 
tional, the  choice  of  a given  material  for  application  to  an  actual 
vehicle  should,  of  course,  involve  consideration  of  strength,  workabil- 
ity,  ease  of  manufacture  and  handling,  and  so  forth.  The  results  with 
Teflon  showed  that  for  hemispherical -shaped  noses  there  was  no  apparent 
effect  of  size  or  stagnation -point  pressure  on  the  trend  of  ablation 
rate  for  the  range  of  variables  covered  in  the  tests.  For  the  flat- 
faced configuration,  however,  there  was  a definite  increase  in  the 
magnitude  of  ablation  rate  with  increased  stagnation-point  pressure. 

The  results  for  the  several  materials  tested  at  heating  rates  comparable 
to  those  encountered  by  a reentry  ballistic  missile  showed  considerable 
increase  in  the  effective  heats  of  ablation  over  the  results  obtained 


at  lower  heating  rates.  This  trend  of  increased  effectiveness  with 
increased  heating  potential  is  in  agreement  with  the  prediction  of 
theory.  Comparisons  of  the  results  for  several  materials  tested  at  the 
higher  heating  rates  of  the  electric-arc -powered  air  Jet  showed  graphite 
to  have  the  lowest  ablation  rate  of  all  materials  tested  in  this  facility. 
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AVERAGE  RATE  OF  ABLATION  OF  TEFLON 


Figure  6 


EFFECTIVE  HEAT  OF  ABLATION  OF  TEFLON 


Fig\are  7 


SEVERAL  TYPICAL  TEFLON  MODELS  AFTER  TEST 


Figure  8 


COMPARISON  OF  EFFECTIVENESS  OF  ABLATION 
AND  TRANSPIRATION  COOLING 


Figure  9 
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PREKEMINARY  EXPERMEOTAL  STUDY  OF  ENTRY  HEATING 


USING  THE  ATMOSPHERIC  ENTRY  SIMULATOR 
By  Stanford  E.  Neice 
Ames  Aeronautical  Laboratory 


INTRODUCTION 


The  continuing  interest  in  long-range  missiles  has  stimulated  the 
search  for  new  experimental  techniques  which  can  reproduce  in  the  labora- 
tory the  effects  of  aerodynamic  heating  associated  with  the  missile  *s 
flight.  One  of  the  new  experimental  techniques  which  has  been  developed 
at  the  Ames  Aeronautical  Laboratory  is  the  atmospheric  entry  simulator 
in  which  the  total  heat  per  unit  mass  as  well  as  thermal  stresses  asso- 
ciated with  the  atmospheric  entry  of  a ballistic  missile  can  be  duplicated 
in  a scaled  model  launched  upstream  through  a specially  designed  super- 
sonic nozzle. 

A schematic  diagram  of  the  apparatus,  indicating  the  component 
parts,  is  presented  in  figure  1.  The  apparatus  consists  of  four  main 
parts:  pressure  tank,  test  section,  vacuum  tank,  and  model  laiincher. 

The  pressure  tank  is  initially  separated  from  the  test  section  by  a 
dxaphr agm  which  can  be  ruptured  to  peimit  high-pressure  air  to  ilow 
through  the  test  section  into  the  vacuum  tank.  The  model  launcher  serves 
to  put  models  into  flight,  at  the  speed  desired,  upstream  along  the  axis 
of  the  test  section.  Models  can  be  recovered  in  a catcher  located  in 
the  pressure  reservoir.  As  the  model  proceeds  through  the  test  section, 
a time-distance  history  is  deduced  from  electronic  counters  which 
operate  on  photobeam  signals  "triggered”  by  the  model’s  passage.  From 
the  time  history,  a velocity  record  can  be  obtained.  The  photobeam 
signal  also  operates  through  a time-delay  circuit  to  take  spark  shadow- 
graphs of  the  model  at  a point  downstream  of  each  photobeam  station. 
Conditions  of  flight  can  be  adjusted  to  simulate  the  total  convective 
heat  per  unit  mass  associated  with  the  atmospheric  entry  of  a ballistic 
missile. 

The  theoretical  basis  for  simulation  was  discussed  in  reference  1. 

A subsequent  report,  reference  2,  presented  the  practical  significance 
of  the  method.  Also  included  in  reference  2 were  the  results  of  an 
investigation  of  the  atmospheric  entry  of  a cylindrical  shape  employing 
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the  heat-sink  principle  whereby  the  entire  heat  imparted  to  the  model 
during  atmospheric  entry  is  to  be  absorbed  in  an  outer  shell  of  high  heat 
capacity  and  conductivity. 

In  the  case  of  the  heat-sink  vehicle,  the  required  amount  of  heat 
absorbing  material  can  become  prohibitive;  hence,  the  interest  in  a 
second  method  whereby  the  latent  heat  of  vaporization  of  a lightweight, 
nonconducting  material  is  utilized  as  the  heat- absorbing  process.  Thus 
the  outer  shell  would  be  continuously  diminished  during  descent  through 
the  atmosphere . 

An  examination  of  the  factors  involved  in  establishing  a given 
temperature  distribution  in  a material  - namely,  dimensionless  parameters 
which  Include  heat-transfer  coefficient,  time,  dimension,  and  diffusivity  - 
Indicates  that  the  conditions  previously  used  to  duplicate  total  con- 
vective heat  input  per  unit  mass  and  thermal  stress  will  also  tend  to 
duplicate  the  vaporization-ablation  process.  The  model  will  experience 
ablation  due  to  convection  heating  to  the  same  degree  as  the  missile;  • 

the  percent  weight  loss  of  the  model  from  such  ablation  during  traverse 
through  the  simulator  will  duplicate  that  of  the  missile  diiring  atmo- 
spheric entry. 


SYMB0I5 


D 

R 

V 


E 


W 


cross-sectional  area  of  body,  sq  ft 
drag  coefficient 


body  diameter,  ft 

nose  radius,  ft;  also,  range 

entrance  velocity,  ft/sec 

weight,  lb 

+ Qncrl  <=>  . 


from  launch,  nautical  miles 


METHOD 


A 


In  the  current  tests,  solid  models  are  used.  Since  missiles 
vill  employ  ablating  materials  only  as  an  outer  shell,  the  similarity 
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^ relating  to  internal  conditions  merits  exjilanation.  The  ablation  process, 

including  thermal  stresses,  is  confined  only  to  the  outermost  portion  of 
the  surface.  Any  shell,  therefore,  where  the  thickness  is  large  in  com- 
parison with  the  "disturbed  region"  of  the  surface  should  very  nearly 
* produce  the  same'  results  as  the  so-called  "infinitely  thick  shell.  Any 

. siirface  phenomenon  such  as  ablation  or  spalling  should  therefore  be 

duplicated  by  a solid  model.  Structural  failures  occurring  near  the 
surface  tend  to  be  transmitted  throughout  the  particular  material.  The 
initial  surface  consequence  of  such  failure  should  also  be  duplicated, 
whereas  the  end  effect,  such  as  complete  destruction  of  the  model,  would 
not. 


Certain  phenomena  which  may  not  be  simulated  in  these  experiments 
should  be  mentioned.  In  particular,  there  are  the  reaction  times  for 
such  processes  as  the  sublimation  of  surface  material  as  well  as  chemical 
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mine  these  times  for  synthetic  long-chain  molecules,  sucn  as  nyxon  ana 
Teflon,  do  not  appear  to  be  available.  These  reaction-rate  phenomena, 
therefore,  remain  a subject  for  future  study.  Radiation  phenomena  are 
not  simulated.  For  the  velocity  range  of  the  current  tests,  the  total 
heating  by  radiation  to  the  body  from  the  hot  gases  siirrounding  the 
body  as  well  as  from  the  body  to  the  surrounding  medium  is  much  smaller 
thaui  the  total  convective  heating.  The  lack  of  simulation  of  radiation. 


therefore,  is  not  important  in  those  present  tests 


DISCUSSION 


The  shapes  used  in  this  investigation  are  shown  in  figure  2.  The 
first  shape  was  the  blunt  spherical-nosed  cone-cylinder  with  a nose  radius 
about  one-quarter  of  the  body  diameter  and  having  a one -half -caliber 
cylindrical  afterbody.  The  second  shape  was  the  one-half-callber  cyl- 
inder, as  shown.  The  first  series  of  models  weighed  110  milligrams  and 
the  second,  77  milligrams.  Both  models  had  diameters  of  0.222  inch  and 
were  constructed  of  nylon.  In  figure  5^  the  corresponding  missiles  that 
these  models  simulate  are  shown.  The  simulated  missiles  have  a diameter 
of  2.70  feet.  The  spherical-nosed  cone-cylinder  has  a nose  radius 
of  0.65  foot,  a cylindrical  afterbody  of  I.55  feet  in  length,  and  a 
weight  of  710  pounds;  the  cylinder,  on  the  other  hand,  has  an  overall 
length  of  1.55  feet  and  weighs  pounds.  The  ratio  W/CjjA  for  both 

simulated  vehicles  is  also  presented.  According  to  an  analysis  reported 
in  reference  3,  both  missiles  should  have  a total  range  of  1,620  nauti- 
cal miles  when  launched  at  an  angle  of  58°  to  the  horizontal  with  a 
velocity  of  15,800  feet  per  second. 


In  this  first  series  of  tests  all  models  were  launched  at  velocities 
between  15,200  and  15,800  feet  per  second.  A typical  velocity  profile 
as  obtained  for  a spherical-nosed  cone-cylinder  is  shown  in  figure  k. 

In  this  figure  the  theoretical  velocities  for  the  simulated  missile  along 
with  the  experimental  model  velocities  are  plotted  according  to  simulated 
altitude.  Hie  altitude  range  duplicated  by  the  simulator  is  as  shown. 

The  agreement  between  theoretical  and  experimental  values  demonstrates 
that  one  of  the  requirements  for  simulation  has  been  satisfied;  namely, 
that  the  velocity  at  corresponding  points  in  the  trajectory  be  the  same 
for  model  and  missile. 

A spherical-nosed  cone-cylinder  model,  as  recovered,  after  completed 
flight  is  shown  in  figure  5 aJ^d  is  compared  with  a similar  model  which 
has  not  been  fired.  Noticeable  features  of  the  recovered  model  are  the 
appearance  of  a small  crater  at  the  stagnation  point  and  the  pattern  of 
cracks  which  emanate  from  that  point.  Contrast  this  with  figure  6 which 
shows  a cylindrical  model  as  recovered  after  having  con5)leted  traverse 
through  the  simulator.  The  appearance  of  pits  on  the  surface  can  readily 
be  seen.  There  are,  however,  no  surface  cracks  or  other  indications  of 
failure  as  have  been  observed  on  the  spherical-nosed  cone-cylinder. 

The  failure  of  the  spherical-nosed  model,  as  seen  here,  was  not 
always  sufficiently  extensive  to  cause  congjlete  destruction  during  simu- 
lation. This  is  illustrated  in  the  spark  shadowgraphs  presented  in 
figure  7,  which  shows  the  model  in  a completed  flight  at  three  representa 
tive  locations  in  its  traverse  through  the  simulator.  For  this  model, 
the  point  of  maximum  convective  heat-transfer  rate  to  the  stagnation 
point  occurs  at  an  altitude  of  about  108,000  feet.  In  the  second  shadow- 
graph, the  model  has  passed  the  altitude  of  maximum  heating  rate  and 
thermal  stress  at  the  stagnation  point.  The  lower  shadowgraph  shows 
the  model  intact  and  adequately  centered  in  the  airstream. 

In  contrast  to  this  particular  test,  a series  of  shadowgraphs 
showing  an  abortive  flight  is  presented  in  figure  8.  Launching  and 
flight  conditions  were  nearly  identical  to  those  in  the  successful  flight 
Of  all  models  launched,  about  two-thirds  failed  in  the  manner  shown  here. 
Such  failure  might  be  caused  by  the  launching  forces.  The  intact  appeajr- 
ance  of  the  model  in  the  upper  shadowgraph  would  tend  to  preclude  such 
failure.  Damage  to  the  model  in  the  form  of  small  cracks  would,  however, 
not  show  in  the  shadowgraphs  and  hence  launching  as  a factor  contri- 
buting to  model  failure  cannot  be  ruled  out.  The  stresses  encountered 
at  impact  into  the  catcher,  where  the  model  was  embedded  only  a fraction 
of  an  inch  in  balsa  wood,  would  scarcely  produce  such  failure.  The 
remaining  possibility  is,  of  course,  the  thermal  stress  encountered 
during  flight. 


The  recovered  spherical-nosed  models,  no  matter  how  they  were 
cracked,  were  in  sufficiently  good  condition  for  weighing  and  measuring. 
Recovered  cylindrical  models  were,  of  course,  quite  suitable.  The  results 
obtained  from  simulator  tests  of  five  spherical-nosed  (blunt)  cone- 
cylinders  and  five  half- caliber  cylinders  (each  constructed  of  nylon  and 
launched  at  velocities  between  15,200  and  15,800  feet  per  second)  indi- 
cated that  the  percentage  weight  loss  was  2.6  percent  for  the  blunt  cone- 
cylinders  and  1.4  percent  for  the  half- caliber  cylinders.  In  both  cases, 
the  weight  loss  in  launching,  corresponding  to  the  diameter  decrement, 
has  been  subtracted  from  the  total  loss.  For  the  spherical-nosed  cone- 
cylinder,  the  weight  loss  to  the  simulated  missile  would  amoiint  to 
about  l8  pounds  corresponding  to  a uniformly  distributed  loss  of  about 
0.4  inch  of  nylon  over  the  entire  front  portion.  For  the  cylindrical 
shape,  the  full-scale  weight  loss  would  be  7*5  pounds  corresponding  to 
a uniformly  distributed  loss  of  about  0.2  inch  of  nylon  over  the  entire 
rrunl.  Taue . 

In  the  final  tests  with  nylon,  an  attempt  was  made  to  determine 
the  maximum  velocity  at  which  the  spherical-nosed  model  would  remain 
entirely  intact  throughout  flight.  Several  launchings  were  performed 
at  continuously  reduced  velocities  \intil  models  were  recovered  intact. 

The  velocities  for  each  of  these  launchings  were  10,500  feet  per  second 
after  prior  abortive  runs  at  11,700  feet  per  second.  A recovered  model, 
initially  launched  at  10,300  feet  per  second,  is  shown  in  figure  9 
is  compared  with  a similar  model  launched  at  15,800  feet  per  second. 

The  intact  appearance  of  the  lower  velocity  model  is  evident.  From  the 
standpoint  of  materiai  loss,  nylon  appears  to  be  quite  satisfactory. 

The  failure  of  models  la\mched  at  velocities  greater  than  10,500  feet 
per  second  causes  doubt  as  to  whether  nylon  would  sxirvive  the  thermal 
loading.  Results  in  this  respect  are  not  conclirsive,  since  the  effects 
of  laxmching  forces  must  still  be  assessed.  However,  these  particular 
nylon  shapes  will  survive  the  thermal  stresses  during  atmospheric  entry 
for  entrance  velocities  of  at  least  10,500  feet  per  second. 


CONCLUDING  REMARKS 

Tests  using  other  materials  are  proceeding.  Recent  results  of 
launching  sphericad-nosed  Teflon  models  at  velocities  near  l4,100  feet 

per  second  indicate  a percentage  weight  loss  of  about  5^  percent  with 

the  models  remaining  intact  through  the  flight.  Efforts  are  continuing 
to  augment  this  velocity  to  values  near  20,000  feet  per  second.  Such 
velocities  would  permit  the  simulation  of  atmospheric  entry  of  inter- 
continental ballistic  missiles.  Other  materials  will  also  be  considered. 
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Tests,  similar  to  those  considered  here,  will  be  repeated  with  graphite 
and  boron  nitride  and  such  other  materials  as  may  appear  feasible. 
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SMALL-SCALE  ATMOSPHERIC  ENTRY  SIMULATOR 
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DIMENSIONS  IN  FEET 


Figure  1 


TEST  MODELS 
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Figure  2 
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Figure  5 


VELOCITY  OF  SPHERICAL-NOSED  CONE-CYLINDER  MODEL 
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Figure  4 
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SPHERICAL-NOSED  CONE-CYLINDER 
LAUNCHED  THROUGH  SIMULATOR 


BEFORE  AFTER 


Figure  5 


Figure  6 


COMPLETED  FLIGHT  OF  SPHERICAL-NOSED 
CONE-CYLINDERS  THROUGH  SIMULATOR 
Vr  = 15,800  FT/SEC 


VELOCITY:  14,900  FT/SEC 
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ALTITUDE:  134,500  FT 
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ABORTIVE  FLIGHT  OF  SPHERICAL-NOSED 
CONE-CYLINDERS  THROUGH  SIMULATOR 
Vc  = 15,800  FT/SEC 


VELOCITY:  14,900  FT/S 
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MODELS  AFTER  FIRING  IN  SIMULATOR 
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Figure  9 


HEAT  TRANSFER  TO  SURFACES  AND  PROTUBERANCES  IN  A 
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SUPERSONIC  TURBULENT  BOUNDARY  LAYER 
By  Paige  B.  Burbank  and  H.  Kurt  Strass 
Langley  Aeronautical  Laboratory 


SUMMARY 


The  presence  of  large  protuberances  that  are  only  partially 
immersed  in  a turbulent  boundary  layer  effects  a large  Increase  in  heat 
transfer  upstream  and  on  each  side  of  the  protuberance  wake.  Extreme 


another  one.  The  ratio  at  a particiilar  thermocouple  of  the  heat- 
transfer  coefficient  for  the  flat  plate  with  the  protuberance  to  the 
heat-transfer  coefficient  of  the  flat  plate  alone  can  be  as  great  as 
12  in  the  more  adverse  location. 


INTRODUCTION 


The  importance  of  minimum  weight  and  maximum  fuel  volume  has  led 
in  some  cases  to  the  location  of  major  piping  on  the  outer  shell  of 
large  missiles.  In  the  absence  of  a suitable  theory  for  calculating 
the  heat  transfer  to  protuberances  totally  or  partially  immersed  in  a 
turbulent  boundary  layer,  tests  were  conducted  to  determine  experi- 
mentally the  distribution  of  heat  transfer  to  the  protuberance  and  the 
adjacent  skin  area.  Tests  were  conducted  on  several  configurations 
with  circular*  cylinders  mounted  normal  to  a flat  plate  to  simulate 
antennas  or  externally  mounted  pipes. 


SYMBOLS 


Nst  Stanton  number 

d diameter,  2.8  in. 


h 


heat-transfer  coefficient 


hj  heat-transfer  coefficient  based  on  free-stream  conditions  for 

laminar  flow  on  cylinder  of  infinite  length 

h^  heat-transfer  coefficient  of  flat  plate  alone 

M Mach  number 

R Reynolds  number 

T wall  temperatiire 

6 boundary-layer  thickness 

\lf  meridian  angle 

Subscript: 

X distance,  from  leading  edge  of  flat  plate 


MODEL  DESIGN 


The  perspective  drawing  in  figure  1 illustrates  the  instrumented 
cylinder  mounted  on  the  4-  by  10-foot  flat  plate  that  spans  the  test 
section  along  the  horizontal  center  plane  of  the  Langley  Unitary  Plan 
wind  tunnel.  A 1-inch-wide  band  of  No.  60  carborundum  grains  located 
4 inches  rearward  of  the  leading  edge  was  used  to  insure  a tiirbulent 
boundary  layer.  The  leading-edge  wedge  was  alined  so  that  no  flow 
deviation  occiirred  on  the  test  surface,  and  pneumatic  seals  prevented 
flow  around  the  edges  of  the  plate . 


The  instrumented  portion  of  the  flat-plate  surface  is  composed  of 
two  interchangeable  panels,  each  instrumented  with  iron-constantan 
thermocouples,  having  a uniform  skin  thickness  of  0.050~inch  stainless 
steel,  and  insulated  from  the  support  structiire  by  a l/2-inch  honeycomb 
of  Fiberglas.  The  panel  used  for  a protuberance  support  has  84  thermo- 
couples;, the  filler  panel,  9 thermocouples. 


mu  -!  w.  ~ -I J 3 .3  ^ ^ 

Xiic:  j-iio  OX  umcii  otru.  4-j-iiu.c:x  ctj-ow 


a height  of  12^  inches, 


a diameter  of  2.8  inches, 


and  a uniform  skin 


thickness  of  O.O5O  inch.  The  cylinder  is  insulated  from  the  flat  plate 
by  a 0.11-inch  sheet  of  Micarta.  Tventy-four  thermocouples  were 
located  along  the  stagnation  line  and  45^  and  90^  from  the  stagnation 
line,  as  shown  in  figure  1. 
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METHOD  OF  DATA  REDUCTION 


The  heat-transfer  coefficients  are  obtained  from  the  basic  heat- 
transfer  eqxiation  by  using  the  transient  temperatures  resulting  frcm  a 
stepwise  increase  in  the  stagnation  teii5)erature . The  individual  ratios 
of  equilibrium  tenq)erature  to  stagnation  temperature  are  determined 
prior  to  the  stagnation  temperature  bunq).  The  transient  thermocouple 
measurements  are  obtained  every  l/2  second  for  1 minute  on  a Consoli- 
dated Engineering  Corporation  Millisadic. 


RESULTS  AND  DISCUSSION 


The  heat-transfer  coefficients  were  first  determined  for  the  flat 
plate  alone  at  Reynolds  numbers  per  foot  varying  from  1.55  x 10° 

to  5.98  X 10^  and  at  free -stream  Mach  numbers  of  2.65  and  5. 51.  The 
resultant  Stanton  nimbers  for  locations  within  5 inches  of  the  center 

line  of  the  flat  plate  are  shown  for  M = 2.65  at  R = 2.58  x 10^  per 

foot  and  M = 5.51  at  R = 2.86  x 10^  per  foot  in  figure  2.  The  e:q>er- 
Imental  Stanton  numbers  for  the  plate  are  somewhat  lower  (8  to  25  percent) 
than  predicted  by  the  Van  Driest  theory.  Similar  differences  have  fre- 
quently been  noted  by  others . 

'The  results  of  the  protuberance  tests  are  presented  as  a ratio  at 
a particxxlar  thermocouple  of  the  heat-transfer  coefficient  for  the  flat 
plate  with  the  protuberance  to  the  heat-transfer  coefficient  of  the 
flat  plate  alone.  This  ratio  will  be  referred  to  hereinafter  as  h/h^. 

The  heat-transfer  distribution  is  ahown  in  figure  5 for  a single 
cylinder  moxmted  on  the  flat  plate  for  a free -stream  Mach  number  of  3. 51 

and  a Reynolds  nvunber  of  23.4  x 10^. 

The  boundary- layer  thickness,  calculated  by  the  method  outlined  in 
reference  1,  at  the  position  of  the  cylinder  is  43  percent  of  the  cylin- 
der diameter.  The  distribution  of  thermocouple  locations,  denoted  by 
crosses,  permits  considerable  freedom  in  determining  the  location  of 
the  h/hp  contours;  the  regions,  therefore,  are  representative  rather 
than  exact.  The  influence  of  the  cylinder  is  propagated  upstream  on 
the  flat  plate  a distance  of  2 diameters  and  the  ratio  h/h^  increases 

to  8 at  the  stagnation  line  of  the  cylinder.  The  region  of  high  heat 
transfer  is  washed  downstream  on  each  side  of  the  cool  region  of  the 
wake.  The  low  heat  transfer  in  the  region  of  low-density  separated  flow 
in  the  wake  is  confined  to  a distance  of  less  than  1 diameter;  then 
h/hQ  increases  to  almost  2. 


Increasing  the  Reynolds  number  per  foot  by  a factor  of  2^  at  a 

Mach  number  of  3. 51  as  shown  in  figure  4 has  a negligible  effect  on 
the  area  influenced  by  the  cylinder  but  decreases  h^hQ  at  the  stag- 
nation point  (of  the  cylinder)  from  8^  to  6|. 

The  Mach  number  was  varied  with  a constant  Reynolds  niomber  per 
foot.  The  most  significant  effect  was  shown  to  be  an  increase  of  h/ho 

at  the  stagnation  line  of  the  cylinder  from  5 at  a Mach  number  of  2.65 
to  8 at  5.51  with  no  systematic  effect  in  the  wake. 

The  heat  transfer  on  the  cylinder  is  presented  in  figure  5 as  the 
ratio  of  the  rosasiared  heat-transfer  coefficient  to  the  calculated  heat- 
transfer  coefficient  based  on  free-stream  conditions  for  laminar  flow 
on  a cylinder  of  infinite  length  as  presented  in  reference  2.  This 
ratio  will  be  referred  to  hereinafter  as  4|hj^.  The  ratio  is  shown 

for  M = 2.65  and  5.5I  at  the  stagnation  line;  at  three  vertical  dis- 
tances from  the  flat  plate  the  variation  of  the  ratio  about  the  forward 
90°  of  the  cylinder  is  shown.  The  shock  pattern  caused  by  the  inter- 
action of  the  cylinder  bow  shock  with  the  flat  plate,  as  shown  in  fig- 
\are  I6  of  reference  3>  causes  a high-density  separated  flow  and  a 
resultant  thickening  of  the  boundary  layer  that  causes  a region  of  high 
heat  transfer  whose  proximity  to  the  flat  plate  increases  with  Increasing 
Mach  number.  The  portion  of  the  cylinder  uninfluenced  by  the  flat  plate 
is  in  good  agreement  with  theory.  There  is  no  measurable  effect  of 
Reynolds  number  on  the  distribution  of  h/hj^  on  the  cylinder. 

The  effect  of  locating  the  instrumented  cylinder  at  several  posi- 
tions in  the  wake  of  a second  cylinder  was  Investigated  at  a Mach  num- 
ber of  3.51  and  approximately  R = 2.8  x I06  per  foot.  The  contour 
plot  in  figure  6 illustrates  the  heat-transfer  distribution  resulting 
from  placing  the  instrumented  cylinder  3-2  diameters  downstream  of  a 
dummy  cylinder.  The  region  of  high  heating  upstream  of  the  dummy  cylin- 
der should  be  of  the  same  magnitude  as  that  for  the  single  cylinder;  the 
comparatively  low  Indicated  value  of  h/h^  of  5 is  due  to  the  lack  of 
instrumentation  about  this  cylinder.  The  resultant  wake  and  very  mixed 
flow  cause  a reduction  in  heat  transfer  upstream  of  the  instrumented 
cylinder.  The  thermocouple  in  the  flat  plate  at  the  stagnation  point 
indicates  a value  of  h/hQ  of  less  than  4 in  comparison  with  a value 

of  8 for  the  single  cylinder.  Figure  7 illustrates  that  the  separated 
flow  reduces  the  heat-transfer  coefficient  on  the  second  cylinder;  the 
value  of  h/h^  varies  from  O.3  to  0.8  along  the  stagnation  line.  The 

circumferential  plots  indicate  flow  reattachment  resulting  in  a value 
of  h/h^  25  to  50  percent  higher  than  that  predicted  at  the  45°  and 
90°  stations. 
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In  figure  8,  the  result  of  positioning  the  instrumented  cylinder 
6.4  diameters  downstream  of  the  dummy  cylinder  is  shown.  The  relatively 
large  distance  between  the  two  cylinders  permits  the  flow  field  to 
reestablish  a heat-transfer  distribution  similar  to  that  for  the  single 
cylinder.  The  thermocouple  on  the  flat  plate  at  the  stagnation  line  of 
the  cylinder  indicates  a value  of  h/h^  of  6 as  compared  with  the  value 
of  8 for  the  single-cylinder  configuration.  The  heat-transfer  distribu- 
tion on  the  instrumented  cylinder  in  figure  9 indicates  that  the  large 
influence  of  the  wake  of  the  dummy  cylinder  on  the  stagnation  line  noted 
in  the  preceding  configuration  is  considerably  damped  and  the  overall 
distribution  is  similar  to  that  for  the  single  cylinder.  The  reattached 
flat-plate  boundary  layer  is  thinner  and  the  region  of  high  heating  is 
closer  to  the  flat  plate  than  with  the  single -cylinder  conf iguration. 

The  circumferential  distribution  of  h^L  portion  of  the  cylin- 

der uninfluenced  by  the  flat  plate  indicates  that  the  measured  values 
are  ress  unan  preaicced^  and  the  deviation  increases  wioh  increasing  y- 

Figure  10  shows  the  k/h^  distribution  resulting  from  placing  the 

instrumented  cylinder  5*2  diameters  downstream  of  the  dummy  cylinder  and 
offset  so  that  a line  connecting  the  centers  of  the  cylinders  forms  an 

fO 

angle  of  26^  with  the  free  stream.  Superposing  the  contour  plot  for 

the  single  cylinder  on  the  dxmray  cylinder  indicates  that  the  instrumented 
cylinder  is  Just  downstream  of  the  region  of  high  heat  transfer  associ- 
ated with  the  bow  shock  of  the  leading  cylinder,  and  the  thermocouple 
reading  at  the  stagnation  line  is  only  slightly  higher  than  that  of  the 
preceding  conf igarat ion.  The  distribution  of  h/hp  on  the  cylinder 
shown  in  figure  11  indicates  that  the  leading  cylinder  bow  shock  produces 
a slight  increase  in  heat  transfer  closer  to  the  flat  plate  than  that 
associated  with  the  single  cylinder  with  maximum  heating  occurring  at 
the  edge  of  the  boiindary  layer.  The  portion  of  the  cylinder  not  influ- 
enced by  the  flat  plate  is  in  good  agreement  with  theory. 


In  figure  12,  the  instrumented  cylinder  is  5-2  diameters  downstream 
of  the  dummy  cylinder,  a line  connecting  the  centers  of  the  cylinders 
from  an  angle  of  45^  with  the  free  stream.  The  region  of  elevated 
heating  from  the  leading  cylinder  bow  shock  impinges  on  the  Instrumented 
cylinder  between  0 and  90^  and  results  in  extremely  high  values  of 

ranging  from  9 to  12  adjacent  to  the  cylinder.  The  cylinder  heat  trans- 
fer shown  in  figure  15  indicates  that  the  region  of  maximum  heating 
along  the  stagnation  line  occurs  some  distance  from  the  flat  plate  with 


a maximum 


h/hi  of  2^.  The  circumferential  plots  indicate  a value  of 
h/hp  of  2 for  angles  up  to  45^. 
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Exploratory  tests  have  also  been  conducted  on  roughness  elements 
that  are  small  compared  with  the  boundary-layer  thickness.  Figure  l4 
illustrates  the  skin  of  a sandwich-construction  element  that  had  been 
deformed  by  abnoimial  heating  rates.  A model  was  constructed  to  dupli- 
cate this  surface  with  the  bottom  of  the  dingles  0.020  inch  below  the 
surface.  Tests  were  conducted  in  the  ceramic -heated  jet  (pilot  model) 
with  a free-stream  Mach  number  of  k and  stagnation  temperatures  of 
approximately  2,500^  F.  The  test  specimen  was  the  surface  of  a 50^  wedge 
and  resulted  in  a surface  Mach  number  of  3 and  a free-stream  Reynolds 

number  of  6 X 10^  per  foot.  Detailed  temperature  measurements  failed 
to  indicate  any  significant  change  in  the  level  of  the  heating  in  the 
region  of  the  dimpled  surface  as  conqpared  with  that  of  a smooth  surface . 

Similar  tests  were  conducted  on  stainless-steel  Phillips-type  screw- 
heads  in  a stainless-steel  siirface.  The  location  of  the  screws  in  rela- 
tion to  the  model  surface  is  shown  in  the  upper  sketch  in  figure  15-  In 
order  to  simulate  normal  maniifacturing  tolerances,  the  surfaces  of  the 
screws  were  0.015  inch  above  the  model  surface,  flush,  and  0.015  inch 
below  the  surface.  Thermocouples  on  the  back  face  of  the  screwheads 
and  temperature  measurements  of  the  surface  made  by  a photographic  tech- 
nique showed  that  all  the  screwheads  reached  temperatures  which  averaged 
approximately  100°  hotter  than  those  of  the  adjacent  skin.  The  photo- 
graph of  the  model  in  figure  l6  was  taken  during  the  latter  portion  of 
the  test;  the  luminescence  is  a function  of  temperature.  With  the  assump- 
tion that  the  high  screw  temperatures  resulted  from  the  fact  that  the 
mass  of  the  screw  is  substantially  less  than  that  for  a cylinder  of  skin 
of  equal  face  area,  the  screwhead  temperature  time  history  was  computed, 
with  consideration  of  the  conduction  across  the  metal-to-metal  interface 
as  outlined  in  reference  k and  the  assumption  that  the  heat  transfer  was 
the  same  as  that  of  the  adjacent  skin.  The  results  in  figure  17  show 
good  agreement  with  theory.  In  order  to  check  the  assumption  that  the 
screwhead  temperature  is  dependent  upon  the  area  exposed  to  aerodynamic 
heating  and  the  conduction  across  the  interface,  a second  model,  illus- 
trated in  the  lower  portion  of  figure  15,  was  constructed.  All  three 
plugs  have  the  same  volume,  one  plug  was  cylindrical,  the  other  two  plugs 
were  tapered  with  a ratio  of  two  to  one . On  face  areas  with  the  same 
test  conditions  as  those  used  on  the  honeycomb  deformed  skin,  the  plug 
with  the  large  area  outboard  had  a temperature  100°  greater  and  the 
inverted  plug  had  a temperature  of  100^  cooler  than  the  cylindrical  plug 
that  had  the  same  tsngperature  as  the  model  skin. 


CONCLUDING  REMARKS 


In  conclusion,  the  presence  of  large  protuberances  that  are  only 
partially  immersed  in  a turbulent  boundary  layer  effects  a large  increase 
in  heat  transfer  upstreaim  and  on  each  side  of  the  protuberance  wake. 
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Extreme  care  must  be  taken  in  locating  a protuberance  in  the  influence 
of  another  one . The  ratio  at  a particular  thermocouple  of  the  heat- 
transfer  coefficient  for  the  flat  plate  with  the  protuberance  to  the 
heat-transfer  coefficient  of  the  flat  plate  alone  can  be  as  great  as 
12  in  the  more  adverse  location. 
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EXPERIMENTAL  STUDY  OF  BALLISTIC -MISSILE 


BASE  HEATING  WITH  OPERATING  ROCKET 
By  J.  Cary  Nettles 
Levis  Flight  Propulsion  Laboratory 


Early  attempts  to  launch  IRBM-  and  ICBM-type  missiles  indicated 
that  a very  probable  cause  of  malfunction  of  the  missile  was  excessive 
temperature  in  the  motor  coii5)artment . The  existence  of  this  condition 
was  evident  in  failures  of  the  motor  directional  drives  and  prematiore 
shutdown  of  the  rocket-motor  fuel  supply.  Current  successful  firings 
are  made  with  missiles  that  have  closed-in  bases  and  insulation  around 
all  of  the  vital  parts.  Although  this  arrangement  does  make  the  missile 
operational,  it  is  not  considered  satisfactory  because  the  base  closure 
and  insulation  add  weight  that  reduces  the  final  velocity  of  the  missile 
and,  consequently,  its  range.  In  addition,  the  closing-in  of  the  motor 
compartment  makes  this  cavity  highly  susceptible  to  explosions  due  to 
fuel  and  oxygen  leaks. 

A rocket  of  the  1,000 -pound -thrust  class  was  installed  in  the  Lewis 
8-  by  6-f  oo  t supersonic  tunnel  to  permit  a controlled  study  of  some  of 
the  factors  affecting  the  heating  of  a rocket -missile  base.  Liquid  oxygen 
and  jp-4  fuel  were  used  as  propellants.  A photograph  of  the  rocket  in 
operation  is  shown  in  figure  1.  The  model  body  diameter  is  7*875  inches, 
and  the  rocket-nozzle  discharge  diameter  is  5*^  inches  with  a throat-to- 
discharge  area  ratio  of  8.  The  nozzle  was  contoured  according  to  present 
large-scale  motor  designs.  All  of  the  test  firings  reported  herein  were 
made  with  a chamber  pressure  of  500  pounds  per  square  inch  absolute.  The 
duration  of  firing  was  controlled  by  the  time  required  to  reach  an  appar- 
ent stable  temperatijre  in  the  base  region.  Average  firings  were  about 
45  seconds  in  duration. 

A simplified  diagram  that  depicts  the  flow  in  the  base  of  a typical 
missile  is  shown  in  figure  2.  The  idea  that  bound -vortex  flow  exists  in 
a base  such  as  this  has  been  advanced  in  numerous  references  dealing  with 
the  study  of  base  pressure.  The  generation  of  vortex  flow  is  associated 
with  mixing  profiles  that  are  found  between  the  base  region  and  both  the 
stream  and  jet  flow.  Quantities  of  stream  and  exhaust  gas  are  trans- 
ported into  the  base  and  mixed  together  to  create  a base  temperature. 

The  gas  that  enters  the  base  from  the  jet  also  contains  unburned  products 
that  become  potentially  combustible  when  mixed  with  the  stream  air. 
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A calorimetric  process  for  the  base  was  assimied^  and  the  resulting 
computed  temperatures  are  shown  in  figure  5.  The  values  of  Jet-gas  con- 
centration Wj/Wg^  of  0.03  and  O.O6  that  were  selected  for  the  computa- 
tions were  based  on  experimental  measurements  made  with  an  NACA  fuel-air 
ratio  meter.  For  the  mixing  calculations,  all  the  jet  gas  was  assumed 
to  arrive  in  the  base  at  jet  temperature.  The  c\irves  indicate  that  with 
mixing  alone  the  base  temperature  can  range  from  300^  to  500^  F for  the 
jet-gas  concentrations  considered.  The  change  of  temperature  with  oxygen- 
fuel  ratio  is  small.  For  the  case  where  burning  is  occurring,  the  addi- 
tional assumption  was  made  that  all  the  heat  of  combustion  available  in 
the  jet  gas  was  released  in  the  base.  The  values  of  temperature  indi- 
cated, therefore,  are  theoretical  limits  and  have  no  special  significance. 

It  is  important  to  note  from  the  curves  of  mixing  plus  burning  that 
large  temperature  rises  can  occur  even  with  moderate  concentrations  of 
jet  gas  if  the  mixture  is  ignited.  Also,  with  burning,  the  trend  is 
toward  reduced  temperature  rise  as  the  oxygen-fuel  ratio  is  increased 
toward  the  stoichiometric  value  of  3-4.  In  fact,  the  reason  that  the 
computed  temperature  rise  due  to  burning  does  not  coincide  with  the 
mixing  value  at  an  oxygen-fuel  ratio  of  3-4  is  that  the  rocket-motor 
combustion  efficiency  is  less  than  unity. 

Data  are  shown  in  figure  4 for  firings  made  with  an  open  base  that 
simulates  a missile  configuration.  Each  test  point  shown  represents  an 
individual  rocket  firing.  The  temperatures  presented  are  the  maximum 
values  observed  with  thermocouples  mounted  to  measure  air  temperature; 
however,  the  spread  between  the  maximum  and  the  minimum  was  not  great. 

The  temperatures  are  the  result  of  operation  of  the  rocket  motor  only; 
the  effect  of  accessory  discharge  will  be  discussed  later.  In  spite  of 
the  apparent  scatter,  the  data  at  a Mach  number  of  2.0  (circles)  and  a 
Mach  number  of  1.6  (squares)  tend  to  fall  in  two  categories.  One  is  a 
relatively  low  level,  and  the  other  is  much  higher  - the  higher  level 
being  about  1,200^  F at  a Mach  number  of  2.0.  Photographic  observations 
confirm  that  the  high-temperature  data  coincide  with  visual  burning  in 
the  base.  A trend  of  decreasing  temper atiire  with  increasing  oxygen-fuel 
ratio  is  observed  in  most  of  the  high-temperature  data. 

The  base  of  the  missile  was  closed,  and  the  data  from  this  configu- 
ration are  shown  in  figure  5«  Temperatures  inside  the  closed  cavity 
were  just  slightly  above  stream  stagnation  teirperature  and  are  not  shown 
in  this  figure.  The  temperature  outside  the  closed  base  was  somewhat 
different  from  that  in  the  open  base,  but  the  overall  level  was  about 
the  same . 

The  data  presented  in  the  previous  figures  were  obtained  with  nitro- 
gen as  the  pressurizing  gas  for  the  liquid  oxygen.  Nitrogen  dissolves 
in  liquid  oxygen  and  causes  a deterioration  of  the  combustion  efficiency 
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at  a given  indicated  oxygen-fuel  ratio.  The  use  of  nitrogen  was  an 
expedient,  and  the  reduction  in  combustion  efficiency  was  not  at  first 
considered  to  be  important.  Data  obtained  with  helitun  as  the  pressur- 
izing gas  are  shown  in  figure  6,  where  it  can  be  seen  that  the  in5)roved 
combustion  efficiency  has  reduced  the  temperature,  presumably  because 
a smaller  quantity  of  combustibles  is  present.  The  difference  in  com- 
bustion efficiency  is  about  8 points. 

If  the  simplified  base  flow  of  figure  2 is  recalled,  it  is  logical 
to  surmise  that  one  way  of  reducing  the  amount  of  jet  gas  entrained  in 
the  base  is  to  move  the  Jet  rearward  so  that  the  mixing  zone  intercepted 
by  the  base  streamlines  is  reduced.  The  data  that  were  obtained  with 
the  motor  extension  increased  from  0.52D  to  0.^9D,  where  D is  the 
diameter  of  the  base,  are  presented  in  figure  7-  It  is  apparent  that 
moving  the  motor  relative  to  the  base  was  very  effective  in  reducing  the 
temperature,  even  though  the  base  was  open.  Pursuing  the  idea  that,  if 
a little  helps,  a lot  is  better,  the  motor  was  extended  to  O.T^D,  and 
the  data  for  this  configuration  are  presented  in  figure  8.  The  tempera- 
tures indicated  in  figure  8 are  essentially  the  stagnation  values  for 
the  tunnel.  Independent  measurements  of  the  jet-gas  concentration  in 
the  base  indicated  that  the  amount  of  jet  gas  in  the  base  was  also 
greatly  reduced,  being  essentially  zero  for  the  O.78D  configuration. 

Extending  the  motor  out  of  the  base  introduces  the  possibility 
of  increased  pressure  on  the  motor,  especially  as  the  trailing  shock 
is  approached  in  the  supersonic  case.  Typical  pressures  measured  on  the 
motor  shroud  at  a Mach  number  of  2.0  are  presented  in  figure  9-  The 
coniputed  expansion  angle  for  flow  around  the  base  comer  into  the  base 
pressxire  region  is  shown  schematically  for  reference.  The  pressure  rise 
indicated  for  the  two  extended-motor  cases  is  probably  due  to  a feeding 
forward  of  the  pressure  rise  of  the  trailing  shock.  It  is  apparent  that 
an  estimate  of  loads  on  a motor  actuator  would  be  very  difficult  because 
of  the  complex  flow  field. 

Four  configurations  of  turbine  exhaust  are  shown  in  figure  10. 
Propane  was  used  to  simulate  the  fuel-rich  turbine  discharge  gas.  The 
configuration  at  the  upper  left  is  an  early  design  that  proved  to  be 
very  poor  from  the  base -heating  standpoint.  The  temperatures  measured 
were  well  above  1,500°  F,  and  violent  burning  was  observed  in  the  base. 
The  configuration  at  the  lower  left  was  an  attempt  to  keep  the  b\iraing 
downstream  of  the  base  in  the  hope  that  the  hot  gas  would  be  swept  away 
instead  of  being  trapped  in  the  base.  The  temperature  and  burning  with 
this  configuration  was,  if  anything,  worse  than  with  the  first  configu- 
ration. The  configurations  on  the  right  were  a result  of  a more  conpre- 
hensive  study  of  the  base  flow.  The  discharge  at  the  upper  right  is 
located  outboard  of  the  base  by  an  amount  that  was  believed  to  be  out- 
side of  the  base  stagnation  streamline.  This  configuration  showed  no 


increase  in  base  temperature  even  when  hydrogen  was  discharged.  Another 
version  of  this  same  concept  is  shown  at  the  lower  right.  This  configu- 
ration also  showed  no  temperature  rise  with  propane. 

This  work,  to  date,  can  be  svmimarized  as  follows: 

1.  With  single  rocket-type  missiles,  very  high  teirperatures  can 
occur  in  the  base  region  because  of  Ignition  of  burnable  rocket  gases. 
One  might  presiune  that  miiltiple  rocket  Installations  will  suffer  from 
the  additional  complication  caused  by  jets  Impinging  on  adjacent  jets. 

2.  The  spacing  between  the  end  of  the  base  and  the  end  of  the 
rocket  motor  is  a very  important  parameter  affecting  the  base  tempera- 
ture. Rational  methods  for  selecting  the  proper  spacing  are  not  readily 
apparent . 

5.  The  estimation  of  airloads  on  the  rocket  motor  is  difficult 
because  a pressure  rise  feeds  forward  from  the  trailing  shock. 

4.  Ccmbustibles  that  are  dumped  into  the  base  by  accessories  seri- 
ously eiggravate  the  base-burning  temperature  rise.  Discharges  that 
extended  well  past  the  base  radius  or  that  were  located  in  such  a manner 
as  to  protrude  outside  of  the  base  stagnation  streamline  were  effective 
in  eliminating  the  burning  of  accessory  exhaust  in  the  base. 
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PRESSURE  RISE  FCR  INCIPIENT  SEPARATION 
OF  TURBULENT  BOUNDARY  LAYERS 
By  Donald  M.  Kuehn 
Ames  Aeronautical  Laboratory 

INTRODUCTION 


Any  aerodynamic  device  which  has  boundary  layer  flowing  thro\igh  an 
adverse  pressiore  gradient  can  experience  boundary -layer  separation  if 
the  gradient  and  pressure  rise  are  sufficiently  severe.  This  separation 
can  exist  for  a number  of  common  devices,  such  as  deflected  flaps,  ailer- 
ons, compressor  blades,  supersonic  diffusers,  and  spoilers.  Since  some 
design  procedures  depend  on  the  flow  being  attached,  it  is  essential  that 
designers  have  data  available  to  estimate  the  operating  limits  of  the 
devices  which  are  subject  to  boundary-layer  separation.  A continuing 
pro^am  is  being  performed  at  the  Ames  Aeronautical  Laboratory  to  study 
laminar,  transitional,  and  turbulent  separated  boundary  layers.  One 
i-'iia.sc  wf  the  program  wilx  oe  described.  It  is  concerned  with  the  pres- 
si^e  rise  which  a turbulent  boundary  layer  will  tolerate  with  no  separa- 
tion. The  purpose  of  this  paper  is  to  present  a brief  rdsum^  of  the 

CIE^.  B,Xri0Cl  B.I1CL  T-Q  TDOi.n"b  crni  1-'i  r^rvt-  -onir«=!-f  r»oT 

The  experiments  were  conducted  in  the  Ames  1-  by  3-foot  supersonic 
tvinnel  No.  1 over  a Mach  number  range  of  approximately  1.6  to  4.2  and  a 
Reynolds  number  range,  based  upon  boundary -layer  thickness,  of  about 
1.5  X 10^  to  7.5  X 10^.  The  investigation  was  restricted  to  turbulent 
boundary  layers,  and  the  boundary -layer  flow  approaching  the  interaction 
region  was  one  of  essentially  zero  pressure  gradient.  Models  used  were 
two-dimensional  compression  corners  (to  simulate  the  flow  over  deflected 
flaps  or  ailerons),  curved  surfaces  (to  simulate  the  flow  over  a compres- 
sor blade) , and  incident  shocks  (to  simulate  the  type  of  presstire  rise 
common  with  supersonic  diffusers) . 


SYMBOLS 


M 


P 


Mach  number  of  flow  approaching  pressure  rise 
static  pressure 
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radius  of  curved  portion  of  cijrved  surface  model 
boundary -layer  Reynolds  momber 


r 

% 

5 boundary-layer  thickness  at  beginning  of  pressure  rise 

Subscripts: 

0 conditions  upstream  of  pressure  rise 

1 conditions  downstream  of  pressure  rise 


RESULTS 


The  results  of  the  investigation  indicate  three  variables  to  be  of 
considerable  importance  as  affecting  the  pressure  rise  which  is  required 
to  cause  a turbulent  boundary  layer  to  separate.  They  are  Mach  number, 
Reynolds  n\miber,  and  body  shape.  Typical  data  are  presented  which  illus- 
trate the  trend  of  incipient -separation  pressure  rise  with  these  three 
variables. 

Static -pres sure  distributions  along  a curved  surface  and  the  corre- 
sponding shadowgraphs  for  separated  and  attached  turbulent  flows  are 
shown  in  fig-ure  1,  The  left  portion  of  this  figure  illustrates  the  hviap 
in  the  pressixre  distribution  which  is  characteristic  of  separated  regions 
for  all  body  shapes  of  this  investigation.  The  point  of  boundary-layer 
separation  is  indicated  in  the  figure.  The  right  portion  of  this  figure 
shows  the  pressure  distribution  and  corresponding  shadowgraph  for  an 
attached  flow.  The  first  occurrence  of  separation  was  detected  by 
decreasing  Mach  number  from  a condition  of  no  separation  until  the  char- 
acteristic huirp)  in  the  pressure  distribution  first  appeared.  The  pres- 
sure rise  for  incipient  separation  is  thus  defined  as  that  pressure  ratio 
achieved  just  before  separation  is  evident  ^indicated  as  (^l/^o) 

in  fig.  l).  An  important  point  to  be  observed  is  the  widely  different 
flow  fields  and  pressure  distributions  possible  for  only  a slight  differ- 
ence in  Mach  number;  that  is,  a Mach  number  of  3*74  as  compared  with  a 
Mach  number  of 

Figure  2 shows  the  effect  of  Reynolds  number  on  the  pressure  ratio 
for  the  incipient  separation  of  turbulent  boundary  layers  in  coir^ression 
corners.  Pressure  ratio  is  plotted  as  a function  of  Reynolds  number, 
based  upon  boundary -layer  thickness,  for  Mach  numbers  varying  from  2 to 
4.  This  Reynolds  number  effect  is  predominant  in  the  high  Mach  number 
range  and  in  the  low  Reynolds  number  range.  The  Reynolds  number  effect 
shown  for  compression  corners  is  typical  of  that  found  for  cixrved  sur- 
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faces  and  incident  shock  models.  A possibly  siarprising  featiare  of  this 
Reynolds  nimiber  effect,  and  one  that  is  opposite  to  that  for  subsonic 
flow,  is  the  ability  of  a tiorbulent  boundary  layer  at  low  Reynolds  num- 
ber to  tolerate  a larger  pressure  rise  with  no  separation  than  can  a 
boiondary  layer  at  high  Reynolds  number.  This  trend  is  opposite  to  the 
generally  accepted  idea  that  adverse  flow  conditions,  resulting  from  low 
Reynolds  number  effects,  can  usually  be  Improved  by  increasing  the 
Reynolds  number.  This  same  trend  has,  however,  been  noted  in  previous 
work  (ref.  l)  with  respect  to  other  pressure  ratios  associated  with 
separation  and  was  attributed  to  the  decrease  of  local  skin-friction 
coefficient  with  increasing  Reynolds  number.  It  is  possible  that  the 
Reynolds  number  trend  noted  herein  is  also  associated  with  this  skin- 
friction  variation. 


The  effect  of  Mach  number  on  the  pressure  ratio  for  incipient  turbu- 
lent separation  for  several  body  shapes  at  a constant  Reynolds  number  is 
shown  in  figure  5-  The  pressure  ratio  for  incipient  separation  is  plotted 
as  a function  of  Mach  number  approaching  the  pressure  rise.  In  a previous 
publication  (ref.  2),  con^arison  of  compression-corner  data  obtained  at 
Ames  Laboratory  with  incident  shock  data  obtained  by  Bogdonoff  at 
Princeton  University  indicated  a large  difference  to  exist  between  these 
two  models  with  respect  to  the  pressure  rise  required  for  separation 
above  a Mach  number  of  2.  Reynolds  number  was  not  constant  in  the  com- 
parison. Incipent  separation  data  at  constant  Reynolds  number  obtained 
in  the  present  investigation,  however,  show  the  compression-corner  and 
incident -shock-model  data  to  be  quite  similar.  In  view  of  the  Reynolds 
number  effect  observed  in  this  investigation,  the  apparent  difference 
(fig.  5)  between  these  two  models  is  believed  to  be  due  to  Re;y'nolds  num- 
ber. The  curved- surface  models  demonstrate  the  large  gains  to  be  real- 
ized in  the  pressure-rise  ratio  with  no  separation  by  decreasing  the 
pressure  gradient.  Values  of  radii,  expressed  in  terms  of  boundary- 
layer  thickness,  of  approximately  10,  20,  and  30  are  represented  and 
pressure  ratios  up  to  l6  are  shown  with  no  separation.  In  the  upper 
Mach  number  range,  body  shape,  Reynolds  mmiber,  and  Mach  number  are 
important  variables  affecting  the  incipient  separation  pressure  ratio. 
However,  as  Mach  number  is  decreased  to  a value  less  than  2,  a pressiore 
ratio  of  approximately  1.8  will  suffice  to  describe  incipient  separation 
conditions  for  all  body  shapes  and  Reynolds  nimibers  of  this  investigation. 
These  data  show  clearly  that  the  pressure  rise  which  will  cause  a turbu- 
lent boundary  layer  to  separate  can  be  considerably  higher  than  the  values 
of  about  2 to  5 which  have  been  used  in  various  design  methods. 


CONCLUDING  REMARKS 


Three  main  variables  have  been  pointed  out  as  having  considerable 
influence  on  the  pressure  rise  for  incipient  turbulent  separation.  First, 
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there  was  a Reynolds  number  effect  which  had  not  been  detected  in  previ- 
ous supersonic  data  and  which  is  opposite  in  trend  to  that  for  subsonic 
flow;  second^  there  was  an  extremely  large  effect  of  Mach  number  for  all 
body  shapes;  and  third,  reduction  of  the  press\ire  gradient  by  increasing 
the  radius  of  the  curved  surface  had  a large  influence  on  the  pressure 
rise  possible  with  no  separation. 
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EFFECTS  OF  BOIMDARY-IAYER  DISPIACEMENT  AND  LEADING-EDGE 


BLUNTNESS  ON  PRESSURE  DISTRIBUTION,  SKIN  FRICTION, 
AND  HEAT  TRANSFER  OF  BODIES  AT  HYPERSONIC  SPEEDS 
By  Mitchel  H.  Bertram  and  Arthur  Henderson,  Jr. 
Langley  Aeronautical  Laboratory 


SUMMARY 


Results  are  presented  of  an  investigation  to  determine  the  effect 
of  boimdary- layer  displacement  and  leading-edge  bluntness  on  surfaces 
in  hypersonic  flow.  The  presence  of  the  boundary  layer  and  the  bl\ant 
leading  edge  induce  pressure  gradients  which  in  turn  affect  the  skin 
friction  and  heat  transfer  to  the  surface.  Methods  for  predicting  these 
phenomena  on  two-dimensional  s\n:faces  are  given  and  a brief  review  of 
recent  three-dimensional  results  is  presepted. 


INTRODUCTION 


in  hypers cnic  fiov  lEirge  pressure  a.nd  heinpers.'ture  gradienis  esn  be 

induced  on  a plate  without  the  plate  itself  having  an  inclination.  In 
pure  form  two  main  types  of  induced  effects  may  be  detected.  One  is 
the  pressxore  gradient  induced  by  the  presence  of  thick  boimdary  layers 
on  sharp  leading-edge  plates  and  the  other  is  the  pressure  gradient 
induced  on  sxnrfaces  following  very  bl\mt  leading  edges.  These  induced 
effects,  together  with  the  manner  in  which  they  are  Influenced  by  plan 
form  and  angle  of  attack,  are  the  main  consideration  of  this  investi- 
gation. In  addition,  since  purity  is  not  often  attained  and  the  cases 
in  which  the  two  induced  effects  act  simultaneously  are  often  of  more 
practical  significeuice,  the  case  of  mixed  effects  is  also  considered. 

The  important  progress  that  has  been  made  in  these  areas  is  demonstrated. 


SYMBOLS 


a' 


A 


skin-friction  constant  in  viscous -interaction  theory 
aspect  ratio 


¥ 

k 


AC^  _ 
^c,t 

% 

ACj, 


chord-force  coefficient 

inviscid  pressure  chord-force  coefficient 

increment  in  pressure  chord-force  coefficient  due  to 
boundary-layer-displacement  effects 

pressure-chord-force-coefficient  contribution  due  to  finite 
thickness  of  leading  edge 

nose  drag  coefficient  based  on  forward  projected  area  of 
nose 

average  skin- friction  coefficient  for  one  side  of  flat  plate 
including  boundaxy-layer-displacement  effects 

increment  in  average  skin-friction  coefficient  due  to 
boundary-layer-displacement  effects 

total  skin-friction  coefficient  of  flat  plate  with  zero 
pressure  gradient 


"F,T 


total  skin-friction  coefficient  of  flat  plate  including 
boundary-layer-displacement  effects 


H T 

n _ W oo 

c = 

MooTe 


d 

L 

Ma 


flat-plate  normal-force-curve  slope  including  boundary-layer- 
displacement  effects 

flat-plate  normal- force-c^lrve  slope  (inviscid) 


nose  diameter 

plate  length 

free- stream  Mach  nuniber 

asymptotic  Mach  number  on  flat  plate  (inviscid  sharp-leading - 
edge  value) 


t 


N, 


St 


N, 


St 


N. 


'St,  00 


‘a.x 


00,  C 


R, 


00,  d 


R, 


00,  t 


‘00,  X 


R. 


s 

t 

T. 


Stanton  number  including  pressure-gradient  effects 


Stapton  number  on  flat  plate  with  zero  pressure  gradient 
Stanton  number  based  on  free-stream  conditions 
local  pressure 

local  pressure  rise  due  to  blunting  with  sweep 


free-stream  pressure 


CrO  OO.  W ^ Vtkik  JL  ■ *■  *-  * • ^.4. 


3+  f 


•n-tr-l  e?  e«Tno-K*Tr» T -t  r»  rr_ 

\ -*-4-1.  w k4j.AkA^^  -k-^— 


edge  value J 


theoretical  inviscid  pressure  on  cone  surface 


surface  pressure 

Reynolds  number  based  on  asymptotic  conditions  on  flat 
plate  (inviscid  sharp- leading-edge  values) 

Reynolds  nxmiber  based  on  free-stream  conditions  8uid  root 
chord  of  delta  wing 

Reynolds  number  based  on  free-stream  conditions  and  nose 
diameter 

Reynolds  number  based  on  free-stream  conditions  and  nose 
thickness 

Reynolds  number  based  on  free-stream  conditions  and 
streamwise  distance 

Reynolds  niomber  based  on  sharp-cone  surface  conditions  and 
surface  distance  from  the  nose 

distance  along  surface 

nose  thickness 

recovery  temperature 


wall  tenrperature 


Tq  stagnation  temperature 

X streamwise  distance  along  aocis 


a angle  of  attack 

8 plate  deflection  angle 

A sweepback  angle 


7 ratio  of  specific  heats 

dynamic  viscosity  at  wall  temperature 


dynamic  viscosity  at  recovery  temperatinre 


X„ 


^00,  s 


viscous  interaction  parameter  based  on  free-stream 
5 

conditions , Moo 

viscous  interaction  parameter  based  on  free-stream  conditions 
an(^  using  the  square  root  of  the  plate  area  an  the  char- 
acteristic length  in  the  Reynolds  number 


RESULTS  FOR  TWO-DIMENSIONAL  CONFIGURATIONS 


Boundary-Layer-Displacement  Effects 

Siarface  pressiares.-  The  effect  of  the  boundary  layer  in  displacing 
the  flow  around  flat  plates  is  most  familiar  through  its  effect  on  the 
pressure  distribution.  Recently  high  Mach  number  data  have  become  avail- 
able for  pressure  distributions  on  flat  plates  with  very  sharp  leading 
edges.  Published  data  of  this  type  are  given  in  references  1 and  2. 

More  recent  data  are  given  by  some  measurements  in  the  Mach  number  9.6 
nozzle  of  the  Langley  11- inch  hypersonic  tunnel  to  test  both  changes  in 
Reynolds  number  and  angle  of  attack  shown  in  figure  1.  These  results 
were  obtained  with,  for  this  setup,  an  unavoidable  heat  transfer.  The 
abscissa  in  figure  1 is  a parameter  first  shown  by  Lees  and  Probstein 
(ref.  5)  to  be  that  for  which  correlation  of  boundary- layer  induced 
effects  should  be  obtained.  In  it  Mach  number,  Reynolds  huniber,  and 
coefficient  in  the  linear  formula  for  viscosity  are  used  at  the  local 
asymptotic  flow  conditions,  that  is,  the  conditions  that  would  be 


obtained  on  the  plate  at  each  angle  of  attack  were  there  no  boundary 
layer  present.  Also  the  viscosity  coefficient  is  evaluated  at 

estimated  recovery  conditions  designated  C,,  „•  The  pressure  param- 

eter  in  the  ordinate  is  the  press\nre  rise  above  asymptotic  pressure 
divided  by  the  asymptotic  pressure. 

Large  pressure  rises  are  obtained  as  the  leading  edge  is  approached. 
Although  all  the  angles  of  attack  correlate  well,  the  original  data  (the 
open  symbols ) fall  below  the  line  given  by  insulated-plate  theory  ( Lees ' 
first-order  strong  interaction,  ref.  4)  due  to  heat  transfer  from  the 
boundary  layer  to  the  plate  wall  during  these  transient  tests.  The 
inset  in  figure  1 shows  the  measured  temperatures  along  the  plate  nor- 
malized with  respect  to  stagnation  temperature,  together  with  the  poly- 
nomial fitted  to  these  data  for  use  with  the  theoretical  method  of 
modifying  the  data  to  insulated-plate  conditions.  In  the  same  manner 
that  was  found  to  .be  successful  in  reference  2,  the  original  data  were 
modified  to  the  insulated-plate  case.  The  result  is  shown  by  the  solid 
symbols  in  figure  1 and  is  in  general  agreement  with  the  theoretical 
line. 


Skin  friction.-  These  large  pressures,  of  course,  have  an  effect 
on  both  skin  friction  and  heat  transfer.  The  results  of  strong- 
interaction  theory  and  the  hypersonic  equations  for  pressure  as  a func- 
tion of  plate  deflection  angle  are  used  to  obtain  figure  2,  which  shows 
the  contribution  of  each  surface  of  a two-dimensional  wedge  wing  to 
the  total  skin  friction.  This  contribution  of  ea.ch  surface  is  normal- 
ized with  respect  to  the  total  skin  friction  of  a flat-plate  wing  (both 
surfaces)  with  a zero  pressure  gradient  at  zero  angle  of  attack.  The 
hypersonic  boundary-layer- interaction  parameter  is  evaluated  at  xmdis- 
txirbed  free-stream  conditions  ahead  of  the  plate.  So  long  as  the  wall 
temperatvire  is  constant  the  plot  is  independent  of  the  wall  temperature. 
The  constant  a'  is  a function  of  wall  temperatiore  and  is  tabulated 
and  plotted  graphically  in  reference  2.  When  X^o  = 0,  the  classical 
flat-plate  skin-friction  values  result. 

Utilizing  these  same  equations  but  adapting  them  to  the  delta 
wing  according  to  reference  2 permits  a similar  plot  to  be  constructed 
for  a delta  wing.  Such  a plot  is  shown  in  figure  5-  For  the  delta 
wings  the  Reynolds  number  utilizes  the  square  root  of  the  projected 
wing  area  as  the  characteristic  length.  This  is  done  to  facilitate 
the  use  of  area  as  a comparison  basis . 

As  an  illustration  of  the  use  of  the  results  from  figures  2 and 
figure  4 has  been  prepared.  Figure  ^ gives  the  total  skin  friction 
for  a two-dimensional  and  a delta-plan-form  flat  plate  as  a function 
of  the  hypersonic  similarity  parameter  for  various  values  of  the 
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hypersonic  interaction  parameter.  Of  coiirse,  a similar  plot  can  be 
constructed  for  a wing  of  given  wedge  angle  from  figures  2 and  5-  Note 
the  appreciable  increases  in  total  skin  friction  due  to  boundary- layer- 
displacement  effects^  even  at  moderate  values  of  the  hypersonic  inter- 
action parameter. 

Both  flat-plate  and  delta-wing  data  for  skin  friction  at  = 6.8 
have  been  presented  in  reference  2.  The  magnitude  of  the  increase  in 
skin  friction  which  could  be  ascribed  to  boundary- layer-displacement 
effects  was  correctly  predicted.  Recent  data  obtained  at  Mach  num- 
ber 9-6  for  the  variation  of  chord  force  with  angle  of  attack  for  a 
delta-wing — half-cone  combination  obtained  by  W.  0.  Armstrong  in  the 
Langley  11-inch  hypersonic  tunnel  are  shown  in  figure  5-  For  the  pres- 
ent p\irposes  the  presence  of  the  half-cone  complicates  but  need  not 
obscure  the  comparison.  The  lines  at  the  bottom  of  this  figure  outline 
the  various  contributions  to  the  pressure  chord  force  such  as  the 
invi  sc  id-pressure  chord  force  the  increment  in  pressure  chord 

force  due  to  boundary-layer-displacement  effects  and  the 

leading-edge-thickness  contribution  to  the  chord  force  The 

large  area  immediately  above  the  pressure  contributions  is  the  skin 
friction  for  a delta-plan-form  flat  plate  with  zero  pressure  gradient 
and  the  area  above  this  ^designated  is  the  increment  in 

skin  friction  calculated  to  be  due  to  boundary-layer-displacement 
effects.  This  increment  alone  is,  in  general,  larger  than  the  pres- 
sure drag  from  all  sources  on  this  model.  Because  of  the  shielding 
effect  on  the  cone,  the  negative  angles  of  attack  are  relied  upon  for 
comparison  between  theory  and  experiment.  Throughout  the  entire  range, 
however,  the  prediction  of  theory  is  considered  good. 

Normal  force . - The  results  discussed  have  been  concerned  with  the 
effect  on  the  skin  friction  attributable  to  boundary- layer  displacement; 
however,  there  is  a corresponding  effect  on  the  normal  force,  so  that 

the  L/D  of  the  wing  is  probably  less  affected  than  would  be  indicated 

by  displacement  effects  on  skin  friction  alone.  The  predicted  effect 
on  normal  force  for  a two-dimensional  insulated  flat  plate  is  compared 

in  figure  6 with  data  obtained  by  Tellep  in  the  University  of  California 

low-density  tunnel  at  a Mach  number  of  about  4 (ref.  5)-  Shown  are 
Tellep *s  original  data  for  various  aspect  ratios  and  the  data  modified 
to  infinite  aspect  ratio  according  to  Tellep.  The  increases  in  normal 
force  can  be  large,  and  one  factor  illustrated  in  figure  6 is  the  need 
of  more  attention  to  the  effect  of  aspect  ratio. 
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Blunt-Leading-Edge  Effects 

Blast-vave  theory  correlation  of  surface  pressures  at  zero  sweep 
and  zero  angle  of  attack.-  Thus  far,  only  the  viscous  or  'bo\indary- 
layer  induced  effects  have  been  treated.  As  mentioned  previously,  the 
conditions  on  a plate  with  a blunt  leading  edge  represent  another  exam- 
ple of  an  induced  effect  that  assimies  significance  at  hypersonic  speeds. 
The  increase  in  press\rres  on  a plate  following  a blunt  leading  edge  has 
been  known  for  some  time  and  has  been  demonstrated  both  theoretically 
and  experimentally  (refs.  6 to  8).  Cheng  and  Pallone  (ref.  9)  and  Lees 
and  Kubota  (ref.  lO)  more  recently  have  given  the  proper  correlating 
parameters  for  this  phenomenon.  Their  work  stems  from  the  so-called 
"blast-wave"  theory  in  which  the  two-dimensional  blunt  leading  edge  is 
taken  as  the  origin  of  an  explosion  in  which  the  energy  released  is 
proportional  to  the.  leading-edge  drag.  The  theoretically  predicted 
correlation  parameter  has  been  found  to  correlate  the  results  from 
characteristics  theory  where  a sonic  wedge  is  utilized  as  the  blunt 
leading  edge  (ref.  11).  This  correlation  of  siirface  pressures  over 
an  extended  range  of  Mach  number  in  air  and  helium  is  shown  in  figure  J. 
The  correlation  parameter  from  blast-wave  theory  is  the  abscissa  in 
the  figure.  This  correlation  parameter  combines  the  effect  of  distance 
from  the  leading  edge,  Mach  number,  and  nose  drag.  The  ordinate  is 
the  nondimensionalized  wall  pressure  rise  above  free-stream  pressure 
induced  by  the  blunt  leading  edge.  The  correlation  is  good  except 
very  near  the  nose  (within  the  first  5 to  ^ nose  diameters)  where  the 
theory  is  not  expected  to  apply.  First-order  blast-wave  theory  is 
auso  shown  on  this  plot.  Note  the  ucpax'oux’e  ux  L»iixs  thoox'y  fx'om  uhe 
characteristics  solutions  at  large  values  of  x/t.  This  first-order 
blast-wave  theory  eigain  is  not  expected  to  apply  at  these  larger  values 
of  the  distance  parameter. 

Effect  of  angle  of  attack  on  surface  pressures  at  zero  sweep. - 
For  comparison  of  the  theory  with  experiment,  Princeton  helium-tunnel 
data  obtained  at  M„o  = 11.4  with  viscous  effects  believed  to  be  negli- 
gible have  been  utilized,  and  the  data  were  found  to  be  in  reasonable 
agreement  with  theory  (ref.  11 ).  Some  recent  data  bearing  on  this 
problem  have  been  obtained  by  W.  V.  Feller  on  a hemi cylinder  leading- 
edge  plate  in  the  Langley  11- inch  hypersonic  tunnel.  Although  the 
Mach  number  is  somewhat  low  ^M^^^  = 6.9)  a number  of  test  variables  are 
covered,  and  for  this  reason  the  data  are  valuable.  Experimental  and 
theoretical  data  for  the  zero-yaw  plate  are  presented  in  figure  8 
for  several  angles  of  attack.  The  ordinate  in  this  figure  is  the 
increment  in  pressure  ratio  due  to  the  blunt  leading  edge  at  each  angle 
of  attack.  A positive  angle  of  attack  refers  to  the  windward  sxirface 
of  the  plate,  while  a negative  angle  of  attack  indicates  the  leeward 
or  shielded  side  of  the  plate.  The  abscissa  is  distance  from  the 
leading  edge  in  terms  of  leading^edge  thickness.  The  theoretical 


lines  axe  the  result  of  the  characteristics  solutions  for  the  sonic- 
wedge  leading-edge  plate.  Note  that  the  trend  with  angle  of  attack  is 
well  predicted  by  theory. 

In  order  to  determine  trends  to  be  expected  from  similar  results 
at  a higher  Mach  number,  figure  9 has  been  prepared  from  characteristics 
solutions  for  the  flat  plate  with  sonic-wedge  leading  edge  at  a Mach 
number  of  20.  This  figiire  presents  the  pressure  rise  on  the  wing  sur- 
face due  to  a combination  of  angle  of  attack  and  leading-edge  bluntness 
as  a function  of  surface  distance.  The  rise  in  pressure  above  the 
asymptotic  pressure  (the  sharp -leading -edge  plate  pressure)  is  con- 
siderably reduced,  percentagewise,  as  the  angle  of  attack  is  increased. 
Note  the  large  induced  pressures,  especially  on  the  low-pressure  side 
of  the  plate.  At  a = -10°,  pressure-difference  ratios  as  high  as  the 
order  of  10  are  predicted  while  the  inviscid  pressure  for  a sharp- 
leading-edge plate  is  essentially  zero  absolute. 

Effect  of  sweep  on  surface  pressures.-  The  effect  of  sweep  on  the 
blunt-leading-edge  induced  pressures  is  also  of  considerable  practical 
significance.  Sweep  has  been  investigated  by  again  resorting  to  blast- 
wave  theory  and  assuming  that  the  induced  pressures  are  a function  only 
of  the  cross-flow  component  of  the  Mach  number.  At  zero  angle  of  attack 
the  induced-pressure  rise  at  a given  streamwise  location  on  a wing 
with  sweep  is  found  to  be  reduced  from  the  pressure  rise  on  an  unswept 
wing  by  a factor  equal  to  the  cosine  of  the  sweep  angle  to  the  8/3  power 
This  relationship  is  shown  in  figure  10.  The  effects  of  sweep  can  be 
large;  for  example,  at  a sweep  angle  of  60°  the  induced-pressure  rises 
are  predicted  to  be  about  l/7  of  those  for  zero  sweep. 

Figure  11  presents  the  pressure  data  for  the  hemicy Under- leading- 
edge  plate  at  zero  angle  of  attack  at  M^g  = 6.9  in  a form  designed  to 
test  this  prediction  of  the  effect  of  sweep.  The  pressuire  rise  modi- 
fied by  the  cosine  function  is  plotted  against  streamwise  distance  in 
terms  of  nose  thickness.  The  cosine  function  is  found  to  correlate 
the  pressure-rise  data  for  0°  and  40°  sweep  with  excellent  accuracy. 
However,  the  data  for  60°  sweep  are  about  I5  percent  higher  than  the 
data  for  the  two  lower  sweep  angles.  This  discrepancy  is  that  which 
would  be  expected  were  viscous  effects  present,  inasmuch  as  the  cosine 
function  is  not  a correlating  factor  for  viscous  effects.  The  agree- 
ment with  theory,  from  the  sonic-wedge  leading-edge  correlation  by 
blast-wave  theory  presented  earlier,  is  considered  good. 

The  effect  of  sweep  at  an  angle  of  attack  of  5°  is  shown  in  fig- 
ure 12.  Again  the  cosine  fimction  correlates  the  pressures  for  each 
side.  Here  again  the  pressure  is  presented  as  the  increment  in  pres- 
sure due  to  the  bl\int  leading  edge.  The  positive  values  of  a = 5° 
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refer  to  the  windward  side  of  the  plate  while  =5^  refers  to  the  leeward 
side.  The  main  exception  to  correlation  is  for  the  60^  swept  plate  on 
the  leeward  side. 


Combined  Viscous  and  Leading -Edge -Blunt  ness  Effects 

Thus  far^  the  viscous  and  blunt-leading-edge  effects  have  been 
treated  separately.  In  actual  applications^  however,  they  will  prob- 
ably more  often  than  not  be  found  to  be  acting  simultaneously.  A fair 
amount  of  pressure  data  of  this  type  has  been  obtained  in  the  Princeton 
helium  tunnel  (refs.  8 and  12).  Recently  pressure  data  of  this  mixed 
viscous  and  blunt-leading-edge  type  have  been  obtained  on  a flat  plate 
in  a 2-inch  helium  jet  at  the  Langley  Laboratory,  in  which  the  avail- 
able data  are  extended  to  very  high  Mach  numbers  (Mach  numbers  in  the 
range  17  to  25)*  Some  Princeton  data  are  shown  in  figure  15(a-)  and 
some  Langley  data  in  figure  15(b).  By  choice,  the  pressure-rise  param- 
eter has  been  plotted  against  the  viscous -correlation  parameter.  For 
clarity  only  the  highest  and  lowest  Mach  numbers  and  Reynolds  numbers 
for  the  Langley  tests  have  been  shown.  A simple  linear  addition  of 
the  pressure  predictions  of  viscous  theory  and  sonic-wedge  character- 
istics theory  modified  according  to  blast-wave  theory  is  presented  for 
comparison  with  the  data.  The  viscous  theory  was  obtained  by  the  method 
of  reference  15  with  a continuously  variable  Mach  number  gradient. 

There  is  no  large  consistent  disagreement  between  theory  and  experiment. 
The  very  large  pressure  rises  that  can  be  obtained  on  a flat  plate  at 
zero  angle  of  attack  from  a combination  of  viscous  and  blunt-leading- 
edgc  effects  should  be  noted. 


Heat  Transfer 

The  next  problem  to  be  considered  is  that  of  heat  transfer  to  these 

surfaces.  A simple  solution  to  the  problem  of  laminar*  heat  transfer 

to  surfaces  on  which  pressure  gradients  occur  in  hypersonic  flow  is 

available  from  similarity  theory.  This  solution  which  is  restricted 

to  power-law  variations  of  pressure  with  surface  distance  was  pointed 

out  by  Li  and  Nagamatsu  (ref.  1^)^  who  worked  out  in  detail  the  case 

of  the  strong- interaction  self- induced  pressure  gradient  by  this  method. 

M.  H.  Bertram  of  the  Langley  Laboratory  has  determined  the  results  from 

this  solution  for  general  use.  The  result  for  Stanton  number  is  shown 

in  figure  ik,  where  represents  the  Stanton  number  with  zero  pres- 

ot 

sure  gradient  and  N„.  represents  the  point  values  of  heat- transfer 
coefficient  normalized  by  the  same  conditions  as  the  Ng^  values. 

Note  that  the  pressure  gradient  reduces  the  heat  transfer  but  a high 
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local  pressiare  increases  the  heat  transfer-  The  value  of  n = -0-875 
corresponds  to  infinitely  favorable  velocity  gradient  in  the  transformed 
plane  with  7 = T/5- 

This  theory  has  been  utilized  for  comparison  with  some  available 
data^  namely,  that  of  Crawford  and  McCauley  (ref.  I5)  and  Creager  ^ 

(ref.  16)  shown  in  figure  15.  Crawford  and  McCauley’s  data  were  obtained 
on  hemisphere -nosed  cylinder  at  Mach  number  6.8.  For  purpose  of  analy- 
sis, these  data  were  assumed  to  be  equivalent  to  flat-plate  data. 

Creager *s  data  were  obtained  on  a hemi cylinder -leading-edge  flat  plate 
at  zero  angle  of  attack  and  Mach  number  5 •9-  In  order  to  obtain  the 
cixrves  from  similarity  theory,  power  laws  were  fitted  to  the  measured 
pressure  distributions.  In  general,  good  fits  to  the  pressure  data 
could  be  obtained.  The  exception  was  Creager ’s  pressure  data  which  at 
the  higher  values  of  x/t  showed  a variation  of  pressure  with  inverse 
distance  higher  than  the  2/5  power  so  that  lateral  and  trailing -edge 
effects  were  indicated.  Thus,  for  these  data  only  the  lower  values  of 
x/t  were  theoretically  evaluated.  The  correlation  parameter  for  laminar 

theory  oo\J^oo^x  plotted  in  figure  I5  against  the  streamwise 

distance  in  terms  of  nose  thicknesses.  The  data  from  reference  I5  and 
from  reference  I6  (in  the  range  considered)  are  found  to  be  well  pre- 
dicted by  similarity  theory.  These  pres sure -gradient  effects  will  of  ^ 

course  assume  greater  importance  at  very  high  Mach  numbers  where  the 
induced  pressures  are  much  larger. 


THREE-DIMENSIONAL  CONFIGURATIONS 


Pressures  on  Blunted  Rods 

In  the  discussion  of  the  effects  considered  thus  far,  three- 
dimensional  bodies  in  general  have  not  been  considered.  A short  review 
of  some  recent  results  on  simple  bodies  at  high  Mach  numbers  will  now 
be  presented.  In  figure  16  are  shown  surface -pressure  results  from 
blunt -nose  rods  immersed  in  hypersonic  heliima  flow.  Data  from  two 
sources  are  shown:  results  from  the  Princeton  helium  tunnel  (ref.  I7 ) 

and  unpublished  results  from  the  Langley  2-inch  helium  jet.  The 
pres  sure -rise  parameter  is  shown  plotted  against  the  blast-wave -theory 
correlating  parameter  for  a given  nose  shape,  that  is,  distance  (in  rod 
diameters)  divided  by  Mach  number  squared.  In  figure  l6(a)  are  the 
results  for  the  hemisphere  tipped  rod.  These  data  appear  to  separate 
into  two  main  groups;  one,  the  Mach  number  12  to  ik  data,  the  other  the 
Mach  number  17  to  21  data.  From  flat-plate  calculations  based  on  the 
Mach  number  21  data,  the  difference  between  the  two  sets  of  data  appears, 
roughly,  to  be  attributable  to  boundary-layer-displacement  effects. 
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The  data  for  the  flat-nosed  rod  in  figure  l6(b)  show  somewhat 
better  correlation  at  the  higher  values  of  x/d^  althoiigh  the  Mach  num- 
ber 11-7  data  are  somewhat  lower  than  the  rest  of  the  data.  At  the  low 
value  of  x/d  the  familiar  phenomenon  of  overexpansion  around  the  90^ 
corner  is  noted. 


Pressures  on  Blunted  Cones 

A next  step  in  this  study  is  to  investigate  a blunt-nosed  body 
with  finite  afterbody  angle.  Pressure  measurements  have  been  obtained 
on  a flat -nosed  10^  half -angle  cone  in  a 2 -inch  helium  jet  at  the 
Langley  Laboratory.  These  results  are  shown  in  figure  17  for  Mach 
numbers  of  17  and  25  and  various  nose  diameter  Reynolds  numbers . The 
pressure  change  from  inviscid  sharp-cone  pressure  divided  by  the  sharp- 
cone  pressure  is  plotted  against  distance  in  nose  diameters  along  the 
cone  axis.  Before  the  data  are  examined  in  detail,  note  the  general 
level  of  the  measured  pressure  rises,  which  are  quite  small  compared 
with  data  from  flat  plates  in  both  air  and  helium  presented  earlier  in 
figures  1 and  15 . The  magnitude  of  these  pressure  changes  is  in  tenths 
whereas  the  flat-plate  pressure  rises  ranged  from  values  as  high  as  10 
to  40.  The  theory  shown  in  figure  17  is  Probstein*s  for  hypersonic 
laminar-boundary- layer  interaction  over  a cone  (ref.  l8).  Only  sharp 
cones  are  considered  in  the  theory. 

For  the  two  lowest  Reynolds  numbers,  the  agreement  of  experiment 
with  uheory  is  considered  good,  that  is,  at  least  for  the  region  beyond 
about  17  diameters  of  the  nose.  Here  viscous  effects  appear  to  be 
dominant.  However,  the  picture  changes  at  the  two  highest  Reynolds 
numbers.  The  inviscid  flow  field  in  the  vicinity  of  the  nose  exerts  its 
influence  and  the  pressure  distributions  resemble  those  measured  on  flat- 
nosed cones  in  air  at  Mach  number  6.85  (ref.  19)  with  a characteristic 
overexp>ansion  in  the  region  of  10  diameters  which  is  qualitatively 
similar  to  the  .pressure  distributions  predicted  by  Chernyi  (ref.  20). 
Viscous  effects,  though  present,  appear  to  be  considerably  modified  or 
even  subordinate  to  the  inviscid  flow  field  effects. 


Heat  Transfer  to  Sharp  and  Blunted  Cones  at  a = 0^ 

Heat-transfer  data  have  been  obtained  in  air  at  a free-stream 
Mach  number  of  6.7  on  cones  similar  in  configuration  to  those  tested  for 
surface  pressures  in  helium.  These  cones  had  a 10^  half -angle  with 
sharp,  flat,  and  tangent  sphere  tips.  The  tests  were  conducted  at  a 
stagnation  temperature  of  about  1,120^  R with  a ratio  of  wall  (essen- 
tially isothermal)  to  stagnation  temperature  close  to  l/2.  The  exper- 
imentally determined  recovery  factor  for  laminar  flow  was  0.845  (based 


on  shaxp-cone  surface  conditions ) • This  value  of  recovery  factor  was 
used  throughout  in  determining  values  of  Stanton  number  from  the  tem- 
perature data. 

Results  at  zero  angle  of  attack  are  shown  in  figure  l8.  The 
ordinate  is  the  laminar-heat-transfer  correlation  parameter  in  which 
Stanton  number,  Reynolds  number  Rg,  and  the  coefficient  in  the  linear 

formula  for  viscosity  are  evaluated  at  the  theoretical  surface 

conditions  on  the  sharp-tip  cone  at  zero  angle  of  attack.  The  abscissa 
is  the  same  Reynolds  mmber  used  in  the  correlation  parameter  of  the 
ordinate . 

Although  experimental  values  for  the  sharp-tip  cone  are  somewhat 
higher  than  the  laminar-theory  values,  the  Stanton  nmnber  parameter  is 
essentially  Independent  of  the  surface  Reynolds  number  up  to  the 
Reynolds  number  at  "which  the  start  of  transition  is  indicated  (about 

k.5  X 10^).  When  the  tip  of  the  cone  is  blunted,  this  insensitivity 
of  the  Stanton  n-umber  parameter  to  Reynolds  number  no  longer  applies. 
There  is  a decided  decrease  in  heat  transfer  relative  to  the  heat  trans- 
fer on  the  shaxp-tip  cone  as  the  blunt  tip  is  approached.  The  effect 
of  blxmting  on  the  geometry  alone  (pressure  assumed  constant)  when  the 
Mangier  transformation  is  used  appears  to  account  for  substantially  all 
of  this  decrease  in  heat  transfer.  In  the  theory  the  boundary  layer 
is  assumed  to  start  two- dimensionally  from  the  shoulder  at  the  blunt 
nose  and  to  approach  the  cone  value  asymptotically.  Note  that  the 
blvint  nose  delays  transition  to  surface  Reynolds  numbers  of  from 

5 X 10^  to  6 X 10^. 


Heat  Transfer  to  Sharp  and  Blunted  Cones  at  a = 5° 

Next  to  be  considered  is  the  effect  of  angle  of  attack  on  the  heat 
transfer  to  these  cones.  Shown  in  figure  19  are  the  heat  transfers  to 
the  0°,  90°,  and  l80°  meridians  of  the  sharp-  and  flat-faced  cones  at 
5°  angle  of  attack  in  the  same  Stanton  number  parameter  form  as  were 
given  the  zero-angle-of -attack  results.  All  parameters  are  normalized 
or  computed  from  the  cone  theory  at  zero  angle  of  attack  and  thus  are 
directly  comparable  to  the  zero-angle-of -attack  results.  As  expected, 
the  heat  transfer  over  most  of  the  length  was  highest  along  the  most 
windward  meridian  (0°)  and  more  or  less  continuously  decreased  to  the 
top  meridian  (l80°).  The  results  at  the  side  meridian  (90°)  were  not 
greatly  different  from  the  zero-angle-of-attack  results  which  are 
shaded  in  this  figure.  The  effect  of  blunting  is  similar  to  that 
obtained  at  zero  angle  of  attack.  The  most  striking  effect  is  that  of 
angle  of  attack  on  transition  and  thus  on  the  heat  transfer  to  the 
l80°  meridian.  (Compare  figs.  19(a)  and  19(b).)  Transition  occurs 


along  this  meridisin  first,  and  on  the  sharp  cone  (fig.  19(a))  the 
heat  transfer  becomes  equal  to  or  slightly  higher  than  the  heat  trans- 
fer to  the  most  windward  meridian  at  the  rearward  stations  ^highest 
values  of  Rg)-.  The  90°  meridian  has  an  increase  in  heat  transfer 

well  above  the  other  two  meridians  at  the  most  rearward  station. 
Bluntness  appears  to  delay  transition  along  the  l80°  meridian,  but  the 
trend  of  the  data  appeeirs  to  be  much  the  same  for  the  bl\mted  cone  as 
for  the  sharp-tipped  cone.  The  initial  points  on  the  l80°  meridian 
axe  believed  to  have  a high  indicated  heat  transfer  because  of  lateral 
heat  conduction,  which  was  not  taken  into  account  in  the  analysis  of 
the  data  since  it  was  negligible  in  most  instances. 


CONCLUDING  REMARKS 


The  results  presented  indicate  that  much  of  the  viscous  and  nose- 
blunting phenomena  that  have  been  studied  in  the  past  in  a rather 
academic  way  are  now  understood  to  the  point  where  engineering  esti- 
mates of  many  of  their  effects  are  now  possible.  However,  a large  area 
for  additional  reseeirch  remains  to  be  explored. 
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BOUNDARY- LAYER  INDUCED  PRESSURES  ON  FLAT  PLATE 

AIR;  Moo  = 9.6;  26<Ro3,t*^50 


Figure  1 


BOUNDARY- LAYER -INDUCED  AND  ANGLE- OF -ATTACK  EFFECTS  ON  SKIN 
FRICTION  OF  FLAT  PLATE 

TWO-DIMENSIONAL  PLAN  FORM;  r‘  'o 


t 


* Figure  2 


BOUNDARY-LAYER-INDUCED  AND  ANGLE-OF-ATTACK 
EFFECTS  ON  SKIN  FRICTION  OF  FLAT  PLATE 
DELTA  PLAN  FORM;  y = ^ 


Figure  3 


HYPERSONIC  BOUNDARY-LAYER-INDUCED  AND  ANGLE-OF- 
ATTACK  EFFECTS  ON  TOTAL  SKIN  FRICTION  Oh  FLAi  PLATES 


TWO-DIMENSIONAL  PLAN  FORM 


DELTA  PLAN  FORM 


Figure  A 


CHORD  FORCE  FOR  DELTA-WING -HALF-CONE  COMBINATION 


AIR;Meo=9.6iRoo,c=0.66xl06 


a,  DEG 

Figure  5 


EFFECT  OF  VISCOUS  INTERACTION  AND  ASPECT  RATIO 
ON  C^i^  OF  RECTANGULAR  WINGS 

TELLER,  UNIV,  OF  CALIF;  3.7<M5o<4.l;  AIR 


ASPECT  MODIFIED 
TEST  MODEL  RATIO,  A TO  A=® 


Figure  6 
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CORRELATION  OF  PRESSURES  INDUCED  BY  BLUNT  L.E. 


Figure  7(a) 


CORRELATION  OF  PRESSURES  INDUCED  BY  BLUNT  LEADING  EDGE 


Figure  7(^3) 


EFFECT  OF  L.E.  SWEEP  ON  BLUNT  L.E.  INDUCED  PRESSURES 
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COMBINED  VISCOUS  AND  L.E.  BLUNTNESS  EFFECTS 
ON  FLAT-PLATE  PRESSURES 
PRINCETON  HELIUM  TUNNEL;  M®.  It.4 


Figure  15(a) 


COMBINED  VISCOUS  AND  L.E.  BLUNTNESS  EFFECTS 


Figure  15  (l>) 
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EFFECT  OF  PRESSURE  GRADIENT  ON  STANTON  NUMBER 

METHOD  OF  HYPERSONIC  SIMILAR  SOLUTIONS;  y - 7/5 


Figure  l4 


HEAT  TRANSFER  TO  A BLUNTED  ROD  AND  TO  A BLUNTED  FLAT  PLATE 


CRAWFORD,  NACA  REP,  1323 
M(b  =6.8  , AIR 


CREAGER,  NACA  TN4I42; 

M =3,9;A=0°;  AIR 
EXP.  THEORY  Roo,t 


Figure  15 


PRESSURE  DISTRIBUTION  ON  A BLUNTED  ROD 

HELIUM;  HEMISPHERICAL  NOSE 
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PRESSURE  DISTRIBUTION  ON  A BLUNTED  ROD 

HELIUM;  FLAT  NOSE 
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Figure  l6(b) 


PRESSURE  DISTRIBUTION  ON  A BLUNTED  CONE 
HELIUM 


X. 
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Figiire  17 


HEAT  TRANSFER  TO  SHARP  AND  BLUNTED  CONES 
a = O';  10'  HALF-ANGLE  CONE;  M = 6,7;  AIR 


Rs 


Figure  l8 
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HEAT  TRANSFER  TO  SHARP-TIPPED  CONE 

a = 5’;  10*  HALF-ANGLE  CONE ; M^j  = 6.7;  AIR 
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H€AT  TRANSFER  TO  Rl  UNTED  CONE 

a=5®;  iO®  HALF“ANGLE  CONE;  M^  = 6.7;  AiR 

. V — Of 


, .«)••<»  O O O o°  I 

* ^ n ^ 

^ = 0“  DATA 


O O R j MERIDIAN 

♦ «“•  *J  ANGLE,  DEG 

0 33,8001  q/wINDW(\R0\ 

• 12300J  ^Vmeroan) 


55.0001  o/WINDW(\RO\ 

• 12300J  ^^Vmeroan) 

□ 33,8001 
■ I23OOJ  ^ 

0 333001  ,00 

♦ 12,800/ 


Figure  19(13) 


557 


AERODYNAMIC  HEATING  OF  HYPERSONIC  CONFIGURATIONS 

. By  Leo  T.  Chauvln,  B.  Leon  Hodge, 

and  Andrew  G.  Swanson 

♦ 

Langley  Aeronautical  Laboratory 
INTRODUCTION 

At  a time  when  rocket-airplane  and  missile  speeds  are  rapidly 
increasing,  the  need  for  the  ability  to  predict  correctly  the  heating 
rates  on  all  exposed  surfaces  is  evident.  Heat-transfer  data  so  far 
available  have  been  primarily  for  isolated  components  at  zero  angle  of 
attack.  The  aim  of  the  present  paper  is  to  present  component  heat- 
transfer  data  at  high  angle  of  attack  and  especially  to  present  configu- 
ration  data  for  the  important  regions  where  the  mutual  aerodynamic  inter- 
ference of  configuration  components  affects  the  heating  rates. 

SYMBOLS 

angle  of  sweep 
angle  of  attack 
distance  along  nose 
diameter 
Stanton  number 

Roo  free- stream  Reynolds  number 

t meridian  angle 

c chord 

free-stream  Mach  mmiber 

Roo^g  free-stream  Reynolds  number  based  on  chord 

r radius 

p density  of  air 

Cp  specific  heat  of  air 

V velocity 

s. 


A 

a 

X 


d 


I 


length  of  body 


b span 

s distance  from  leading  edge 

OGIVE-CYLINDER  WING-BODY  CONFIGURATION 


In  figure  1 are  shown  two  ogive-cylinder  bodies  having  sweptback 
wings  of  39°  and  75°.  The  two  configurations  were  mo\mted  on  the  front 
of  a Nike  rocket  motor  in  a fork-like  arrangement  such  that  the  models 
were  at  an  angle  of  attack  of  8°.  Finrther  description  of  the  test  vehi- 
cle basic  meas\rrements  for  evaluating  the  heat  transfer  have  already 
been  published  and  are  presented  in  reference  1. 

Some  heat-transfer  data  typical  of  those  measured  at  other  Mach 
numbers  are  shown  for  the  nose  section  of  the  configuration  having  a 
swept  wing  of  59°  in  figure  2 (for  the  windward  and  leeward  sides  of  the 
nose) . The  Stanton  number  expressed  as  a free-stream  condition  is 
plotted  as  a function  of  the  ratio  x/d  where  x is  the  distance  from 
the  nose  tip  to  the  measiirement  station  and  d is  the  body  diameter. 

The  measurements  are  presented  for  Moo  = ^.4  and  a unit  Reynolds  number 

of  19  X 10^.  Indicated  in  the  figure  by  the  solid  line  is  the  theory  of 
reference  2 for  heat  transfer  to  yawed  cones,  which  is  in  good  agreement 
with  the  measiurements  for  both  sides  of  the  body.  The  dashed  line  repre- 
sents the  theory  of  reference  3 for  turbulent  heat  transfer  to  cones  at 
zero  angle  of  attack.  Fair  agreement  is  obtained  with  the  measurements 
when  the  local  conditions  for  an  equivalent  tangent  cone  and  distance 
from  the  nose  tip  to  measurement  station  are  used  in  the  theory.  For 

comparison,  the  estimated  Stanton  number  for  a = 0°  at  ^ = 1.0  and  2.5 

is  2 X 10“^  and  1 x 10“^,  respectively.  These  estimates  were  derived 
from  reference  5 and  local  conditions  obtained  by  the  method  of  charac- 
teristics. For  a simple  body  free  of  protuberances  such  as  the  one  at 
an  angle  of  attack  of  8°,  the  figure  shows  that  the  theory  gives  a good 
prediction  of  the  heating. 

The  influence  of  the  wing  on  the  heat  transfer  to  the  body  is  shown 
in  figure  5 where  the  meas\xrements  are  presented  as  plots  of  the  free- 
stream  Stanton  number  as  a function  of  distance  along  the  configuration 
for  Moo  = ^*2,  a = 8°,  and  for  various  meridian  stations  >lf.  At  = 0 

(at  the  windward  station),  the  measurements  are  about  constant.  At 
\|f  = 67*^  the  Stanton  number  decreases  behind  the  leading  edge  and  then 
rises  to  a magnitude  of  twice  that  at  \(f  = 0 . Heat  transfer  on  the 
leeward  side  is  less  than  half  the  value  for  t = 0.  For  comparison. 


the  calculated  Stanton  numher  for  zero  angle  of  attack  (no  interference 

being  assumed)  is  approximately  0.7  X 10”5.  Measurements  made  on  the 
wing-body  configuration  with  75°  sweep  showed  the  same  heat-transfer 
rise.  It  appears  from  these  tests  that  severe  heating  might  be  exper- 
ienced in  the  wing-body  junctures  and  that  a better  vinder standing  of 
the  complex  flow  fields  in  the  wing-body  region  may  be  required  before 
the  heat  transfer  can  be  predicted. 

Heat-transfer  measurements  made  on  the  wing  are  presented  in  figure  4 
as  plots  of  the  free-stream  Stanton  number  as  a function  of  x/c.  Meas- 
urements are  presented  for  both  sides  of  the  39°  and.  75°  swept  wings  at 

a = 8°  for  Mj„  = 4 .4  and  = l6  x 10^  based  on  the  chord  of  the 

wing  at  the  measurement  station.  The  data  are  compared  with  the  Van 
Driest  theory  (ref.  5)  based  on  sharp-wedge  flow  conditions  parallel  to 
the  body  axis  and  distance  from  the  leading  edge  to  the  measured  point. 

For  this  angle  of  attack,  previous  tests  (ref.  4)  have  shown  that  for  an 
isolated  wing  good  agreement  was  obtained.  For  these  tests,  however, 
the  effects  of  the  body  on  the  wing  were  such  as  to  reduce  the  heating  on 
the  windward  side  by  approximately  20  percent  and  by  a considerable  amount 
on  the  leeward  side. 


X-15  AIRPIANF 

Shown  in  figvire  5 is  a sketch  of  the  North  American  X-I5  airplane. 

A l/15-scale  model  of  this  research  airplane  has  been  tested  in  the  Langley 
Unitary  Plan  wind  tvinnel  at  M„  = 5»0  and  a Reynolds  number  per  foot  of 

4.4  X 10^.  Note  the  large  external  fairings  on  both  the  top  and  side 
views  which  alter  local  flow  conditions  and  thereby  alter  the  heat  trans- 
fer. A complete  heat-transfer  investigation  of  this  configuration  has 
been  made;  however,  only  the  data  at  the  forward  station  at  x/l  = 0.13, 
and  fiirther  back  along  the  body  at  x/z  = O.5O  and  along  the  wing  chord 
at  50-percent  semispan  are  presented.  In  order  to  provide  testing  in  a 
turbulent  boundary-layer,  roughness  (No.  60  carborundum)  was  added  along 
the  bottom  of  the  model. 

In  figure  6 is  shown  the  distribution  of  the  measirred  free-stream 
Stanton  number  around  the  body  at  x/z  = O.13  for  Moo  = 5*0  and  for 
angles  of  attack  of  0°,  15° ^ and  28°.  For  zero  angle  of  attack  the  dis- 
tribution of  the  measured  Stanton  number  is  symmetrical  about  the  fuse- 
lage and  is  in  agreement  with  the  turbulent  cone  heat-transfer  theory  of 
reference  3 except  for  the  point  at  t = 0 where  the  meas\irement  is 
higher,  probably  owing  to  the  influence  of  the  roughness  strip.  For  an 
increase  in  angle  of  attack  to  15°,  the  heat  transfer  at  the  stagnation 
point  is  increased  by  a factor  of  2.0  at  ijr  = 0 and  decreases  around 


the  model  to  a value  of  1/5  that  at  ^|r  = 0^^  (windward)  at  ^ l80° 
(leeward) . Although  increasing  the  angle  of  attack  to  15^  doubled 
the  heating  at  = 0,  a further  increase  to  28^  made  little  change  on 
the  entire  heating  distribution.  This  has  also  been  observed  in  similar 
tests  (ref.  5)  wjien  the  crossflow  Mach  nximber  approaches  1.  The  theory 
of  reference  2^  which  was  compared  with  a similar  body  in  figure  2 but  for 
a lower  angle  of  attack,  now  greatly  underestimates  the  heating  for  these 
large  angles  of  attack. 

At  station  x/z  = 0-5  where  the  body  is  cylindrical,  figure  7 shows 
the  distribution  of  the  measirred  Stanton  mmber  aroimd  the  fuselage  and 
fairing.  At  zero  angle  of  attack  the  distribution  around  the  fuselage 
is  symmetrical  and  agrees  with  the  turbulent  flat-plate  theory  of  refer- 
ence 3 . As  the  angle  of  attack  is  increased  to  15^  the  heating  at 
t = 0°  is  increased  about  2.5  times  and  the  heating  remains  high  around 
the  fuselage  until  the  side  of  the  fairing  (at  ^1^  = 90^)  is  reached.  On 
the  leeward  side  the  Stanton  number  is  about  half  of  that  on  the  wind- 
ward side.  Increasing  the  angle  of  attack  to  28^,  the  heat  transfer  on 
the  windward  side  is  further  increased  to  about  3-5  times  that  of  zero 
angle  of  attack,  and  the  heating  remains  high  along  the  windward  side 
up  to  the  side  of  the  fairing.  On  the  leeward  side  the  heat  transfer 
for  2SP  is  about  the  same  as  that  for  0^  and  15^.  The  theory  of  Ivan  E. 
Beckwith  (unpublished)  for  turbulent  heat  transfer  for  an  infinite  swept 
cylinder  is  presented  for  the  windward  side.  This  theory  is  based  on 
Reynolds  number  (based  on  body  diameter)  and  local  crossflow  conditions 
and  applies  only  at  the  stagnation  point.  The  theory  shows  only  fair 
agreement  at  an  angle  of  attack  of  15^  but  gives  perfect  agreement  at  28^ 
where  truer  crossflow  conditions  prevail.  These  data  indicate  that^  for 
high  angles  of  attack,  crossflow  theory  predicts  the  heat  transfer  very 
well. 


The  measured  heat  transfer  for  the  wing  of  the  airplane  is  shown  in 
figure  8 for  the  50-Percent  semispan  where  the  data  are  presented  as  plots 
of  free-stream  Stanton  number  as  a function  of  x/c  for  = 3-0  and 

R = 2.2  X 10^  based  on  wing  chord.  The  wing  had  an  NACA  66-005  airfoil 
section  and  roughness  added  close  to  the  leading  edge  to  trip  the  boundary 
layer.  Tests  were  made  at  angles  of  attack  of  0^,  15^^  Q-ad  28^.  The 
measurements  at  zero  angle  of  attack  are  in  good  agreement  with  the  tur- 
bulent flat-plate  heat-transfer  theory  of  reference  3 where  the  Reynolds 
number  in  the  theory  is  based  on  distance  from  the  leading  edge  parallel 
to  the  axis  of  the  body.  For  the  windward  side  the  measuired  heat  trans- 
fer for  an  angle  of  attack  of  15^  is  about  15  percent  higher  than  that 
for  the  theory  and  for  an  angle  of  attack  of  28*^  is  20  percent  higher 
than  that  for  theory.  For  the  leeward  side,  experiment  and  theory  are 
in  good  agreement.  The  theory  for  these  tests  was  based  on  wedge  flow, 
a sharp  leading  edge  being  assumed  and  the  distance  being  that  from  the 
leading  edge  parallel  to  the  body  to  the  measured  point.  It  appears 


that,  for  even  a simple  shape  such  as  a wing,  as  the  angle  of  attack  is 
increased  to  large  angles,  the  theory  underestimates  the  heat  transfer 
on  the  windward  side. 


HYPERSONIC  GLIDER  TESTS 


In  figure  9 are  shown  two  rocket  glider  shapes  that  were  simulated 
by  rocket-propelled  model  tests  at  M » 10  and  a Reynolds  number  per  foot 

of  1.2  X 10^.  The  arrangement  of  the  flat  surfaces  on  the  test  vehicle 
was  such  that  three  of  these  surfaces  formed  a pyramid  nose  shape.  On 
the  right-hand  side  of  the  figure  is  shown  one  of  the  flat  surfaces 
having  a sweptback  leading  edge  of  75°  at  an  angle  of  attack  of  8°.  The 
sketch  on  the  left-hand  side  of  the  figure  is  the  same  flat  surface  with 
a conical  body,  which  simulates  a wing  at  an  angle  of  attack  of  8°  with 
an  underbody.  Shown  in  figure  9 are  the  stations  at  which  heat-transfer 
measurements  were  made.  The  Reynolds  number  for  these  tests  is  such  that 
the  test  model  simulates  the  first  50  feet  of  the  full-scale  airplane  at 
an  altitude  of  l60,000  feet. 

The  experimental  heat  transfer  to  the  simulated  glide  vehicles  was 
obtained  from  temperature-time  histories  measured  in  free-flight  rocket- 
model  tests.  The  ten5)eratures  were  measured  with  thermocouples  welded 
to  the  inside  surface  of  the  skin  of  the  test  model.  These  inside  tem- 
peratures were  used  to  compute  outside  surface  tengierat tores  which  in 
turn  were  used  to  compute  healing  rates;  the  method  of  reference  5 was 
used  for  these  computations . The  leading-edge  heating  data  were  cor- 
rected for  lateral  conductive  heat  flow  to  the  cooler  flat  storface  of 
the  s imulated  wings . 

The  theoretical  leading-edge  heating  rates  were  computed  from  a 
modified  three-dimensional  stagnation-point  theory.  The  basic  theory 
used  was  that  of  Fay  and  Riddell  (ref.  7)  which  was  evaluated  by  using 
a Lewis  number  of  1.0,  a Prandtl  number  of  O.71,  the  Sutherland  viscosity 
variation  with  temperature,  and  ideal-gas-flow  properties . The  A/alidity 
of  this  method  of  evaluation  of  the  Fay  and  Riddell  theory  is  discussed 
in  reference  8.  This  three-dimensional  heating  rate  was  multiplied 
by  1/^/2  to  convert  it  to  a two-dimensional  stagnation-line  heating  rate 
as  was  done  in  reference  This  heating  rate  was  then  reduced,  to 

accoimt  for  the  alleviating  effects  of  sweep,  by  the  factor  (cos  a)^/^. 
This  factor  has  theoretical  justification  for  M 00  (ref.  10,  for 
example),  although  some  experimental  data  from  wlnd-timnel  tests  have 
Indicated  that  the  heating  reduction  due  to  sweep  is  more  nearly  pro- 
portional to  cos  A.  Heating  rates  were  reduced  to  free-stream  Stanton 
numbers  by  using  the  free-stream  stagnation  temperature  as  adiabatic  wall 
ten5)erature . 


362 


It  can  be  seen  (fig.  10)  that  the  experimental  data  obtained  from 
both  of  the  simulated  glide  vehicle  tests  are  in  reasonable  agreement 
with  the  theoretical  prediction  obtained  from  the  method  outlined  above . 

It  is  interesting  to  note  that,  for  the  high  sweep  of  the  configurations 
tested,  the  use  of  cos  A in  the  theory  would  result  in  a theoretical 

level  almost  twice  as  high  as  that  obtained  using  (cos  Some 

recent  experimental  data  obtained  by  Cunningham  and  Kraus  (ref.  11)  have 

also  indicated  that  the  (cos  A)^/^  parameter  is  the  more  valued  one; 
these  data  were  obtained,  however,  at  very  low  Reynolds  numbers  and  the 
possible  existence  of  slip  flow  must  be  suspected.  Data  from  refer- 
ences 10  and  12  have  also  shown  the  validity  of  (cos  at  the  lower 

sweep  angles  although  the  agreement  is  better  with  cos  A at  the  higher 
sweep  angles. 

The  experimental  heat-transfer  rates  to  the  flat-undersurface  glider 
configuration  were  determined  by  the  same  general  procedure  as  those  for 
the  leading  edge  and  are  given  in  figure  11.  The  data,  however,  were 
reduced  to  free-stream  Stanton  numbers  by  using  local  adiabatic  wall 
temperatures.  Theoretical  Stanton  numbers  were  computed  from  the 
Van  Driest  theories  for  flat  plates  (refs.  5 and  13)  for  laminar  and 
turbulent  flow,  respectively.  The  modified  Reynolds  analogy  C]^  - 0.6Cp 

(ref.  l4)  was  used.  Local  flow  conditions  were  those  for  an  8^  wedge 
having  an  oblique  shock  at  the  leading  edge . Local  adiabatic  wall  tem- 
peratures and  free-stream  values  of  CppV  were  again  used  to  obtain  the 

free-stream  Stanton  numbers. 

The  data  are  correlated  on  the  basis  of  length  from  the  glider  wing 
leading  edge  measured  parallel  to  the  surface  center  line.  The  data  show 
better  correlation  when  plotted  in  this  manner  than  when  correlated  on  the 
basis  of  ray  length  from  the  model  nose  (or  wing  apex).  The  data  indicate 
that  the  flow  was  laminar  over  the  flat  surface . 

The  experimental  heat-transfer  rates  to  the  bociy  of  the  conical  under- 
body configuration  were  determined  by  the  same  method  as  used  for  the 
leading-edge  and  flat-surface  heating  and  are  given  in  figure  12  as  a 
function  of  azimuth  angle  around  the  body.  The  rates  were  reduced  to 
free-stream  Stanton  numbers  by  using  the  stagnation  temperature  as  the 
adiabatic  wall  temperature.  In  order  to  determine  local  flow  conditions 
for  calculation  of  theoretical  heating  rates,  a pressure  distribution  for 
yawed  cones  (ref.  15)  was  assumed  to  exist  over  the  conical  underbody. 

By  using  the  pressure  distribution  and  the  ideal  gas  relation  and  assuming 
a normal  shock  at  the  model  nose,  local  flow  conditions  were  computed. 

These  local  flow  conditions  were  used  with  the  theory  for  laminar  and 
turbulent  heat  transfer  for  cones  (ref.  5)  to  compute  local  Stanton  num- 
bers which  were  then  converted  to  free-stream  Stanton  numbers.  The  data 
are  plotted  on  polar  coordinates  with  Stanton  number  given  as  a function 


of  azimuth  position  on  the  body.  The  dashed  line  is  the  turbulent  theory 
for  a cone  and  the  solid  line  is  the  laminar  theory.  For  the  4.5-inch 
station  the  experimental  data  are  as  high  as  those  of  the  turbulent 
theory,  except  for  a point  close  to  the  wing  where  the  measurement  is 
lower  than  that  of  the  laminar  theory.  At  the  8.5-inch  station  the 
measurements  are  higher  than  the  value  given  by  laminar  theory.  At  t^s 
low  Reynolds  number  the  agreement  with  turbulent  theory  appears  to  be 
entirely  fortuitous.  The  reason  for  these  high  heating  rates  is  not 
known  at  this  time. 


CONCLUSIONS 


From  a number  of  wing  and  body  components  tested  separately  and  in 
combination,  the  followine:  conclusions  were  reached: 

1,  As  might  be  expected,  good  agreement  between  theory  and  experi- 
ment was  obtained  for  slender  nose  shapes  and  wing  surfaces  at  low  angles 
of  attack  when  not  subject  to  mutual  interference.  However,  substantial 
discrepancies  occirrred  even  in  these  simple  cases  at  high  angles  of 
attack.  For  the  cylindrical  portion  of  a body,  crossflow  theory  cor- 
rectly predicted  the  heat  transfer  only  at  high  angles  of  attack.  The 
leading-edge  heat  transfer  to  a wing  swept  75°  in  good  agreement 
with  theory  which  indicates  a reduction  of  leading-edge  heaLiiig  that  is 
proportional  to  the  cosine  of  the  angle  of  sweep  to  the  5/2  power. 

2,  When  wing-body  combinations  were  subjected  to  mutual  interference, 
important  discrepancies  between  theory  and  experiment  were  found  in  almost 
every  case^  for  example: 

(a)  Heat  transfer  on  portions  of  a cylindrical  fuselage  in  the 
vicinity  of  a wing  was  about  twice  as  high  as  that  predicted  by  theory, 
and  the  heat  transfer  on  a conical  body  under  a low-aspect -ratio  delta 
wing  was  similarly  about  twice  as  high  as  the  theoretical  values . 

(b)  Conversely,  heat  transfer  to  a wing  in  the  vicinity  of  a cylin- 
drical fuselage  was  found  to  be  substantially  alleviated. 
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HEAT  TRANSFER  TO  BODY  IN  WING-BODY  REGION 


Figi-ire  5 


AERODYNAMIC  HEATING  TO  WINGS  NEAR  A WING-BODY 
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AERODYNAMIC  HEATING  OF  LEADING  EDGE 
OF  75®  SWEPT  WING 
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AERODYNAMIC  HEATING  OF  75®  SWEPT  WING 
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OPTIMIZATION  THEORY  FOR  TIME -VARIANT  MISSILE  SYSTEMS 
AND  NONSTATIONARY  INPUTS 

♦ By  Elwood  C.  Stewart  and  Gerald  L.  Smith 

Ames  Aeronautical  Laboratory 


INTRODUCTION 


The  design  of  automatic  control  systems  is  often  based  on  the 
response  to  standard  inputs  such  as  a step  or  ramp.  However,  the  actual 
inputs  to  most  systems  can  only  be  described  statistically.  For  example, 
the  problem  of  target  interception  must  be  treated  statistically  for  two 
reasons:  (l)  Target  motions  can  only  be  described  statistically,  since 

quite  obviously  the  target  may  maneuver  in  many  possible  ways,  and 
(2)  in  most  systems  information  about  the  target  is  obscured  by  unwanted 
signals  called  noise,  which  are  also  statistical  in  nature.  Consequently, 
it  is  necessary  to  base  design  of  guidance  systems  on  statistical  concepts. 


Three  previous  papers  (refs.  1 to  5)  have  dealt  with  the  design  of 
guidance  systems  from  the  viewpoint  of  statistical  filter  theory,  specify 
ically  the  Wiener  filter  theory  and  certain  of  its  modifications.  Two 
main  OGSumptions  W'hich  are  generally  made  in  this  and  similar  w^ork  are: 
(l)  the  systems  are  time- invariant  and  (2)  the  inputs  can  be  represented 
by  stationary  random  time  series.  Although  certain  problems  can  be 
described  without  violating  these  assiomptions,  others  cannot.  There- 
fore, the  purpose  of  this  paper  is  to  discuss  how  the  theory  can  be 
extended  so  that  these  assumptions  need  not  be  made. 


TIME-VARIANT  MISSILE  SYSTEMS 


27 


The  first  assumption  to  be  considered  is  that  the  guidance  system 
be  non-time- varying.  There  are  many  classes  of  guidance  systems  which 
must  be  considered  as  essentially  time-varying  because  of  their  mode  of 
operation.  For  example,  in  figure  1 is  shown  a homing  missile  attacking 
a target.  Guidance  of  this  missile  is  accomplished  by  employing  line- 
of -sight  information  which  therefore  involves  range.  Since  the  range 
changes  continuously  during  an  attack,  the  equations  describing  this 
problem  are  necessarily  time-varying.  In  contrast,  a beam-rider-type 
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guidance  system,  also  shown  in  figure  1,  is  non-time-varying  because  range  • 

is  not  normally  transmitted  to  the  missile,  and  therefore  the  missile 
merely  flies  down  the  beam.  The  time-varying  problem  shown  in  figure  1 
is  a general  one,  typical  of  many  guidance  problems.  Later,  however,  in  ^ 

order  to  be  specific,  the  discussion  will  be  confined  to  examples  of  a 
short-range,  air-to-air  homing  missile  attacking  a large  bomber.  ^ 

Such  problems  as  the  time-varying  one  illustrated  in  figure  1 can 
be  described  in  terms  of  time-varying  differential  equations  or,  as  is 
completely  equivalent,  in  terms  of  the  block  diagram  shown  in  figure  2. 

The  essential  feature  of  this  diagram  is  the  box  shown  as  l/R(t)  which 
represents  the  time-varying  nature  of  the  problem.  The  problem  to  be 
solved  can  be  stated  simply  as  follows:  Given  the  time- varying  range, 

the  statistical  properties  of  the  target  motion,  and  the  noise,  find 
the  optimum  control  system  which  will  minimize  the  error  e at  the 
interception  time  T and  yet  not  exceed  the  available  control-motion 
capabilities  of  the  missile  at  any  time  t2  during  the  flight.  Math- 
ematically, such  problems  are  handled  by  minimizing  the  error  with  a * 

restriction  on  control  motion  as  indicated  by  the  following  expression: 


e2(T)  + A 62 (ta) 


where  T is  time  of  interception,  t2  is  any  time  during  flight,  and 
A is  the  Lagrangian  multiplier.  From  physical  reasoning,  the  restric- 
tion on  control  motion  should  be,  constant  at  the  maximum  permissible 
value  throughout  the  entire  flight. 

There  are  four  distinct  steps  involved  in  the  solution  of  the  prob- 
lem as  stated.  The  first  step  is  to  convert  the  solution  of  differential 
equations  in  the  real  time  domain  to  a new  kind  of  time  called  adjoint 
time.  It  is  known  that  for  time- varying  systems  the  mean-square-ensemble 
average  of  the  error  is  given  by  the  following  equation: 

€^(t2)  = f ^ h2^t2,tijdt3_  (l) 


where  h represents  the  error  response  at  time  t2  due  to  an  impulse 
introduced  at  time  t^.  (See  fig.  5»)  For  example,  if  an  impulse  is 
introduced  into  the  system  at  time  t]_',  the  error  response  shown  would 

be  obtained.  The  value  of  h for  this  case  is  indicated  in  figure 
If  the  impulse  were  introduced  at  another  time  ti"  as  shown,  a different 
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response  would  be  obtained,  and  so  forth.  Note  that  these  responses 
are  plotted  as  a function  of  time  t for  a fixed  time  ti.  However, 
in  equation  (l)  it  is  necessary  to  have  h as  a function  of  t^  for 
a fixed  t since  the  integration  is  with  respect  to  t^.  Such  a response 

could  be  obtained  by  cross -plotting  the  curves  given,  and  the  resiilt  would 
appear  as  given  at  the  bottom  of  figure  3*  However,  this  procedure  is 
not  only  unwieldy,  but  it  is  simply  not  adapted  to  the  synthesis  problem. 

The  basic  trouble  in  this  approach  is  that  too  much  information  is 
contained  in  the  solution  of  the  differential  equations,  that  is,  the 
response  at  all  times  t,  whereas  only  the  response  at  a very  particular 
time  tp  is  of  interest.  This  extraneous  information  cein  be  discarded 
by  transforming  the  real-time  differential  equations  to  what  is  known 
as  adjoint  differential  equations.  Such  a transformation  is  related  to 
the  principles  of  reciprocity  which  are  familiar  in  many  other  fields 
such  as  aerodynamic  flow,  mechanics,  and  circuit  theory.  It  will  suffice 
here  to  point  out  that,  physically,  the  transformation  amoionts  to  inter- 
changing the  inputs  and  outputs  positionwise,  and  also  timewise  by  rianning 
time  backwards,  starting  from  the  end  of  flight  and  proceeding  backwards 
to  the  beginning  of  flight.  The  end  result  of  the  transformation  is  that 
the  solution  of  the  adjoint  differential  equations  or  the  error  output  of 
the  adjoint  block  diagram  gives  the  desired  response  h as  a function 
of  ti- 


By  following  such  a line  of  attack,  the  differential  equations  or 
the  block  diagram  in  figure  2 can  be  converted  to  the  corresponding 
adjoint  equations  or  diagram.  Although  these  representations  are  not 
shown,  the  analysis  would  be  concerned  with  the  ad  joints  of  the  guidance 
system  and  control  system  rather  than  the  systems  themselves.  The  second 
step  in  the  solution  now  is  to  utilize  the  adjoint  equations  or  block 
diagram  to  write  expressions  for  both  the  error  and  the  control  motion 
in  teimis  of  the  adjoint  of  the  \anknown  control  system.  From  the  expres- 
sion e^(T)  + A "the  following  adjoint  differential  equations 

which  give  the  desired  response  h can  be  written: 


For  miss  distance: 


e2(t)  = 


h(T-x)hjj(x)dx  + \j  [uq(t-x)  - h(r-x)]  hj(x)dx|  jdr  (2a) 


h(r)  = i JJ' kac(T)dT  dr  - i J h(|)  JJ^ kac(T,|)dT  dr  d|  (2b) 
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For  control-motion  requirements; 
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Although  it  will  not  be  necessaxy  to  understand  all  of  the  details  of 
these  equations  there  are  certain  points  of  interest.  It  can  be  seen 
that  there  are  two  equations  describing  the  miss  distance  and  two  equa- 
tions describing  the  control  motion.  The  first  miss-distance  equation 
(eq.  (2a))  is  due  to  noise  and  the  second  is  due  to  the  target  motion. 

The  only  unknown  in  equation  (2a)  is  the  impulse  response  h which 
represents  the  adjoint  of  the  guidance  system.  The  second  equation 
(eq.  (2b))  is  an  integral  equation  with  two  unknowns  h and  c,  where 
c represents  the  impvilse  response  of  the  adjoint  of  the  control  system. 
These  miss-distance  equations  suffice  to  relate  miss  distance  to  the 
unknown  control  system  c by  means  of  the  intermediate  parameter  h. 

An  examination  of  the  two  control-motion  equations  reveals  a similar 

situation.  Consequently,  the  quantity  to  be  minimized  e^(T)  + X 
is  expressed  in  terms  of  the  unknown  control  system  by  means  of  the  four 
equations  given. 

Now,  the  problem  is  one  of  finding  the  optimum  control  system  which 

will  minimize  the  quantity  e2(T)  + X 6^^t2).  Unfortunately,  these  equa- 

have  not  been  solved.  As  a consequence,  some  approximate  solution  has 
been  sought.  A clue  to  such  a solution  can  be  foimd  when  the  control- 
motion  restriction  is  eliminated  by  allowing  the  missile  to  have  xmlimited 
acceleration  capability.  In  this  case  X = 0,  and  the  equations  can  be 
solved  for  the  minimum  theoretical  miss  distance.  For  illustration,  the 
solution  for  a typical  air-to-air  homing-missile  situation  is  given  in 
figure  4 by  the  dashed  curve  where  the  minimum  miss  distance  is  plotted 
against  one  of  the  important  parameters,  the  magnitude  of  the  noise  spec- 
tral density.  The  important  clue  is  that  this  curve  is  identical  with 
that  which  is  obtained  for  a constant- coefficient  guidance  system  as 
indicated  by  the  solid  curve.  This  result  for  no  restrictions  sviggests 
that  even  with  a restriction  on  control  motion,  the  performance  of  both 
systems  would  be  the  same . There  are  many  compelling  arguments  to  support 
this  view.  For  example,  when  both  problems  are  defined  in  terms  of  a sim- 
ilar coordinate  system,  it  can  readily  be  seen  that  both  systems  are 
attempting  to  solve  the  same  problem.  That  is,  both  missiles  are 
attempting  to  fly  the  same  constant-true-bearing  coxorse,  althoxigh  neither 
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one  can  quite  succeed  in  doing  so.  Furthermore,  both  systems  have  a 
missile  with  the  same  acceleration  capability,  and  both  systems  have 
available  the  same  input  information.  After  the  answer  is  obtained,  a 
back  check  would  verify  that  the  approximation  is  a good  one. 

It  is  interesting  to  compare  these  resvilts  with  the  performance 
which  would  be  obtained  by  disregarding  noise  theory  in  the  design.  As 
an  example,  the  upper  curve  in  figure  4 shows  the  noise  performance  of 
a system  optimized  for  a target  motion  with  no  noise  present.  A com- 
parison of  this  curve  with  the  curves  with  restrictions  and  without 
restrictions  shows  that  a significant  reduction  in  miss  distance  should 
be  possible. 

The  third  step  in  the  solution  is  to  synthesize  the  guidance  system 
to  achieve  the  desired  miss-distance  performance  indicated  in  figure  4. 
From  the  first  miss-distance  equation  (eq.  (2a)),  it  can  be  seen  that 
only  the  impulse  response  h need  be  the  same  as  for  the  equivalent 
constant-coefficient  guidance  system.  Then,  from  the  second  miss- 
distance  equation  (eq.  (2b)),  it  can  be  seen  that  the  desired  h can 
be  achieved  by  solving  this  integral  equation  for  the  control- system 
adjoint  c.  However,  there  is  another  difficulty  here,  and  it  appears 
to  be  in  the  manner  of  representing  the  control  system  by  a single 
impulse  response.  Systems  which  are  physically  very  simple  often  have 
impulse  responses  which  are  quite  complicated.  Consequently,  it  has 
been  necessary  to  find  another  representation. 

A more  suitable  representation  for  the  control  system  is  shown 
in  figure  5^  where  the  control  system  has  been  broken  up  into  three 
parts:  a time-varying  multiplying  part,  and  two  non-time- varying 

parts  representing  the  radar  and  the  servo  system.  This  representation 
not  only  makes  the  system  easy  to  construct,  but  it  is  exactly  the  for- 
mixlation  which  is  needed  in  order  to  synthesize  an  optimum  control 
system.  An  equation  quite  similar  to  the  second  miss -distance  equa- 
tion can  now  be  derived  - one  that  relates  h not  to  c,  but  to  the 
components  of  the  control  system  as  it  has  been  broken  up  in  figure  5* 
This  equation  is 

h(r)  = i.<r 

For  certain  time-veirying  functions  f(r),  this  equation  can  be  solved 
for  the  optimum  control  system.  Thus,  the  desired  miss-distance  per- 
formance which  is  given  in  figure  6 can  be  achieved.  Actually,  there 
are  a great  many  control  systems  which  satisfy  equation  (4) , and  so  a 
whole  class  of  systems  is  generated  all  of  which  have  that  miss-distance 
performance . 
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The  fourth  and  last  step  is  to  satisfy  the  desired  control-motion 
restriction  which  has  been  temporarily  ignored.  This  can  be  done  as 
follows;  Of  all  the  homing  systems  which  satisfy  the  miss -distance 
performance  in  figure  6,  it  is  clear  that  each  system  will  have  dif- 
ferent control-motion  requirements  throughout  flight.  Thus,  from  this 
whole  class  of  systems,  the  one  or  more  having  the  desired  restric- 
tion can  be  chosen.  If  a system  with  uniform  control  requirements  is 
chosen,  the  level  of  control  motion,  of  course,  is  identical  with  that 
for  the  constant- coefficient  guidance  system. 

As  an  example,  the  method  just  given  can  be  illustrated  by  showing 
the  performance  of  a couple  of  very  simple  homing  systems.  For  the 
first  system,  take  f(t)  to  be  a constant,  which  means  that  the  con- 
trol system  is  constant-coefficient;  for  the  second,  take  a time-varying 
control  system  in  which  f(t)  equals  range,  that  is,  a range- 
mult  iplication-type  control.  On  solving  the  necessary  equations  it  is 
found  that  the  first  control  system  turns  out  to  be  proportional  naviga- 
tion. Furthermore,  for  both  systems  the  form  of  required  radar  is  such 
that  \mder  static  or  very  low-frequency  operation,  the  radar  wo\ild  meas- 
ure rate  of  rotation  of  the  line  of  sight.  This  result  is  very  grati- 
fying because  it  is  precisely  this  quantity  which  all  radars  do  measure. 

It  is  clear  that  the  miss-distance  performance  of  both  these  sys- 
tems is  the  same  and  is  given  by  the  dashed  curve  in  figure  6,  provided 
that  the  allowable  or  desired  control  restriction  is  not  exceeded.  As 
seen  in  figure  7>  however,  the  control-motion  requirements  are  quite 
different.  For  the  proportional-navigation  control  system,  it  is  seen 
that  in  close  to  the  target,  the  demands  on  the  missile  considerably 
exceed  its  capabilities,  as  Indicated  by  the  design  value.  Consequently, 
limiting  would  occur,  and  the  miss-distance  curve  in  figure  6 would  tend 
to  move  up,  the  exact  amount  of  increase  depending  on  the  specific  situa- 
tion. On  the  other  hand,  the  demands  on  the  range -multiplication  con- 
trol system  are  essentially  uniform.  Note  that  the  level  is  virtually 
identical  with  that  for  the  constant-coefficient  guidance  systems  indi- 
cated by  the  dashed  c\irve.  It  is  clear  also  that  since  the  level  of 
required  control  is  the  same  as  the  design  value,  no  limiting  would 
occur,  and  the  desired  miss-distance  performance  indicated  in  figure  6 
wo\ild  be  obtained.  Thus,  an  approximate  solution  to  the  optimization 
problem  has  been  achieved. 


NONSTATIONARY  INPUTS 


Consider  now  the  other  assumption  generally  made  in  filter  theory  - 
the  assumption  of  statlonarity.  There  are  principally  two  ways  in  which 
the  inputs  may  not  be  stationary,  and  the  Wiener  theory  can  be  extended 
to  apply  to  these  cases. 
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The  first  case  is  illustrated  in  figure  8 by  a target  maneuver 
process  which  is  stationary  and  which  therefore  mtist  extend  in  both 
directions  to  infinity  as  indicated.  However,  a real  target  maneuver 
will  have  a finite  beginning  and  a finite  end.  For  this  reason  the 
process  is  certainly  nonstationary,  although  it  might  be  classified  as 
"stationary  within  a certain  interval."  The  usefxalness  of  the  station- 
ary theory  in  such  cases  might  be  questioned;  however,  it  can  readily 
be  shown  that  it  is.  The  reason  is  that  if  the  impixlse  response  time 
of  the  missile  guidance  system  is  shorter  than  the  flight  time  of  the 
missile,  maneuvers  which  occur  before  the  beginning  of  the  flight  have 
no  effect  on  the  miss  at  the  interception  time.  Fortunately,  in  the 
interception  problem  practically  all  situations  fall  into  this  category. 
Thus,  although  all  real  missile  problems  are  nonstationary  according  to 
the  strict  mathematical  definition  of  the  term,  in  practice  such  prob- 
lems can  be  handled  with  the  stationary  theory. 


The  second  case  of  interest  is  one  in  which  the  input  process  is 
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time  of  the  missile.  An  interesting  example  of  such  an  input  is  a step 
of  target  acceleration  as  indicated  in  the  folloving  sketch,  where  the 
beginning  of  the  step  is  equally  likely  to  occur  anywhere  within  the 
flight  interval  0 to  T: 
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Wiener’s  theory  can  be  extended  to  this  and  similar  nonstationary  proces- 
ses. This  extension  can  be  accomplished  by  utilizing  the  adjoint  theory 
discussed  previously  to  write  an  expression  for  the  mean-square-ensemble 
miss  distance.  By  making  certain  simplifications,  the  following  expres- 
sion for  the  nonstationary  input  can  be  derived: 


e 2(t)  = r |l  - 

-00  \^TaP/ 

The  Y(od)  refers  to  the  guidance -system  transfer  function,  and  the 
factor  in  parentheses  will  always  be  related  to  the  nonstationary  input. 
In  this  case  it  refers  to  the  step  maneuver.  The  corresponding  expres- 
sion for  a stationary  process  is 
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From  comparison  of  these  two  expressions,  it  is  apparent  that  the  factor 
in  parentheses  for  the  nonstationary  process  behaves  exactly  as  does  the 
spectral  density  $(oo)  for  the  stationsiry  process.  Thus  this  factor 
may  be  used  in  the  Wiener  theory  to  derive  minimum  miss  distances  and 
optimum  transfer  functions  even  though  the  process  is  distinctly 
nons  t at  ionary . 


CONCLUDING  REMAEKS 


It  is  important  to  emphasize  that  optimization  theory  does  not 
eliminate  all  problems  in  the  design  of  guidance  systems.  There  may  be 
so  many  factors  involved  in  the  design  of  a particular  system  that 
application  of  the  theory  to  all  of  them  would  be  very  difficult. 
Nevertheless,  it  is  clear  that  filter  theory  must  be  enlarged  in  scope 
to  encompass  more  and  more  such  factors . In  this  paper  two  very  impor- 
tant factors  have  been  considered  - time-varying  systems  and  nonstatlon- 
in-puts . Although  emphasis  has  been  on  the  short-range  homing-missile 
problem,  it  is  clear  that  many  other  in^jortant  problems  can  be  cast  in 
a similar  form  - the  fire-control  problem,  for  example.  In  fact,  all 
systems  utilizing  active  radars  would  have  a similar  problem.  Finally, 
on  a broader  scale  it  can  be  seen  that  in  the  filter-theory  field  and 
in  many  other  diverse  fields  such  as  rocket  staging,  trajectory  opti- 
mization, and  so  forth,  the  problems  are  strikingly  similar. 
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TWO  CLASSES  OF  MISSILE  SYSTEMS 


TIME-VARYING  HOMING- 
MISSILE  SYSTEM 


HOMlNG-MiSSiLt  GUIDANCE  SYSTEM 

NOISE 


WHERE^  T = INTERCEPTION  TIME 

MINIMIZE  : «^{T)  +A8^(t2)  t2  = ANY  TIME  DURING  FLIGHT 

X =LAGRANGIAN  MULTIPLIER 


Figure  2 


EVALUATION  OF  MISS  DISTANCE 


Figure  5 


MINIMUM  MISS-DISTANCE  PERFORMANCE 


Figure  4 
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Figure  6 


CONTROL-MOTION  REQUIREMENTS  FOR  HOMING  SYSTEMS 
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RESEARCH  ON  THE  ROTARY  DERIVATIVES 


By  Benjamin  H.  Beam,  Henry  C.  Lessing, 
and  Bruce  E.  Tinling 

Ames  Aeronautical  Laboratory 


INTRODUCTION 


Analysis  of  the  dynamic  motions  of  vehicles  designed  to  fly  within 
the  atmosphere  depends  upon  a knowledge  of  the  aerodynamic  stability 
derivatives.  The  stability  derivatives  which  depend  on  the  rate  of 
rotation  of  the  aircraft  about  its  center  of  gravity,  commonly  called 
the  rotary  derivatives,  have  an  important  Influence  on  the  divergence 
or  subsidence  of  oscillatory  motions.  It  is  difficult  to  generalize  as 
to  the  importance  of  aerodynamic  rotary  derivatives  in  the  overall 
suitability  and  flying  qualities  of  an  aircraft.  Much  depends  on  the 
type  of  aircraft  under  discussion  and  on  whether  deficient  aerodynamic 
damping  can  be  supplemented  by  some  other  means.  There  is  general 
agreement,  however,  that  knowledge  of  the  rotary  derivatives  is  a nec- 
essary starting  point  in  most  cases  and  certainly  desirable  in  all 
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On  reviewing  the  literature  on  the  subject  of  rotary  derivatives 
at  supersonic  speeds,  it  is  Impressive  to  note  the  number  of  theoreti- 
cal reports  that  were  written  from  5 to  10  years  ago.  The  state  of 
development  of  the  theory,  at  least  for  idealized  configurations  in 
linearized  supersonic  flow,  is  well  advanced.  References  to  experi- 
mental studies  of  the  derivatives  are  encountered  much  less  frequently. 
The  tests  are  difficult  and  the  data  necessary  for  an  appraisal  of  the 
theory  are  accumulated  much  more  slowly.  The  data  on  the  rotary  deriv- 
atives presented  in  this  paper  were  gleaned  from  the  results  of 
oscillation  tests  conducted  on  a number  of  specific  airplane  configu- 
rations in  several  of  the  Ames  Aeronautical  Laboratory  wind  tunnels 
over  the  past  few  years.  A description  of  this  method  of  testing  with 
a discussion  of  its  advantages  and  limitations  may  be  found  in  refer- 
ence 1.  The  primary  aim  of  the  present  paper  is  to  correlate  theory 
and  experiment  in  such  a way  as  to  bring  out  important  features  which 
are  well  defined  and  which  have  wide  application. 
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SYMBOLS 


T 


torces,  moments,  and  deflections  are  referred  to  a body  system  of 
sixes  defined  in  figure  1. 

A aspect  ratio,  b^/s 

a lift-curve  slope  of  a lifting  surface  in  undisturbed  flow 

referred  to  its  plan -form  area 

b wing  span 

Cl  rolling -moment  coefficient,  j--  

^V‘=^Sb 


6Cx 


■i 


P 8(pb/2V) 

^ 6(rb/2V) 

, _ 

'^3  83 


8Cn 


3 8(3b/2V) 


■'in 


pitching -moment  coefficient, 


Pitching  moment 
^V^Sc 


P _ ^^m 

Si  " ^ 


8(dc/2V) 

: = 

"S  8(qc/2V) 


52Y 

V 33? 

r 
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normal-force  coefficient,  Nomal  force 

ipvSs 

Mi' 

m. 

II 

o 

3C|, 

Cn 

j j.  Yawing  moment 

yawing -moment  coefficient,  s — 7^ 

ipV^Sb 

n - 

dCn 

Cnp  - 

3(pb/2V) 

Ap 

''''11 

Up 

S(rb/2V) 

s = 

33 

• 

r . - 

3Cn 

- 

?i(n\>/2Y) 

\ t i / 

c 

wing  mean  aerodynamic  chord 

tan 
/ -1  . . 

— ^ 1 tunctinn  liefined  in  reiercnce 

m 

■^\  tan 

[Xj 

-^H 

incidence  arigle  of  horizontal  tail 

1 

projection  on  longitudinal  axis  of  distance  of  center  of 
lift  of  tail  behind  moment  reference 

M 

Mach  number 

P 

rolling  velocity 

q 

pitching  velocity 

r 

yawing  velocity 

«r- 

S 

wing  plan -form  area;  other  areas  are  indicated  by  subscripts 

on  S 

V 

velocity 

i • 

! 

X,Y,Z  coordinate  axes 

Xjj  projection  on  longitudinal  axis  of  distance  of  base  of  fuse- 

lage bOxiind  s^omont  reference 

a angle  of  attack,  radians  except  where  noted 

P angle  of  sideslip,  radians  except  where  noted 

6 semiapex  angle  of  wing 

e angle  of  downwash 

T)  tail  efficiency  factor 

Tv  taper  ratio 

p,  Mach  angle 

p mass  density 

o angle  of  sidewash 

Subscripts : 

a.c.  referred  to  aerodynamic  center  of  wing 

b fuselage  base 

F fuselage 

H horizontal  tail 

V vertical  tail 

W wing 

A dot  over  a symbol  indicates  the  first  derivative  with  respect  to 

time . 

DISCUSSION 

Damping  in  Pitch  and  Yaw  of  Bodies  of  Revolution 

The  starting  point  in  the  analysis  of  the  rotary  derivatives  of 
elongated  bodies  of  revolution  is  the  "slender  body"  theory  (ref.  2) . 
The  method  has  been  generalized  and  extended  to  compressible  flows 
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(e.g.,  refs.  5,  4,  and  5).  Results  of  these  analyses  indicate  that 
the  damping  in  pitch  or  yaw  of  pointed  bodies  depends  only  on  the  area 
of  the  base  and  the  distance  from  the  base  to  the  pitching  or  yawing 
axis  of  the  body.  Similar  analyses  using  unsteady  source-sink  poten- 
tials for  compressible  flows  (ref.  6)  result  in  the  same  expressions 
for  the  damping  in  pitch  of  slender  bodies  of  revolution  at  low  angles 
of  attack  performing  oscillations  in  which  the  wave  length  is  long 
compared  with  the  body  length. 


The  equation  is 

(S  ° ■ S)f 


Sc2 


(1) 


Equation  (l)  provides  a basis  for  comparing  the  results  of  a num- 
ber of  tests  on  different  fuselage  configurations  over  a wide  range  of 
Mach  numbers.  The  slender -body -theory  damping  from  equation  (l)  is 
represented  by  a value  of  unity  in  figure  2.  The  experimental  points, 
representing  the  ratio  of  measured  damping  to  that  estimated  from 
equation  (l),  were  obtained  from  a number  of  recent  tests  of  different 
fuselage  arrangements • The  fuselage  configurations  were  not  strictly 
bodies  of  revolution  and  included  canopies,  side  fairings  along  the 
fuselage,  and  in  some  cases  wing  surfaces  where  the  contribution  of 
these  surfaces  was  estimated  to  be  negligible . The  motions  included 
both  pitching  and  yawing.  Tlie  scatter  in  the  data  is  largely  that 
between  different  fuselage  configurations  or  between  yawing  and 
pitching  modes  with  the  same  fuselage. 


It  is  immediately  obvious  from  a study  of  the  damping -in -pitch 
and  damping-in-yaw  data  in  figure  2 that  the  slender-body  theory 
underestimates  the  measured  damping  by  a considerable  margin  at 
supersonic  speeds.  At  subsonic  speeds  the  theoretical  and  measured 
values  of  damping  are  in  better  agreement.  At  Mach  numbers  between  2 
and  5^  however,  the  measured  damping  increases  to  two  or  three  times 
the  estimated  value. 


An  explanation  for  these  differences  is  found  in  a stu(3y  of  the 
limitations  of  the  theory  in  predicting  the  force  characteristics  of 
elongated  bodies  at  very  small  angles  of  attack.  Some  data  on  the 
slope  of  the  normal -force  curve  with  angle  of  attack  for  these  con- 


ditions are  shown  in  the  lower  part  of  figure  2.  Here  again  the 
slender-body  theory  has  been  used  as  a basis  of  comparison  and  is 
represented  by  a value  of  unity  in  the  figure.  The  experimental  data 
were  obtained  from  references  7 ® and  apply  to  bodies  of  revolu- 

tion having  ogival  noses  and  cylindrical  afterbodies.  The  fineness 
ratio  of  the  afterbodies  is  6.  The  effects  of  viscosity  on  the  normal 
forces  which  may  become  significant  at  higher  angles  of  attack  (ref . 9) 


are  negligible  for  the  data  presented  in  figure  2.  These  data  then 
indicate  the  differences  which  can  be  expected  in  estimating  the 
normal -force  characteristics  of  bodies  of  revolution  by  the  s lender - 


they  are  for  damping 
in  pitch  but  are  in  the  same  direction  and  have  the  same  trend  with 
Mach  number.  Syvertson  and  Dennis,  reference  8,  have  obtained 
extremely  good  agreement  with  experiment  by  accounting  for  the  dif- 
ferences in  normal  force  at  small  angles  of  attack  on  the  basis  of 
second-order  effects.  It  can  be  presumed  that  these  second-order 
effects  also  account  for  the  differences  noted  in  the  damping-in-pitch 
data.  Second-order  calculations  for  dairtplng  in  pitch  and  damping  in 
yaw  have  not  as  yet  been  made. 


At  speeds  beyond  the  range  of  the  present  data,  it  is  expected 
that  the  damping  would  gradually  approach  the  values  given  by  the 
Newtonian  impact  theory.  This  probable  trend  has  been  indicated  by 
the  dashed  line  at  the  top  of  figure  2. 


Damping  in  Pitch  of  Horizontal  Tail 

The  contribution  of  a horizontal  tail  to  danping  in  pitch  has 
always  been  significant.  In  fact,  in  the  past  for  subsonic  speeds  it 
has  generally  been  found  that  a reasonably  good  estimate  of  total  air- 
plane damping  in  pitch  could  be  made  by  merely  increasing  the  esti- 
mated tail  contribution  by  an  arbitrary  factor  of  about  25  percent  to 
account  for  the  contribution  of  the  other  parts  of  the  airplane . One 
instructive  way  of  approaching  the  damping  contribution  of  a horizontal 
tail  is  to  consider  first  the  tail  contribution  to  static  stability 
(ref.  10),  which  can  be  expressed  in  terms  of  tail  length,  tail  normal- 
force -curve  slope,  tail  efficiency,  and  the  downwash  at  the  tail  as 


By  following  a line  of  reasoning  analogous  to  that  used  in  expressing 
the  static  stability,  it  can  be  shown  that  the  dynamic  stability 
derivative  becomes 


The  two  equations  have  a strong  similarity.  In  fact,  they  contain  the 
same  terms  but  are  arranged  in  different  ways.  The  tail-length  term  is 
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squared  in  the  equation  for  damping  so  that  its  sign  is  always  positive, 
which  implies  that  both  canard  and  conventional  tails  will  have  similar 
damping  characteristics . 

Another  significant  point  is  illustrated  in  figure  5.  In  this  fig- 
ure is  presented  the  contribution  of  a horizontal  tail  to  the  static 
stability  and  damping  in  pitch  of  an  unswept-wing  interceptor -type  air- 
plane having  a high  horizontal  tail.  This  configuration  is  interesting 
because  of  the  impingement  on  the  horizontal  tail  of  the  shock  and 
expansion  field  from  the  wing,  as  shown  in  the  sketch,  in  the  range  of 
Mach  numbers  from  I.5  to  5-5* 


The  experimental  values  of  horizontal-tail  contribution  are  the 
differences  in  static  stability  and  damping  with  the  tail  on  and  off. 

The  theoretical  values  were  calculated  from  equations  (2)  and  (5)-  H 
can  be  shown  from  linearized-supersonlc-flow  theory  that  where  the  tail 
is  outside  the  field  enclosed  by  the  Mach  lines  from  the  leading  and 
trailing  edges  of  the  wing  the  downwash  term  de/da  will  be  zero. 

Where  the  tail  is  completely  inside  Mach  lines  from  the  wing  leading 
and  trailing  edges  de/da  should  be  1.0.  In  between  these  two  extremes 
intermediate  values  of  de/da  should  apply. 


At  a Mach  number  of  approximately  I.5  the  leading  edge  of  the  hori- 
zontal tail  is  just  behind  the  Mach  wave  from  the  wing  trailing  edge. 

The  downwash  here  should  be  near  zero  and,  as  shown  in  figure  5^  the 
static  stability  (Cm.^  V.  is  near  the  theoretical  value  for  zero  down- 


wasii . 


According  to  theory 


(Cma)jj  ^ijj 


should  also  be  equal  for 


zero  downwash,  and,  as  shown  in  figure  5^  the  theoretical  value  for 
de/da  = 0,  if  is  assumed  to  be  O.90,  is  very  near  the  experimental 

values  of  Cnu  • Further  increases  in  Mach  number  bring  the  tail  inside 

the  expansion  field  from  the  wing  and,  as  indicated  by  equations  (2) 
and  (3),  result  in  decreased  static  stability  and  decreased  dynamic 
stability  in  accordance  with  the  Increased  values  of  de/da.  At  a Mach 
number  of  approximately  5*5  the  horizontal  tail  emerges  ahead  of  the 
wing  flow  field,  and  it  is  seen  that  the  experimental  values  of  the 
tall  contribution  at  this  Mach  number  correspond  quite  closely  with 
those  obtained  for  zero  downwash. 


Values  of  de/da  calculated  from  the  differences  between  theory 
and  experiment  for  used  to  obtain  the  second  theoretical 

curve  for  damping  in  pitch  in  figure  which  corresponds  reasonably 
well  with  the  experimental  data.  For  Mach  numbers  between  1 and  I.5 
the  agreement  between  theory  and  ejqieriment  is  rather  poor.  Part  of  the 
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discrepancy  is  clearly  caused  by  secondary  effects  y such  as  iri5)ingeinent 
of  shock  waves  from  the  tail  on  the  fuselage y which  would  exist  between 
Mach  numbers  of  about  1 to  1.2.  At  subsonic  speeds  the  theoretical 
pcrnin  n crT'<a^  ut exneriinent  fref-  11). 


Damping  in  Yaw  of  a Vertical  Tail 

The  contribution  of  a vertical  tail  to  the  dart5)ing  in  yaw  is  esti- 
mated by  a procedure  exactly  analogous  to  that  for  damping  in  pitch  of 
a horizontal  tail,  and  it  is  therefore  of  interest  to  consider  the 
vertical  tail  at  this  point.  The  equations  for  static  directional 
stability  and  damping  in  yaw,  by  following  the  same  reasoning  employed 
in  obtaining  equations  (2)  and  (3)  and  also  assuming  cos  a = 1,  became 


The  rate  of  cheinge  of  sidewash  angle  with  sideslip  angle  da/d3  enters 
into  these  equations  in  the  same  way  that  the  downwash  parameter  dc/da 
enters  into  equations  (2)  and  (5) . The  sidewash  at  the  vertical  tail  is 
primarily  due  to  the  presence  of  the  fuselage.  Various  investigators 
(refs.  12  and  I5)  exploring  the  effects  of  the  presence  of  a lifting 
fuselage  ahead  of  the  vertical  tail  have  shown  that  a pair  of  vortices 
shed  by  the  fuselage  results  in  sidewash  at  the  vertical  tail  which  is 
unfavorable  to  static  stability.  This  sidewash  effect  becomes,  in 
general,  more  adverse  with  increasing  angle  of  attack.  The  vortex 
position  at  a transverse  cross  section  through  the  vertical  tall  is 
Illustrated  in  figure  4.  The  effect  of  these  vortices  on  the  variation 
of  the  experimental  tail  contribution  to  j with  angle  of  attack, 

also  shown  in  figure  4,  is  as  expected  from  the  vortex  distribution. 

Theoretical  values  of  ""  *^*^3  ^ 

from  equations  (4)  and  (^) , assuming  dcr/dp  = 0 and  = 1^  are  also 

shown  in  figure  4.  It  is  seen  that  these  estimates  are  rather  poor  and 
that  some  consideration  must  be  given  to  the  sidewash  to  account  for 
the  variation  in  the  derivatives  with  angle  of  attack. 
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The  explaxiation  for  the  poor  agreement  between  theory  for  zero 
sidewash  and  experimental  data  for  the  static  stability  derivative 

has  been  considered  elsewhere  (refs.  12  and  15).  It  is  there- 
fore assumed  that  known  either  from  theoretical  calcula- 

tions or  from  experimental  data.  The  point  to  be  made  here  is  the 
close  relationship  between  the  static  directional  stability  and  the 
damping  in  yaw  with  regard  to  the  sidewash  effects . The  difference 
between  the  theoretical  values  of  ^^n^j  da/dp  = 0 and  the 

experimental  values  can  be  taJten  as  a measure  of  the  sidewash  term  in 
equation  (4) . At  each  angle  of  attack  these  values  of  da/dp  can  be 
used  to  revise  the  previously  estimated  value  of  (^nr  “ ^np  cos 

for  da/dp  = 0.  This  process  has  been  employed  to  obtain  the  additional 
theoretical  curve  for  damping  in  yaw  in  figure  h which  is  in  reasonable 
agreement  with  the  experimental  values . Methods  of  considering  sidewash 
which  have  been  found  applicable  for  steady  flow  at  lower  speeds  are 
evidently  applicable  to  dynamic  phenomena  at  supersonic  speeds. 

Before  leaving  the  subject  of  the  tail  surfaces  there  is  one 
further  point  to  be  made  that  is  illustrated  in  figure  5*  At  subsonic 
eind  transonic  speeds  the  vertical-tail  contribution  to  the  damping  in 
yaw  is  of  major  inportance.  For  Mach  numbers  above  2,  however,  the 
increased  damping  contribution  of  the  fuselage  and  the  decreased  tail 
effectiveness  combine  to  reduce  the  importance  of  the  vertical  tail. 

As  shown  in  figure  the  contribution  of  the  vertical  tail  at  a Mach 
number  of  5*5  is  of  secondary  importance.  At  these  Mach  numbers  the 
damping  of  the  fuselage  emerges  as  the  most  important  item. 


Damping  in  Pitch  of  Wings 

The  direct  contribution  of  the  wing  to  damping  in  pitch  is  small 
for  airplanes  having  horizontal  tails  and  wings  with  small  sweep.  The 
indirect  effect  of  the  wing  due  to  its  downwash  and  sidewash  acting  on 
the  tail  surfaces  has  been  considered  previously  in  connection  with  the 
tail.  In  the  case  of  the  tailless  airplane,  however,  the  contribution 
of  the  wing  to  the  total  damping  in  pitch  becomes  inportant.  In  fact, 
for  the  notched-triangular -wing  configuration  shown  in  figure  6,  the 
damping  would  be  almost  entirely  due  to  the  wing. 

An  abundance  of  theoretical  work  has  been  done  on  the  contribution 
of  plane  wings  to  damping  in  pitch  at  supersonic  speeds  (refs.  14,  15, 
and  l6,  e.g.),  and  the  comparisons  between  theory  and  experiment  indi- 
cate reasonably  good  agreement  (refs.  I7  and  I8) . Application  of  pre- 
vious theoretical  results  to  the  configuration  shown  in  figure  6 is 


made  difficult  because  of  the  drooped  wing  tips  and  partial  span  sweep 
of  the  trailing  edge.  These  factors  are  considered  in  the  following 
manner.  The  expression  for  damping  in  pitch  about  the  aerodynamic 
center  of  a triangular  wing  can  be  shown  from  reference  l4  to  be  equiv- 
alent to 


(6) 


The  aerodynamic  center  was  selected  since  the  test  data  indicated  that 
the  model  was  very  nearly  statically  balanced  about  the  actual  point  of 
rotation.  In  the  application  of  equation  (6)  to  the  notched- triangular^ 
wing  configuration  shown  in  figure  6,  the  value  of  the  mean  aerodynamic 
chord  c was  that  for  the  configuration  shown.  The  drooped  wing  tips 
were  considered  by  decreasing  the  span  b.  Values  of  G as  a function 
of  tan  6/tan  [i  were  obtained  from  reference  l4..  The  results  of  this 
calculation  are  shown  as  the  dashed  line  in  figure  6.  The  correspondence 
between  theory  and  experiment  shown  in  figure  6 is  reasonably  good.  How- 
ever, this  agreement  may  be  somewhat  fortuitous  and  more  detailed  theo- 
retical calculations  for  the  actual  geometry  and  more  corroborating 
experimental  data  would  be  desirable.  The  importance  of  figure  6 is  that 
it  illustrates  a method  of  applying  the  extensive  theoretical  results  of 
triangular-  and  arrow-wing  configurations  to  plan  forms  that  depart 
slightly  from  these  idealized  shapes . 


Rolling  Derivatives 

The  rolling  wing  has  been  studied  extensively  by  linearized- 
supersonic-flow  theory  and  numerical  results  are  available  for  a wide 
variety  of  plan  forms  having  arbitrary  sweep,  taper,  and  tip  rake. 

Many  of  these  results  are  summarized  in  reference  19- 

Some  results  comparing  theoretical  and  experimental  values  of 
damping  in  roll  are  presented  in  figure  7-  Th^  theoretical  values 
were  obtained  from  the  sources  summarized  in  reference  19  and  are  shown 
as  dashed  lines  in  figure  6.  Experimental  data  were  obtained  from 
oscillation  tests  on  the  three  wing-fuselage  combinations  sketched  in 
figure  7 and  the  results  are  shown  as  solid  lines. 

The  agreement  between  theory  and  experiment  is  rather  good  for  the 
unswept  wing  having  a taper  ratio  of  OA  and  somewhat  less  satisfactory 
for  the  unswept  wing  with  a taper  ratio  of  0.2.  In  determining  the 
theoretical  values,  the  effects  of  the  fuselage  on  the  damping  in  roll 
have  been  assumed  to  be  negligible.  Although  ordinarily  it  would  seem 
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* that  this  assumption  is  justified,  the  extended  side  fairings  along  the 

fuselage  of  the  model  having  a wing  with  a taper  ratio  of  0.2  may  con- 
tribute some  interference  effects  which  would  account  for  some  of  the 
differences  shown  between  theory  and  experiment. 

, The  data  for  the  notched  triangular  wing  shown  in  figure  7 require 

additional  explanation.  As  indicated  in  the  sketch,  the  tips  of  the 
wings  of  the  test  model,  from  about  65  percent  of  the  span  outboard, 
were  drooped  45°.  Analysis  shows  that  (for  a roll  axis  located  below 
the  plane  of  the  wing)  this  droop  reduces  the  pressures  due  to  rolling 
velocity  at  the  surface  of  the  drooped  section  by  the  cosine  of  the 
droop  angle,  and  the  rolling  moment  about  the  longitudinal  axis  due  to 
the  surface  pressures  is  also  reduced  by  the  cosine  of  the  droop  angle. 

For  a droop  angle  of  45°  the  incremental  rolling  moments  from  the  tip 
sections  are  reduced  by  50  percent.  Since  much  of  the  loading  from  a 
rolling  wing  is  confined  to  the  tip  sections,  it  becomes  obvious  that 
wing-tip  droop  can  have  a powerful  influence  on  the  damping  in  roll. 

These  effects  can  be  illustrated  in  the  following  manner:  The 

theoretical  curve  for  a plane  notched  triangular  wing  having  the  same 
developed  span  and  plan-form  area  as  the  test  model  is  indicated  in 
figiire  7 "the  plane  notched  triangle.  The  theoretical  curve  for  the 
notched  triangular  wing  having  drooped  tips  was  obtained  by  first 
^ evaluating  the  damping  in  roll  for  a notched  triangular  wing  having 

the  same  span  and  notch  span  as  the  projected  plan  form  of  the  test 
model  and,  second,  referring  the  damping-in-roll  derivatives  to  the 
developed  span  and  plan-form  area  of  the  test  model.  The  agreement 
with  the  experimental  data,  which  was  also  referred  to  developed  span 
^ and  plan -form  area,  is  reasonably  good. 

The  comparison  of  the  two  theoretical  curves  illustrates  the  power- 
ful effects  on  damping  in  roll  that  seemingly  innocuous  geometrical 
changes  can  produce.  In  figure  8 a small  sketch  of  the  cross  section  of 
the  notched-triangular -wing  test  model  is  shown.  The  inclination  of  the 
pressure  force  vectors  at  the  drooped  tips  under  rolling  conditions  is 
shown  and  it  is  seen  that  the  component  at  the  drooped  wing  tips  which 
produces  roll  is  reduced  from  that  for  the  plane  wing.  It  is  also 
apparent  that  the  vertical  location  of  the  center  of  gravity  can  be  very 
important  in  determining  damping  in  roll  for  wings  having  very  low 
aspect  ratio.  If  the  vertical  location  of  the  center  of  gravity  were 
above  the  wing  plane,  in  approximately  the  position  shown  in  the  phantom 
view  in  the  sketch,  the  damping  in  roll  for  a triangular  wing-  with 
drooped  tips  would  be  greater  than  that  for  a plane  triangular  wing 

in  figure  7- 

effects  on  other  lateral -directional 
derivatives.  Large  side  forces  and  yawing  moments  result  from  rolling 


rather  than  less  as  in  the  data  sho^ 
Wing-tip  droop  can  have  powerful 
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lateral  component  of  the  pressures  at  the  drooped  tips  acts 
direction  for  each  tip,  as  indicated  in  the  sketch  in  fig- 
situation  is  thus  quite  different  from  that  for  the  plane 
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experiences  no  side  force  or  yawirig 


to  rolling.  Experimental  data  for  this  configuration  at  a 
of  5.5  reveal  that  the  magnitude  of  the  yawing  moment  due 
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sin  a can  be  larger  than  the  damping  in  roll 
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sin  a,  as  shown  in  figure  8.  It  seems  clear  from  these  data 


that  the  most  important  influence  on  the  yawing  moment  due  to  rolling 
is  that  due  to  the  drooping  of  the  wing  tips,  Althoi:igh  not  presented  in 
this  paper,  similar  results  would  be  expected  and  are  apparent  in  the 
data  for  the  rolling  moment  due  to  yawing  derivative  Cj  - cos  a 

for  this  configuration. 
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CONCLUDING  REMARKS 


The  foregoing  discussion  of  the  results  of  recent  research  on  the 
rotary  derivatives  is  intended  to  place  in  better  perspective  some  of 
the  problems  encountered  in  estimating  these  derivatives  for  current 
and  future  aircraft.  It  must  be  said  frankly  that  the  subjects  were 
deliberately  selected  to  emphasize  certain  points.  Other  aspects,  even 
those  for  which  appreciable  ejq)erimental  data  are  available,  are  not 
well  enough  understood  at  the  present  time  to  discuss  with  any  clarity. 
In  this  category  are  the  derivatives  which  depend  on  sideslip  and 
sideslip  velocity  at  higher  angles  of  attack.  Those  who  have  studied 
the  rolling  moment  due  to  sideslip  derivative  Cj^  will  recognize  the 

important  influence  that  viscous  and  interference  effects  can  have  on 
the  sideslip  derivatives,  even  to  the  point  that  the  theoretically 
predicted  trends  are  masked  by  these  other  effects.  Some  anomalous 
influences  of  the  wing  on  the  tail  surfaces  under  rolling  conditions 
have  been  noted.  An  understanding  of  these  and  other  related  problems 
depends  on  further  investigation. 


REFERENCES 


4 


4( 


f 


1.  Beam,  Benjamin  H. ; A Wind-Tunnel  Test  Technique  for  Measxoring  the 

Dynamic  Rotary  Stability  Derivatives  at  Subsonic  and  Si^ersonic 
Speeds.  NACA  Rep.  I258,  195^.  (Supersedes  NACA  TN  55^7*) 

2.  Munk,  Max  M.;  The  Aerodynamic  Forces  on  Airship  Hulls.  NACA 

Rep.  184,  1924. 

5.  Jones,  Robert  T.:  Properties  of  Low-Aspect -Ratio  Pointed  Wings  at 

Speeds  Below  and  Above  the  Speed  of  Sound.  NACA  Rep.  835^  19^6. 
(Supersedes  NACA  TN  1032.) 

4.  Sacks,  Alvin  H.:  Aerodynamic  Forces,  Moments,  and  Stability  Deriva- 

+ iws  t’nr  Slender  Bodies  of  General  Cross  Section.  NACA  TN  32°3» 

1954. 

5.  Bryson,  Arthur  E.,  Jr.:  Stability  Derivatives  for  a Slender  Missile 

With  Application  to  a Wing -Body-Vertical-Tail  Configuration.  Jour. 
Aero.  Sci.,  vol.  20,  no.  May  1953^  PP-  297-508. 

6.  Dorrance,  William  H.:  Nonsteady  Supersonic  Flow  About  Pointed  Bodies 

of  Revolution.  Jour.  Aero.  Sci.,  vol.  I8,  no.  8,  Aug.  1951> 
pp.  303-311.  3^2. 

7.  Grimminger,  G.,  Williams,  E.  P.,  and  Young,  G.  B.  W.:  Lift  on 

Inclined  Bodies  of  Revolution  in  Hypersonic  Flow.  Jour.  Aero.  Sci., 
vol.  17,  no.  11,  Nov.  1950,  pp.  675-690. 

8.  Syvertson,  Clarence  A.,  and  Dennis,  David  H. : A Second-Order  Shock- 

Expansion  Method  Applicable  to  Bodies  of  Revolution  Near  Zero  Lift. 
NACA  TN  3527,  1956. 

9.  Allen,  H.  Julian,  and  Perkins,  Edward  W.:  A Study  of  Effects  of 

Viscosity  on  Flow  Over  Slender  Inclined  Bodies  of  Revolution.  NACA 
Rep.  1048,  1951.  (Supersedes  NACA  TN  2044.) 

10.  Perkins,  Courtland  D.,  and  Hage,  Robert  E.:  Airplane  Performance  - 

Stability  and  Control.  John  Wiley  and  Sons,  Inc.,  1949.  P-  220. 

11.  Buell,  Donald  A.,  Reed,  Verlin  D.,  and  Lopez,  Armando  E.:  The  Static 

and  Dynamic-Rotary  Stability  Derivatives  at  Subsonic  Speeds  of  an 
Airplane  Model  With  an  Unswept  Wing  and  a High  Horizontal  Tail. 

NACA  RM  A56104,  1956. 


12.  Spearman,  M.  Leroy,  and  Henderson,  Arthur,  Jr.:  Some  Effects  of 

Aircraft  Configuration  on  Static  Longitudinal  and  Directional 
Stability  Characteristics  at  Supersonic  Mach  Numbers  Below  5* 

NACA  Pll  L55L15a,  1956. 

15.  Nielsen,  Jack  N.,  and  Kaattari,  George  E.:  The  Effects  of  Vortex 

and  Shock-Expansion  Fields  on  Pitch  and  Yaw  Instabilities  of 
Supersonic  Airplanes.  Preprint  No.  S.M.F.  Final  Preprint, 

Inst.  Aero.  Sci.,  June  1957* 

14.  Ribner,  Herbert  S.,  and  Halves tut o,  Frank  S.,  Jr.;  Stability 

Derivatives  of  Triangular  Wings  at  Supersonic  Speeds . NACA 
Rep.  908,  1948.  (Supersedes  NACA  TN  1572.) 

15.  Brown,  C inton  E.,  and  Adams,  Mac  C.:  Damping  in  Pitch  and  Roll  of 

Triangular  Wings  at  Supersonic  Speeds.  NACA  Rep.  892,  1948. 
(Supersedes  NACA  TN  I566.) 

16.  Malvestuto,  Frank  S.,  Jr.,  and  Margolis,  Kenneth:  Theoretical 

Stability  Derivatives  of  Thin  Sweptback  Wings  Tapered  to  a Point 
With  Sweptback  or  Sweptforward  Trailing  Edges  for  a Limited  Range 
of  Supersonic  Speeds.  NACA  Rep.  971>  1950-  (Supersedes  NACA 
TN  1761.) 

17.  Henderson,  Arthur,  Jr.:  Investigation  at  Mach  Nxanbers  of  1.62, 

1.95,  and  2.4l  of  the  Effect  of  Oscillation  Amplitude  on  the 
Damping  in  Pitch  of  Delta-Wing  - Body  Combinations . NACA 
EM  L55H25,  1955. 

18.  Tobak,  Murray:  Damping  in  Pitch  of  Low-Aspect-Ratio  Wings  at  Sub- 

sonic and  Supersonic  Speeds.  NACA  RM  A52L04a,  1953. 

19.  Jones,  Arthur  L.,  and  Alksne,  Alberta:  A Summary  of  Lateral- 

Stability  Derivatives  Calculated  for  Wing  Plan  Forms  in  Super- 
sonic Flow.  NACA  Rep.  IO52,  1951* 


BODY  SYSTEM  OF  AXES 


Figure  1 


A COMPARISON  OF  EXPERIMENTAL  DATA  FOR  SEVERAL 
FUSELAGE  ARRANGEMENTS  vViTn  SLENDER- BODY 


DAMPING 


Cmq+Cma 


OR 


EXP 


THEO  I U- 


THEORY,  a=0" 


SLENDER-BODY  THEORY 


C OGIVE  CYLINDER 
□ PITCH  DATA,  BODY-WING 
O PITCH  DATA,  BODY  ALONE 
YAW  DATA,  BODY-WING 
Ci  YAW  DATA,  BODY-WING 


CNq* 


2r 


EXP  I 


0’ THEO 


/THEORY  a EXP,  REFS 
DATA,  REF  7 


SLENDER-BODY  THEORY 


3 4 5 

MACH  NUMBER 


Figure  2 


A COMPARISON  OF  EXPERIMENTAL  DATA  WITH  THEORY  FOR 
THE  CONTRIBUTION  OF  A HIGH  HORIZONTAL  TAIL  BEHIND  A 

WING,  a = 0° 


STATIC-LONGITUDINAL-STAB.  DERIVATIVE 


M 


Figure  5 


CONTRIBUTION  OF  VERTICAL  TAI  L TO  THE 
STATIC-DIRECTIONAL-STABILITY  AND  DAMPING-IN- 
YAW DERIVATIVES 


M = 3.0 


Figure  4 


DAMPING  IN  YAW  OF  AIRPLANE  MODEL 
WITH  AND  WITHOUT  VERTICAL  TAIL 


2 3 

M 

Figure  5 


3 IN  PITCH  OF  A NOTCHED-TRIANGULAR 
WING  CONFIGURATION,  a=0" 


2 

MACH  NO. 


3 


Figure  6 


o||o- 


» uls  »u!S 


CORRELATION  OF  DAMPING-IN-ROLL  PARAMETER  WITH 
ASPECT-RATIO  PARAMETER  FOR  SEVERAL  WING  PLANFORMS 


Figure  7 


ROLLING  DERIVATIVES  FOR  NOTCHED-TRIANGULAR-WING- 
CONFIGURATION  HAVING  DROOPED  TIPS 


Figure  8 


k03 


54  Y 


\ 

EVALUATION  OF  SOME  AERODYNAMIC  CONTROLS  FOR  A 
^ MISSILE  HAVING  LOW  ASPECT  RATIO 

* Warren  Winovlch  and  Nancy  S.  Higdon 

Ames  Aeronautical  Laboratory 

INTRODUCTION 

The  selection  of  a particular  control  for  a given  missile  is  fre- 
auentlv  a compromise  over  cunflictiiiK  requirements . Fx-uiu  the  conLx-ol 
viewpoint,  the  inherent  advantage  of  the  small  center-of-press\ire  travel 
that  is  characteristic  of  delta  configurations  having  low  aspect  ratio 
'•  places  a premi\om  on  control  types  that  preserve  or  improve  this  feature. 

The  purpose  of  this  paper  is  to  discuss  the  results  of  a static- 
stability-eontrols  investigation  carried  out  with  the  missile  configura- 
" tion  shown  in  figure  1.  Besides  small  center-of-press\are  travel  with 

Mach  number,  the  low-aspect -ratio  configuration  was  chosen  because  of  the 
inherently  small  induced  rolling  moment  developed  during  maneuvering 
conditions.  The  basic  wing-body  combination  (fig.  1)  consists  of  a 
5-caliber  ogive  nose  with  a cylindrical  afterbody  fitted  with  a cruci- 
form wing.  Overall  body  length  is  10  diameters.  The  cruciform  wing 
has  a delta  plan  form  with  an  aspect  ratio  of  3/8.  Wing  panels  consist 
of  flat  plates  with  leading  and  trailing  edges  beveled.  The  model  was 
tested  with  three  basic  control  types  (fig.  1) ; a tail  control,  a canard 
control,  and  a nose  control.  The  center-of-gravity  positions  to  allow  a 
static  margin  of  0.2  diameter  at  Mach  number  2 resulted  in  shorter  moment 
arms  for  the  canards;  all  center-of-gravity  stations  are  in  the  range  of 
^5  to  55  percent  of  the  body,  which  represents  realistic  values. 


DISCUSSION 


The  details  of  the  controls  are  shown  in  figure  2.  Three  types  were 
tested:  a diamond-plan-form  control  with  a balanced  hinge  line;  a rec- 

tarigular  control  with  a balanced  hinge  line;  and  a swiveling  nose  control. 
The  planar  types  both  have  wedge-shaped  cross  sections  to  reduce  center- 
of -pressure  movement  on  the  control.  The  swivel  nose  control  consists  of 
a forward  position  of  the  ogive  nose  that  pivots  in  the  pitch  plane  rela- 
tive to  the  body  axis . The  swiveling  portion  was  designed  to  have  the 
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same  plan-form  area  as  "two  of  the  planar  surfaces  to  make  control  effects 
comparable  on  an  area  basis . 
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ror  T<ne  aiamona-pxan-ioriii  cascS^  i/iic  t;unoj.vzj.o 
tated  with  respect  to  the  wings  as  well  as  inline  with  the  wings.  Hence, 
all  four  panels  were  deflected,  and  the  effective  control  area  in  the 
pitch  plane  was  increased  by  a factor  equal  to  the  square  root  of  2.  This 
factor  should  be  recognized  when  comparisons  are  made  between  inline  and 
interdigitated  controls,  particularly  in  the  case  of  control  effectiveness. 


An  assessment  of  control  adequacy  depends  on  prerequisites  estab- 
lished by  the  intended  mission.  Among  the  desirable  control  q-ualities 
of  an  interceptor  type  of  missile  is  that  of  possessing  stable  equilib- 
rium over  its  operational  range  with  regards  to  angle  of  attack  as  well 
as  Mach  number.  For  simplicity  of  the  guidance  system,  there  should  be 
no  control  reversal.  Further,  the  missile  should  be  able  to  fly  at  trimmed 
conditions  without  unduly  high  trim-drag  penalties.  Also,  control  effec- 
tiveness shotild  be  sufficiently  high  to  allow  for  development  of  large 
normal  forces  to  yield  rapid  response  crates. 


The  criteria  just  given  are  satisfied  for  a missile  that  is  able  to 
operate  at  a small  static-stability  margin  with  no  inherent  control  rever- 
sal introduced  by  configuration  nonlinearities  and  one  which  possesses  a 
control  with  high  effectiveness.  This  discussion  specifies  for  the 
given  configuration  which  control  type , tail  control  or  canard  control, 
inline  or  interdigitated,  or  nose  control,  has  the  best  qualities. 


The  effect  of  the  addition  of  controls  to  the  basic  wing-body  combi- 
nation is  shown  in  figure  5.  The  center  of  pressvire  measured  from  the 
nose  of  the  missile  x/d  is  plotted  as  a function  of  angle  of  attack  a 
for  0°  control  deflection  at  Mach  number  5.  The  small  center-of -pres sure 
travel  for  the  basic  wing-body  combination  is  retained  up  to  Mach  num- 
ber 5.  For  comparison,  the  body-alone  center-of -pressarre  travel  is  also 
shown  to  illustrate  the  advantage  gained  by  using  a low-aspect -ratio  wing. 
Adding  canard  surfaces  in  the  Interdigitated  position  causes  an  increase 
in  the  center-of -pressure  travel  at  small  angles  of  attack.  On  the  other 
hand,  adding  the  tail  control  in  the  interdigitated  position  improves 
the  center-of -pressure  travel  of  the  basic  wing-body  combination.  For 
this  case,  center-of -pressirre  travel  is  independent  of  angle  of  attack 
and  lies  on  the  centroid  of  plan-form  area.  Thus,  for  the  configuration 
of  the  present  test,  addition  of  control  area  behind  the  centroid  of  area 
of  the  basic  wing-body  combination  reduces  center-of -pressure  travel 
whereas  addition  of  control  area  ahead  of  the  centroid  of  area  increases 
the  center-of -pressure  travel. 

The  extremely  small  center -of -pres sure  travel  shown  for  the  inter- 
digitated tail  controls  results  in  linear  pitching-moment  curves  that. 
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in  turn,  allow  the  missile  to  be  trimmed  to  small  values  of  static  margin 
with  no  inherent  control  reversal.  On  the  other  hsmd,  the  center-of- 
pressvire  travel  indicated  for  the  canard  case  results  in  nonlinearities 
in  the  pitching  moment  at  small  angles  of  attack,  and  therefore  yields 
higher  trim  penalties. 

In  figure  4 the  control  effectiveness  at  Mach  number  2 for  the 
canard  and  tail  controls  is  shown.  The  Incremental  pitching-moment 
coefficient  is  plotted  against  control  deflection  8 for  angles 

of  attack  of  0°  and  l4°.  At  0°,  as  would  be  expected,  the  incremental 
pitching-moment  coefficient  for  the  interdigitated  cases  is  greater  than 
that  for  the  inline  case  by  a factor  approximately  equal  to  the  square 
root  of  2.  A comparison  of  the  canard  and  tail-rearward  types  shows 
that  the  canards  are  much  more  effective  at  small  control  deflections . 

This  indicates  that,  for  this  specific  canard  configuration  where  the 
control  span  is  the  same  as  the  wing  span,  unexpected  favorable  inter- 
ference occurs . When  operating  at  combined  single  of  attack  and  control 
deflection  at  this  Mach  number,  the  canard  configurations  show  a reduc- 
tion of  control  effectiveness  which  is  of  the  order  of  50  percent  at  an 
angle  of  attack  of  l4°  and  large  control  deflection.  This  is  caused  by 
the  stalling  of  the  canard  surfaces  which  are  deflected  positively  to 
trim.  For  the  interdigitated  tail  control,  however,  there  is  essentially 
no  change  in  control  effectiveness  at  combined  angle  of  attack  and  con- 
trol deflection.  The  inline  tail  controls  exhibit  a constant  control- 
effectiveness  reduction  of  about  15  percent  at  combined  angle  of  attack 
and  control  deflection  owing  to  their  location  in  the  wake  of  the  wing. 
Therefore,  the  interdigitated  tail  realizes  a gain  in  control  effective- 
ness which  is  greater  than  the  square-root-of-2  factor. 

In  figure  5^  tbe  effect  of  Mach  number  on  control  effectiveness  is 
shown  for  the  canard  and  tail  controls . The  arrangement  is  the  same  as 
that  for  the  preceding  figure  except  that  the  Mach  number  is  3*  At 
0°  angle  of  attack,  the  incremental  pitching- moment  coefficient  is 

decreased  by  the  inverse  ratio  of  p = \Zm^  - 1 in  accordance  with  linear 
theory.  This  holds  for  all  of  the  planar  control  types  tested.  At  com- 
bined control  deflection  and  angle  of  attack  at  Mach  number  3>  the  inter- 
digitated canard  control  exhibits  favorable  interference,  Just  the  opposite 
of  the  effect  found  at  Mach  number  2.  The  interdigitated  tail  control, 
however,  shows  a negligible  effect  of  angle  of  attack  at  both  Mach  numbers. 

The  rectangular-plan-form  tail  control  develops  the  same  control 
effectiveness  at  small  angles  of  attack  as  does  the  diajirand-plan-form 
control.  At  combined  angle  of  attack  and  control  deflection  the 
rectangular-plan-form  control  with  one -quarter-chord  gap  retains  control 
effectiveness.  The  effect  of  decreasing  the  gap  from  one-q\iarter  chord 
to  zero  was  to  linearize  the  pitching  moment.  The  linearizing  effect  of 
the  zero-gap  rectangular-plan-form  tail  control  can  be  attributed  to 


viscous  effects  which  prevent  the  flow  from  passing  through  the  wing- 
control  gap  as  the  co-ntrol  unports  initially.  The  more  linear  variation 
of  pitching-moment  coefficient  resulted  in  slightly  higher  trim  normal- 
force  coefficients  than  were  obtained  for  both  the  inline  diamond  con- 
figuration and  the  one -quarter -chord  gap  rectangular  tail  conf igiu'ation. 

For  the  swivel  nose  control  it  was  found  that  control  effectiveness 
increased  slightly  between  Mach  n^ombers  2 and  5.  An  analysis  in  which 
control  effectiveness  was  calculated^  assuming  that  the  swiveling  ogive 
can  be  replaced  by  a cone^  predicts  such  an  increase.  However,  the 
effectiveness  of  the  nose  control  is  low;  for  example,  at  Mach  number  5 
it  is  less  than  half  the  value  corresponding  to  the  interdigitated  tail 
control . 

The  effect  of  bank  angle  on  pitching -moment  effectiveness  is  shown 
in  figure  6.  For  the  case  shown,  the  missile  receives  a command  to 
maneuver  toward  a.  target  that  is  at  an  angle  0 relative  to  the  missile. 
The  maneuver  is  accomplished  by  deflecting  all  four  control  panels  to  go 
directly  to  the  target  without  rolling.  The  control  effectiveness 

shown  on  the  ordinate  is  developed  in  the  plane  of  the  target.  The 
dashed  lines  represent  linear  theory  with  no  regard  for  interference 
effects . The  points  are  results  of  wind-tunnel  tests  at  Mach  number  3 
and  an  angle  of  attack  of  12^. 

The  theory  indicates  no  advantage  for  either  type  of  control  owing 
to  symmetry  at  However,  at  45^  “the  inline  configuration  does  not 

realize  the  theoretical  prediction  because  of  the  location  of  the  control 
panels  in  the  wakes  of  the  wings.  The  interdigitated  control,  which  is 
positioned  more  favorably,  has  no  wake  interference  effects  and  develops 
practically  as  much  pitching  effectiveness  as  the  inline  control  at  45^. 
Thus,  the  interdigitated  control  has  a slight  advantage  in  this  maneuver 
over  a wider  angle  range. 

For  the  long-chord  low-aspect-ratio  configuration  at  combined  angles 
of  attack  and  sideslip,  tests  at  the  Langley  Aeronautical  Laboratory  and 
the  Ames  Aeronautical  Laboratory  have  shown  that  there  is  adequate  roll 
control  up  to  Mach  number  6. 

In  figure  7,  the  trim  capabilities  of  the  control  types  are  compared. 
In  this  figure  trim  normal-force  coefficient  plotted  as  a func- 
tion of  the  trim  control  deflection  at  Mach  number  3.  Ail  types 

were  trimmed  to  the  same  static  margin  to  make  this  comparison.  Owing  to 
the  excellent  center-of -pressure  characteristics  the  interdigitated  tail 
control  develops  the  highest  normal  force  for  a given  control  deflection. 
Although  the  interdigitated  canard  showed  the  largest  center-of -pressure 
travel,  the  favorable  interference  that  was  observed  to  exist  enables 
this  control  type  to  develop  high  normal  forces  also.  The  lowest  curve 


represents  the  swivel-nose-control  case  as  well  as  the  inline  diamond 
and  rectangular  tail  and  canard  controls.  As  shown,  the  maximum  trim 
normal-force  coefficient  for  this  group  is  only  slightly  greater  than  2. 
:^y  resorting  to  interdigitation  of  the  control  panels  it  is  possible, 
therefore,  to  develop  over  twice  the  trim  normal  force  relative  to  the 
inline  types. 

The  trim  lift-drag  polars  are  shown  in  figure  8.  The  trim  lift 
coefficient  is  shown  as  a function  of  the  trim  drag  coefficient  at  Mach 
number  3 for  the  various  configurations . The  dashed  line  represents  the 
untrimmed  case  which  is  essentially  the  same  for  all  control  types.  The 
minimum  drag  for  the  canard  types  is  slightly  higher  than  that  for  the 
tail-rearward  types.  For  any  given  lift  coefficient  the  plot  shows  that 
the  drag  penalty  is  least  for  the  interdigitated-tail-control  types. 

In  figure  9 "the  comparison  is  made  of  the  agreement  between  experi- 
mental and  predicted  control  effectiveness  as  a function  of  Mach  nvunber. 
The  dashed  curve  is  the  result  of  linear  theory  which  has  been  modified 
to  acco-unt  for  panel-body  interference.  The  circles  represent  experi- 
mental data  for  the  interdigitated  tail  control.  Theory  overpredicts 
control  effectiveness  by  an  almost  constant  percentage.  The  trend  pre- 
dicted by  linear  theory  of  the  falloff  of  effectiveness  with  Mach  number 
holds  for  Mach  nvimbers  up  to  6.  Although  the  control  effectiveness 
decreases  with  Mach  number,  the  good  moment  characteristics  of  the  inter- 
digitated tail  control  at  combined  control  deflection  and  angle  of  attack 
still  allow  large  trim  forces  to  be  developed  at  the  higher  Mach  numbers. 

In  figure  10  the  same  comparison  is  shown  for  the  interdigitated 
canard  control.  For  this  case,  theory  underpredicts  the  experimental 
values.  This  occurs  over  the  entire  Mach  number  range  and  illustrates 
that  favorable  interference  acts  to  increase  the  control  effectiveness 
at  0°  angle  of  attack  for  this  particular  canard  surface.  However,  at 
combined  control  deflection  and  angle  of  attack  it  has  been  noted  that 
the  interference  can  be  unfavorable.  The  decrease  of  control  effective- 
ness with  Mach  number  is  again  closely  predicted  by  linear  theory. 


CONCLUDING  BEMkEKS 


For  the  delta  configuration  having  low  aspect  ratio  tested  in  this 
investigation,  the  interdigitated  tail  control  comes  closest  to  satisfying 
the  criteria  given.  This  control  actually  improves  the  stability  of  the 
basic  wing-body  combination.  Small  center-of -pressure  travel  allows 
trimming  at  small  stability  margin  with  subsequent  small  trim-drag  pen- 
alties. Larger  trim  normal  forces  can  be  developed  for  this  control  than 
can  be  developed  for  inline -control  types.  Finally,  the  favorable  location 
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of  "the  control  panels  away  from  the  wing  wake  minimizes  interference 
effects  so  that  the  control  effectiveness  is  maintained  over  wide  limits. 
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MANEUVER  PERFORMANCE  OF  INTERCEPTOR  MISSILES 
By  David  G,  Stone 
Langley  Aeronautical  Laboratory 


SUMMARY 


From  an  analysis  of  a point  defense  against  ballistic  missiles  with 
an  intercept  near  an  altitude  of  140^000  feet^  a lift  coefficient  from  2 
to  5 is  shown  to  be  required  of  the  antimissile  missile.  This  lift  is 
readily  obtained  from  missile  conf igirrations  having  small  low-aspect- 
r^tio  sijrt'aces  ana  even  rrom  bodies  alone  at  higher  angles  of  attack. 
Preliminary  wind-tunnel  tests  at  Mach  numbers  of  4.65  and  6.8  have  indi- 
cated trailing-edge  controls  to  be  poor  in  trimming  a low-aspect-ratio 
configuration  to  the  required  lift^  whereas  an  all -movable  forward  s^or- 
face  with  a short  lever  arm  on  a flared-skirt  configuration  shows  ade- 
quate trim  lift  characteristics.  These  preliminary  analyses  and  wind- 
tunnel  tests  indicate  that  more  research  should  be  done  on  controls, 
either  aerodynamic  or  reaction  type,  so  that  interceptor -missile  con- 
figurations may  be  trimmed  to  the  angles  of  attack  required  to  develop 
the  necessary  turning  force. 


INTRODUCTION 


The  performance  criterion  for  an  interceptor  missile  to  defend 
against  ballistic  missiles  is  turning  force  sufficient  to  intercept  the 
target  as  well  as  drag  characteristics  that  do  not  degrade  the  ability 
of  the  rocket  motor  to  obtain  high  altitude  and  range  in  a short  length 
of  time. 
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lift  coefficient 
normal-force  coefficient 
trim  normal-force  coefficient 
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acceleration  due  to  gravity 
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lift -drag  ratio 
trim  lift -drag  ratio 

length  of  missile 
Mach  mmiber 
time,  sec 

incremental  time,  sec 

distance  from  nose  to  center  of  gravity 
center-of -gravity  location 
angle  of  attack,  deg 
trim  angle  of  attack,  deg 

deflections  of  control  surface,  deg 


DISCUSSION 


In  order  to  aid  in  determining  the  aerodynamic  lifting  force  that 
may  he  required  of  an  antimissile  missile,  a purely  arbitrary  problem 
of  intercepting  an  intercontinental  ballistic  missile  (iCBM)  was  set 
up.  A point-defense  problem  was  considered.  Figure  1 presents  the 
conditions,  trajectories,  and  requirements  for  an  antimissile  missile 
that  is  maneuvered  by  aerodynamic  forces  and  aerodynamic  controls.  The 
arbitrary  conditions  for  point  defense  were  to  intercept  an  ICBM  warhead 
at  an  altitude  of  l40,00C  feet  at  a minimum  range  from  launch  of  40  nau- 
tical miles.  The  missile  considered  consisted  of  a so-called  aerodynamic 
steerable  stage  that  places  the  warhead  stage  at  114-0,000  feet  in  hO  sec- 
onds so  that  the  warhead  stage  may  malce  the  final  correction  to  intercept 
(in  the  order  of  2 nautical  miles)  in  several  more  seconds.  In  the  fig- 
ure, altitude  is  shown  plotted  against  horizontal  range.  The  ICBM  path 
enters  at  20^  and  the  antimissile  launch  point  is  somewhere  beneath  this, 
path.  If  atmosphere  is  not  considered,  the  zero  point  on  the  range  is 
the  extension  of  the  ICBM  path  to  theoretical  impact.  The  curved  tra- 
jectories illustrate  the  paths  of  the  antimissile  for  two  different 
turning  forces  or  lift.  In  detail,  the  missile  is  launched  at  70*^  and 


boosted  to  a Mach  niitriber  of  6 between  altitudes  of  20,000  and  50,000  feet 
in  nonguided  flight.  Then  the  missile  coasts  and  makes  an  "aerodynamic 
turn."  For  example,  two  turns  are  shown:  one  for  a lift  coefficient  of 
2 for  a duration  of  I5  seconds  and  another  for  Cj^  = 5 for  a duration 

of  5 seconds.  A value  of  Cl  of  5 causes  the  missile  to  tvirn  too  much 

for  this  70°  launch  angle;  however,  if  the  launch  angle  were  80°,  a value 
of  Cl  of  5 would  be  required  to  obtain  a trajectory  similar  to  the  one 

shown  fully.  At  the  end  of  this  "aerodynamic  tinrn"  the  sustainer  rocket 
is  fired  to  accelerate  the  missile  to  M = 10  so  that  the  desired  inter- 
cept point  may  be  reached  in  time . The  latter  part  of  the  path  is  a 
ballistic  trajectory  to  the  point  of  near  intercept. 

The  important  point  of  this  trajectory  analysis  is  that  lift  coeffi- 
cients, based  on  body  cross-sectioned  area,  in  the  range  of  2 to  3 
required  for  maneuver  performance.  This  represents  normal  accelerations 
in  the  order  of  50S«  Also,  note  that  when  the  missile  is  at  high  angles 
of  attack  in  the  denser  air  the  Mach  number  is  not  excessive. 

Configurations  that  are  capable  of  producing  lift  forces  of  this 
magnitude  have  been  tested  in  wind  tunnels  and  are  reported  in  refer- 
ences 1 to  5-  Two  configurations  having  different  aerodynamic  controls 
and  their  trim  capabilities  will  be  shown  for  Mach  mmibers  of  4.65  and 
6.8  as  obtained  in  the  Langley  Unitary  Plan  wind  tunnel  and  in  the 
Langley  11-inch  hypersonic  tunnel.  The  two  configurations  are  shown  in 
figure  2.  Based  on  body  length,  the  Reynolds  number  is  12.5  X 10^  for 
the  data  at  M = 4.65  and  3 X 10^  for  the  data  at  M = 6.8.  Figvire  5(a) 
summarizes  the  resvilts  at  M = 4.65  for  a low-aspect-ratio  long-chord 
delta  cruciform  configuration  having  trailing -edge  controls.  Plotted 
as  the  ordinate  is  the  trim  normal-force  coefficient  based  on  body  cross- 
sectional  area  against  the  center -of -gravity  location  for  two  deflections 
of  the  controls.  These  data  show  that  in  order  to  reach  required  values 
of  normal -force  coefficient  from  2 to  5^  the  static  stability  must  be 
quite  low,  in  fact,  near  neutrally  stable.  The  boundai^  mark  indicates 
the  position  of  neutral  stability.  This  is  realistic  because  neutral 
stability  should  be  no  problem  inasmuch  as  the  moment  characteristics  of 
long-chord  configurations  are  so  nearly  linear  and  have  no  adverse  static 
stability  characteristics.  Note  that  trim  angles  of  attack  arovind  15° 
are  required.  The  static  margin  to  obtain  values  of  Cjj  from  2 to  5 is 

in  the  order  of  0.2  body  diameters,  the  value  at  which  Warren  Winovich 
and  Nancy  S.  Higdon  in  the  preceding  paper  compared  various  controls. 
Shown  again  in  figure  3(i>)  is  the  trimmed  lift  effectiveness  at  M = 6.8. 
Note  the  severe  reduction  in  effectiveness  of  the  trailing-edge  controls 
that  are  directly  behind  the  wing.  Of  course,  at  a Mach  number  of  6.8 
the  trailing-edge  controls  are  incapable  of  producing  the  required  values 
of  Cjj  from  2 to  5-  If  these  controls  were  all -movable  and  interdigi- 

tated  with  respect  to  the  wings,  the  large  reduction  in  effectiveness 
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would  not  occxrr  at  M = 6 as  pointed  out  in  the  paper  by  Winovich  eind 
Higdon. 
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shown  in  figiire  U as  the  trim  lift -drag  ratio  plotted  eigainst  center- 
oi -gravity  location  for  a Mach  numoer  of  4.6>.  These  results  also 
emphasize  the  need  for  low  static  margin  to  obtain  better  values  of 
(L/D)q^jj^.  The  untriramed  L/D  capabilities  of  this  configuration  are 

slightly  better  than  5 as  compared  with  (L/D)^j^^  of  slightly  over  2. 


Therefore,  the  trailing -edge  controls  are  incapable  of  producing  the 
full  L/D  capabilities  of  the  configuration. 


A different  configuration  is  presented  in  figure  5(a).  Shown  is 
Cjj  trim  plotted  against  center-of -gravity  location  for  a f lared-skirt - 

stabilized  configuration  with  an  all -movable  surface  just  in  front  of 
the  center  of  gravity.  Data  for  two  deflections  of  the  control  surface 
are  presented.  Again  for  even  this  configuration  the  static  stability 
must  be  quite  low  at  M = 4.65  to  obtain  the  required  values  of  Cjj  TRIM 

from  2 to  3*  Note  that  the  trim  angles  of  attack  are  near  12°.  The 
control  lift  effectiveness  is  quite  high,  accounting  for  the  trim  capa- 
bilities. Shown  in  figure  5(l)  is  the  trimmed  lift  effectiveness  at 
M = 6.8.  At  this  higher  Mach  number,  ample  Cjj  trim  capabilities  are 

available  for  this  configuration  at  trim  angles  of  attack  near  14°. 


The  trimmed  lift-drag  characteristics  of  the  flared-skirt  configu- 
ration under  these  conditions  are  shown  in  figure  6(a)  for  M = 4.65 
and  in  figure  6(b)  for  M = 6.8.  The  trimmed  lift -drag  characteristics 
are  no  better  than  for  the  long-chord  delta  configuration,  but  the 
untrimmed  lift-drag  ratio  for  the  flared-skirt  configuration  is  only 
slightly  better  than  2.  Therefore,  the  all -movable  forward  surface 
develops  (^/^^TRIM  capabilities  that  are  the  maxim-urn  available  from 

the  configuration. 

The  preceding  data  indicate  that  aerodynamic  controls  may  be  a 
problem  for  the  antimissile  missile.  That  is,  the  all-movable -surface 
configurations  may  have  severe  heating  and  interference  effects,  and  the 
trailing -edge  controls  are  ineffective  at  high  supersonic  speeds.  How- 
ever, the  aerodynamic  lifting  capabilities  are  adequate.  Therefore, 
this  suggests  some  form  of  nonaerodynamic  or  reaction  control  for  trimming. 

For  purposes  of  comparison,  another  analysis  was  made  for  a hypo- 
thetical wingless  missile  to  do  the  same  arbitrary  point-defense  job 
as  the  winged  aerodynamic-controlled  missile.  The  basic  premise  of 
this  analysis  was  that  the  turning  force  would  come  from  the  body  lift 
and  the  coirponent  of  the  thrust  vector  due  to  angle  of  attack  only. 


* 


Therefore,  the  booster  or  sustainer  rocket  motors  must  be  active  during 
the  entire  50  seconds  of  flight  to  l40,000  feet.  Figure  7 presents  the 
trajectory  and  requirements  for  this  wingless  configuration.  Plotted 
is  the  altitude  against  the  horizontal  range  for  the  trajectory  shown. 
The  missile  is  launched  at  an  angle  of  70°  and  at  an  altitude  of  about 
20^000  feet  the  turn  begins  while  the  booster  is  burning.  This  turn 
requires  a lift  coefficient  of  about  2 (based  on  body  cross-sectional 
area) . Most  of  the  turn  is  accomplished  during  boost  where  the  Mach 
number  varies  slowly  between  4 and  6 in  the  denser  air,  the  interval 
between  I3  seconds  and  30  seconds.  Then,  the  booster  drops  off  near 
80,000  feet  and  the  missile,  still  utilizing  body  lift  and  using  a two- 
step-thrust  or  dual -thrust  sustainer  motor,  completes  the  turn  into 
the  required  trajectory  in  the  required  time  to  place  the  warhead  stage 
at  l40,000  feet  in  50  seconds.  Above  the  trajectory  plot  in  figure  7 
is  shown  the  effective  lift-drag  ratio  experienced  during  this  particu- 
lar programed  turn.  The  solid  line  indicates  the  total  effective  lifL- 
drag  ratio,  which  is  the  sum  of  the  aerodynamic  lift -drag  ratio  and  the 
components  attributed  to  the  rocket  thrust.  The  dashed  line  shows  the 
aerodynamic  lift-drag  ratio  of  the  body  alone  involved.  Also  shown  is 
the  angle  of  attack  to  develop  the  required  lift  coefficient  and  the 
tilting  of  the  tlirust  vector.  Note  that  at  the  beginning  of  the  turn 
most  of  the  turn  is  accomplished  with  body  lift  whereas,  as  the  altitude 
increases  (that  is,  as  the  aerodynamic  lift  and  drag  in  pounds  become 
smaller),  the  tilting  of  the  thrust  vector  is  of  greater  importance. 


CONCLUDING  REMARKS 


From  these  preliminary  wind-tunnel  tests  of  interceptor  missile  con 
figurations  and  the  analysis  of  point  defense  against  ballistic  missiles 
it  is  concluded  that  adequate  aerodynamic  lift  is  readily  available  and 
should  be  utilized  when  operating  under  high-dynamic-pressure  conditions 
and  that  more  work  should  be  done  on  controls,  either  aerodynamic  or 
reaction  type,  so  that  the  configurations  may  be  trimmed  to  the  angles 
of  attack  required  to  develop  the  necessary  turning  force. 


420 


REFERENCES 


Jor^Gnscn^  LgIsjicI.  clUu.  ICcl4scia^  EHiO"t*t 


rt  a.iig,— JJVJVJ.J 


With  Wings  of  Very  Low  Aspect  Ratio  at  Supersonic  Speeds.  NACA 
KM  Ap6oi6,  iy:?6. 


2.  Katzen,  Elliott  D.,  and  Jorgensen,  Leland  H. : Aerodynamics  of  Mis- 

siles Employing  Wings  of  Very  Low  Aspect  Ratio.  NACA  RM  A55L15'b, 

1956. 


3.  Turner,  Kenneth  L.,  and  Appich,  W.  H.,  Jr.:  Investigation  of  the 

Static  Stability  Characteristics  of  Five  Hypersonic  Missile  Con- 
figurations at  Mach  Nimbers  From  2.29  to  4.65-  NACA  RM  L58D04, 

1958. 


4.  Robinson,  Ross  B. : Wind-Tunnel  Investigation  at  a Mach  Number  of 

2.01  of  the  Aerodynamic  Characteristics  in  Combined  Angles  of  Attack 
and  Sideslip  of  Several  Hypersonic  Missile  Conflg\arations  With  Vari- 
ous Canard  Controls.  NACA  M L58A2I,  1958. 


5.  Robinson,  Ross  B.,  and  Bernot,  Peter  T.:  Aerodynamic  Characteristics 

at  a Mach  Number  of  6.8  of  Two  Hypersonic  Missile  Config\irations, 
One  With  Low-Aspect -Ratio  Cruciform  Fins  and  Trailing -Edge  Flaps 
and  One  With  a Flared  Afterbody  and  All-Movable  Controls.  NACA 
RI'l  L58D24,  1958.  (Prospective  NACA  paper.) 


m 


AERODYNAMIC -PERFORMANCE  REQUIREMENTS 
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Figure  1 


LOW-ASPECT-RATIO  LONG-CHORD  DELTA  MISSILE  CONFIGURATION 
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FLARED-SKIRT-STABILIZED  MISSILE  CONFIGURATION  WITH 
ALL-MOVABLE  FORWARD  SURFACE 


Figure  2 
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Figure  3(a) 


TRIMMED  LIFT  EFFECTIVENESS 
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M=4.65 


TRIMMED  LIFT-DRAG  CHARACTERISTICS 
M : 4.65 


.45 


.50 


.55 


.60 


CENTER-0F-6RAVITY  LOCATION,  y 


Figure  6(a) 


TRIMMED  LIFT-DRAG  CHARACTERISTICS 
M»6.8 


Figure  6(b) 
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WINGLESS  CONFIGURATION 
CONTINUOUS -BURNING  ROCKET  MOTORS 


Figxire  7 


SOME  PRELIMIMEY  EXPERIMENTS  ON  HIGH-SPEED  IMPACT  WITH 


APPLICATION  TO  THE  PROBLEM  OF  DEFENSE  AGAINST 
INTERCONTINENTAL  BALLISTIC  MISSILES 
By  A.  C.  Charters 
Ames  Aeronautical  Laboratory 


INTRODUCTION 


The  intercontinental  ballistic  missile  (iCBM)  has  been  called  "an 
ultimate  weapon"  because  it  appears  next  to  impossible  to  stop  once  it 
has  been  launched.  In  truth  the  ICBM  is  a difficult  q,uarry.  Destroying 
it  in  flight  is  like  shooting  down  a rifle  bullet.  On  the  other  hand, 
this  weapon  is  sure  to  be  used  in  any  major  conflict,  as  recent  events 
have  demonstrated  conclusively,  and  it  is  vital  for  oior  own  welfare  that 
we  piarsue  the  development  of  an  adequate  defense. 

If  an  engineering  problem  is  unusually  difficult,  a fruitful  approach 
sometimes  is  to  seek  a special  solution  which  is  strictly  valid  only  for 
limited  conditions . Often,  partial  answers  will  point  the  way  to  a solu- 
tion of  the  whole  problem.  This  approach  is  taken  here.  A special  solu- 
tion to  the  defense  problem  is  being  sought  out;  a particular  method,  as 
it  were,  of  attacking  and  destroying  the  ICBM  as  it  approaches  its  target. 

The  essence  of  the  method  is  to  destroy  the  ICBM  by  perforating  its 
heat  shield  with  a small  projectile.  Its  Impact  on  the  shield  will  open 
up  a hole  having  a diameter  greater  than  the  thickness  and  will  expose 
the  interior  to  a stream  of  hot  gas  similar  to  the  flame  of  an  oxyacety- 
lene  cutting  torch.  It  is  reasonable  to  suppose  that  a cutting- torch 
flame  played  on  the  delicate  nuclear  warhead  would  wreak  havoc  in  short 
order.  Although  it  is  not  definite  that  perforation  of  the  heat  shield 
will  be  lethal,  this  will  be  the  underlying  hypothesis. 

The  ICBM  will  supply  the  velocity  for  the  impact,  of  course,  and  it 
is  only  necessary  to  place  the  projectile  in  its  path.  The  impact  will 
take  place  at  ICBM  entry  speed,  and  engineering  calculations  must  be 
based  on  a knowledge  of  impact  at  velocities  of  20,000  ft/sec  and  above. 
Unfortunately,  little  is  known  about  impact  at  these  speeds,  and  a limited 
program  of  research  is  being  carried  out  by  the  NA.CA  to  fill  the  gap. 
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The  purpose  of  this  paper  is  twofold:  first,  to  present  the  results 

from  the  impact  program  to  date;  second,  to  apply  these  to  roughing-out 
the  general  dimensions  of  a weapons  system. 

pp TTT  TMiTT A •py  results  of  HIGH-SPEED  IMPACT  F.ESEAP.CH 


Experimental  Procedure 

The  program  of  research  has  consisted  of  firing  small  spheres  at 
thick  copper  plates,  since  it  is  "believed  that  copper  is  a material 
whose  properties  may  make  it  suitable  for  an  ICBM  heat  shield.  The  test 
apparatus  is  shown  in  figure  1.  The  spheres  were  fired  from  the  gun  at 
the  left,  traversed  several  chambers,  and  struck  the  target  at  the  right. 
All  spheres  were  made  of  metal  and  had  a diameter  of  l/8  inch,  except  in 
one  series  of  tests.  They  were  fired  in  a sabot,  shown  in  the  sketch, 
which  separated  into  two  .halves  on  leaving  the  muzzle  and  were  trapped  in 
the  blast  tank.  Spark  photographs  were  taken  in  the  velocity  chamber, 
and  a typical  example  is  shown  in  the  bottom  right-hand  corner  of  the 
figixre.  The  targets  were  mounted  with  their  surfaces  perpendicular  to 
the  trajectory  and  all  were  massive  compared  to  the  cavities,  so  that 
in  effect  they  were  semi-infinite  solids. 


Results  and  Discussion 

The  primary  purpose  of  the  impact  program  was  to  obtain  information 
on  the  depth  of  penetration,  and  the  number  of  tests  are  really  Inadequate 
for  any  conclusions  about  the  physics  of  impact.  However,  at  risk  of 
oversimplification,  a few  remarks  will  be  made . 

Comments  on  the  impact  process.-  For  small  spheres  fired  at  normal 
incidence  into  heavy  metal  targets,  the  impact  will  fall  into  one  of 
three  categories,  as  illustrated  in  figure  2.  This  figure  shows  the 
results  of  firing  l/8-inch  tungsten-carbide  spheres  into  lead  targets 
at  various  speeds . The  ordinate  of  the  graph  is  the  penetration  in  diam- 
eters; the  abcissa  of  the  graph  is  a parameter  proportional  to  the  veloc- 
ity. The  solid  line  at  the  right  represents  the  correlation  of  all  the 
impact  data  from  the  remainder  of  the  program.  Representative  target 
blocks  were  sectioned  and  photographs  of  the  sections  are  inserted  above 
the  portions  of  the  graph  to  which  they  belong. 

At  low  velocities,  the  strength  of  the  sphere's  material  is  greater  ♦ 

than  the  dynamic  pressure  of  impact,  and  the  sphere  penetrates  the  target  • 
as  a nondeformable  projectile.  At  high  velocities  the  dynamic  pressvire 
of  impact  is  much  greater  than  the  strength  of  the  material  of  either  the 


sphere  or  target,  and  the  sphere  and  target  act  as  though  they  were 
liquids  - hence,  the  designation  "fluid  impact."  In  between  these 
regions,  there  is  a transition  zone. 

The  graph  in  figure  2 is  a sort  of  pirate's  treasure  map,  and,  if 
you're  to  find  the  treasure,  you  have  to  know  where  you  are  on  the  map. 

In  other  words,  when  in  the  nondeformable-projectile  region,  penetration 
prediction  can  be  made  throughout  this  region,  but  the  point  at  which 
transition  will  occur  cannot  be  predicted  and  the  penetration  in  the 
fluid  region  cannot  be  described.  The  converse  is  true  when  in  the 
fluid  region. 

All  the  tests  of  this  program,  except  this  special  series,  fall  in 
the  fluid  region.  The  name  "fluid  impact"  comes  from  the  hydraulic  model 
us0d  “tc  0xpl3.in  sh.3.p0(i— ch.s.!Tg0  p0n0ii,r9.'tlon^  1d0C8.us0  "tills  niod0l  8'O'O0?=‘‘>^s  to 
give  a correct  picture  of  the  physical  processes  taking  place.  The  cav- 
ity starts  to  form  as  the  sphere  flows  into  the  target  and  sets  some  of 
the  target  material  in  motion.  The  cavity  continues  to  grow  as  Uie  tar- 
get material  flows  away  from  the  point  of  impact  and  reaches  its  full 
size  when  the  flow  is  stopped  by  plastic  shear. 

If  the  hydraulic  model  is  correct,  then  the  sphere  would  be  expected 
to  flow  out  as  a thin  coating  over  the  outside  of  the  cavity.  And  this 
is  just  what  happens,  as  shown  in  figure  5=  Vigure  5 ^ photograph  of 

the  cavity  formed  by  the  impact  of  a lead  sphere  on  a copper  target.  The 
entire  surface  of  the  cavity  is  covered  with  a smooth  silver-colored  coat 
of  lead,  which  is  seen  to  contrast  strongly  with  the  red  color  of  the 
copper  block. 

Lead  is  a ductile  metal,  of  course,  and  it  might  be  expected  to 
behave  like  a liquid  linder  the  action  of  very  great  forces.  However, 
the  same  process  takes  place  even  though  the  material  of  the  sphere  is 
a hard,  brittle  metal.  This  is  illustrated  in  figure  4,  which  shows  the 
cavity  produced  by  a high- carbon  steel  ball  impacting  a copper  target. 

The  steel  sphere  does  not  flow  smoothly  as  lead  does.  Rather  it  frag- 
ments into  many  small  pieces  which  float  on  top  of  the  flow  of  target 
metal  during  the  formation  of  the  cavity  as  though  they  were  blocks  of 
ice  floating  on  a river. 

The  use  of  lead  as  a target  material  to  simulate  high-speed  impact 
in  copper.-  Copper  was  chosen  as  the  target  material  of  primary  interest 
in  these  preliminary  tests,  and  it  was  desired  to  study  impact  in  copper 
at  ICBM  entry  velocities  of  20,000  ft/sec  and  above.  Unfortimately,  the 
guns  available  at  the  time  could  not  fire  at  these  speeds,  and  a low- 
speed  analog  was  sought  as  a means  of  investigating  high-speed  impact 
in  copper. 


The  key  to  a low-speed  analog  comes  from  a sviggestion  of  J . H.  Huth 
and  his  associates,  based  on  an  analysis  of  experiments  at  the  University 
of  Utah  and  the  Naval  Research  Laboratory.  Huth  found  that  penetrations 
could  be  correlated  on  the  basis  of  the  speed  of  sound  in  the  target  metal 
and  suggested  that  the  correct  dimensionless  parameter  was  the  ratio  of 

cf  inips-ct  to  the  speed  of*  sound  in  the  target  rnaterlal^  ■which 
he  called  the  "impact  Mach  number."  If  his  hypothesis  is  correct,  lead  is 
a good  target  material  for  a low- speed  analog,  because  its  speed  of  sound 
is  only  a third  of  that  of  copper.  Consequently,  impact  in  copper  at 
20,000  ft/sec  could  be  simulated  by  lead  at  7^000  ft/sec,  a velocity 
within  reach  of  the  guns  used  for  these  tests. 

Huth's  hypothesis  was  tested  by  firing  lead  spheres  into  lead  tar- 
gets and  copper  spheres  into  copper  targets.  A comparison  of  the  target 
blocks  is  shown  in  figure  5.  The  lead  targets  are  shown  at  the  top  of 
the  figure  and  the  copper  targets,  at  the  bottom.  The  ingjact  Mach  num- 
ber scale  is  shown  in  the  center.  The  first  three  targets  on  the  left 
were  selected  to  compare  cavities  in  the  two  metals  at  the  same  Mach  num- 
ber, and  the  similarity  is  quite  evident.  The  lead  target  at  the  right 
shows  the  hole  that  would  be  struck  in  the  copper  heat  shield  of  an  ICBM 
by  the  1/8- inch  sphere  shown  at  the  bottom  of  the  figvire. 

Dependence  of  penetration  on  Impact  Mach  number.-  The  measurements 
of  penetration  are  shown  in  figure  6.  This  graph  is  a log-log  plot  of 
penetration  in  diameters  against  Impact  Mach  number.  As  can  be  seen, 
the  data  for  lead  and  copper  are  correlated  satisfactorily. 

The  impact  Mach  number  was  used  to  analyze  the  data  from  all  the 
tests  of  this  program,  but  a note  of  caution  should  be  introduced  at 
this  point.  The  impact  Mach  number  stems  from  a dimensional  analysis 
rather  than  from  a theoretical  treatment  of  the  basic  physics  of  impact, 
and  there  may  be  some  doubt  as  to  whether  the  speed  of  sound  is  a truly 
fundamental  variable  in  the  physics  of  the  process. 

Effect  of  sphere  material  on  penetration.-  A series  of  tests  were 
carried  out  to  answer  the  question:  "What  material  should  the  sphere 

be  made  of  to  produce  the  greatest  penetration  for  a given  weight?" 

The  results  are  shown  in  figure  7,  as  a graph  of  penetration  against 
the  density  of  the  sphere.  The  material  of  the  sphere  was  varied  from 
a magnesium  alloy,  on  the  one  hand,  to  a tungsten  cort5)Ound  on  the  other. 
The  weight  of  the  sphere  and  its  velocity  were  kept  constant.  Firings 
were  made  into  both  lead  and  copper  targets . 

The  answer  to  the  question  can  be  seen  at  once.  The  deepest  cavity 
is  made  by  the  sphere  with  the  greatest  density.  In  other  words,  weight 
for  weight,  the  best  material  is  the  densest  available. 


Correlation  of  all  impact  data.-  The  linear  plots  of  data  shown 
in  figures  6 and  7 suggest  that  the  penetration  may  be  a function  of  a 
single  parameter.  This  was  found  to  be  the  case,  as  shown  in  figure  8. 
The  parameter  in  question  is  the  product  of  the  density  ratio  and  the 
impact  Mach  number,  where  pp  is  the  density  of  the  sphere  and  pij  is 

the  density  of  the  target.  All  of  the  data  from  the  impact  program  are 
shown  on  this  log-log  plot  of  the  penetration  against  the  impact  param- 
eter. It  can  be  seen  that  all  the  data  are  fitted  reasonably  well  by 
a straight  line,  the  formula  for  which  is  given  in  the  upper  right-hand 
corner.  This  formula  provides  an  engineering  basis  for  predicting  the 
effects  of  high-speed  impact. 


APPLICATION  TO  ANTIMISSILE  WEAPONS  SYSTEM 


The  results  of  the  impact  program  will  now  be  applied  to  the  study 
of  an  antimissile  weapons  system.  The  impact  formula  will  be  used  to 
compute  the  diameter  of  the  sphere  required  to  perforate  the  heat  shield 
of  the  ICBM.  In  making  this  calculation  the  penetration  will  be  equated 
to  the  thickness  of  the  heat  shield,  although  strictly  speaking  the  for- 
mula does  not  apply  to  the  case  in  which  penetration  is  comparable  to 
the  target  thickness.  Actually,  using  the  formula  in  this  way  is  con- 
servative, as  recent  tests  at  the  Langley  Aeronautical  Laboratory  have 
shown,  because  "thin”  targets  are  penetrated  more  deeply  than  "thick" 
targets  under  the  same  conditions  of  impact.  Also,  the  Langley  tests 
have  shown  that  heating  the  target  material  increased  the  penetration. 
So,  here  again,  the  formula  is  conservative,  if  the  ICBM  is  struck  part 
way  tlirough  the  atmosphere  and  its  heat  shield  is  hot. 


General  Plan  for  Counterattack 

The  plan  for  counterattack  is  shown  in  figure  9*  The  ICBM  approaches 
its  target  along  a straight  line  inclined  to  the  horizon  at  about  20°. 
After  it  is  identified  and  located,  an  interceptor  missile  is  launched 
and  directed  to  intercept  the  ICBM  at  a safe  distance  from  its  intended 
target . 

The  warhead  of  the  missile  is  loaded  with  small  spheres.  As  a 
point  of  interception  is  approached,  the  spheres  are  spread  out  into  a 
symmetrical  pattern  which  lies  like  a screen  athwart  the  path  of  the 
onrushing  ICBM.  The  spacing  is  held  close  enoiigh  so  that  a strike  is 
certain  if  the  ICBM  flies  through  the  pattern. 
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Design  of  Interceptor  Missile 


The  computation  of  the  total  weights  of  spheres  required  and  sizes 
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Consequently,  a hypothetical  attack  is  considered,  although  this  is  done 
pux-ely  for  the  purpose  of  illustraring  the  magnitude  of  hardware  required 
to  implement  the  proposed  weapons  system.  The  conditions  of  the  counter- 
attack are  set  forth  in  figures  9 and  10. 


Let  the  spacing  between  spheres  be  one  unit.  Then  the  diameter  of 
the  pattern  is  taken  to  be  1,000  units.  Consequently,  approximately 
1,000,000  spheres  will  be  the  total  number  needed.  The  spheres  are  con- 
sidered to  be  made  of  tungsten  to  give  the  greatest  penetration  for  the 
least  weight.  The  impact  Mach  number  is  assumed  to  be  2,  which  is 
believed  to  be  representative . 


Two  materials  are  considered  for  the  heat  shield  of  the  ICBM:  one 

with  a specific  gravity  of  10,  representative  of  the  "heat-sink"  type 
of  shield,  and  the  other  with  a specific  gravity  of  2,  representative 
of  the  "ablating"  type  of  shield.  The  shield,  or  "skin,"  thickness  is 
varied  from  0.1  inch,  which  may  be  typical  of  a satellite,  through  1 inch, 
which  may  be  representative  of  a long-range,  ballistic  missile,  to 
10  inches,  which  might  be  possible  for  a heavily  armored  vehicle,  called 
a "space  dreadnought." 

The  graph  in  figure  10  is  a plot  of  the  weight  of  1,000,000  spheres 
against  the  skin  thickness  to  be  perforated.  The  top  line  corresponds 
to  the  case  where  the  specific  gravity  is  10  and  the  bottom  line,  to  the 
case  where  the  specific  gravity  is  2.  A rough  calculation  indicated 
that  the  total  weight  of  the  pursuit  missile  will  be  about  10  times  the 
weight  of  the  spheres  which  it  must  carry.  Accordingly,  the  total  mis- 
sile weights  are  given  by  the  ordinates  at  the  right  of  the  graph. 

It  is  evident  that  weights  of  spheres  and  missiles  depend  critically 
on  the  skin  thickness,  for  these  range  over  6 orders  of  magnitude  to  cover 
the  skin  thicknesses  considered.  Consequently,  attention  is  focused  c*i 
three  cases . 


First,  the  satellite:  Here,  only  a few  pounds  of  spheres  will  be 

needed  and  the  pxrrsuit  missile  is  correspondingly  light.  Destruction 
by  impact  looks  very  promising  in  this  case. 

Second,  the  ICBM:  Here,  the  sphere  weights  will  range  in  the  him- 

dreds  or  thousands  of  pounds,  and  the  missile  weights,  in  the  thousands 
or  ten-thousands  of  pounds.  So,  in  this  case  it  may  be  reasonable  to 
conclude  that  the  weapons  system  promises  to  be  feasible  and  merits 
fiorther  study. 


Third,  the  space  dreadnought:  Here,  the  sphere  weights  will  range 

from  a hundred  thousand  to  a million  pounds  and  the  missile  weights  from 
a million  to  ten  million  pounds.  These  values  are  very  large,  even  com- 
pared to  the  weights  of  ballistic  missiles,  and  it  is  probably  fair  to 
state  that  a heavily  armored  vehicle  is  safe  from  destruction  by  the 
impact  of  a relatively  small  sphere. 


CONCLUDING  REMARKS 


This  paper  has  been  concerned  with  defense  from  the  ICBM.  It  may 
be  of  interest  to  conclude  the  discussion  by  reversing  positions  for  a 
moment  and  studying  the  effects  of  countermeasures  on  the  design  of  the 
attacking  ICBM,  for  there  is  a corollary  to  be  drawn  from  the  results 
of  this  investigation. 

Now,  the  recipients  of  an  ICBM  are  certain  to  regard  its  delivery 
as  a most  unfriendly  gestiure  and  will  act  with  the  utmost  of  vigor  to 
intercept  it  en  route.  It  is  possible  they  will  throw  up  a screen  of 
pellets,  as  proposed  in  this  paper.  At  least,  the  designer  of  the  ICBM 
should  be  prepared  for  this  eventuality  in  the  design  of  his  heat  shield. 

If  the  heat  shield  is  the  ablating  type,  the  defense  will  be  pre- 
dicted on  the  lower  curve  of  figure  10  with  the  shield  thickness  probably 
being  a few  inches.  It  was  shown  that  a relatively  light  pursuit  missile 
could  bring  about  the  destruction  of  the  ICBM.  Consequently,  the  ICBM 
designer  may  feel  it  necessary  to  back  up  his  ablating  heat  shield  with  an 
inner  shield  of  armor  heavy  enough  to  defeat  any  attempt  at  perforation. 

The  corollary  to  be  drawn  from  the  present  study  is  this:  The  heat 

shield  of  an  ICBM  may  have  to  be  a shield  in  an  older  military  sense;  that 
is,  a device  for  warding  off  the  blows  of  one's  opponent.  The  shield  of 
the  ICBM  must  ward  off  the  heat  of  high-speed  entry  into  the  earth's 
atmosphere.  It  may  also  have  to  ward  off  the  impact  of  a screen  of  pro- 
jectiles intercepting  its  path. 
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CAVITY  PLATING  FROM  IMPACT  OF  LEAD  SPHERE 
ON  COPPER  TARGET 


CAVITY  PLATING  FROM  IMPACT  OF  STEEL  SPHERE 
ON  COPPER  TARGET 


CAVITIES  FROM  IMPACTS  OF  LEAD  SPHERES  ON  LEAD 
TARGETS  AND  COPPER  SPHERES  ON  COPPER  TARGETS 
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PENETRATION  VS  IMPACT  MACH  NUMBER 
FOR  LEAD  INTO  LEAD  AND  COPPER  INTO  COPPER 
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PENETRATION  VS  IMPACT  PARAMETER 


Figure  8 


458 


TIAL 


FigTxre  9 


5 10® 


CL 

if) 

i£> 

O 


10^- 


X 

o 

LiJ 


I - 


WEIGHT  OF  SPHERES  REQUIRED 
FOR  PERFORATION  OF  SKIN 


IMPACT  MACH  NUMBER  =2 
TUNGSTEN  SPHERES 


I 

10 


SKIN  THICKNESS,  INCHES 


- 10 


8 


GO 


-lO"^ 


if) 

i 


SATELLITE  LONG  RANGE  SPACE 

MISSILE  DREADNAUGHT 


Figure  10 


EFFECTS  OF  SURFACE  ROUGHNESS  ON  TRANSITION 


By  Albert  L.  Braslow  and  Elmer  A.  Horton 
Langley  Aeronautical  Laboratory 


INTRODUCTION 


It  is  known,  at  least  qualitatively,  how  such  factors  as  pressure 
gradients  and  leading -edge  sweep  influence  the  ability  to  maintain  lami- 
nar flow  over  smooth  configurations.  If,  after  a study  of  such  effects, 
laminar  flow  still  appears  possible,  the  next  hurdle  to  be  overcome  is 
the  adverse  effect  of  surface  roughness  on  transition.  This  paper  will 
review  recent  results  obtained  at  supersonic  speeds  as  well  as  subsonic 
on  the  size  of  roughness  required  to  promote  premature  transition. 


DISCUSSION 


For  discrete  particles  of  roughness,  that  is,  particles  of  a three- 
dimensional  nature  such  as  sand  grains  or  rivets  or  spattered  bugs,  a 
critical  size  has  been  fo'und  to  exist  below  which  the  roughness  has  no 
influence  on  the  natural  transition  and  above  which  the  roughness  causes 
premature  transition.  This  is  shown  in  figure  1 by  means  of  several 
observations  of  the  variation  of  strearnwise  boundary- layer  velocity 
fluctuations  with  time.  These  measurements  were  made  with  the  use  of 
a hot-wire  anemometer  on  a 10°  included-angle  cone  at  a Mach  number  of 
2.01  in  the  Langley  4-  by  4-foot  supersonic  pressure  timnel. 

In  figure  1 the  vertical  location  of  the  trace  Indicates  the  corre- 
sponding Reynolds  number  per  foot  of  the  stream.  The  left  group  of 
traces  was  obtained  through  a Reynolds  number  range  for  a smooth  cone. 
The  bottom  trace  indicates  completely  laminar  flow.  The  next  higher 
trace  Indicates  occasional  bursts  of  turbulent  flow.  The  next  higher 
indicates  laminar  flow  a small  part  of  the  time,  and  the  top  one,  fully 
turbulent  flow.  All  traces  were  made  with  the  hot  wire  at  the  same 
location.  This  change  in  the  character  of  the  boundary  layer  with 
changes  in  Reynolds  number  is  consistent  with  the  concept  of  the  origin 
of  turbulence  as  turbulent  spots  of  the  type  shown  by  Schubauer  and 
Klebanoff  (ref.  1)  for  subsonic  speeds.  A recent  investigation  at  the 
Ames  Laboratory  (ref.  2)  verifies  the  existence  of  turbulent  spots  at 
supersonic  speeds. 
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In  the  upper  right  part  of  the  figure  are  shown  hot-wire  traces  taicen 
behind  some  granular  roughness  on  the  cone.  This  roiaghness  was  O.OO5  inch 
high  but  had  no  effect  on  the  natural  transition  as  seen  by  the  fact  that 
the  turbulence  was  initiated  at  the  same  value  of  stream  unit  Reynolds 
number.  In  contrast,  the  traces  in  the  lower  right  part  of  the  figure, 
taken  behind  a larger  size  roughness,  show  a large  reduction  in  stream 
unit  Reynolds  number  for  the  initiation  of  turbulence.  This  comparison 
clearly  indicates  that  a critical  size  of  three-dimensional  roughness  does 
exist. 

With  measurements  of  this  kind,  a criterion  has  been  determined  with 
which  the  size  of  roughness  required  to  cause  transition  can  be  predicted. 
This  critical  size  of  three-dimensional  roughness  has  been  correlated  on 
the  basis  of  a critical  local  roughness  Reynolds  number  similar  to  that 
used  previously  at  subsonic  speeds  (ref.  5)- 

The  critical  roughness  Reynolds  number  Rk,t  formed  with  the 

height  of  the  particle  and  the  local  flow  conditions  existing  at  the  top 
of  the  particle  when  the  paxticle  began  to  introduce  turbulent  spots  into 
the  bo’undary  layer.  It  should  be  remembered  that  at  supersonic  speeds, 
there  arc  large  variations  in  kinematic  viscosity  through  the  boundary 
layer  due  to  the  temperature  distribution;  therefore,  in  order  to  reduce 
the  effect  of  Mach  number  on  the  roughness  Reynolds  number,  local  values 
of  density  and  viscosity  at  the  top  of  the  particle  were  used  as  well  as 
the  velocity  at  the  particle  height  (fig.  2).  Results  are  presented  for 
various  sizes  of  granular -type  roughness  located  at  various  distances 
from  the  model  leading  edge . The  circular  symbols  represent  data 
obtained  on  the  10°  cone  at  Mach  numbers  of  I.61  and  2.01  (ref.  4)  and 
the  square  and  diamond  symbols  represent  an  airfoil  and  a sphere  tested 
at  low  speeds  in  the  Langley  low-turbulence  pressure  tunnel  and  the 
Langley  full-scale  tunnel,  respectively.  The  square  root  of  the  rough- 
ness Reynolds  number  was  chosen  as  the  variable  because  this  value  is 
more  nearly  proportional  to  the  critical  projection  height  than  is  I^k,t' 

For  supersonic  Mach  numbers  as  well  as  subsonic,  the  value  of  the  criti- 
cal roughness  Reynolds  number  parameter  is  about  constant  for  the 
granular  roughness. 

The  effect  of  the  geometry  of  the  particle  is  shown  in  figure  3 in 
which  ^ is  plotted  against  the  ratio  d/k  of  the  particle  width 

or  diameter  to  the  particle  height.  The  circular  symbols  represent 
spherical  roughness  particles;  the  square  symbols,  granular  particles; 
and  the  diamond  symbols,  surface  craters  with  a raised  rim  around  the 
circumference.  For  the  craters,  the  overall  diameter  of  the  crater  and 
not  the  width  of  the  raised  rim  was  used  for  the  value  of  d and  the 
height  of  the  raised  rim  above  the  undisturbed  surface  was  used  for  the 
value  of  k.  Some  systematic  variation  is  shown  between  ^Rk^ 


which  is  similar  to  a trend  previously  obtained  with  cylindrical  projec- 
tions (ref.  5)  where  the  cylinders  resembling  upright  telephone  poles, 
that  is,  small  ratios  of  d to  k,  showed  an  increase  in  /Rk~t* 

shapes,  it  made  no  difference  whether  transition  was  initiated  by  an 
individual  particle  of  roughness  or  by  a group  of  particles. 

The  values  of  ^%/t"  shown  in  these  two  figures  cover  a 12-fold 
range  in  roughness  height,  a 50-fold  range  in  distance  from  the  model 
leading  edge,  a 50-fold  range  in  the  ratio  of  roughness  width  to  height, 
variations  in  roughness  shape,  and  a range  of  speeds  from  low  subsonic 
to  a Mach  number  of  2.  The  values  of  ^Rk,t  vary  from  about  15  to  50,  a 

correlation  close  enough  to  indicate  the  magnitude  of  a three-dimensional 
type  of  roughness  necessary  to  cause  transition  within  a factor  of  2. 

With  this  parameter,  it  is  also  possible  to  determine  the  minimum  size  of 
three-dimensional  roughness  required  to  fix  transition  intentionally  for 
model  tests  in  which  it  is  important  to  minimize  the  drag  contribution  of 
the  roughness  itself.  More  about  this  application  will  be  found  in  a 
subsequent  paper  by  Albert  E . von  Doenhof f . 

Another  point  to  be  made  is  the  fact  that  the  existence  of  a fixed 
value  of  the  critical  local  roughness  Reynolds  number  is  based  on  the 
concept  of  similar  flows  about  the  roughness.  This  condition  is  very 
nearly  fulfilled  for  various  ratios  of  roughness  height  to  boundary- 
layer  thickness  if  the  roughness  is  well  submerged  in  the  boundary  layer. 
For  roughness  protruding  through  the  boundary  layer,  a constant  value  of 
^ would  not  be  expected.  Observations  at  both  subsonic  and  super- 
sonic speeds  for  this  condition  have  indicated  that  the  critical  rough- 
ness parameter  is  substantially  greater. 

In  figure  4 is  presented  an  indication  of  the  magnitude  of  the 
critical  size  of  roughness  associated  with  the  critical  roughness 
Reynolds  number  parameter.  An  example  is  given  of  the  maximum  roughness 
size  permissible  for  the  maintenance  of  laminar  flow  for  roughness 
located  at  various  distances  from  the  leading  edge  of  a thin  wing  for 
flight  at  a Mach  number  of  5 at  altitudes  of  100,000  feet  and  50,000  feet 
At  100,000  feet,  the  permissible  roughness  height  is  of  the  order  of 
l/l6  inch,  certainly  large  enough  to  be  easily  found.  At  50^000  feet, 
however,  the  allowable  roughness  is  of  the  order  of  0.010  inch,  a height 
that  would  be  difficult  to  detect  on  a large  area  with  a reasonable 
degree  of  inspection.  It  should  be  emphasized  that  it  is  not  the  root- 
mean-square  value  of  the  surface  roughness  that  determines  the  onset  of 
transition  due  to  roughness  but  rather  the  individual  projections  of 
maximum  height.  These  tallest  particles  reach  the  critical  value  of 
roxighness  Reynolds  number  first.  Because  of  a lateral  spread  of  turbu- 
lence behind  the  roughness,  a few  strategically  placed  particles  larger 


than  the  root -mean-square  roughness  can  cause  turbulent  flow  over  most 
of  the  surface  for  conditions  where  laminar  flow  might  be  expected  if 
only  the  root -mean-square  value  were  considered. 

The  possible  effects  of  laminar  boundary- layer  stability  on  the 
critical  roughness  size  are  next  considered.  It  is  known  that  boundary - 
layer  cooling,  boundary-layer  suction,  and  favorable  pressure  gradients 
have  a stabilizing  effect  on  the  laminar  layer  for  theoretically  small 
disturbances.  In  a stable  laminar  layer,  these  theoretically  small 
disturbances  damp  out  as  they  move  downstream  and  the  extent  of  laminar 
flow  over  a smooth  surface  can  be  greater  than  for  the  unstable  case . 

(The  effectiveness  of  cooling  and  of  continuous  suction  is  shown  in 
references  6 to  9 and  10,  respectively.)  In  figure  5 are  presented 
additional  hot-wire  traces  behind  three-dimensional  roughness  elements 
of  finite  size.  The  measurements  were  made  in  the  Langley  4-  by  4-foot 
supersonic  pressure  tunnel  on  a 10^  cone  for  a Mach  number  of  2.01 
(fig.  5(a))  and  in  the  Langley  Unitary  Plan  wind  tunnel  at  a Mach  num- 
ber of  4.21  (fig.  5(b)).  In  each  figure,  the  left  group  of  traces  was 
made  with  the  model  surface  at  equilibrium  temperature  and  the  right 
group  for  the  same  surface  roughness  but  with  the  model  cooled.  The 
wall-temperature  distributions  for  the  cooled  model  are  shown  in  the 
upper  right-hand  corner.  At  both  Mach  numbers,  the  wall  temperature 
varied  from  almost  stagnation  temperature  near  the  cone  apex  to  about 
-50^  F ahead  of  the  roughness. 

It  is  clearly  demonstrated  that  for  the  stream  unit  Reynolds  number 
at  which  the  roughness  was  just  critical,  that  is,  when  turbulent  spots 
began  to  appear  with  the  surface  at  equilibrium  temperature,  cooling  the 
cone  surface  resulted  in  a completely  turbulent  boundary  layer.  In  fact, 
for  the  cooled  condition,  it  was  necessary  to  decrease  appreciably  the 
stream  unit  Reynolds  number  in  order  to  return  the  boundary  layer  to  the 
laminar  condition.  Associated  with  the  surface  cooling  for  given  values 
of  roughness  size  and  location  and  stream  Reynolds  number  and  Mach  num- 
ber is  an  increase  in  the  actual  roughness  Reynolds  number  Rj^  caused  by 
(l)  an  increase  in  velocity  at  the  top  of  th^  particle  due  to  a thinning 
of  the  boundary  layer  and  an  increase  in  convexity  of  the  velocity  pro- 
file and  (2)  an  increase  in  local  density  and  a decrease  in  local  vis- 
cosity due  to  the  lowered  boundary -layer  temperature.  The  fact  that 
transition  resulted  from  this  increase  in  roughness  Reynolds  number  indi- 
cates that  the  critical  value  of  roughness  Reynolds  number  was  not 
increased  to  any  important  extent  by  the  theoretical  increase  in  laminar 
boundary-layer  stability  resulting  from  the  surface  cooling.  This  con- 
clusion is  verified  with  the  aid  of  figure  6.  The  circular  symbols  repre 
sent  values  of  the  roughness  parameter  cooled  cone  where 

the  values  are  based  on  the  cooled  conditions  at  the  top  of  the  roughness 
Comparison  of  these  points  with  the  circular  symbols  shown  previously  in 
figure  2 for  the  cone  at  equilibrium  temperature  shows  that  the  values  of 
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^ are  about  the  same  for  the  surfaces  whether  warm  or  cooled.  Also 

■oresented  in  figure  6 are  values  of  the  roughness  parameter  obtained  with 
cylindrical  roughness  on  an  airfoil  where  the  laminar  layer  was  stabilized 
by  means  of  continuous  suction  (ref.  11),  as  Indicated  by  the  square  sym- 
bols. In  addition,  the  diamond  symbols  represent  values  obtained  with 
spherical  roughness  on  the  large  sphere  in  the  Langley  full-scale  tunnel 
where  the  laminar  boundary  layer  was  stable  because  of  the  favorable 
pressure  gradient.  For  this  large  variety  of  conditions,  an  increase  in 
laminar  boundary-layer  stability,  whether  by  favorable  pressure  gradients, 
boundary-layer  suction,  or  surface  cooling,  had  very  little  effect  on  the 
roughness  Reynolds  number  parameter  for  transition. 


For  two-dimensional  roughness,  such  as  spanwise  ridges  or  grooves, 
however,  laminar  stability  can  have  a beneficial  effect  on  the  allowable 
^ e “PoUTd  2.  DEDSr  bV  VEH  DrlSSb 

and  Boison  (ref.  9)  for  the  laminar  layer  made  stable  by  means  of  surface 
cooling  and,  secondly,  from  some  tests  of  spanwise  wires  on  the  large 
sphere  where  an  increase  in  stability  resulted  from  the  favorable  pressure 
gradient.  This  difference  in  the  effect  of  laminar  boundary- layer  sta- 
bility on  the  initiation  of  turbulence  caused  by  two-  or  three-dimensional 
type  roughness  is  associated  with  a basic  difference  in  the  triggering 
mechanism  of  turbulence  for  the  two  types  of  roughness.  Hot-wire  measure- 
ments have  shown  that  for  the  three-dimensional  roughness,  the  turbulent 
QV'o  ■' sb  bb.0  r*oii^bii0ss  vb0n  bb0  locs.1  P.0 yn o 1 ds  niirnb^y 
b0com0s  critical.  For  two-dimensional  roughness,  turbulent  spots  are 
first  noted  at  a rearward  position  with  no  turbulence  forward  and  a 
fijirther  increase  in  Reynolds  number  is  required  to  move  the  transition 
.q, 1 T ,r  Thc  disturbanc0s  pro- 
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duced  by  the  two-dimensional  roughness,  therefore,  appear  to  oe  ol  the 
Tollmein-Schlichting  type  and  are  subject  to  amplification  theories 
during  their  movement  downstream.  For  the  three -dime  ns  lorial  roughness, 
however,  transition  is  initiated  directly  at  the  roughness  and  the  sta- 
bility arguments  are  not  applicable. 


A final  point  to  be  made  consists  of  the  effect  of  laminar  stabil- 
ity on  the  lateral  spread  of  the  turbulence  behind  a roughness  particle. 
The  lateral  spread  of  turbulence  was  measured  on  the  sphere  behind 
roughness  located  at  various  positions , where  the  location  determined 
the  degree  of  stability  due  to  the  favorable  pressure  gradient.  Measure- 
ments were  also  made  on  a flat  plate  where  the  stability  was  increased 
by  surface  cooling.  In  neither  case  did  an  increase  in  laminar  boundary- 
layer  stability  have  any  appreciable  effect  on  the  spread  of  turbulence • 


CONCLUDING  REMARKS 


The  transition-triggering  mechanism  of  three -dimensional -type  sur- 
face roughness  appears  to  be  the  same  at  supersonic  and  subsonic  speeds. 
In  either  case,  the  importsuit  parameter  is  a Reynolds  number  based  on  the 
height  of  the  roughness  and  the  local  flow  conditions  at  the  top  of  the 
roughness.  With  a value  of  this  roughness  parameter  about  22, 

it  is  possible  to  predict  with  reasonable  accuracy  the  height  of  three- 
dimensional  roughness  required  to  cause  transition.  Neither  the  critical 
three-dimensional  roughness  Reynolds  number  nor  the  lateral  spread  of 
turbulence  behind  the  roughness  is  changed  to  any  important  extent  by 
increasing  the  laminar  boundary-layer  stability  to  theoretically  small 
disturbances.  Therefore,  for  a given  stream  Mach  number  and  Reynolds 
number,  surface  cooling,  boundary -layer  suction,  or  a favorable  pressure 
gradient  will,  in  the  presence  of  roughness,  promote  rather  than  delay 
transition.  A favorable  effect  of  stability  on  permissible  two- 
dimensional-type disturbances,  however,  is  possible. 
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HOT-WIRE  MEASUREMENTS  IN  BOUNDARY  LAYER 

EFFECT  OF  GRANULAR  ROUGHNESS  ON  TRANSITION  R;  M*2.0I 
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ROUGHNESS  REYNOLDS  NUMBER  PARAMETER 
AS  FUNCTION  OF  ROUGHNESS  GEOMETRY 
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EXAMPLE  OF  MAXIMUM  ROUGHNESS  HEIGHT 
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Figure  4 


hot-wire  measurements  behind  roughness 

EFFECT  OF  SURFACE  COOLING  ON  TRANSITION  R;  M*2.0I 
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ROUGHNESS  REYNOLDS  NUMBER  PARAMETER  AS  AFFECTED 
BY  LAMINAR-BOUNDARY-LAYER  STABILITY 
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THE  PROSPECTS  FOR  LAMINAR  FLOW  ON  HYPERSONIC  AIRPLANES 

By  Alvin  Selff 

Ames  Aeronautical  Laboratory 
FACTORS  AFFECTING  EXTENT  OF  LAMINAR  FLOW 


Ordinarily,  it  is  desired  to  obtain  a maximum  amount  of  laminar  flow 
on  airplanes  for  hypersonic  flight  in  order  to  cut  down  the  aerodynamic 
heat  input  and  to  improve  aerodynamic  efficiency.  If  an  attempt  is  made 
to  determine  where  boundary- layer  transition  will  occur  on  a complete 
airplane,  a number  of  factors  are  considered,  some  of  which  are  listed 
in  figure  1.  An  airplane  which  has  the  highly  swept  and  blunt-leading- 
edge  airfoil  which  is  required  for  aerodynamic  efficiency  and  control  of 
the  leading -edge  temperatures  is  shown  in  this  figure.  The  first  factor 
listed  is  the  Reynolds  number  which  is  well-known  to  be  the  most  important 
factor.  If  the  Reynolds  number  is  exceptionally  low,  laminar  flow  will 
occ\rr  without  regard  for  the  other  factors;  conversely,  if  the  Reynolds 
number  is  exceptionally  high,  fully  turbulent  flow  will  approximate  what 
is  obtained.  In  the  intermediate  region  the  extent  of  laminar  flow  depends 
on  the  other  factors,  and  it  is  in  this  region  of  Reynolds  number  that 
hypersonic  lifting  flight  can  occur.  The  other  factors  listed  are  the 
ratio  of  wall  temperature  to  boundary- layer  recovery  temperatuire , which 
is  well-known  to  have  important  influence  on  transition  and  which  will 
be  treated  in  other  papers  of  this  volume;  the  surface  roughness,  which 
has  been  known  to  be  important  as  long  as  boundary- layer  transition  has 
been  known;  angle  of  attack  which  affects  the  boundary  layers  on  both 
wings  and  bodies  but  not  necessarily  in  the  same  way;  sweepback  of  the 
wing  leading  edge,  which  is  known  to  have  adverse  effects  on  laminar 
stability;  and  aerodynamic  interference.  The  conf iguiration  of  figure  1 
is  chosen  to  be  particularly  bad  from  the  standpoint  of  interference. 

The  possibility  of  such  effects  as  the  discharge  of  a turbulent  wakie  by 
the  canard  onto  the  surface  of  the  wing,  the  crossing  of  the  wing  sur- 
face by  the  shock  wave  generated  by  the  vertical  tall,  and  the  inter- 
section of  the  leading-edge  shock  waves  of  all  lifting  surfaces  onto 
the  body  boundary  layer  is  noted.  All  these  interactions  might  be 
expected  to  cause  transition  to  occur  at  flight  Reynolds  mmibers.  An 
additional  and  general  type  of  aerodynamic  interference  is  the  influence 
on  the  wing  boundary  layer  of  the  pressure  distribution  generated  by  the 
body  and  vice  versa. 
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Undoubtedly,  other  factors  such  as  the  pressure  gradient,  important 
parts  of  which  are  included  in  the  category  of  aerodynamic  interference, 
could  be  added  to  this  list.  The  main  point,  however,  is  that  all  these 
factors  must  be  considered  if  a rational  attempt  is  to  be  made  to  maxi- 
mize the  laminar  flow  or  to  predict  the  extent  of  the  laminar  flow. 


SYMBOLS 
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M 

R 

Rh 

Rk 

T 

u 

w/s 
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drag  coefficient 
minimioin  drag  coefficient 


lift  coefficient 


maximuin  diameter 
representative  airplane  length 
Mach  number 
Reynolds  number 

roughness  Reynolds  number  for  two-dimensional  roughness 
roughness  Reynolds  mmiber  for  three-dimensional  roughness 


temperature,  ^R 
velocity 

satellite  velocity 
wing  loading 
longitudinal  distance 
nose  length 
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a 


angle  of  attack 


mean-squaxe  angle  of  attack  for  three -wing  model 


p = - 1 

6 boundary- layer  thickness 

0 body  angular  position 

A angle  of  sweep  of  leading  edge 

free- stream  viscosity 
p airstream  mass  density 
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e boundary- layer  edge 
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T transition 
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Closer  examination  of  the  flight  Reynolds  number  shows  that  it  is 
largely  determined  by  the  wing  loading  and  the  flight  speed  as  indicated 
by  the  equation  presented  in  figure  2,  which  represents  the  fact  that 
for  equilibrium  flight  the  aircraft  weight  must  be  counterbalanced  by 
the  sum  of  lift  and  centrifugal  force  due  to  the  curvature  of  flight 
around  the  earth.  A low  value  of  the  wing  loading  permits  a high  equi- 
librium altitude  and,  consequently,  a low  Reynolds  nijmber.  Similarly, 
as  the  speed  becomes  appreciable  compared  with  satellite  velocity,  less 
aerodynamic  lift  is  required  and  the  altitude  is  again  permitted  to 
increase.  The  result  is  that  the  flight  Reynolds  number  decreases  with 
increase  in  flight  speed.  For  a wing  loading  of  25  pounds  per  square 
foot  and  an  airplane  50  feet  long,  the  Reynolds  numbers  based  on  length 
are  moderate  and  range  from  I5  x 106  at  a Mach  number  of  k to  7 x 10^ 
at  a Mach  number  of  20.  This  result  indicates  that  full-scale  hypersonic 
flight  can  occur  in  a region  of  Reynolds  number  where  laminar  flow  has 


been  observed  in  flight  tests  and  in  wind  tunnels.  It  should  be  noted, 
however,  that,  by  doubling  the  wing  loading  and  the  length,  Reynolds 
numbers  four  times  as  great  as  those  shown  were  obtained  and  therefore 
are  considerably  less  desirable. 

How  smooth  must  an  airplane  surface  be  in  order  to  give  laminar  flow 
at  flight  conditions  such  as  those  of  figure  2?  Subsonic  experience  was 
that  the  surfaces  had  to  be  exceedingly  smooth  to  permit  much  laminar 
flow  at  flight  conditions.  In  order  to  indicate  whether  this  will  be 
the  case  at  high  supersonic  speeds  as  well,  available  data  on  critical 
roughness  are  shown  in  figure  ^ as  a function  of  Mach  number  at  the 
boundary-layer  edge.  Data  from  references  1 to  5 on  three-dimensional 
roughness,  such  as  would  be  given  by  sandpaper  or  carbor\mdum  grains  on 
the  surface  or  sandblasting  of  the  surface,  are  shown  in  figure  ^(a)  and 
are  correlated  by  using  the  Reynolds  number  based  on  roughness  height 
and  local  properties  in  the  boundary  layer  at  the  top  of  the  roioghness 
elements.  Data  from  reference  4 for  distributed  two-dimensional  rough- 
ness in  the  form  of  transverse  grooves  are  presented  in  figure  5(b)  In 
terms  of  the  Reynolds  number  based  on  roughness  height  and  air  properties 
outside  the  boundary  layer  divided  by  the  parameter  C (C  = (d/x)\[R) 
which  is  constant  on  the  surface  of  a flat  plate  and  indicates  the  effect 
of  Mach  number  and  wall  temperature  ratio  on  the  boundary- layer  growth 
rate.  This  latter  type  of  correlation  for  distributed  roiighness  has 
been  discussed  in  reference  5*  However,  the  present  purpose  is  not  to 
enter  into  detailed  discussion  of  methods  of  correlating  roughness  effect 
but  rather  to  point  out  the  trend  common  to  figures  ^(a)  and  5(b),  namely, 
a large  increase  in  permissible  roughness  with  increasing  boundary- layer- 
edge  Mach  number.  Since  figure  5(a)  is  based  on  local  properties  inside 
the  boundary  layer  for  a constant  external-flow  Reynolds  number,  there 
will  be  a further  effect  of  Mach  nuunber  on  the  permissible  three- 
dimensional  roughness,  as  indicated  by  the  equation 


Rk 


where  the  subscript  e identifies  properties  at  the  boundary- layer  edge 
and  the  subscript  k identifies  properties  at  the  top  of  the  roughness. 
As  the  Mach  number  increases,  increases  and,  as  a result,  the  per- 

missible three-dimensional  roughness  increases  with  Mach  number  at  a 
rate  faster  than  is  indicated  in  the  figure.  As  an  example,  the  per- 
missible heights  of  distributed  roughness  at  a Mach  nimiber  of  7 "the 
flight  conditions  of  figure  2 are  predicted  to  be  greater  than  0.2  inch 
for  both  two-  and  three-dimensional  roughness. 


Another  factor  which  can  lead  to  early  occurrence  of  transition^ 
at  least  for  the  case  of  slender  bodies  of  revolution,  is  angle  of  attack. 
Figure  k,  which  is  taken  from  reference  6,  shows  data  for  the  sheltered 
side  of  a slender  body  at  angle  of  attack,  the  windward  side  remaining 
laminar  in  this  case  over  the  entire  range.  The  position  at  which  tran- 
sition occurred  is  plotted  against  the  angle  of  attack  in  degrees.  As 
the  angle  goes  above  about  0.5^^  transition  comes  onto  the  body  at  about 
27  calibers  from  the  nose  and  moves  forward  progressively  with  increasing 
angle.  This  effect  is  probably  a result  of  transverse  pressirre  gradients 
on  the  body  which  cause  the  boundary- layer  profiles  to  become  three- 
dimensional,  a situation  similar  to  that  which  occurs  on  sweptback  wings. 
The  curves  shown  in  figure  k were  obtained  from  the  assumption  that  tran- 
sition occurs  at  a fixed  angular  position  on  the  sheltered  side  of  the 
cylindrical  cross  section  and,  if  the  assxmed  angular  positions  of  120^ 
and  180^  are  taken,  the  observed  points  are  bracketed.  These  curves 
provide  a basis  for  extrapolating  the  data  to  higher  angles  of  attack. 

Of  course,  the  presence  of  wings  on  the  body  would  tend  to  modify  the 
effect  and  might,  in  fact,  help  to  suppress  it;  since  the  wings  act  like 
boundary- layer  fences  and  tend  to  prevent  the  body  crossflow  which  leads 
to  transition.  At  any  rate,  the  adverse  effect  of  angle  of  attack  on 
bodies  should  be  held  in  mind. 

Sweepback  of  the  wing  leading  edge  has  been  known  to  be  adverse  in 
subsonic  flow  since  1952,  when  flight  tests  and  wind-tunnel  tests  made 
in  England  (for  example,  ref.  7)  brought  this  to  light.  Subsonic  data 
(unpublished)  recently  obtained  by  Boltz,  Kenyon,  and  Allen  in  the  Ames 
12-foot  pressijire  tunnel  also  show  this  adverse  effect  and  are  reproduced 
in  figure  5.  Whenever  early  transition  due  to  sweep  has  been  observed, 
there  has  also  been  observed  on  the  siurface  a n\mber  of  parallel  lines 
or  streaks  with  streamwise  direction  that  were  made  visible,  by  the  use 
of  subliming  agents  on  the  surface  as  in  the  photograph  of  figure  6. 

This  photograph  is  a view  of  the  bottom  surface  of  the  airfoil  in  the 
wind  tunnel  with  the  flow  direction  from  left  to  right.  The  streaks 
develop  on  the  airfoil  in  the  laminar  region  and  lead  individually  to 
separate  wedges  of  turbulence.  The  white  spanwise  stripe  on  the  airfoil 
was  painted  on  the  surface  to  indicate  the  chordwise  station  and  was 
rubbed  smooth.  It  does  not  influence  this  result  as  has  been  proved  by 
many  observations  of  the  phenomenon  in  which  these  marks  were  absent. 

It  was  suspected  very  early  that  the  streaks  were  traces  of  streamwise 
vortices  in  the  boundary  layer,  and  a rake  survey  of  the  transverse-flow 
components  in  the  boundary  made  by  Boltz  confirms  this. 

It  was  first  suggested  by  P.  R.  Owen  and  D.  G.  Randall  of  the  Royal 
Aircraft  Establishment,  Farnborough,  England,  that  the  instability  causing 
transition  was  due  to  the  three-dimensionality  of  the  boundary  layer. 
Velocities  in  the  transverse  direction  are  induced  by  transverse  pressure 
gradients  present  on  the  surface  of  even  two-dimensional  swept  wings 
because  of  the  spanwise  "shearing"  of  the  chordwise  pressure  distribution. 


Owen  and  Randall  noted  that  the  transverse  velocity  profile  contains  an 
inflection  point  near  its  outer  edge  and  would  therefore  be  unstable. 

The  instability  leads  initially  to  streamwise  vortices  and  finally  to 
tirrbulence.  This  hypothesis  was  given  further  weight  by  the  analysis 
of  reference  8 which  considered  the  stability  of  a boundary  layer  with 
three-dimensional  profiles  when  subjected  to  transverse  periodic  dis- 
tTirbances  and  the  instability  was  found  to  occur  above  a critical 
Reynolds  number.  It  was  found  by  Owen  and  Randall  that  the  onset  of 
vortices  on  the  subsonic  airfoils  occurred  when  the  Reynolds  number, 
based  on  the  maximum  value  of  the  transverse  velocity  component  and  the 
boundary- layer  thickness,  exceeded  a critical  value  of  125*  For  the 
particular  airfoils  of  these  subsonic  tests,  this  Reynolds  number  was 
found  to  vary  approximately  with  the  square  root  of  the  chord  Reynolds 
number  and  the  square  root  of  the  nose  radius.  At  values  of  I50  to  I90, 
transition  occurred  near  the  leading  edge.  In  tests  in  the  Ames  12-foot 
pressure  tunnel,  transition  near  the  leading  edge  occurs  at  a value  of 
about  170  and  is  in  agreement  with  the  British  resuilts. 

Prom  the  explanation  of  Owen  and  Randall,  it  might  be  expected  that 
sweep  would  continue  to  destabilize  the  boundary  layer  at  supersonic 
speeds.  There  is,  however,  no  indication  from  presently  available  theory 
as  to  the  effect  that  compressibility  and  heat  transfer  might  have  on 
the  stability  of  supersonic  boundary  layers  to  this  type  of  disturbance. 

The  data  which  are  shown  in  figure  7#  however,  indicate  end  resixlts  gen- 
erally similar  to  those  of  the  subsonic  tests.  It  might  be  expected  that 
a way  of  combating  this  Instability  is  to  choose  wings  of  constant  sur- 
face pressure  so  that  no  transverse  pressure  gradients  exist.  This  type 
of  pressure  distribution  is  obtained  on  triangular  wings  with  wedge  sec- 
tions and  sharp  leading  edges  when  the  flow  component  normal  to  the  leading 
edge  is  supersonic.  Tests  at  this  condition  were  made  by  Dunning  and 
Ulmann  (ref.  9)  at  a Mach  number  of  4 and  are  indicated  in  fig\ire  7 by 
the  circles.  Surprisingly,  an  adverse  effect  of  sweepback  was  still 
obtained.  This  effect  might  be  due  to  the  finite  thickness  of  the  leading 
edge  which  is  necessarily  present  in  experimental  models  so  that  in  the 
vicinity  of  the  leading  edge  the  flow  is  three-dimensional;  or,  it  might 
be  a restilt  of  some  other  factors  of  an  as  yet  imknown  character  present 
in  the  tests.  When  the  wing  section  in  these  tests  was  changed  to  a sub- 
sonic wing  section  so  that  pressure-distribution  effects  were  Introduced, 
the  effect  of  sweepback  became  more  pronounced  and  thus  is  consistent 
with  the  hypothesis  of  Owen  and  Randall.  A test  on  a triangxilar  wing 
with  74°  sweepback  (unpublished)  was  made  in  the  Ames  supersonic  free- 
flight  tuinnel,  again  using  a relatively  flat  wing  section.  The  leading 
edge  was  made  blunt  intentionally  to  simulate  a leading-edge  thickness 
of  1.8  inches  at  a fvill- scale  length  of  50  feet.  The  result  obtained, 
when  compared  with  an  earlier  datum  point  for  a body  of  revolution,  shows 
a somewhat  similar  trend  to  that  obtained  on  the  wedge-section  wings  in 
the  wind-tuinnel  test  except  at  a higher  level  of  Reynolds  number.  This 
increase  in  transition  Reynolds  number  can  be  attributed  to  the  reduced 


wall  temperature  ratio  and  the  reduction  in  stream  turbulence  for  the 
flight  test. 


The  effect  of  a cylindrical  leading  edge  on  the  transition  due  to 
sweepback  has  been  investigated  (ref.  10  and  recent  unpublished  data). 

The  results  obtained  from  tests  of  yawed  circular  cylinders  are  shown  as 
diamond  symbols  in  figure  7*  The  Reynolds  number  for  transition  at  the 
stagnation  line  has  been  reduced  from  over  i X 10^  at  zero  sweep  to  the 
order  of  2 x 10^  at  40°  of  sweepback,  based  on  free-stream  properties  and 
diameter,  although  the  data  do  not  indicate  definitely  the  level  of  the 
curve  at  the  higher  angles  of  sweepback.  However,  Feller,  from  tests 
at  a Mach  number  of  6.9,  has  found  that  the  cylinder  flow  was  fully 
laminar  at  a Reynolds  number  of  1.5  X 105.  (See  ref.  11.)  For  the 
flight  Reynolds  nimibers  shown  in  figure  2,  these  results  would  imply 
turbulent  flew  only  for  leading  edg^s  larger  than  about  1 foot  diameter. 


The  instabilities  generated  on  smaller  leading  edges,  although  they  do 
not  cause  transition  on  the  leading  edge,  might  cause  early  transition 
back  on  the  wing.  This  possibility  will  require  further  investigation. 


Owen  and  Randall's  transition  criterion  has  not  been  evaluated  for 
these  supersonic  data.  To  do  so  requires  lengthy  calculations  of  the 
twisted  velocity  profiles.  In  one  supersonic  experiment  for  a Mach  num- 
ber of  1.6  (ref.  12),  the  transverse  critical  Reynolds  number  was  found 
to  be  smaller  than  that  at  subsonic  speeds.  The  promising  correlation 
obtained  subsonically  makes  it  appear  to  be  well  worthwhile  to  make 
further  calculations  of  this  kind  for -supersonic  experiments. 


If  the  complete  conf igiurations  are  again  considered  and  one  is 
selected  which  offers  some  opportunity  for  maximizing  the  laiuinar  flow, 
it  might  look  like  the  three-wing  design  (ref.  13)  which  is  sho'wii  in 
figui'e  8.  This  arrangement,  which  has  the  wing,  vertical  tail,  and  fuse- 
lage originating  at  a common  point , avoids  having  shock  waves  or  wakes 
cross  any  surface.  In  addition,  the  full-length  wing  panels  might  be 
expected  to  suppress  the  crossflow  effects  and  transition  due  to  angle 
of  attack.  The  wing  leading  edges  are  swept  back  wing  sur- 

faces are  flat  in  order  to  avoid  transverse  pressure  gradients.  However, 
the  pressure  field  due  to  the  body  nose  induces  a transverse  pressure 
variation  onto  the  surface  of  the  wings  and  the  leading  edge  of  the  wing 
is  extremely  blunt.  This  bluntness  corresponds  to  a thickness  of  3 inches 
at  a fiill-scale  length  of  50  feet.  Thus,  three-dimensionality  has  been 
introduced  into  the  boundary  layer . (The  high  degree  of  bluntness  was 
required  to  permit  gun-launching  the  models  without  incurring  buckling 
failure  of  the  leading  edge . ) 

Models  of  this  design  were  tested  in  the  Ames  supersonic  free-flight 
tunnel  at  a Mach  number  of  6 and  a ratio  of  wall  temperature  to  recovery 
temperature  of  O.25.  Since  the  boundary- layer  condition  could  not  be 


vislially  observed  by  any  available  technique,  it  was  decided  to  obtain 
information  on  the  amount  of  laminar  flow  from  drag  measiarements . The 
data  were  collected  in  the  manner  shown  in  figure  8,  the  mean-square 
angle  of  attack  being  used  as  the  independent  variable  in  order  to  cor- 
relate the  variations  in  drag  due  to  lift.  In  this  presentation,  the 
measurements  for  a constant  boundary-layer  condition  should  lie  along 
a straight  line  through  C^q  with  a slope  equal  to  the  lift-curve 

slope;  two  such  lines  are  shown,  Cjjq  being  calculated  for  all  laminar 

boundary  layers  and  all  turbulent  boundary  layers.  The  experimental 
points  obtained  may  be  compared  with  these  two  lines. 

The  models  were  tested  with  various  degrees  of  sijrface  roughness, 
as  noted  in  the  key  to  figure  8.  The  purpose  of  this  was  twofold: 

One  class  of  surfaces,  indicated  by  the  solid  symbols,  was  made  very 
rough  in  order  to  generate  an  all- turbulent  boundary  layer  to  establish 
the  accuracy  of  the  theoretical  drag  curve.  These  models  had  scratches 
600  microinches  deep  (corresponding  to  1/8  inch  deep  on  the  50-foot  air- 
plane) and  the  scratches  were  applied  particularly  across  the  face  of 
the  leading  edge  with  the  thought  that  these  scratches  would  be  effec- 
tive in  causing  immediate  transition.  The  results  obtained  fell  along 
the  turbulent  line  in  a very  satisfactory  fashion.  The  other  models, 
the  open  symbols,  had  surface  roughnesses  which  were  well  below  the 
critical  values  indicated  by  figure  and.  the  rovighness  was  varied  in 
this  region  to  determine  whether  corresponding  variations  in  drag  would 
be  observed.  Within  the  scatter,  no  dependence  of  the  drag  on  smoothness 
was  observed.  The  roughest  of  these  surfaces  would  correspond  to  a sur- 
face covered  with  broad  scratches  I/52  inch  deep  at  full  scale. 

The  open  symbols,  with  the  exception  of  one  point,  define  a line 
roughly  parallel  to  the  theoretical  lines  at  a level  about  one-fourth 
to  one-third  of  the  way  between  the  laminar  and  turbulent  lines.  This 
result  indicates  that  the  boundary  layer  is  laminar  over  two-thirds  to 
three-fourths  of  the  model  surface.  Figure  7 showed,  for  the  case  of 
a 7^°  swept  wing  alone  in  the  same  test  facility,  a transition  Reynolds 
number  of  3- 3 X lO^.  If  transition  is  assumed  to  occur  on  the  airplane 
model  at  this  value  of  the  Reynolds  number  at  all  spanwise  stations, 
there  results  a triangular  area  of  turbulent  flow  of  about  one-half  the 
length  of  the  model,  and  therefore  of  about  one-fourth  the  wetted  area; 
thus  three-fourths  of  the  wetted  area  is  laminar.  The  present  result 
with  the  airplane  model  is  therefore  consistent  with  the  result  for  the 
wing  alone  (fig.  7)*  This  correspondence  of  the  two  results  would  imply 
that  there  are  no  seriously  unfavorable  effects  of  configuration  on  the 
airplane  as  tested  compared  with  the  wing  alone.  It  also  appears  that 
in  both  cases  sweepback  was  the  predominant  factor  leading  to  transition. 
The  effect  of  angle  of  attack,  at  least  for  the  angles  represented  on 
the  figure  which  range  up  to  6.5°  root  mean  square,  was  evidently  small 
or  compensating  on  opposite  surfaces  of  the  model;  thus,  if  transition 


moved  forward  on  one  surface,  it  moved  back  on  the  opposite  svirface  and 
led  to  the  same  mean  value  of  the  minimum  drag  coefficient. 

At  higher  Reynolds  numbers,  the  results  indicated  in  figure  9 were 
obtained.  As  would  be  expected,  at  Reynolds  numbers  between  12  x 10^ 
and  15  X 10°,  the  measured  drag  was  closer  to  the  turbulent  curve  and 
corresponded  to  laminar  boundary  layer  on  perhaps  45  percent  of  the  sirr- 
face.  This  condition  continues  to  correspond  to  transition  at  a stream- 
wise  Reynolds  number  of  5*5  X 10°. 

CONCLUDING  REMARKS 


In  conclusion,  some  of  the  factors  which  must  be  considered  in 
relation  to  boundary- layer  transition  on  hypersonic  airplanes  have  been 
reviewed.  It  appears  that  the  Reynolds  numbers  for  f\ill-scale  flight 
will  be  moderate,  for  vehicles  of  the  size  of  fighter  aircraft,  if  low 
wing  loadings  are  employed.  Roughness  effects  give  promise  of  being 
much  less  severe  than  those  in  lower  speed  flight;  however,  this  state- 
ment does  not  mean  that  roughness  can  be  ignored  altogether  as  a factor 
at  hypersonic  speeds.  Angle  of  attack  and  aerodynamic  interference 
effects  are  of  sufficient  importance  to  warrant  attention  in  designs 
which  seek  to  obtain  the  maximum  extent  of  laminar  flow.  The  principal 
deterrent  to  fully  laminar  flow  is  the  adverse  effect  of  sweepback  of 
the  wing  leading  edge.  Up  to  the  present  time,  transition  has  been 
observed  to  occirr  at  Reynolds  numbers  no  higher  than  5*5  X 10°  on  a 
swept  wing  with  a blunt  leading  edge  at  a Mach  number  of  6 under  tem- 
peratiare  conditions  similar  to  those  of  flight.  This  condition  was 
sufficient  to  give  a laminar  boundary  layer  on  from  one-half  to  three- 
foiurths  of  the  model  surface  at  flight  Reynolds  numbers  (for  a wing 
loading  of  25  pounds  per  square  foot) . The  effect  on  this  resxilt  of 
further  refinements  in  design  cannot  be  foretold  inasmuch  as  transition 
due  to  sweepback  is  only  beginning  to  be  imderstood.  Further  changes 
in  the  results  might  also  be  anticipated  from  increasing  the  Mach  num- 
ber well  above  6 and  correspondingly  reducing  the  ratio  of  wall  tem- 
peratince  to  recovery  temperature.  These  possibilities  must  await 
further  study. 
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FACTORS  AFFECTING  EXTENT  OF  LAMINAR  FLOW 
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SHELTERED-SIDE  TRANSITION  ON  BODY 
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TRANSITION  PATTERN  ON  SUBSONIC  AIRFOIL 
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BOUNDARY- LAYER  TRANSITION  IN  FULL-SCALE  FLIGHT 

By  Richard  D.  Banner,  John  G.  McTigue, 
and  Gilbert  Petty,  Jr. 

NACA  High-Speed  Flight  Station 


INTRODUCTION 


Because  of  the  greatly  Increased  need  for  knowledge  of  full-scale 
boundary-layer  transition  and  the  difficulty  of  simulating  actual  flight 
conditions,  a program  has  been  initiated  to  provide  a better  understanding 
of  the  boundary-layer  flow  as  it  exists  in  supersonic  flight.  This  paper 
shows  the  results  obtained  in  the  early  flight  tests  which  determined  the 
extent  of  laminar  flow  that  could  be  obtained  with  practical  wing-surface 
conditions . 
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SYMBOLS 

Reynolds  number  per  foot,  Voo/v,  per  ft 
free-stream  velocity,  ft/sec 
kinematic  viscosity 

nondimensional  Reynolds  number  based  on  x 

distance  from  leading  edge 
sweep  angle 
angle  of  attack 
altitude 

Mach  number 
thickness,  in. 
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DISCUSSION 


An  F-104  airplane  was  instrumented,  as  shown  in  figure  1,  for 
transition  investigations  on  the  wings . The  basic  wing  has  a modified 
biconvex  airfoil  with  a thickness  ratio  of  5.4  percent,  a sharp  leading 
edge,  and  a slight  amount  of  sweep  (about  27°) • A l/lO-inch-thick 
Fiberglas  glove  was  installed  on  the  right  wing  and  was  instrumented 
with  one  row  of  transition  detectors  on  both  the  top  and  bottom  sxirfaces. 
These  detectors  provided  continuous  monitoring  of  the  laminar  and  tur- 
bulent boundary- layer-flow  conditions  (ref.  1). 

Chemical  sublimation  was  employed  for  boundary-layer-flow  visiializa- 
tion  on  both  wings,  and  cameras  (fig.  1)  were  installed  for  recording  the 
chemical  indications.  Many  investigators  have  used  the  chemical  sublima- 
tion technique  in  both  wind  tunnels  and  in  flight  (refs.  2,  3^  and  others) 
These  tests  have  extended  the  use  of  this  technique  in  flight  to  speeds 
near  a Mach  number  of  2.0. 

The  transition-detector  signals  (see  fig.  2)  were  multiplexed  and 
recorded  on  an  oscillograph.  The  sequencing  was  scheduled  to  confom  to 
the  locations  of  the  detectors  on  the  wing.  This  arrangement  allowed 
location  of  the  laminar  and  turbulent  flow  areas,  within  about  5 percent 
of  the  chord,  by  inspection  of  the  records.  The  reasons  for  using  flow 
visualization  are  illustrated  in  figure  2.  Turbulent  wedges,  originating 
upstream  of  the  detectors,  cause  local  areas  of  turbulent  flow.  As  can 
be  seen,  the  third  detector  indicates  turbulent  flow  in  an  area  that 
would  otherwise  be  laminar. 

From  the  55-niillimeter  flight  film  of  the  chemical  indications , 
photographic  enlargements  have  been  made  and  a typical  in-flight  photo- 
graph of  the  lower  surface  of  the  Fiberglas  covered  wing  is  shown  in 
figure  5.  The  white  chemical  remaining  in  the  vicinity  of  the  leading 
edge  indicates  the  extent  of  laminar  flow  being  experienced  on  the  wing. 
The  field  of  view  of  the  camera  includes  the  area  of  the  wing  from  the 
leading  edge  rearward  to  just  behind  the  aileron  hinge  in  the  outboard 
area  and  some  of  the  inboard  area  of  the  wing.  In  all  the  tests  no 
laminar  flow  had  been  observed  in  the  inboard  area,  ajid  for  that  reason 
this  area  is  omitted  in  subsequent  photographs  of  this  presentation. 

The  area  shown  is  outboard  of  the  47-percent-exposed-span  station. 

In  some  cases  the  airplane  returned  from  the  flight  with  a chemical 
Indication  remaining  on  the  wing.  It  will  be  of  interest  to  look  at  one 
such  indication  before  proceeding  with  the  main  part  of  the  discussion. 
Figure  4 presents  an  enlargement  of  the  leading -edge  region  of  the  wing. 
The  section  seen  is  about  1 square  foot.  Note  the  striations  that  can 
be  seen  in  the  chemical.  Other  investigators  have  also  observed  these 
striations  in  a laminar  boimdary  layer,  both  in  wind-tunnel  tests  (for 


instance,  Alvin  Seiff's  paper)  and  in  flight  (ref.  4)  at  subsonic  speeds. 
The  striations  have  been  attributed  to  the  presence  of  vortices  which  are 
shed  from  the  swept  leading  edges  and  contribute  to  the  breakdown  of  the 
normally  laminar  flow.  Although  it  could  not  be  determined  when  this 
phenomenon  occurred  diuring  the  flight,  it  is  believed  to  be  worth  men- 
tioning since  it  appears  to  be  a problem  that  must  be  considered  in  deter- 
mining the  extent  of  laminar  flow  that  could  be  expected  on  swept  wings. 

Turning  now  to  the  flight  photographs  that  were  taken  d\iring  the 
tests,  figure  5 shows  the  effect  of  the  leading-edge -flap  "piano  type" 
hinge  on  producing  transition.  As  can  be  seen,  the  hinge  tripped  the 
laminar  boimdary  layer  producing  txirbulent  wedges  which  merge  rearward 
of  the  hinge  to  form  completely  turbulent  flow  over  the  remainder  of  the 
wing.  The  laminar  area  is  approximately  15  percent  of  the  test  area. 

This  condition  of  the  wing  is  referred  to  as  unfinished.  In  improving 
the  wing-surface  conditions  the  flap  hinge  was  filled  to  eliminate  any 
abrupt  discontinuities.  Also,  all  rivetheads  and  screwheads  were  ground 
flush  with  the  wing . skin  and  filler  material  was  applied  to  fill  any 
pits  or  small  depressions,  and  then  the  whole  surface  was  sanded.  This 
condition  of  the  wing  is  referred  to  as  the  finished  wing.  Following 
the  tests  with  the  finished  wing,  the  wing  was  painted  and  polished. 

The  effect  of  these  inprovements  can  be  seen  by  comparing  figure  6 
with  figure  5-  Although  the  Mach  number  for  the  test  with  the  painted 
wing  is  slightly  different,  the  variation  in  the  altitudes  resulted  in 
the  same  free-stream  Reynolds  munber  and  the  same  angles  of  attack. 

In  comparing  the  unfinished  and  finished  wing  lower  surfaces , it 
can  be  seen  that  considerably  more  laminar  flow  was  obtained  on  the 
finished  wing.  This  is  primarily  due  to  smoothing  over  the  leading- 
edge-flap  hinge.  Painting  the  wing  svirface  reduced  the  average  rough- 
ness from  about  25  to  13  microinches,  but  the  effect  on  transition  was 
not  appreciable  on  either  the  top  or  bottom  s\irface.  The  extent  of 
laminar  flow  on  the  painted  wing  is  about  25  percent  of  the  test  area 
for  the  upper  surface  and  about  55  percent  of  the  test  area  for  the 
lower  surface . 

Realizing  that  the  standards  that  had  been  set  for  roughness  were 
rather  arbitrary  and  that  they  might  differ  from  those  set  in  the  wind 
tunnel,  it  was  felt,  nevertheless,  that  the  maximum  in  practical  improve- 
ments to  the  wing  surface  had  been  reached.  The  extent  of  laminar  flow 
that  was  observed  on  the  finished  and  painted  wing  is  considered  to  be 
representative  of  the  maximum  that  might  reasonably  be  expected  for  these 
flight  conditions.  This  conclusion  was  arrived  at  because  the  extreme 
care  that  was  taken  in  producing  the  Fiberglas  surface  finish  had  resulted 
in  an  average  roughness  of  only  7 microinches. 


A comparison  of  the  finished  and  painted  wing  and  the  Fiberglas 
covered  wing  is  shown  in  figure  7.  For  clarity^  the  leading  edges  are 
all  shown  to  the  left.  Covering  the  wing  with  Fiberglas  had  slightly 
altered  the  wing  profile,  and  the  leading  edge  had  been  roiinded  to 
l/lO-inch  radius,  instead  of  the  sharp  leading  edge  of-  the  basic  wing. 
Also,  waviness  measurements  at  l/2-inch  increments  indicated  an  average 
deviation  of  about  0.005  inch  on  the  Fiberglas  covered  wing  as  compared 
with  0.006  inch  on  the  basic  wing.  Exactly  what  effect  these  changes 
produced  locally  could  not  be  determined;  however,  as  can  be  seen,  no 
large  differences  in  the  overall  extent  of  laminar  flow  is  evidenced. 

In  order  to  determine  the  effect  of  Mach  number  and  altitude  on  the 
extent  of  laminar  flow,  the  transition-detector  installation  on  the 
Fiberglas  covered  wing  was  utilized. 

Tests  were  conducted  at  speeds  from  a Mach  number  of  1.2  to  a Mach 
niimber  of  2.0  at  altitudes  from  55^000  to  5^,000  feet.  The  free-stream 

Reynolds  number  varied  from  I.5  to  4.5  X 10^  per  foot.  The  maximum 
transition  Reynolds  numbers  (based  on  free-stream  conditions  and  the 
distance  to  the  point  of  transition)  that  were  obtained  on  the  Fiberglas 
test  area  are  shown  in  figure  8. 

Data  obtained  at  all  angles  of  attack,  from  near  0^  to  near  10*^, 
have  been  used  to  construct  the  curves.  As  can  be  seen,  the  maximim 
transition  Reynolds  number  on  the  top  surface  of  the  wing  varied  from 

about  2.5  X 10^  at  a Mach  momber  of  1.2  to  about  4 x 10^  at  a Mach  mam- 
ber  of  2.0.  The  trend  on  the  lower  surface  is  generally  to  more  laminar 
flow,  with  the  maximum  transition  Reynolds  number  varying  from  about 

2 X 10^  at  a Mach  number  of  1.2  to  about  8 X 10^  at  a Mach  number  of  2.0. 

Although  no  attempt  has  yet  been  made  to  separate  the  effects  of  the 
variables  that  contribute  to  the  results  presented  herein,  the  results 
are  encouraging  in  that  laminar  flow  has  been  obtained  over  extensive 
areas  of  a wing  surface  at  supersonic  speeds  with  practical  wing-surface 
conditions . 


CONCLUDING  REMARK 


Fiarther  flight  testing  should  include  investigations  to  determine 
what  effects  on  the  boundary  layer  are  experienced  when  the  leading  edge 
is  altered,  when  the  angle  of  attack  is  varied,  when  shock-wave — boundary- 
layer  interaction  takes  place,  and  when  other  factors  enter  the  problem 
as  important  variables. 
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TURBULENT  SKIN  FRICTION  AT  HIGH  MACH  NUMBERS 
AND  REYNOLDS  NUMBERS 
By  Fred  W.  Matting 
Ames  Aeronautical  Laboratory 


i 

i 


For  a number  of  years  now,  people  have  been  making  measurements  of 
skin  friction.  Formerly  the  main  interest  was  at  low  Mach  niombers;  later, 
measurements  were  made  at  supersonic  Mach  numbers.  However,  almost  all 
of  these  measurements  were  over  a limited  range  of  Reynolds  numbers.  On 
the  other  hand,  these  measurements  fairly  well  determined  the  effects  of 
Mach  number  and  heat  transfer  on  skin  friction. 

The  purpose  of  this  paper  is  to  give  the  results  of  skin- friction 
measiarements  in  turbulent  boundary  layers  at  high  Mach  numbers  and  high 
Reynolds  numbers  where  data  have  not  previously  existed.  The  equipment 
used  was  expressly  designed  to  give  high  Mach  numbers  and  high  Reynolds 
numbers.  It  is  difficult  to  obtain  high  Mach  numbers  and  high  Reynolds 
mmibers  simultaneously  with  air  in  a wind  tunnel.  In  order  to  avoid 
condensation,  it  is  necessary  to  heat  the  air.  As  a result  there  is  a 
loss  in  density  and,  hence,  in  Reynolds  number.  It  seemed  desirable, 
then,  to  use  a gas  that  does  not  condense  at  high  Mach  numbers.  This 
suggested  helium,  which  was  used  as  a working  fluid  in  addition  to  using 
air.  It  was,  of  course,  necessary  to  determine  the  equivalence  of  air 
and  helium  in  the  turbulent  boundary  layer.  At  high  Mach  numbers  in  a 
given  wind  tiuinel,  higher  Reynolds  numbers  can  be  obtained  with  helium 
than  with  air.  This  is  mainly  due  to  the  fact  that  no  heating  of  the 
helium  is  required.  The  different  ratios  of  specific  heats  also  con- 
tribute to  the  increase. 


35 


Figure  1 is  a sketch  of  the  Ames  1-  by  10-inch  boundary-layer  channel. 
The  test  section  is  10  inches  wide  and  has  a nominal  height  of  1 inch. 

These  proportions  assiare  an  essentially  two-dimensional  flow.  Although 
this  is  called  a "channel,"  studies  were  not  made  of  channel  flows.  There 
was  always  a core  of  potential  flow  between  the  top  and  the  bottom  bound- 
ary layers.  The  nozzle  block  is  adjustable  which  allows  the  setting  off 
of  different  Mach  numbers  and  different  pressiare  gradients.  Up  to  the  pres- 
ent, only  the  zero-pressure -gradient  case  has  been  studied.  Direct  measure- 
ments of  local  skin  friction  were  made  by  means  of  the  skin-friction  element 

shown.  This  element  consists  of  a disc  2^  inches  in  diameter  suspended  from 

flexures.  The  force  on  the  disc  is  measured  by  means  of  a differential 


transformer.  Corrections  were  made  for  buoyancy  forces  surroimding  the 
disc.  These  corrections  were  generally  found  to  be  negligible.  The  disc 
was  flushed  to  its  housing  to  within  a half -wavelength  of  light  by  means 
of  an  optical  interferometer.  Both  the  disc  and  the  top  plate  have  very 
smooth  finishes,  the  disc  being  finished  to  microinches  and  the  top 
plate  to  15  microinches.  Not  shown  in  figure  1 is  a heater  which  allows 
control  of  the  stagnation  temperature  of  the  working  fluid.  To  date,  the 
stagnation  temperature  was  always  set  in  relation  to  the  wall  temperature, 
so  that  the  boundary  layers  were  adiabatic.  Experiments  to  date,  then, 
consisted  of  direct  measirrements  of  local  skin  friction  in  tiirbulent  bound- 
ary layers  on  a smooth  flat  plate  at  zero  press\nre  gradient.  These  boimd- 
ary  layers  were  adiabatic.  The  speed  was  varied  from  low  subsonic  Mach 
nvimbers  up  to  a Mach  number  of  6.7.  The  Reynolds  number  range  was  from 

1 X 10°  to  120  X 10°.  At  the  highest  Reynolds  nimiber,  the  stagnation 
pressure  was  7OO  Ib/sq  in.  In  calculating  the  Reynolds  number,  the  length 
used  was  from  the  center  line  of  the  element  back  to  the  virtual  origin 
of  turbulence  as  best  it  could  be  determined.  Boundary-layer  surveys 
were  made  at  a number  of  upstream  stations  to  determine  the  point  of 
transition  as  a function  of  Mach  nvuaber  and  Reynolds  niamber  for  this  tun- 
nel. Over  most  of  the  range  of  Reynolds  numbers  it  was  fo\ind  that  the 
virtual  origin  was  very  near  to  the  nozzle  throat. 

Figure  2 is  a plot  of  Mach  number  against  Reynolds  number  showing 
the  test  domain  of  the  boundary-layer  channel,  which  is  everything  to 
the  left  of  the  hatched  line . For  purposes  of  comparison,  also  shown 
is  the  so-called  corridor  of  continuous  flight,  which  is  the  approximate 
Mach  number-Reynolds  number  regime  for  steady  continuous  level  flight  of 
airplane-like  configurations.  A characteristic  length  of  50  feet  was 
used  in  the  calculation.  Most  previous  skin-friction  data  were  taken 
in  the  area  to  the  left  of  and  below  the  corridor  of  continuous  flight . 

It  can  be  seen  that  this  equipment  has  extended  the  Mach  number-Reynolds 
nvimber  range  into  a regime  of  considerable  interest.  Even  a further 
extension  would  be  desirable.  It  should  also  be  mentioned  that  certain 
noncontinuous  flying  vehicles,  such  as  ballistic  missiles,  actually  oper- 
ate outside  (and  above)  the  corridor  of  continuous  flight.  The  shaded 
area  at  the  bottom  of  the  figure  shows  the  regime  in  which  tests  have 
been  conducted  to  date . Air  was  used  as  the  working  fluid  up  to  a Mach 
number  of  4.2,  and  helium  from  a Mach  number  of  4.2  up  to  a Mach  number 
of  6.7. 

On  the  question  of  the  equivalence  of  air  and  helium  in  the  turbu- 
lent boundary  layer,  a dimensional  analysis  of  the  differential  equations 
of  motion  and  energy  for  the  turbulent  boundary  layer  (at  constant  pres- 
sure) shows  that,  in  order  to  get  dynamically  similar  boimdary  layers 
with  two  different  gases,  it  is  necessary  to  match  a certain  parameter. 
This  parameter  is  M^7  - 1,  where  7 = C^jCy.  This  parameter  is  also 


valid  for  the  laminar  boundary  layer.  It  is  only  a boxindary-layer  param- 
eter, though,  and  should  not  be  used  for  other  flows.  Figure  3 shows  the 
equivalence  relation  used; 


where  is  the  equivalent  air  Mach  number  for  a helium  flow  at  the 


actual  Mach  mmiber  The  value  of  1/  is  approximately  1.29. 

|/  ^AIR  “ ^ 

Figure  5 shows  a comparison  of  air  and  helium  flows  at  actual  Mach  num- 
bers of  4.20  and  5-25^  respectively.  Both  of  these  flows  are  at  an  equiv- 
alent air  Mach  number  of  4.20.  Therefore,  one  would  e;q)ect  these  two 
flows  to  be  dynamically  similar  in  the  turbulent  boundary  layer.  Refer- 
ring to  the  plot  in-  figure  5 of  the  local  skin-friction  coefficient 
against  Reynolds  number,  it  is  seen  that  the  air  and  helium  points  do 
fall  on  one  curve.  Also,  for  comparison,  is  shown  the  curve  for  M^  = 0. 
It  is  noted  that  the  sizable  reduction  of  (which  is  a measure  of  com- 
pressibility effects)  is  the  same  for  the  two  gases.  This  is  the  experi- 
mental verification  of  the  equivalence  of  air  and  helium  in  the  turbulent 
boundary  layer. 

It  was  stated  previously  that  at  high  Mach  numbers  in  a given  wind 
tunnel  one  can  obtain  higher  Reynolds  numbers  with  heliimx  than  with  air. 

To  illustrate  this,  in  the  Ames  1-  by  10-inch  boundary-layer  channel  at 

an  equivalent  air  Mach  number  of  15,  a Reynolds  number  of  25  X 10^  csm 
be  expected  if  helium  is  used.  To  obtain  this  same  Reynolds  number  with 
air  woiold  require  a test  section  I50  feet  long  and  the  air  would  have  to 
be  heated  to  4,600°  R;  in  other  words,  at  this  Mach  number  the  Reynolds 
number  factor  is  about  75  to  1. 

Figure  4 largely  summarizes  the  data  taken  to  date.  It  is  a plot 
of  the  local  skin-friction  coefficient  against  Reynolds  number  at  Mach 
numbers  ranging  from  0.2  to  6.7O.  These  are  all  equivalent  air  Mach 
mmibers . It  is  noted  that  the  subsonic  data  agree  well  with  those  taken 
by  other  experimenters.  The  broken  line  represents  data  taken  in  the 
■Ames  12-foot  pressure  tunnel  (ref.  l) . The  dotted  line  is  the  Kdrmin- 
Schoenherr  incompressible  curve.  The  Important  thing  about  the  sub- 
sonic data  is  that  it  shows  no  roughness  effects  or  roughness  "bend-up." 
VThen  appreciable  roiighness  exists,  the  subsonic  skin-friction  curve  will 
bend  up  with  Reynolds  mmiber  and  will  eventually  become  horizontal.  No 
such  effects  are  seen  here.  This  is  mentioned  because  it  is  seen  that 
there  is  a slight  bend-up  in  the  supersonic  curves  at  the  highest  Reynolds 
numbers.  It  is  believed  that  this  bend-up  is  not  due  to  roughness.  All 


the  data  were  taken  with  the  same  top  plate  and  the  same  skin-friction 
element.  A number  of  investigators  have  shown  that  high  Mach  number 
boundary  layers  are  less  sensitive  to  roughness  than  are  subsonic  bound- 
ary layers.  (This  is  probably  due  to  the  fact  that  the  high  Mach  number 
boundary  layers  have  thicker  laminar  sublayers.)  Therefore,  since  no 
roughness  effects  in  the  subsonic  measurements  are  to  be  seen,  it  is 
felt  that  the  supersonic  measurements  are  free  from  roughness  effects. 

Figure  5 is  a plot  of  the  ratio  of  the  local  skin-friction  coeffi- 
cient to  the  incompressible  local  skin-friction  coefficient  at  the  same 
Reynolds  number  plotted  against  Reynolds  number.  The  dashed 

lines  represent  calc-ulated  values  of  calculated  by  the  T*  or 

intermediate  enthalpy  method.  This  method  uses  a mean  reference  temper- 
ature to  evaluate  the  physical  properties  of  the  gas.  The  method  was 
originally  used  by  Rubesin  and  Johnson  (ref.  2)  for  laminar  flows  and 
was  adapted  to  turbulent  flows  by  Eckert,  Sommer  and  Short,  and  others. 

The  constants  used  in  the  calculations  are  those  determined  by  Sommer 
and  Short  (ref.  3)*  (Constants  obtained  by  other  investigators  do  not 
change  the  results  much.)  It  is  noted  that  the  experimental  data  and 
the  T'  calculations  agree  quite  well;  however,  the  trends  are  slightly 
different  with  Reynolds  numbers.  To  date,  no  satisfactory  explanation 
of  the  bend-up  in  Cf^Cf^  at  the  highest  Reynolds  numbers  has  been  found. 

However,  this  effect  is  actually  small,  as  is  seen  by  referring  back  to 
figure  4.  The  large  effect  on  is  due  to  Mach  number,  as  shown  on 

figure  4.  (There  is  another  large  effect  due  to  heat-transfer  conditions, 
but  this  was  not  in  the  scope  of  the  present  investigation.)  It  has  been 
known  for  some  time  that  the  T'  method  gives  good  predictions  for  the 
effects  on  skin  friction  of  Mach  number  and  heat  transfer  at  moderate 
Reynolds  numbers.  It  is  now  seen  that  the  T’  method  gives  good  answers 
over  a surprisingly  large  Reynolds  number  range.  This  is  probably  the 
most  important  result  of  this  paper. 

It  should  be  emphasized  again  that  these  data  were  taken  in  adia- 
batic boundary  layers.  To  calculate  in  a nonadiabatic  boundary 

layer,  one  could  start  with  C^^,  say  the  K^rm^n-Schoenherr  value,  and 

then  use  the  T*  method.  This  method  will  give  good  predictions  for 
the  effects  of  Mach  mamber  and  heat  transfer  on  Cp,  and,  as  has  been 

shown,  the  T*  method  will  also  give  a fairly  good  prediction  for  the 
effect  of  Reynolds  nimiber  on  skin  friction. 
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EFTECTS  OF  FABRICATION-TYPE  ROUGHNESS  ON  TURBULENT 

SKIN  FRICTION  AT  SUPERSONIC  SPEEDS 

By  K.  R.  Czaxnecki,  John  R.  Sevier,  Jr., 
and  Melvin  M.  Carmel 

Langley  Aeronautical  Laboratory 


SUMMARY 


An  investigation  has  been  made  of  the  effects  of  fabrication- type 
sinrface  roughness  on  turbulent  skin-friction  drag  at  supersonic  speeds. 
Insofar  as  the  present  data  are  concerned,  it  was  found  that  fabrica- 
tion of  the  thin-skin  constructions  (sandwich  or  honeycomb)  could  be 
done  svifficiently  well  in  practice  so  as  to  cause  no  increase  in  drag 
over  the  smooth  body;  however,  the  juncture-type  roughnesses  (gaps, 
steps,  etc.)  produced  significant  increases  in  drag  as  compared  with  the 
smooth  body.  The  results  indicate  that  the  effects  of  both  Reynolds 
number  and  Mach  number  can  be  correlated  on  the  basis  of  changes  in 
flow  characteristics  within  the  inner  parts  of  the  boundary  layer. 
Consequently,  increasing  the  unit  Reynolds  number  has  a detrimental 
effect  and  increasing  Mach  number  has  a powerful  alleviating  effect  on 
drag  due  to  siurface  roughness. 


INTRODUCTION 


36 


As  the  designs  of  supersonic  aircraft  become  more  refined  the 
proportion  of  the  airplane  drag  assignable  to  skin  friction  generally 
increases . This  fact  makes  it  imperative , from  the  standpoint  of 
obtaining  optimum  performance  in  speed  and  range,  that  the  airplane 
skin  friction  be  imaintained  at  the  lowest  practicable  value  by  keeping 
the  airplane  surfaces  aerodynamlcally  smooth.  In  actual  practice  the 
aerodynamically  smooth  surface  is  difficult  to  achieve  and  a certain 
amount  of  surface  roughness  in  the  form  of  waviness,  steps,  grooves, 
and  similar  protuberances  must  be  accepted.  This  paper  will  review 
briefly  some  results  from  recent  tests  made  to  evaluate  the  magnitude 
and  other  drag  characteristics  of  a few  of  these  types  of  fabrication 
rovighnesses  in  a turbulent  boundary  layer  at  supersonic  speeds. 
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SYMBOIS 


'"D,r 

k 

^=1.61 


skin-friction  drag  coefficient  based  on  wetted  sxirface  area 
of  basic  smooth  body  and  free-stream  flow  conditions 

roughness  drag  coefficient  based  on  total  frontal  area  of 
roughness  and  free-stream  flow  conditions 

critical  or  allowable  roughness  height 

critical  or  allowable  roughness  height  at  M = I.6I 


M 

Rprj, 

CR 

"l 


Mach  number 

free-stream  unit  Reynolds  number 

free-stream  unit  Reynolds  number  at  which  drag  due  to 
roughness  first  appears 

laminar  sublayer  thickness 

laminar  sublayer  thickness  at  M = 1.6l 


BASIC  PROBLEM 


The  basic  problem  is  illustrated  by  the  sketch  in  figure  1.  This 
sketch  shows  a three-quarter  front  view  of  a supersonic  airplane  con- 
figuration and  some  of  the  external  details  that  create  the  problem. 
Firsts  because  of  high  surface  temperature  requirements^  the  airplane 
will  be  built  of  sandwich  construction  and  these  sandwich  panels  prob- 
ably will  cover  most  of  the  airplane  surface.  If  the  sandwich  panels 
contain  a honeycomb  core,  the  external  surface  may  have  a "waffle”  like 
appearance  after  exposure  to  heat  as  illustrated  for  the  panel  on  the 
wing.  If  the  panel  is  constructed  of  a stringer  core,  the  seam  welding 
of  the  external  skin  may  leave  lines  of  dents  and  protuberances  resem- 
bling "hemstitching"  as  indicated  for  the  panel  on  the  fuselage. 
Further,  the  joining  of  the  panels  one  to  another  and  the  provision  of 
access  doors,  as  exemplified  by  the  thin  lines  in  the  airplane  sketch, 
will  generally  result  in  some  local  surface  imperfections.  These 
imperfections  can  be  in  the  form  of  steps,  grooves,  waves,  creases,  or 
combinations  thereof.  These  types  of  surface  roughness,  however,  will 
not  saturate  the  surface  but  will  occur  only  at  fairly  large  intervals. 


kQ7 


Whereas  the  sandwich-panel-type  roughness  distribution  is  measured  in 
square  feet,  the  juncture-type  roughness  is  measured  in  lineal  feet. 

mmiB  AKD  TESTS 


In  order  to  determine  the  effects  of  fabrication-type  roughness  on 
skin-friction  drag  at  supersonic  speeds  the  investigation  had  to  be 
carried  out  on  a simple  model  wherein  the  various  components  of  total 
drag  could  be  readily  measured  and/or  separated;  thus^  the  incremental 
drag  due  to  roughness  is  isolated.  Consequently^  the  investigation  was 
carried  out  on  the  basic  ogive -cylinder  body  illustrated  in  figure  2. 

This  basic  body  had  a length  of  50  inches  and  a diameter  of  about 
4.1  inches,  which  gave  the  body  a fineness  ratio  of  12.2.  The  ogival 
nose  was  5 calibers  in  length  and  faired  tangentially  into  the  constant- 
diameter  cylindrical  afterbody. 

For  simplicity  in  construction,  the  fabrication  roughnesses  were 
built  into  the  cylindrical  portion  of  the  model  only.  In  order  to  obtain 
measureable  increments  in  drag  due  to  roughness  in  these  tests,  the  drag 
was  determined  for  a number  of  the  steps,  grooves,  or  waves  set  apart 
at  intervals  judged  to  be  sufficiently  large  to  eliminate  the  effects 
of  mutual  interference.  These  intervals  range  from  1 inch  for  the  grooves 
to  two  inches  for  stepped  models. 

Sixteen  bodies  representing  different  types  or  heights  of  fabrication- 
type  roughness  were  investigated,  exclusive  of  the  smooth  body.  Some 
details  of  the  juncture-type  roughnesses  are  shown  in  figure  2.  Included 
are  0.050- inch- square  grooves  and  two  heights  each  of  forward-  and 
rearward- facing  steps,  of  protruding  waves  and  transverse  creases,  and  of 
combinations  of  steps  and  grooves.  Three  of  the  models  had  waffle-like 
siurfaces  representative  of  sandwich-construction  panels  with  honeycomb 
cores,  and  two  had  surfaces  representative  of  sandwich -construction 
panels  with  the  external  skin  seam-welded  to  stringers  along  lines 
resembling  hemstitching.  Since  it  is  difficult  to  describe  the  waffle 
or  hemstitching  type  of  roughnesses,  no  sketches  are  shown  for  these 
configurations.  It  should  be  mentioned,  however,  that  the  smooth 
waffle  model  had  a rather  gently  wavy  surface  with  waves  approximately 
0.002  inch  in  height,  whereas  the  coarse  waffle  models  had  rather  sharp 
ridges  approximately  0.005  to  0.006  inch  in  height. 

All  of  the  models  were  tested  at  Mach  nimibers  of  1.6l  and  2.01  in 
the  Langley  4-  by  4-foot  supersonic  pressure  tunnel  and  seven  representa- 
tive models  were  tested  in  the  Langley  Unitary  Plan  wind  tunnel  at 
M = 2.87.  The  range  of  free-stream  unit  Reynolds  numbers  varied  from 

about  0.5  X 10  to  9 X 10  . For  all  tests,  transition  was  fixed  near 


the  nose  of  the  model  hy  means  of  narrow  strips  of  carhorundiam  or  sand 
grains.  Skin  friction  was  determined  by  measuring  the  total  drag  on 
the  models  by  means  of  an  internal  strain-gage  balance  and  subtracting 
measured  values  of  forebody  and  base  pressure  drags.  All  tests  were 
limited  to  zero  angle  of  attack. 


BACKGROUND  INFORMATION 


Before  the  results  of  the  present  investigation  are  discussed^  it 
appears  appropriate  to  mention  some  of  the  physical  concepts  that  are 
involved.  To  begin  with,  a large  number  of  investigations  of  surface 
roughness  have  been  made  at  subsonic  speeds.  (See  ref.  1.)  These  tests 
indicate  that  when  the  roughness  did  not  protrude  beyond  the  laminar 
sublayer  there  was  little  if  any  drag  due  to  roughness.  If  the  rough- 
ness protruded  beyond  this  height,  it  created  an  additional  form  drag 
above  and  beyond  the  skin-friction  drag  of  the  basic  smooth  surface. 

For  protrusions  well  beyond  the  laminar  sublayer,  the  drags  of  rough- 
nesses of  similar  shape  could  be  readily  correlated  with  the  use  of  a 
drag  coefficient  based  on  the  height  of  the  roughness  and  the  average 
dynamic  pressure  existing  within  the  boundary  layer  over  the  height 
of  the  roughness.  Lastly,  since  changes  in  sublayer  thickness  are 
indicative  to  a first  order  of  the  changes  in  local  conditions  in  the 
inner  portion  of  the  boundary  layer  and  this  thickness  changes  but 
little  with  increase  in  model  length  at  constant  free-stream  unit  Reynolds 
number,  the  free-stream  unit  Reynolds  number  obviously  is  the  controlling 
parameter. 

It  may  be  expected  that  the  basic  concepts  just  discussed  for  low 
speeds  will  also  apply  at  supersonic  speeds.  Thus,  it  was  possible  in 
the  present  investigation  to  test  full-scale  roughness  at  full-scale 
unit  Reynolds  number.  For  example,  an  airplane  flying  at  M = 3 at 
about  70,000  feet  altitude  would  be  operating  at  a Reynolds  number  per 

foot  of  about  1.5  X 10^.  This  Reynolds  number  lies  in  the  lower  part 
of  the  test  range. 


RESULTS  AND  DISCUSSION 


Smooth  Bodies 

Some  skin- friction  results  for  the  reference  smooth  body  and  for 
some  typical  models  having  the  type  of  roughness  insufficiently  large 
to  cause  any  measurable  penalty  in  drag  are  shown  in  figure  3 Dor  the 
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lowest  test  Mach  nuraber  of  1.6l.  Tlie  ordinate  in  this  figizre  is  the 
effective  skin-friction  coefficient  based  on  the  smooth  body  wetted 
surface  area  and  the  abscissa  is  the  free-stream  Reynolds  number  per 
foot.  As  may  be  seen,  there  is  little  or  no  difference  in  drag  for  the 
smooth  body  or  the  bodies  with  hemstitching  or  smooth  waffle  type  of 
roughness.  This  result  does  not  necessarily  mean  that  the  dents  or 
protuberances  on  the  models  with  roughness  do  not  produce  drag,  but 
that  the  number  and  size  of  the  surface  irregularities  may  be  so  small 
and  the  smooth  part  of  the  surface  relatively  so  large  that  the  drag 
produced  by  the  roughness'  is  well  within  the  accuracy  of  measurement. 

The  main  conclusion  to  be  derived  from  figure  5 is  that,  for  the  well 
distributed  type  of  roughness  associated  with  the  construction  of  sand- 
wich panels  which  may  cover  a large  portion  of  the  airplane,  it  appears 
readily  feasible  to  maintain  the  surface  sufficiently  smooth  with  nor- 
mal fabrication  procedures  to  escape  any  measurable  drag  due  to  roughness. 

The  straight  line  in  the  figure  is  an  average  "smooth”  body  curve 
drawn  through  the  composite  data  which  will  be  used  for  reference  in 
figures  4 and  5* 


Configurations  With  Roughness 

Some  typical  basic  test  results  for  configurations  with  roughness 
of  the  type  insufficiently  large  to  cause  any^  measurable  penalty  in 
drag  are  presented  in  figures  4 and  5 M - 1.6l  and  2.87*  The  ordi- 
nate and  abscissa  are  the  same  as  in  figure  5 the  average  smooth 

body  curve  is  the  reference  previously  described.  Note  that  the  coarse 
waffle  surfaces  show  a sizable  increment  in  drag  and  are  therefore  rep- 
resentative of  the  types  of  sandwich-panel  surfaces  that  must  be  avoided 
in  fabrication  or  after  exposure  to  heat. 

The  results  of  the  investigation  indicate,  as  illustrated  by  the 
typical  plots  in  these  figures,  two  items  of  significance.  First,  the 
smaller  is  the  increment  in  drag  due  to  roughness,  defined  as  the  differ- 
ence in  effective  drag  coefficient  between  the  curves  for  the  models  with 
roughness  and  that  for  the  smooth  bodies,  the  more  closely  the  curves 
for  the  models  with  roughness  parallel  the  smooth  body  curve.  This 
result  suggests  the  possibility  of  correlating  the  effects  of  changes 
in  drag  increment  with  Reynolds  number  on  the  basis  of  some  parameter 
involving  the  unit  Reynolds  n-umber.  Second,  the  data  in  general  do  not 
indicate  the  existence  of  a critical  Reynolds  number  below  which  the 
drag  of  the  bodies  with  roughness  merge  with  the  smooth  body  drag  curve 
as  was  illustrated  supersonically  for  distributed  surface  roughness  in 
references  2 and  5*  explanation  is  that  the  roughnesses  protrude 

through  the  laminar  sublayer,  usually  by  a substantial  margin,  even  at 
the  lowest  test  Reynolds  number. 


Critical  Roughness 


As  an  item  of  interest  at  this  pointy  it  may  be  pointed  out  that^ 
as  the  Mach  mmiber  increases,  the  temperature  of  the  boundary  layer  near 
the  surface  also  increases  rapidly  and  the  density  decreases  while 
viscosity  increases.  The  laminar  sublayer  thickness,  therefore,  increases 
rapidly  with  M and  it  may  be  expected  that  the  critical  or  allowable 
roughness  height,  below  which  no  drag  due  to  roughness  appears,  will  also 
increase.  This  statement  is  shown  to  be  true  in  figure  6.  The  allowable 
roughness  is  defined  as  indicated  by  the  sketch  on  the  right  of  the  fig- 
ures as  the  maximum  roughness  which  will  not  cause  an  increase  in  skin- 
friction  drag  below  some  arbitrary  critical  Reynolds  number.  For  larger 
values  of  roughness,  the  skin-friction  curve  for  the  model  with  rough- 
ness will  diverge  from  the  smooth  body  curve  at  lower  values  of  R^^ 

and  create  a drag  increment  at  the  reference  Reynolds  number  such  as  is 
evident  above  the  critical  Mach  number.  In  the  plot  on  the  left  of 
figure  8 is  presented  the  ratio  of  critical  or  allowable  roughness 
height  at  the  test  Mach  number  to  allowable  roughness  height  at  M = 1.6l 
as  a function  of  M at  constant  Reynolds  number  for  distributed  sand- 
grain  type  of  roughness.  The  experimental  points  are  plotted  as  circular 
symbols  while  the  theoretical  curve,  which  assumes  that  the  first  appear- 
ance of  the  drag  due  to  roughness  occurs  at  a constant  value  of  the  ratio 
of  roughness  height  to  laminar  sublayer  thickness,  is  shown  as  a dotted 
line. 


The  results  of  figure  6 indicate  excellent  agreement  between  theory 
and  experiment.  The  accuracy  of  the  experimental  data  is  probably  on 
the  order  of  ±10  or  ±15  percent  so  that  the  nearly  perfect  agreement  may 
be  somewhat  fortuitous.  Still,  the  data  do  show  that  the  basic  concept 
is  probably  correct  and  that  increasing  the  Reynolds  number  has  a power- 
ful alleviating  effect  on  the  critical  or  allowable  roughness  height. 


Reynolds  Number  Correlation 

In  the  form  presented  thus  far  the  results  for  the  juncture-type 
roughnesses  are  not  in  a form  suitable  for  application  to  model  config- 
urations other  than  the  ogive-cylinder  tested.  In  figures  7 sind  8, 
therefore,  some  of  the  results  obtained  at  M = 1.6l  and  2,87  have  been 
reduced  to  a more  useful  form  wherein  the  increment  in  drag  coefficient 
due  to  roughness  is  based  on  free -stream  flow  conditions  and  the  total 
frontal  area  of  the  roughnesses  investigated.  At  the  same  time  this 

drag  increment  has  been  divided  by  minus  l/5th  power  of 

the  Reynolds  number  per  foot  corresponds  to  the  slope  of  the  skin- 
friction  curve  of  the  smooth  bodies.  The  test  points  in  these  figures 


represent  average  values  of  drag  increir^ent  picked  from  data  such  as  shown 
in  figures  4 and  5 at  the  various  Reynolds  numbers  indicated. 

The  results  indicate  that  the  effects  of  Reynolds  number  can  be  pre- 
dicted quite  well  except  possibly  at  the  lowest  Reynolds  numbers.  In 
this  range,  however,  the  accuracy  of  measurement  is  quite  low  due  to  low 
tunnel  dynamic  pressure  and  the  problem  of  fixing  transition.  Also,  only 
a few  of  the  many  configurations  investigated  show  this  disagreement  at 
low  Reynolds  numbers  per  foot  and  all  have  been  included  here.  It  should 
be  noted,  however,  that  the  correlation  must  eventually  break  down  at  low 
Reynolds  numbers  if  a critical  Reynolds  number  is  to  exist.  A similar 
Reynolds  number  correlation  is  obtained  for  the  distributed  type  of 
roughnesses  except  that  the  drag  generally  cannot  be  expressed  in  terms 
of  roughness  dimensions  because  of  the  difficulty  of  measuring  the  rough- 
ness height  or  density  of  distribution. 

For  subsonic  speeds  Hoerner  (ref.  l)  has  demonstrated  that  the  drag 

1 Q p . - 

of  the  juncture-type  roughnesses  increases  approximately  as  \yRpip 

because  of  the  combined  effects  of  decreasing  boundary-layer  thickness 
and  the  consequent  projection  of  the  roughness  into  a higher  dynamic  pres- 
sure region  within  the  boundary  layer.  In  these  tests  the  increase  is 

only  as  Th®  reason  for  this  faster  increase  is  not  known  at 

present,  inasmuch  as  there  is  no  change  in  this  factor  in  the  Mach  n\im- 
ber  range  from  1.6l  to  2.87.  The  final  answer  awaits  completion  of  the 
breakdown  of  the  roughness  drag  into  its  components  of  wave  and  vortex 
drag.  The  correlation  of  the  results  for  the  various  roughness  heights 
also  awaits  completion  of  this  analysis. 

In  using  the  data  of  figures  7 and  8,  the  procedure  requires  that 
the  type  and  size  of  roughness  on  an  airplane  be  identified.  The  drag 
coefficient  parameter  based  on  roughness  frontal  area  can  then  be 
estimated  from  these  data  for  the  proper  Mach  number.  This  parameter 

is  multiplied  by  the  flight  \/^prp  and  the  drag  coefficient  converted 

from  roughness  frontal  area  to  wing  area  on  the  basis  of  the  number  of 
lineal  feet  of  roughness  existing  on  the  airplane  and  the  height  of  the 
roughness.  Thus  the  smaller  the  momber  and  heights  of  junct\jre-type 
roughness  on  an  airplane  the  smaller  is  the  increment  in  drag  due  to 
roughness  in  terms  of  airplane  coefficients. 

Mach  Number  Effects 

The  effects  of  Mach  number  on  drag  due  to  roughness  are  illustrated 
in  figure  9*  In  this  figure,  the  ordinate  is  the  drag  parameter 
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— as  was  used  in  figures  7 and  8 and  the  abscissa  is  the  test  Mach 

number.  Results  are  shown  for  only  a few  cases  but  are  representative 
of  configurations  not  shown.  The  results  show  that^  as  the  Mach  number 
is  increased,  the  drag  coefficient  decreases.  The  rate  of  decrease 
appears  to  be  roughly  proportional  to  the  magnitude  of  the  coefficient 
involved. 


Inasmuch  as  changes  in  drag  due  to  roughness  with  Mach  number  can 
logically  be  expected  to  vary  in  direct  proportion  to  the  changes  in 
the  flow  characteristics  of  the  inner  parts  of  the  boundary  layer  and 
these  changes  can  be  described  to  a first  order  by  the  changes  in  laminar 
sublayer  thickness,  a correlation  of  the  Mach  number  effects  was  made 
on  the  basis  of  the  expected  changes  in  sublayer  thickness  with  Mach 
number.  The  results  for  a few  typical  cases  are  shown  in  figure  10. 

In  this  figure  the  ordinate  is  the  roughness  drag  parameter  multiplied 
by  the  ratio  of  the  thickness  of  the  laminar  sublayer  at  the  test  Mach 

5t 

number  to  that  at  M = 1.61  - — . The  correlation  exhibits  a 

V^Wm=i.6i 

considerable  amount  of  scatter^  but  the  corrections  for  Mach  n\amber ' 
effects  appear  to  be  correct. 


CONCLUriING  REMARKS 


The  results  of  this  investigation  of  the  effects  of  fabrication- 
type  surface  roughness  on  turbulent  skin-friction  drag  at  supersonic 
speeds  indicate  that  the  effects  of  both  Reynolds  number  and  Mach  num- 
ber can  be  correlated  on  the  basis  of  changes  in  flow  characteristics 
within  the  inner  parts  of  the  bo-undary  layer.  Consequently,  increasing 
the  unit  Reynolds  number  has  a detrimental  effect  and  increasing  Mach 
number  has  a powerful  alleviating  effect  on  drag  due  to  surface  rough- 
ness. The  correlation  of  the  effects  of  changes  in  roughness  height 
or  shape  requires  a more  comprehensive  analysis  than  was  attempted  in 
this  paper.  Further  investigation  must  be  made  of  the  effects  of 
roughness  sweep  and  possibly  mutual  interference  effects. 
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PREDICTION  OF  FULL-SCALE  SKIN-FRICTION  DRAG 
By  Albert  E.  von  Doenhoff 
Langley  Aeronautical  Laboratory 


INTRODUCTION 


The  problem  of  predicting  full-scale  flight  drag  from  wind-tunnel 
tests  has  been  of  interest  for  many  years  and  appears  to  be  giving  rise 
to  as  much  heated  debate  now  as  it  ever  did.  One  approach  to  the  problem 
would  be  to  collect  flight  drag  data  for  a number  of  airplahes  and  to 
compare  these  data  with  wind-tunnel  drag  data  for  models  of  these  air- 
planes. Such  a comparison  would  presumably  lead  to  the  setting  up  of 
certain  empirical  correction  procedures.  Unfortunately,  flight  drag 
data  are  difficult  to  obtain  with  accuracy  sufficient  for  this  purpose 
and,  in  addition,  the  actual  flight  configuration  usually  differs  sig- 
nificantly from  the  corresponding  model  configuration,  with  the  result 
that  available  data  suitable  for  making  the  empirical  correlation  are 
extremely  limited. 


On  the  other  hand,  the  basic  skin-friction  laws  for  laminar  and 
turbulent  flow  are  well  known  and  firmly  established  over  a very  wide 
range  of  Reynolds  numbers  and  Mach  numbers  (ref.  1).  Some  additional 
data  on  turbulent  skin  friction  were  presented  in  a previous  paper  by 
Fred  W.  Matting.  Another  obvious  approach  is,  therefore,  to  make  use 
of  this-  knowledge  in  attempting  to  predict  flight  characteristics  from 
the  tunnel  data.  As  a matter  of  fact  recent  NACA  research  on  skin 
friction  has  been  planned  in  such  a way  as  to  implement  this  approach. 


PROCEDURE 
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The  proposed  procedure  is  not  particularly  new.  The  main  purpose 
here  is  to  present  what  is  considered  to  be  the  rational  approach  to 
this  problem.  The  procediire  based  on  this  conception  of  the  problem  is 
given  schematically  in  figure  1.  The  upper  line  is  the  curve  for  the 
all-turbulent  flat-plate  skin  friction  for  the  proper  Mach  number.  The 
lower  curve  is  the  one  for  the  corresponding  laminar  flat  plate. 

It  is  presumed  that  the  model  test  has  been  made  with  transition 
fixed.  More  will  be  mentioned  later  about  the  method  of  fixing  transition. 


This  value  of  the  friction  drag  of  the  model  is  then  reduced  by  the 
decrease  in  turbulent  skin  friction  of  a flat  plate  over  the  Reynolds 
number  range  from  model  conditions  to  flight  conditions.  If  the  airplane 
designer  feels  confident,  after  a realistic  appraisal  of  the  situation, 
that  certain  areas  of  the  airplane  have  laminar  rather  than  turbulent 
flow,  he  would  be  justified  in  reducing  the  extrapolated  drag  to  allow 
for  this  effect. 

Finally,  examination  of  any  actual  aiirplane  will  reveal  a myriad  of 
defects  in  the  surface  - for  example,  rivets,  wrinkles,  butt  joints,  and 
control-surface  gaps  - that  were  not  simulated  on  the  model.  An  allowance 
must  be  included  for  such  drag-producing  elements  in  order  to  arrive  at  a 
reasonable  value  for  the  airplane  drag  coefficient.  This,  in  brief,  is 
the  proposed  procedure . It  should  be  noted  that  the  value  of  the  drag 
measured  in  the  wind  tunnel  may  be  very  nearly  equal  to  the  predicted 
flight  value.  This  fact  can  be  quite  confusing  unless  it  is  realized 
that  a number  of  compensating  influences  are  involved. 


DISCUSSION 


It  is  necessary  to  examine  the  feasibility  of  carrying  out  the  pro- 
cedure. The  first  step  in  the  process  is  to  fix  transition  for  the  model 
test.  In  doing  this,  it  is  desirable  to  use  a device  that  has  a negli- 
gible intrinsic  drag  of  its  own.  In  accomplishing  this  aim,  research  of 
the  type  discussed  in  a previous  paper  by  Albert  L.  Braslow  and  Elmer  A. 
Horton  has  been  a big  help.  In  order  to  bring  transition  up  to  a given 
point  it  is  only  necessary  to  glue  some  granular  particles  to  the  surface, 

the  size  of  the  particles  being  governed  by  the  condition  that  be 

greater  than  about  25^  where  is  the  roughness  Reynolds  number  formed 

with  local  values  of  the  density,  velocity,  and  viscosity  at  the  top  of 
the  roughness  and  the  height  of  the  roughness.  It  should  be  emphasized 
that  the  number  of  such  particles  need  not  be  very  large.  A typical 
example  of  the  application  of  such  particles  to  a 10^  cone  is  given  in 
figure  2.  It  is  evident  that,  if  a turbulent  wedge  originated  at  each 
of  the  particles,  these  wedges  would  overlap  a very  short  distance  down- 
stream of  the  particles.  The  optimiom  distribution  of  particles  is,  of 
course,  a line  of  particles  spaced  a uniform  distance  apart.  In  practice, 
however,  it  has  not  been  found  necessary  to  be  so  careful. 

Figure  5 illustrates  this  point.  The  drag  polar  of  a typical  high- 
speed fighter  configuration  at  a Mach  number  of  1.57  obtained  in  the 
Langley  Unitary  Plan  wind  tunnel  is  given  for  the  model  without  roughness, 
with  0.005  to  0,005  inch  roughness,  and  wiuh  0.011-inch  size  roughness 
applied.  The  density  of  application  was  about  as  shown  in  figure  2.  It 
is  evident  that  even  the  larger  size  of  roughness  had  no  effect  on  the 


drag.  Tlie  reason  for  the  agreement  of  the  smooth-model  data  with  the 
data  with  roughness  in  place  is  that,  in  this  particular  case,  the  flow 
was  turbulent  at  the  position  of  the  roughness  without  the  transition 
trip.  In  fact,  it  was  desirable  to  choose  a model  having  this  charac- 
teristic in  order  to  avoid  the  extraneous  effect,  so  far  as  the  rough- 
ness drag  is  concerned,  of  moving  the  position  of  transition.  The  point 
to  be  made  is  that  roughness  large  enough  to  cause  transition  does  not 
necessarily  result  in  a significant  increment  in  the  drag  if  the  rough- 
ness is  properly  applied.  In  this  case  the  No.  60  roughness  was  defi- 
nitely large  enough  to  cause  transition,  as  indicated  by  criteria  based 
on  the  results  of  a previous  paper  by  Albert  L.  Braslow  and  Elmer  A. 

Horton.-  There  are  limits,  of  course.  At  very  low  test  Reynolds  numbers 
it  becomes  increasingly  difficult  to  trip  the  laminar  layer  without 
causing  significant  extra  drag  due  to  the  trip,  but  for  wing  Reynolds 
numbers  of  the  order  of  10°  or  more,  no  trouble  is  experienced. 

The  second  step  is  to  justify  the  allowance  for  the  decrease  in 
turbulent  skin  friction  between  the  model  and  the  full-scale  airplane. 

Not  much  doubt  exists  regarding  this  effect  on  flat  plates  or  simple 
body  configurations.  Some  questions  have  been  raised  occasionally  as  to 
whether  the  same  rules  apply  to  a complex  complete  airplane  configuration. 
Several  investigations  have  indicated  that  the  normal  turbulent  scale 
effect  is  experienced  at  transonic  speeds.  (See,  for  example,  ref.  2.) 

A compeirison  of  the  results  from  tunnel  and  rocket-propelled  model  tests 
of  a complete  airplane  configuration  at  widely  different  Reynolds  numbers 
is  given  in  reference  2.  In  order  to  try  to  answer  the  question  at  super- 
sonic speeds,  figure  4 has  been  prepared.  These  data  are  for  a complete 
configuration,  which  is  discussed  in  reference  5*  The  model  was  tested 
with  transition  fixed  near  the  leading  edge  over  a wide  Reynolds  number 
range  in  the  Langley  Unitary  Plan  wind  tunnel. 

In  figure  4 a first-order  estimate  of  the  skin  friction  was  taken 
as  the  ratio  of  wetted  area  to  wing  area  times  the  skin  friction  for  a 
flat  plate  at  the  proper  Mach  number,  5.0.  It  was  assumed  that  the  dif- 
ference bet'ween  the  measured  data  and  the  estimated  skin  friction  at  the 
highest  test  Reynolds  number  was  a measure  of  the  wave  drag.  This  quantity 
was  then  subtracted  from  the  data  at  lower  Reynolds  numbers.  It  is  evident 
that  the  measured  scale  effect  is  just  about  equal  to  that  estimated  on  the 
basis  of  flat-plate  skin  friction.  These  data  are  typical  of  many  other 
cases  that  could  have  been  cited  to  justify  the  scale  effect  correction  on 
turbulent  skin  friction. 

A word  now  about  the  allowance  for  laminar  flow.  Although  the  mecha- 
nism of  transition  at  supersonic  speeds  appears  to  be  very  similar  to  that 
in  incompressible  flow,  there  are  some  factors  that  deserve  special  mention 
in  connection  with  obtaining  extensive  laminar  flow  at  supersonic  speeds. 
Experience  has  indicated  that  it  is  very  difficult,  if  not  impossible,  at 
practical  Reynolds  numbers,  to  obtain  laminar  flow  behind  the  intersection 


of  a shock  wave  with  the  surface . The  effect  of  cooling  the  surface  as 
shown  in  a previous  paper  by  Albert  L.  Braslow  and  Elmer  A.  Horton  is  to 
increase  the  sensitivity  of  the  boundary  layer  to  roughness;  that  is, 
cooling  decreases  the  maximum  allowable  roughness  height.  There  is  some 
evidence,  as  indicated  in  a previous  paper  by  Richard  D.  Banner,  John  G. 
McTigue,  and  Gilbert  Petty,  Jr.,  that  increasing  Mach  number  makes  the 
unfavorable  influence  of  leading-edge  sweep  more  severe.  Aside  from 
these  effects,  the  factors  affecting  the  possible  extent  of  laminar  flow 
are  qualitatively  very  much  the  same  as  for  incompressible  flow.  All  of 
these  factors  must  be  very  carefully  and  realistically  studied  if  signifi- 
cant extents  of  laminar  flow  are  actually  to  be  achieved. 

Third,  to  obtain  an  estimate  of  the  airplane  drag,  the  allowance  pre- 
viously mentioned  for  surface  roughness  and  excrescences  must  be  made. 

In  making  this  estimate,  the  order  of  magnitude  of  the  roughness  which  is 
just  large  enough  to  affect  turbulent  skin  friction  must  be  kept  in  mind. 
This  critical  roughness  is  usually  somewhat  smaller  than  that  necessary 
to  cause  transition.  In  incompressible  flow  a quick  crude  estimate  of  the 
critical  roughness  size  can  be  obtained  from  the  relation  that  the  criti- 
cal roughness  Reynolds  number,  formed  with  the  free-stream  velocity,  den- 
sity, and  viscosity,  and  the  height  of  the  roughness,  is  about  100.  The 
allowable  height  of  the  roughness  has  been  shown  by  Czarnecki,  Sevier,  and 
Carmel  (ref.  4)  to  increase  with  Mach  number.  It  may  be  expected  to 
decrease  with  surface  cooling. 

A large  amount  of  data  has  been  accumulated  at  low  speeds  through 
the  years  and  has  been  conveniently  summarized  in  reference  5*  An  esti- 
mate of  the  extra  drag  items  on  a North  American  F-86  airplane  based 
on  these  data  and  a close  examination  of  the  airplane  are  given  in 
table  I.  It  has  been  shown  that  no  laminar  flow  exists  on  this  airplane 
and  thus  no  laminar  flow  was  assumed  in  this  analysis.  As  is  evident,  the 
number  of  different  kinds  of  items  is  fairly  large  and  the  drag  contribu- 
tion of  most  of  them  is  rather  small.  Leakage  may  also  be  a significant 
drag  item,  although  the  magnitude  of  this  effect  could  not  be  estimated 
from  a visual  inspection  of  the  airplane . Nevertheless  the  sum  of  all 
the  items  considered  represents  an  important  fraction  of  the  total  drag. 

Siifficient  data  to  make  this  sort  of  a drag  analysis  at  supersonic 
speeds  have  not  been  available . The  data  presented  in  reference  4 repre- 
sent a significant  contribution  in  this  respect  and  represent  part  of  a 
continuing  program.  It  seems  reasonable  to  expect,  however,  that,  except 
for  the  very  smallest  grade  of  roughness,  the  drag  contributions  at  super- 
sonic speeds  will  be  at  least  as  large  as  at  subsonic  speeds  because  of 
the  production  of  wave  drag.  The  classes  of  items  of  greatest  inportance 
on  future  airplanes  may  be  different  from  those  considered  in  the  case  of 
the  F-86  airplane. 


CONCLUDING  REMARKS 


A rational  procedure  has  been  presented  for  predicting  full-scale 
airplane  drag  from  fixed-transition  model  data.  It  has  the  advantage  of 
taking  into  account  all  the  pertinent  factors  in  as  accurate  a manner  as 
available  data  permit.  For  example,  as  opposed  to  the  previously  men- 
tioned empirical  approach,  the  present  procedure  allows  for  any  possible 
decreases  in  drag  associated  with  improved  construction  methods  and  sur- 
face condition.  It  would  be  very  difficult  to  do  this  without  analyzing 
the  problem  in  terms  of  a number  of  distinct  phenomena  as  has  been  done 
in  the  present  proposed  procedure . 
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TABLE  I 

ROUGHNESS-DRAG  ESTIMATE  FOR  A NORIH  AMERICAN  F-86  AIRPLANE 


Roughness  item 

Drag 

coefficient 

Scratches 

0.0006 

Leading-edge  slat  gaps 

.00144 

Control-Slirface  gaps 

.00027 

Butt  joints 

.00049 

Cover  plates 

.0002 

Rivets 

.00017 

Projections 

.00015 

Slots  (screw  heads) 

.000002 

Holes 

.00001 

Gouges 

.000002 

Total 

0.0033 

PROCEDURE  FOR  PREDICTING  DRAG 
FROM  MODEL  TESTS 


Figure  1 


TYPICAL  DISTRIBUTED- ROUGHNESS  TRANSITION  TRIP 


Figure  2 
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Figure  5 


DRAG  SCALE  EFFECT  ON  CANARD 
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IDEALIZED  WINGS  AND  WING -BODIES  AT  A MACH  NUMBER  OF  5 


By  Elliott  D.  Katzen 
Ames  Aeronautical  Laboratory 


THEORETICAL  CONSIDERATIONS 


Theoretical  possibilities  for  obtaining  high  lift-drag  ratios  at 
M = 3 are  given,  and  some  experiments  which  were  designed  to  exploit 
the  theory  are  described.  In  discussing  the  theoretical  maximum  lift- 
drag  ratios  of  idealized  arrangements,  it  is  convenient  to  consider,  as 
a standard  of  comparison,  the  lifting  flat  plate. 

Included  in  figure  1 are  the  maximum  lift-drag  ratios  for  flat  plates 
having  two  types  of  plan  forms,  the  delta  and  the  arrow.  The  maximum 
lift-drag  ratios  have  been  computed  for  M = 3 (for  symbols,  see  appen- 
dix) and  for  an  assumed  minimum  drag  coefficient  of  O.OO5.  These  values 
correspond  to  those  for  a very  large  airplane  flying  at  a high  Reynolds 
number  so  that  the  friction  drag  coefficient  would  be  relatively  low. 

Tiie  maximum  lift-drag  ratios  are  shown  as  a function  of  the  slender- 
ness parameter  3 tan  e where  3 is  defined  as  >/m2  - 1 and  e is  the 
semiapex  angle  of  the  leading  edge  of  the  wing.  In  addition  to  the  results 
for  flat  plates,  the  improvement  in  lift-drag  ratio  predicted  by  cambering 
and  twisting  the  wings  is  shown.  For  both  types  of  plan  forms  with  super- 
sonic leading  edges  and  for  the  subsonic-leading-edge  delta  wings,  the 
drag- due -to -lift  results  of  references  1 and  2 were  used  to  compute  the 
improved  lift-drag  ratios . For  the  arrow  wings  with  subsonic  leading 
edges,  the  drag  due  to  lift  was  optimized  by  using  a fo\ir-term  load  dis- 
tribution in  the  manner  of  references  3 3-nd.  4.  The  calctilations  were 
made  at  one  point,  3 tan  e = 0.5.  The  curve  of  lift-drag  ratio  was  then 
faired  from  this  calculated  point  to  the  points  calculated  for  arrow  wings 
with  supersonic  leading  edges . 
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It  can  be  seen  from  figure  1 that  (l/d)j^  for  the  arrow  wings  is 

higher  than  that  for  the  delta  wings.  The  improvement  caused  by  warping 
decreases  as  the  slenderness  is  decreased,  and  for  wings  with  highly 
supersonic  leading  edges  the  improvement  becomes  negligible.  These  trends 
would  be  the  same  if  a higher  minimum  drag  coefficient  had  been  assumed, 
but  the  magnitudes  would  be  different.  For  example,  if  CDq  = O.OI5  had 

been  chosen,  the  (l/d)jvi/:^  for  the  very  slender  arrow  wing  wo\ald  be 
about  7 instead  of  over  11,  as  shown  in  figure  1.  For  the  very  slender 
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arrow  wing,  p tan  € = 0.5,  relatively  high  lift-drag  ratios  are  predicted 
for  either  the  flat  plate  with  subsonic  flow  or  for  the  same  plan  form 
cambered  and  twisted.  Experiments  were  designed  then  in  an  attempt  to 
attain  this  high  lift-drag  ratio . 


EXPERIMENTAL  INVESTIGATION 


Four  models  are  shown  in  figure  2 which  were  cambered  and  twisted 
for  low  drag  due  to  lift . ( See  refs . 5 and  4 . ) Models  1 and  2 were 

designed  for  a lift  coefficient  of  0.1;  therefore,  the  wings  are  rather 
extreme,  as  can  be  seen  from  sections  taken  at  various  stations  along 
the  wing.  The  forward  part  of  the  wing  is  raised  considerably  above  the 
Z = 0 plane . Since  the  trailing  edge  of  the  root  chord  lies  in  the 
Z = 0 plane,  the  resulting  angle  of  attack  of  the  root  section  is  rela- 
tively high,  about  7*5°^  compared  with  the  tips  which  lie  in  the  Z = 0 
plane  at  about  zero  a.ngle  of  attack. 

Model  2 has  the  same  camber  and  twist  as  model  1,  but  the  dihedral 
has  been  changed  in  an  attempt  to  change  the  separation  pattern  on  the 
wing.  At  the  midchord  station  it  is  seen  that  model  2 is  turned  below 
the  Z = 0 plane,  compared  with  model  1 which  is  above  the  Z = 0 plane. 

This  change  in  dihedral  with  no  changes  of  camber  and  twist  leaves  the 
forward  part  of  the  wing  "dished  out."  One  method  of  adding  volume  to 
the  wing  is,  therefore,  suggested,  and  model  5 is  simply  model  2 with 
volume  added  as  shown. 

Model  4 was  designed  for  a lift  coefficient  of  0.05-  The  optimum 
lift  is,  therefore,  to  be  obtained  half  by  camber  and  twist  and  half  by 
angle  of  attack.  The  wing  is  less  extreme  than  that  of  the  previous 
models ; the  forward  portion  is  only  half  as  far  above  the  Z = 0 plane 
as  is  model  5. 

The  wings,  except  for  model  5;  have  12-percent-thick  sections  nor- 
mal to  the  leading  edge . The  wing  section  used,  normal  to  the  leading 
edge,  is  the  Clark  Y.  For  the  models  shown,  the  symmetrical  part  of  the 
Clark  Y was  wrapped  around  the  calculated  mean  lines . The  res\ilting 
sections,  in  the  stream  direction,  are  about  3 -4  percent  thick.  With 
this  thickness,  for  this  very  slender  shape,  the  wings  resemble  bodies 
more  than  wings,  especially  in  the  forward  region. 

Experimental  restilts  for  models  1 and  4 are  shown  in  figures  3 and  4. 
It  can  be  seen  in  figure  3 that  reducing  the  design  lift  coefficient 
reduces  the  lift  at  a fixed  angle  of  attack  with  little  change  in  lift- 
curve  slope.  The  less  extreme  wing  (model  4)  has  less  drag  than  the  wing 
designed  for  a lift  coefficient  of  0.1  (model  1) . It  can  be  seen  that 
with  the  pitching  moments  taken  about  an  axis  at  35  percent  of  the  mean 
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* aerodynamic  chord,  model  1 trims  at  the  optimum  lift  coefficient.  Model  h, 

however,  trims  at  a lower  lift  coefficient;  therefore,  a control  surface  or 
flap  would  have  to  be  deflected,  and  a trim  drag  penalty  would  result.  Both 
models  are  stable  throughout  the  test  range  of  lift  coefficients,  but  there 
is  a tendency  for  the  pitching -moment  curve  to  flatten  at  the  higher  lift 
coefficients . 

Figure  U shows  that  the  maximum  lift-drag  ratio  for  model  4,  the  less 
extreme  wing,  is  8.4  compared  with  about  7*4  for  model  1 which  was  designed 
for  a lift  coefficient  of  0.1.  Model  2,  also  designed  for  a lift  coeffi- 
cient of  0.1,  had  a different  separation  pattern  but  had  about  the  same 
maximum  lift-drag  ratio  as  model  1.  Increasing  the  volime  of  model  2,  as 
shown  in  figure  2,  reduced  the  maximum  lift-drag  ratio  from  7*^  "to  about  6.0. 

Calculated  drag  coefficients  for  models  1 and  4 at  their  design  lift 
coefficients  are  shown  by  solid  symbols  (fig.  3)*  Calculated  maximum  lift- 
drag  ratios  are  shown  in  the  same  manner  (fig.  4).  It  is  seen  that  for 
the  wing  designed  for  a lift  coefficient  of  0.05,  theory  and  experiment 
are  in  good  agreement  at  the  design  point.  This  is  not  the  case  for  the 
wing  designed  for  a lift  coefficient  of  0.1. 

The  results  shown  in  figure  5 for  the  maximum  test  Reynolds  n\am- 

ber  of  5*5  X 10^,  based  on  the  wing  mean  aerodynamic  chord.  At  this 
Reynolds  niomber  and  lower  test  Reynolds  numbers  separation  occurs  on  the 
wing  as  shown  in  the  figure.  In  this  figure,  results  of  visual -flow 
studies  made  by  using  the  liquid-film  and  vapor-screen  techniques  are 
presented.  The  evaporation  pattern  of  a film  of  white  lead  applied  to 
the  upper  surfaces  of  model  1 shows  two  rows  of  bubbles,  indicating 
separation,  near  the  leading  edge  and  further  inboard.  Sketches  made 
from  vapor-screen  studies  also  indicate  separation.  In  the  vapor-screen 
technique,  light  is  made  to  shine  through  the  wind-tunnel  windows  in  a plane 
perpendicular  to  the  model  axis . Water  vapor  introduced  into  the  wind 
tunnel  shows  regions  of  separation  and  vortices  as  dark  areas  in  the 
plane  of  light.  Regions  of  separation  for  the  light  plane  near  the  mid- 
chord station  of  the  model  are  shown  in  figure  5*  The  separated  region 
approximately  corresponds  to  the  region  between  the  two  rows  of  bubbles 
seen  in  the  liquid-film  pattern.  Further  downstream  the  region  of  separa- 
tion is  wider  and  raised  higher  off  the  wing.  Still  further  downstream, 
the  separated  region  rolls  up  into  discrete  vortices . 

Calculations  made  by  C.  E.  Brown  of  the  Langley  Laboratory  indicate 
that  even  for  the  very  slender  wing  with  a Ifech  number  normal  to  the 
leading  edge  of  0*5,  the  local  Mach  number  on  the  upper  surface  of  the 
^ wing  exceeds  the  critical  Mach  number.  Thus,  transonic  effects  including 

* shock  waves  may  combine  with  viscous  effects  and  cause  the  separation 
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shown  on  the  wing.  Supersonic  wing  theory^  the  basis  for  the  design  of 
the  wings  studied^  does  not  take  account  of  these  effects,  and  differ- 
ences between  theory  and  experiment  are  thus  to  be  expected. 

Additional  visual-flow  studies  using  sublimation  and  shadowgraph 
techniques  indicate  that  the  boundary  layer  was  turbulent  on  both  upper 
and  lower  surfaces  of  the  wing  except  for  a narrow  region  (enough  to 
support  laminar  separation)  near  the  leading  edge.  For  these  highly 
sweptback  wings  the  transition  pattern  was  constant  for  the  angle-of- 
attack  and  Reynolds  number  ranges  of  the  tests;  thus,  the  results  pre- 
sented herein  are  for  an  essentially  t\irb\ilent  boiindary  layer. 

Figure  6 shows  two  wings,  models  5 9-rid  6,  of  the  same  plan  form  as 
the  previous  models,  but  the  camber  and  twist  are  different.  Model  5 
is  untwisted  and  has  a cambered  wing  section.  The  section  normal  to  the 
leading  edge  is  the  Clark  Y (12  percent  thick)  . Model  6 is  the  same  wing 
twisted  in  the  direction  indicated  by  theory  for  the  previous  models;  the 
tips  are  "washed  out." 

The  experimental  results  for  models  5 6 are  presented  in  fig- 

ures 7 and  8.  It  can  be  seen  in  figure  7 that  washing  out  the  tips 
reduces  the  lift  at  fixed  angles  of  attack  with  little  change  in  lift- 
curve  slope-  There  is  also  little  change  in  the  minimum  drag  coefficient, 
but  the  drag  polar  is  shifted  and,  therefore,  the  maximum  lift-drag  ratio 
is  increased  from  8.4  to  9 (i'ig*  8).  Twisting  the  wing  had  a large  effect 
on  the  pitching  moments;  for  the  untwisted  wing  there  would  be  a drag 
penalty  involved  in  trimming  the  wing.  The  twisted  wing  trims  at  optimum 
lift  coefficient. 

The  effect  of  adding  volume  to  model  6 is  shown  in  figure  9*  Volume 
was  added  by  placing  the  wing  on  a circular -cylindrical  body  and  also  by 
placing  wedges  under  the  wing  in  order  to  obtain  favorable  interference 
lift  at  the  same  time  the  volume  was  increased.  The  wedge  height  for  the 
model  shown  is  4 percent  of  the  total  wing  length.  In  addition^  the  wing 
was  tested  with  a wedge  having  a height  of  2 percent  of  the  total  wing 
chord.  The  maximum  lift-drag  ratio  and  volume  for  the  latter  wing -wedge 
model  were  approximately  the  same  as  for  the  wing  with  the  circular- 
cylindrical  body. 

Model  6 (the  wing  alone)  has  a large  volume.  If  the  wing  had  as 
large  an  area  as  is  currently  being  considered  for  some  airplanes,  for 
example,  5 or  6 thousand  square  feet,  the  volume  would  be  about  10  thous- 
and cubic  feet,  almost  that  of  the  Boeing  B-52  fuselage. 

Also  shown  in  figure  9 are  the  lift-drag  ratios  for  a series  of  delta- 
wing models  (ref.  5)*  For  these  models  the  maximum  lift-drag  ratio  reaches 
a peak  for  the  wing  with  a sonic  leading  edge.  Further  increases  in  wing 
aspect  ratio,  or  area,  result  in  decreased  lift-drag  ratios. 
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In  figtore  10  the  calculated  and  experimental  maximum  lift-drag  ratios 
for  model  6 are  shown  as  a fionction  of  Reynolds  number.  The  only  change 
with  Reynolds  number  in  the  calculated  cvirve  is  the  result  of  skin  fric- 
tion. Experimental  results  given  by  Fred  W.  Matting  in  a previous  paper 
on  turbulent  boundary  layers  were  used  in  the  calculations . Also  shown 
in  figure  10  is  a calculation  in  which  a drag  increment  is  added  to  that 
of  model  6,  and  the  results  are  extrapolated  to  high  Reynolds  numbers 
in  a manner  to  be  expected  from  skin-friction  considerations.  The  added 
drag  increment  includes  an  estimated  allowance  for  vertical  fins  to  pro- 
vide directional  stability  and  for  nacelles.  If  additional  volume  were 
needed,  the  drag  increment  wo\ild  be  increased  and  the  lift-drag  ratio 
decreased  further. 

It  can  be  seen  from  figure  10  that  the  experimental  lift-drag  ratios 
for  model  6 increase  at  a faster  rate  with  increasing  Reynolds  number  than 
is  to  be  expected  from  skin-friction  considerations  alone . It  is  believed 
that  this  increased  rate  is  caused  by  changes  in  separation  effects  as  the 
Reynolds  number  is  increased. 


C0NCLUDIN3  REMARKS 


In  summary,  it  is  seen  that  the  relatively  high  lift-drag  ratios 
calculated  are  only  partly  realized  at  low  wind-tunnel  Reynolds  numbers . 
Further  experiments  are  desirable  where  conditions  closer  to  actual 
flight  can  be  obtained. 
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APPENDIX 

SYMBOLS 

C wing  root  chord 

Cj)  drag  coefficient 

Cj)  drag  coefficient  caused  by  air  friction  and  wave  production 

^ due  to  voliime 

Cl  lift  coefficient 

pitching-moment  coefficient 

L/D  ratio  of  lift  to  drag 

M Mach  number 

R Reynolds  number 

Z body  ordinate,  measured  perpendic\ilar  to  the  flight  axis  at  the 

design  attitude 

a angle  of  attack 

p = - 1 

G semiapex  angle  of  the  wing  leading  edge 

Subscripts : 

DES  design  conditions 

max  maximum 
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AIRPLANE  CONFIGURATIONS  FOR  CRUISE  AT  A MACH  NUMBER  OF  3 
By  Donald  D.  Baals,  Thomas  A.  Toll,  and  Owen  G.  Morris 
Langley  Aeronautical  Laboratory 


SUMMARY 


Relative  to  the  problem  of  efficient  cruise  at  a ffeich  number  of  5^ 
wind-tunnel  tests  have  been  made  of  four  complete  configurations  based  on 
widely  different  aerodynamic  approaches  and  giving  promise  of  high  lift- 
drag  ratios.  These  designs  Included  a highly  cambered  arrow-wing  con- 
figuration with  75°  of  sweep,  a 70°  swept-wing  configuration  with  con- 
trol surfaces  on  booms  outboard  of  the  wing  tip,  a canard  configuration 
with  a low-aspect-ratio  clipped  delta  wing  employing  tip  ventrals,  and 
a delta-wing  configuration  having  an  aspect  ratio  of  5-  These  model 
designs  met,  in  most  cases,  minimum  requirements  of  volume,  engine 
simulation,  stability  and  trim  applicable  to  a long-range  bomber  design. 
The  design  concepts  and  results,  however,  are  believed  to  be  generally 
applicable . 

Although  the  ej<perimental  programs  were  not  sufficiently  con5>lete 
for  an  evaluation  of  the  special  features,  high  lift-drag  ratios  were 
obtained  in  all  cases.  Maximum  lift-drag  ratios  of  about  6 were  meas- 
ured at  a Mach  rrumber  of  5 for  conditions  of  fixed  transition  at  test 
Reynolds  nimibers  of  2 to  4 million.  These  values  extrapolate  to  maxi  mi  im 
lift-drag  ratios  on  the  order  of  7*5  for  full-scale  Reynolds  ntunbers  of 
about  100  million.  The  various  configurations  differed  appreciably  in 
minimvim  drag  and  in  drag  due  to  lift.  There  is  reason  to  believe  that 
significant  performance  lirqirovements  can  still  be  achieved,  perhaps  by 
combining  some  of  the  more  attractive  features  of  the  different 
configurations . 


INTRODUCTION 


The  problem  of  efficient  cruise  at  a Mach  number  of  3 has  placed 
great  emphasis  on  the  achievement  of  high  lift-drag  ratios.  Relative 
to  this  problem,  certain  aerodynamic  approaches  appear  to  have  merit. 
These  approaches  include  optimumizing  the  total  lift  distribution  for 
minimum  induced  drag,  the  development  of  favorable  lift  interference, 
and  the  decrease  of  minimum  drag  through  component  design. 
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For  the  most  part,  experimental  support  at  a Mach  number  of  5 
these  approaches  has  been  limited  to  rather  elementary  models;  that  is, 
studies  involving  wing -body  combinations  or  single  components.  During 
the  last  year  the  National  Advisory  Committee  for  Aeronautics  has  made 
experimental  studies  wherein  essentially  complete  configurations  incor- 
porating some  of  the  more  promising  ideas  were  investigated  in  the  Mach 
number  range  near  3« 

Results  of  four  of  these  model  studies  are  presented.  To  provide 
a valid  basis  for  comparison,  these  model  designs  usually  met  minimum 
requirements  of  volimie,  engine  simulation,  stability,  and  trim.  In 
general,  these  configurations  were  laid  out  to  meet  requirements  for  a 
long-range -bomber  design;  however,  the  design  concepts  and  results 
should  be  generally  applicable.  All  test  results  were  obtained  under 
conditions  of  transition  fixed  near  the  leading  edges  of  all  surfaces . 
Inlet  air  flow  was  provided  for  all  models,  and  a drag  correction  was 
made  for  the  measiired  internal  momentum  losses. 

It  should  be  noted  that  the  configurations  presented  in  the  present 
study  are  not  regarded  as  optimum,  and  comparative  results  should  not  be 
considered  indicative  of  the  ultimate  potential  of  each  approach. 


SYMBOLS 


The  lift,  drag,  and  pitching-moment  results  are  given  with  respect 
to  the  wind-axes  system;  whereas,  lateral  stability  results  correspond 
to  body  axes . All  of  the  basic  moment  data  are  nondimens ionaQ.ized  in 
terms  of  wing  areas,  wing  spans,  and  assumed  center-of -gravity  locations 
as  given  for  the  various  models  in  the  following  table. 


Model 

Wing  area, 
S,  sq  ft 

Wing  span, 
b,  ft 

Wing  mean 
aerodynamic 
chords 
c,  ft 

Center-of -gravity 
location 

Distance 

from 

nose^ 

ft 

Fraction  c 

Arrow-wing 

5.^9 

2.50 

1.70 

2.55 

— 

Outboard-tail 

1.74 

2.00 

1.08 

2.37 

0.65 

Canard 

4.18 

1.94 

2.25 

3.36 

.24 

Delta -wing 

.15 

.625 

.277 

.277 

.50 

525 


The  coefficients  and  symbols  are  defined  as  follows: 


^L,OPT 


Cd 

Cm 

Cm,0 

Cf 

L 

n 


Q. 

s 

A 

A 


A 


b 

c 


lift  coefficient, 

qS 

lift  coefficient  at  maximum  i 


minimum  drag  coefficient 

zero-lift  drag  coefficient 

nominal  zero-lift  drag  coefficient 

pitching-moment  coefficient,  Pitching  momenf 

qSc 

zero-lift  pitching -moment  coefficient 
skin-friction  coefficient 
lift-drag  ratio 


maxim-um  lift-drag  ratio 


dynamic  pressure,  Ib/sq  ft 
wing  area,  sq  ft 

wing  aspect  ratio,  ^ 


wing  taper  ratio. 


Tip  chord 


Root  chord 
leading-edge  sweep  angle,  deg 
wing  span,  ft 

wing  mean  aerodynamic  chord,  ft 
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t 

C 


R 


M 


6 


h 


6 


c 


a 


C 


np 


ratio  of  section  thickness  to  section  chord 

ratio  of  wing-root  thickness  to  wing-root  chord 

Reynolds  number  based  on  c 
Mach  number 

incidence  of  wing-tip  horizontal  trimming  surface^ 
relative  to  adjacent  wing  chord  line,  deg 

incidence  of  canard  trimming  surface,  deg 

angle  of  attack,  deg 
directional  stability  derivative 

effective  dihedral  derivative 
drag-due-to-lift  parameter 

longitudinal  stability  parameter 


PRESENTATION  OF  RESULTS 


The  Arrow-Wing  Model 

Figure  1 shows  the  configuration  characteristics  of  the  arrow-wing 
model.  This  model  is  an  application  of  the  arrow-wing  approach  to  the 
problem  of  obtaining  a high  lift-drag  ratio.  This  approach  was  dis- 
cussed by  Elliott  D.  Katzen  in  the  previous  paper.  For  the  complete 
configuration  presented  herein,  the  wing  leading  edge  has  a 75^  angle  of 
sweep.  A minimum  fuselage  is  employed  with  the  main  voliame  in  the  wing- 
Engine  simulation  is  provided  by  six  separate  nacelles,  each  alined  with 
the  local  streamlines  for  minimum  drag.  All  moving  control  surfaces  are 
located  at  the  wing  tips  in  order  to  provide  longitudinal  and  directional 
stability  and  control. 

The  wing  was  designed  on  the  basis  of  linear  theory  by  using  an 
optimum  combination  of  four  loads  based  on  an  adaptation  of  methods 
presented  in  references  1 and  2.  The  wing  plan  form  and  idealized 
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loading  distribution  were  modified  in  the  region  of  the  wing  tip  in  an 
attempt  to  reduce  the  local  lift  coefficients.  The  foregoing  analytical 
procedures  provided  theoretical  values  for  the  drag  due  to  lift  and  the 
lift-curve  slope.  The  zero-lift  wave  drag  for  the  complete  configura- 
tion was  estimated  from  linear  theory  as  the  sum  of  the  individual  drag 
of  the  various  components  without  correction  for  interference  effects. 

To  this  value  was  added  the  theoretical  skin-friction  drag  (ref.  5)  for 
a turbulent  boundary  layer  at  test  Mach  number  and  Reynolds  niomber  con- 
ditions for  evaluation  of  the  minimum  drag. 

Figure  2 shows  the  basic  longitudinal  characteristics  of  the  arrow- 
wing  model  at  M = 2.87  for  two  control  deflections  (ref.  4).  The  com- 
puted linear-theory  values  are  also  shown.  The  minimum  drag  coefficient 
of  0.0110  agrees  well  with  the  estimate,  but  the  experimental  drag  due 
to  lift  is  considerably  higher  than  calculated.  This  high  induced  drag 

caused  the  (i)  to  fall  considerably  below  the  estimate,  but  the 

value  of  6.2  obtained  is  still  relatively  high. 

The  arrow-wing  model  has  a positive  value  of  q due  to  the 

"washout"  at  the  wing  tips,  and  the  configuration  trims  at  with 

a very  small  control  deflection.  The  pitching -moment  curves  are  fairly 
linear  up  to  the  test  limit  of  about  0.20^,  although  it  appears  that 

some  reduction  in  stability  has  begun  at  that  point. 


Outboard-Tail  Model 

The  configuration  of  figure  5 is  referred  to  as  the  outboard-tail 
model.  The  underlying  aerodynamic  approach  resembles,  in  some  respects, 
that  of  the  previous  arrow -wing  design.  The  lifting  surfaces  are  con- 
tained essentially  within  the  Mach  cone  from  the  wing  apex  with  the 
lifting  outboard  tails  providing  variation  in  spanwise  as  well  as  longi- 
tudinal loading  distributions.  Favorable  drag  due  to  lift  is  expected 
to  result  from  the  upwash  field  at  the  horizontal  tails,  which  allows 
them  to  carry  an  upload  at  negative  tail  incidence.  Similarly,  the 
sidewash  field  at  the  vertical  tails  can  be  utilized  to  provide  some 
additional  drag  reduction. 

This  particular  arrangement  of  components  was  influenced  by  research 
directed  at  obtaining  favorable  lift  characteristics  in  take-off  and 
landing  as  well  as  acceptable  stability  characteristics  through  the 
speed  range.  A detailed  discussion  of  the  design  concept  is  given  in 
reference  5*  Engine  simulation  is  provided  by  a "three-over-three 
engine  pack  exhausting  at  the  fuselage  base . 
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P'igure  k shows  the  longitudinal  characteristics  of  the  outboard- 
tail  configuration  at  M = 2.97  'two  control  deflections.  All  coef- 

ficients and  the  given  aspect  ratio  are  based  on  wing  plus  horizontal- 
tail  area  and  on  the  total  span.  The  results  presented  were  obtained 
as  a part  of  the  investigation  reported  in  reference  6. 


The  maximum  lift-drag  ratio  is  about  5-85^  with  a minimum  drag 
coefficient  of  about  O.OI5O.  This  high  value  of  minimum  drag  results 
in  part  from  the  fact  that  this  model  has  approximately  double  the 
specified  minimum  volume.  The  agreement  of  experimental  with  the  esti- 
mated characteristics  is  shown  to  be  reasonably  good  up  to  maximum 

i but  only  fair  at  higher  lifts . 

In  estimating  the  model  lift^  only  the  wing  and  the  horizontal  tails 
were  considered.  For  each  of  these  components^,  the  linear-theory  lift 
slope  of  the  isolated  surface  was  calculated.  Also,  a calculation  of 
the  wing -generated  flow  field  at  the  tails  indicated  a rate  of  change 
of  effective  upwash  angle  with  angle  of  attack  of  0.7*  Tills  interference 
effect  along  with  the  characteristics  of  the  isolated  surfaces  yielded 
the  lift  estimate  shown  for  the  model.  Drag  due  to  lift  was  assumed 
to  be  determined  by  the  reciprocal  of  the  lift-curve  slope  of  the  wing 
and  of  the  horizontal  tail,  with  appropriate  consideration  again  given 
to  the  vector  components  of  the  upwash  field.  Zero-lift  drag  was 
obtained  by  simple  addition  of  the  wave  and  skin-friction  contributions 
of  the  components,  as  in  the  case  of  the  arrow-wing  model. 


The  outboard-tail  model  has  a positive  value  of  C, 


m,0 


caused  by 


for  essen- 


3^  of  washout  at  the  wing  tip  and  this  model  trims  at 

\D/MAX 

tially  zero  control  deflection.  In  its  present  form,  however,  this  con- 
figuration at  M = 2.97  becomes  longitudinally  unstable  somewhat  above 
the  cruise  lift  coefficient.  Subsonic  tests,  however,  indicate  that  no 
serious  problem  exists  through  the  range  of  take-off  lift  coefficients. 

A modified  configuration  with  a 60^  sweep  has  been  developed  in  an 
attempt  to  alleviate  this  supersonic  stability  problem. 


Canard  Model 

Figure  5 shows  the  configuration  characteristics  of  the  canard 
model.  The  engine-wing  combination  is  designed  to  optimumize  inter- 
ference lift  at  M = 5 by  positioning  the  shock  from  the  inlet  wedge 
just  behind  the  leading  edge  of  the  wing  lower  surface.  Wing-tip  fins 
are  used  to  reflect  these  shocks  for  a further  lift  increment  and  to 
provide  directional  stability  at  angles  of  attack.  On  the  upper  surface 
of  the  wing  the  location  of  the  wing  ridge  line  and  the  shape  of  the 
fuselage  afterbody  have  been  selected  to  improve  lift-drag  interference. 
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Canard  controls  along  with  a modified  elliptical  fuselage  having  a nose 
cant  of  about  3°  have  been  incorporated  in  order  to  achieve  efficient 
trim  characteristics. 

Figure  6 presents  the  basic  longitudinal  characteristics  plotted 
against  lift  coefficient  at  M = 5.  These  results  were  obtained  for  a 
configuration  revised  from  the  preliminary  model  reported  in  reference  7* 
The  revision  consisted  of  the  upward  nose  cant  and  addition  of  upper- 
svirface  area  to  the  wing  tip  fins.  The  maximum  value  of  lift-drag  ratio 
for  the  canard  configuration  is  about  6.0,  and  the  minimum  drag  coeffi- 
cient is  about  0.0120.  The  configuration  is  trimmed  at  maximum  ^ with 

a very  small  canard  deflection  but  with  a low  stability  margin.  Note 
that  the  pitching-moment  curves  are  essentially  linear  over  the  test 
lift- coefficient  range. 

The  evident  correlation  with  the  estimated  characteristics,  sho\m 
- as  dashed  curves,  is  an  indication  that  the  configuration  is  performing 

as  anticipated.  The  estimates  are  admittedly  approximate,  however.  The 
configuration  lift  was  estimated  as  the  s\jm  of  the  isolated  canard  lift 
plus  the  lift  of  the  wing  assiimed  to  be  a full  delta  wing  in  an  attempt 
• to  approximate  the  effect  of  the  tip  fins.  A linear-theory  calculation 

of  the  interference  lift  and  drag  of  an  undersurface  wedge  which  simu- 
lated the  solid  volume  of  the  engine  pack  was  also  included  in  the  esti- 
mate. Drag  due  to  lift  was  assumed  equal  to  the  reciprocal  of  the  lift- 
curve  slope,  while  the  zero-lift  drag  was  obtained  by  simple  addition 
of  the  component  contriDutions  of  wave  and  skixi-rxichiou 
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Delta-Wing  Model 


Figirre  7 shows  the  configiiration  characteristics  of  a delta-wing 
model  having  a leading-edge  sweep  of  55°  • The  configuration  chosen  was 
the  result  of  a systematic  study  made  of  a family  of  wings  in  the  Langley 
9-inch  supersonic  tunnel,  the  initial  phases  of  which  are  reported  in 
reference  8.  The  2-percent-thick  wing  is  of  relatively  high  aspect 
ratio,  and  its  leading  edge  is  supersonic  at  M = 3*  This  configuration 
was  designed  to  obtain  high  lift-drag  ratios  by  a sinq)le  combination  of 


low-drag  elements.  A small  power  body  was  located  on  the  underside 


of  the  wing  with  engine  simulation  provided  by  six  separate  internal- 
compression  nacelles. 


It  should  be  noted  that  this  configuration  is  not  strictly  compa- 
rable to  the  previous  models.  It  has  only  about  one-third  the  equivalent 
internal  volume  of  the  canard  and  arrow-wing  models,  and  no  control  sur- 
faces are  provided  for  trim.  The  rather  large  base  area  has  been  cor- 
rected to  free-stream  static-pressure  conditions. 
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Flgux'e  8 presents  the  longitudinal  characteristics  at  M = 2.91« 

The  maximum  lift-drag  ratio  for  the  untrimmed  delta-wing  configuration 
is  about  6.5^  with  a minimum  drag  coefficient  of  0.009^  which  is  the 
lowest  of  all  configurations  tested.  The  experimental  agreement  with 
the  theoretical  estimates  for  the  delta-wing  model  is  very  good.  The 

4 

lift-curve  slope  was  assumed  equal  to  the  linear-theory  value  of  . z, 

Vm2  - 1 

which  is  applicable  to  delta  wings  with  supersonic  leading  edges.  Drag 
due  to  lift  was  assumed  equal  to  the  reciprocal  of  the  lift-ciorve  slope, 
while  the  zero-lift  drag  was  estimated  by  methods  similar  to  those  for 
the  previous  models . 


Lateral  Characteristics 


Lateral  characteristics  of  the  four  models  that  have  already  been 
discussed  are  summarized  in  figure  9*  This  figure  shows  the  directional 
stability  derivative  Cn^  and  the  effective  dihedral  derivative  Cj 


plotted  against  angle  of  attack  for  the  test  Mach  number  nearest  3*0. 
Note  that  all  models  are  directionally  stable  at  the  test  angles  of 
attack.  The  arrow-wing,  outboard-tail,  and  canard  models  have  fairly 
substantial  values  to  angles  of  attack  of  at  least  10°j  whereas,  at  the 
single  test  condition  of  a 0°  angle  of  attack,  the  delta-wing  model  was 
marginally  stable.  The  derivative  ranged  from  essentially  zero  in 

the  cruise  range  for  the  outboard-tail  model  to  fairly  large  positive 
effective  dihedral  ^negative  for  the  arrow  wing.  No  results  were 


obtained  for  the  delta-wing  model. 


ANALYSIS  OF  RESULTS 


Variation  of 


°^MAX 


With  Mach  Number 


Figure  10  presents  the  variation  of  experimental  maximum  lift-drag 
ratio  with  Mach  number  for  the  four  basic  configurations.  In  general, 
L^- 


decreases  with  increasing  Mach  number,  as  would  be  expected 
from  the  theoretical  increase  in  drag  due  to  lift- 


The  most  rapid  decrease  in  ( ^ ) with  Mach  number  occurs  for  the 

arrow -wing  conf igirration.  This  rapid  decrease  near  M = 5 is  believed 
to  result  from  a combination  of  insufficient  sweep  and  the  use  of  air- 
foil sections  having  excessive  thickness.  This  combination  leads  to 


local  transonic  shocks  and  attendant  flow  separation.  The  arrow-wing 
conf igioration  accordingly  exhibits  much  more  favorable  ^ character- 
istics at  the  lower  test  Mach  number. 

The  canard  configuration,  on  the  other  hand,  shows  a marked  peak  in 

I i 1 at  M = 3.  This  might  be  expected,  since  the  inlet-wing  combi- 
VWMAX 

nation  was  designed  for  peak  efficiency  at  this  Mach  n-umber.  Supple- 
mentary data,  wherein  the  Mach  number  and  angle  of  leading-edge  sweep 
were  varied,  show  that  the  peak  may  occur  rather  abruptly  near  M = 3* 

It  should  be  noted  that  although  the  canard  configuration  has  a rela- 
tively low  aspect  ratio  of  0-9,  values  of  ^ comparable  to  those  of  the 
configuration  of  much  higher  aspect  ratio  are  obtained. 

It  will  be  noted  that  at  Mach  numbers  near  3^  all  configurations 
have  a maylTmiTn  lift-drag  ratio  of  about  6.  This  fact  is  more  of  a coin- 
cidence than  a general  conclusion,  for  the  resulting  lift-drag  ratios 
are  shown  later  to  result  from  widely  differing  characteristics. 


Drsig  Polar  Analysis 


In  order  to  achieve  a better  understanding  of  the  lift-drag  ratio 
trends,  it  is  necessary  to  study  the  elements  that  contribute  to  the 
form  of  the  drag  polar.  Figure  11  shows  the  method  that  has  been  adopted 
in  this  study.  The  objective  is  to  divide  the  total  drag  into  a drag 
coefficient  at  zero  lift  and  a drag-due-to-lift  term.  The  experimental 
drag  data  are  plotted  against  Cj^.  As  is  generally  true  with  wings 
having  camber,  twist,  or  some  means  for  obtaining  favorable  lift  inter- 
ference, Cp  does  not  vary  linearly  with  Cj^.  Therefore,  in  a strict 
sense  the  drag  due  to  lift  cannot  be  defined  precisely  by  a single  term 

2 

proportional  to  • 


For  practical  purposes,  however,  a single-term  method  can  be  devised 
to  represent  the  most  significant  portion  of  the  drag  polar  by  drawing  a 

straight  line  tangent  to  the  experimental  curve  of  Cp  plotted  against 


Ct^  at  the  point  corresponding  to 


gives  the  value  of 


dCr 


Wmax 


The  slope  of  the  tangent 


, and  the  intercept  at  zero  lift  is  a nominal 


drag  value  of  Cp^O  usually  slightly  less  than  the  experimental  minimum 
drag  but  close  to  the  mini  mum  drag  that  would  be  measured  for  a 
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syirjnetrical  model  with  the  twist  and  camber  removed.  With  the  parameters 
SCr)  I 

— and  Cq^O  determined,  the  effects  of  independent  variation  of  the 


ao 

O-J 

parameters  on 


— I and  on  the  optiirrum  lift  coefficient  can  be  studied 

d/max 


through  simple  equations  such  as  those  shown  in  figure  11.  These  equa- 
tions form  the  basis  for  estimating  the  effects  of  Reynolds  number  on  ^ 

and  Cl, OPT  presented  later.  For  the  subsequent  analysis,  values  of 
0d,0  presented,  but  data  are  given  for  Cl^MUj  which,  for  the 

configurations  considered,  is  generally  only  slightly  greater  than  Cjj^q. 


aCj) 

Variation  of  Cp  mIN  With  M 

Figure  12  shows  the  variation  in  and  — with  Mach  num- 

L 

her  for  the  four  basic  configurations.  Relative  to  the  minimum  drag  at 
M = 5^  it  will  be  noted  that  there  is  about  a 50-percent  variation  in 
MIN^  from  the  low  value  for  the  delta-wing  model  to  the  high  value 

for  the  outboard-tail  model.  This  difference  is  caused^  in  part,  by 
the  greatly  differing  levels  of  internal  volume . The  delta-wing  model 
has  about  one-third  the  volume  of  the  arrow-wing  and  canard  models, 
while  the  outboard-tail  model  has  about  twice  their  volume. 


Relative  to  the  minimum  drag  of  these  configurations,  the  skin 
friction  at  test  Reynolds  numbers  is  the  major  component  and  ranges  from 

about  1~  to  5 times  the  value  of  the  estimated  pressure  drag.  These 

values  indicate  the  great  importance  of  testing  under  known  boundary- 
layer  conditions,  for  any  variation  in  skin  friction  can  completely  mask 
the  pressiire  drag. 

The  drag-due -to-lift  characteristics  are  also  shown  in  figure  12. 

In  all  cases  the  drag  due  to  lift  increases  with  increasing  Mach  number 
as  predicted  by  linear  theory.  The  outboard- tail  configuration  is  shown 
to  have  the  lowest  value  of  all  configurations  tested,  which  indicates 
the  effectiveness  of  its  design  concept.  The  low  drag  due  to  lift  com- 
pensates for  the  high  minimum  drag  of  this  configuration  in  determining 
its  lift-drag  ratio. 

The  arrow  wing,  however,  has  a drag  due  to  lift  which  increases 
rapidly  with  Mach  number  and  attains  a maximum  value  of  about  0.7  at 
M = 5-  This  value  is  about  40  percent  greater  than  the  theoretical 
estimate  and  corresponds  in  theory  to  that  of  a plane  wing  with  super- 
sonic leading  edges  such  as  for  the  delta-wing  model. 
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rae  arrow-wing  approach,  however,  is  considered  to  have  merit,  for 
the  design  deficiencies  of  the  initial  model  are  now  better  imderstood 
and  are  capable  of  improvement.  Although  this  conf iguration  has  attrac- 
tive characteristics  near  M = 5,  the  optimum  application  may  be  found 
to  occui"  at  somewhat  lower  Mach  numbers. 

It  should  be  noted  that  there  are  considerable  additional  wing-body 
data  available  at  Mach  numbers  of  about  3 which  bear  on  the  general 
problem  of  lift-drag  ratio  but  which  are  not  included  herein.  Although 
no  positive  statement  can  be  made  concerning  their  potential  as. to  com- 
plete configurations,  the  drag-due-to-lif t factors  are,  in  general,  less 
attractive  than  those  of  the  complete  configuration  presented  here- 


Variation  of  Trim  — With 

D 


^Cl 


’rnus  far  mainly  maximum  lift-drag  ratio  characteristics  of  the 
various  conf igurations  have  been  considered.  The  cost  of  trimming  over 
a range  of  stability  margins  is  now  considered.  Figure  13  shows  the 

/ T \ 

variation  in  trim  ^ with  stability  level  - — ^ for  values  of  test 

VWMAX  dCp 

Mach  number  nearest  5-  curves  were  established • from  experimental 

data  for  which  different  control  settings  were  used.  For  any  of  the 
configurations  shown,  trim  at  rather  large  stability  margins  can  be 

obtained  for  rather  small  penalties  in  trim  lor 

the  canard  model,  however,  begins  to  decrease  at  a somewhat  lower  sta- 
bility margin  than  for  the  other  models. 


At  the  bottom  of  figure  13  are  noted  the  supersonic  stability  mar- 
gins required  for  neutral  subsonic  stability.  These  margins  were  deter- 
mined from  subsonic  tests  of  the  basic  configurations  and  merely  repre- 
sent the  shift  of  the  aerodynamic  center  with  Mach  nimiber.  The  plot 
shows  that  the  experimental  stability  levels  at  M 3 the  arrow- 

wing and  outboard-tail  models  are  higher  than  needed  in  order  to  main- 
tain neutral  subsonic  stability.  The  particular  canard  configuration 
shoTO,  however,  would  require  an  increase  in  supersonic  stability  level 
from  the  test ' conditions . Some  performance  penalty  would  result,  there- 
fore, unless  special  aerodynamic  or  mechanical  methods  are  en5)loyed. 

The  shift  of  the  aerodyn.'unic  center  shown  is  believed  more  a function 
of  body-wing-inlet  design  rather  than  any  iniierent  characteristic  of 
the  canard  control.  Canard  models  have  been  tested  which  have  shown 
considerably  less  shift  than  that  indicated  here.  (For  example,  see 
reference  9 the  paper  by  Charles  F.  Hall  and  John  W,  Boyd.) 
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Figure  l4  shows  the  predicted  extrapolation  to  full-scale  Reynolds 

numbers  of  the  values  for  a Mach  number  of  5*  A theoretical 

\D/MAX 

variation  of  skin  friction  with  Reynolds  number  for  adiabatic  conditions 
(ref.  3)  is  assumed  as  well  as  the  constancy  of  dra^  due  to  lift  with 

Reynolds  number.  The  experimental  values  of  ^ have  been  adjusted  to 

M = 5 and  are  shown  plotted  at  their  respective  test  Reynolds  numbers. 


The  dashed  line  is  the  theoretical  extrapolation  in  lift-drag  ratio 
starting  from  a mean  test  value  of  about  6 at  a Reynolds  number  of  5 mil- 
lion. A ±10-percent  spread  from  the  theoretical  turbulent  skin-friction 
variation  is  also  shown.  This  variation  is  indicative  of  the  range  from 
a small  amount  of  laminar  flow  to  all- turbulent  flow  with  some  roughness 
drag.  As  pointed  out  in  the  paper  by  K.  R.  Czarnecki,  John  R.  Sevier,  Jr., 
and  Melvin  M.  Carmel,  and  in  the  paper  by  Albert  E.  von  Doenhoff,  such 
an  extrapolation  presumes  extreme  care  has  been  exercised  in  minimizing 
the  drag  due  to  protuberances,  air  leakage,  and  auxiliary  inlets  and  out- 
lets in  order  to  justify  limiting  the  model  scale  corrections  to  skin 
friction  only*  The  problem  of  exit  drag  is  discussed  in  a following 
paper  by  John  M.  Swihart  and  William  J.  Nelson. 


The  extrapolation  is  considered  to  provide  evidence  that  values  of 
(d)j4/vx  order  of  7*5  may  be  achieved  at  M = 5 ^or  complete  con- 

figurations at  a Reynolds  niomber  of  about  100  million.  This  value  repre- 
sents an  attractive  level  of  lift-drag  ratio  and  results  in  a product  of 

M X ^ for  the  basic  range  equation  which  exceeds  the  value  for  the  best 
subsonic  configurations. 


An  extrapolation  of  the  lift  coefficient  at  which  I—  occurs 
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f that  is,  OPt)^  when  made  on  the  basis  of  conditions  identical  with 

those  used  for  ( ^ ) , shows  that  the  full-scale  values  of  C-r 
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would  be  expected  to  fall  within  the  range  from  0.09  to  0.11  for  the 

c onf igurat ions  investigated . 


CONCLUDING  REMARKS 


Results  have  been  presented  for  essentially  complete  airplane  con- 
figurations based  on  widely  differing  aerodynamic  approaches  to  the 
problem  of  obtaining  a high  lift-drag  ratio.  Although  the  experimental 
programs  were  not  sufficiently  complete  for  an  evaluation  of  the  special 
features,  high  lift-drag  ratios  were  obtained  in  all  cases. 


Maximum  liit-drag  ratios  of  about  6 were  measured  at  a Mach  number 
of  3 test  Reynolds  number  conditions . These  values  extrapolate  to 
a maximum  lift-drag  ratio  value  on  the  order  of  7*5  full-scale 
Reynolds  numbers  of  about  100  million. 

The  various  configurations  differed  appreciably  in  minimum  drag 
and  in  drag  due  to  lift.  There  is  reason  to  believe,  therefore,  that 
significant  performance  improvements  can  still  be  achieved,  perhaps  by 
combining  some  of  the  more  attractive  features  of  the  different 
configurations . 

Certain  deficiencies  noted  for  the  various  conf igurations,  particu- 
larly with  regard  to  trim  and  stability  characteristics,  do  not  appear 
to  present  prohibitive  problems  of  solution. 
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EFFECTS  OF  CANARDS  ON  AIRPLANE 


PERFORMANCE  AND  STABILITY 
By  Charles  F.  Hall  and  John  W.  Boyd 
Ames  Aeronautical  Laboratory 


INTRODUCTION 


In  considering  the  use  of  a canard  in  preference  to  a trailing-edge 
flap  or  tail  control,  the  designer  may  ask  the  following  questions: 

(l)  What  is  its  effect  on  lift-drag  ratio  and  mayiTnum  trim  lift  at 
cruise  and  high-speed  flight?  (2)  Is  the  control  effective  throughout 
the  Mach  number  range  and  will  it  trim  the  aiarplane  to  a sufficiently 
high  lift  in  the  landing  and  take-off  attitude?  (3)  Will  the  control 
affect  adversely  the  longitudinal  and  lateral  stability  of  the  configu- 
ration? (4)  What  effect  will  the  configuration  variables  have  on  the 
answers  to  these  questions?  To  answer  these  questions  an  extensive 
investigation  has  been  conducted  at  the  Ames  and  Langley  laboratories 
during  the  past  year  on  canard  airplane  configurations. 

Wide  ranges  in  control  plan  form,  size,  and  position  and  in  wing 
plan  form  have  been  examined,  as  shown  in  figure  1.  Also  shown  in  fig- 
ure 1 are  several  trailing-edge  flap  and  tail-aft  arrangements  which 
have  been  used  for  comparison  purposes  in  discussing  the  various  char- 
acteristics of  the  canards.  In  addition  to  plan-form  effects,  experi- 
mental investigations  of  the  effects  of  canard  height  with  respect  to 
the  wing  and  body  and  of  wing  height  with  respect  to  the  body  have  been 
made  on  several  of  the  conf igiirations  in  figure  1.  Various  arrangements 
of  vertical  tails  and  ventral  fins  in  combination  with  canard  controls 
have  also  been  studied  experimentally. 

It  is  beyond  the  scope  of  this  paper  to  discuss  in  detail  the  char- 
acteristics of  the  many  configurations  shown  in  figvire  1.  The  purpose 
of  this  paper  is  to  give  an  overall  picture  of  canard  characteristics, 
stressing  those  characteristics  which  make  the  canard  either  a desirable 
or  an  impractical  control,  and  to  select  data  for  configurations  of  fig- 
ure 1 which  are  illustrative  of  these  trends.  More  detailed  information 
on  the  configuration  characteristics  can  be  fomd  in  references  1 to  15 . 

An  obvious  advantage  of  canard  controls  over  control-aft  arrange- 
ments stems  from  the  present-day  trends  in  high-speed  aircraft,  that  is. 


an  increase  in  the  fineness  ratio  of  the  body,  a rearward  movement  of 
the  center  of  gravity  as  the  engines  axe  brou^t  closer  to  the  fviselsige 
base,  and  a corresponding  rearward  movement  of  the  wing  with  respect  to 
the  body.  Such  trends  permit  the  distance  from  the  control  to  the  center 
of  gravity  to  be  larger  in  general  for  the  canard  than  for  the  aft  con- 
trol arrangement.  This  geometric  advantage  permits  the  control  size, 
force,  and  hence  drag  to  be  less  for  a canard  than  for  an  aft  control. 
Thus,  in  comparing  the  trim  characteristics  of  canard  and  aft  control 
arrangements  it  should  be  realized  that  any  advantage  of  the  former  over 
the  latter  control  can  result  from  this  geometric  advantage.  Neverthe- 
less, the  comparisons  to  be  made  subsequently  are  considered  valid  and 
worthwhile  because  many  of  the  configurations  shown  in  figure  1 repre- 
sent actual  airplanes  presently  used  by  the  Air  Force  or  are  very  simi- 
lar to  proposed  airplanes. 


PERFOEMANCE 


Before  discussing  the  experimental  trim-drag  characteristics  of 
canard  and  control-aft  arrangements  a few  simplifying  concepts  will  be 
considered  to  determine  whether  one  type  of  control  has  certain  char-  ^ 

acteristics  which  make  it  superior  to  the  other  type  and  to  provide 
orientation  for  the  experimental  data.  Figure  2 represents  a wing  with 
either  a canard  or  aft  control  arrangement.  The  normal  forces  on  these 
surfaces  for  trim  and  stability  are  indicated  as  follows:  N is  the 

force  on  the  wing,  the  control  force  due  to  angle  of  attack,  N5 

the  control  force  due  to  control  deflection,  and  the  force  on  the 

wing  due  to  canard  interference . The  center  of  gravity  must  be  located 
to  assure  static  stability;  that  is,  it  must  be  ahead  of  the  resultant 
of  N and  Nq,.  For  the  canard  the  single  case  is  shown  in  which  8/a 
is  equal  to  or  greater  than  0.  For  the  aft  control  two  cases  are 
important,  that  in  which  5/a  is  between  0 and  -1  and  that  in  which 
s/a  is  less  than  -1;  in  the  first  case  the  control  is  positively 
inclined  to  the  free  stream  and  in  the  second  case  it  is  negatively 
inclined. 

Considering  first  the  canard  arrangement,  figure  2 shows  that  the 
canard  carries  positive  lift  to  balance  the  wing  lift,  a beneficial 
effect.  However,  the  drag  component  of  this  lift  is  greater  than  that 
of  a comparable  lift  carried  by  the  wing  because  of  the  greater  incli- 
nation of  the  force  vector  to  the  free  stream.  When  the  zero-lift  drag 
of  the  control  is  added  to  the  drag  due  to  lift  it  is  seen  that  the 
drag  of  the  trimmed  wing  is  higher  than  that  of  the  untrimmed  wing.  It 
is  also  seen  that  this  difference  in  drag  increases  as  5/a  increases 
because  of  the  greater  inclination  of  the  force  vector.  The  diagram 
shows  that  the  horizontal  component  of  Ni  is  in  the  thrust  direction.  t 
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However,  this  thrust  is  always  smaller  than  the  drag  increase  resulting 
from  the  increase  in  wing  angle  of  attack  to  compensate  for  the  loss  in 
lift  due  to  interference,  and  thus  canard-wing  interference  results  in 
a net  drag  increase. 

Considering  the  wing  and  aft  control  with  6/a  between  0 and  -1 
and  with  the  center  of  gravity  behind  the  wing  center  of  pressure,  the 
diagram  shows  that  the  control  carries  positive  lift,  which  is  a bene- 
ficial effect.  This  lift  will  have  a drag  component  because  of  its 
rearward  inclination,  but  the  diagram  cannot  present  a clear-cut  com- 
parison of  this  drag  increment  with  that  which  would  occtir  if  the  wing 
were  carrying  this  lift.  Nevertheless,  when  the  zero-lift  drag  of  the 
control  is  considered  it  is  probable  that  the  drag  of  the  trimmed  wing 
is  higher  than  that  of  the  untrimmed  wing.  Furthermore,  as  with  the 
canard  arrangement,  interference  between  the  wing  and  aft  control 
increases  the  trim  drag.  An  increase  in  downwash  from  the  wing  neces- 
sitates a clockwise  rotation  of  the  control  from  the  position  shown  in 
figure  2 to  obtain  the  same  normal  force,  and  hence  aji  increase  in  the 
horizontal  component  of  the  force. 

For  the  second  case  of  a wing  having  an  aft  control  wherein  6/a 
is  between  0 and  -1,  the  center  of  gravity  is  ahead  of  the  wing  center 
of  pressTore.  The  control  thus  carries  a negative  lift  to  balance,  which 
is  an  adverse  effect.  Due  to  a large  downwash  from  the  wing  the  control 
force  is  inclined  into  the  free  stream  so  that  a thrust  exists,  which 
is  a favorable  effect.  The  thrust  is  smaller,  however,  than  the  drag 
increase  resulting  from  the  increase  in  wing  angle  of  attack  to  compen- 
sate for  the  negative  lift  on  the  control.  When  the  zero-lift  drag  of 
the  control  is  considered  it  is  seen  that  the  drag  of  the  trimmed  wing 
is  greater  than  that  of  the  untrimmed  wing.  Nevertheless,  it  is  seen 
that  for  6/a  between  zero  and  -1  the  trim  drag  can  be  small  either 
because  the  control  is  carrying  positive  lift,  as  in  the  first  case,  or 
because  the  negative  lift  has  a horizontal  component  in  the  thrvist 
direction,  as  in  the  second  case . 

In  the  last  case,  for  6/a  less  than  -1,  the  control  force  is 
down  to  balance  the  wing  lift  and  its  horizontal  component  is  in  the 
drag  direction.  Both  effects  are  adverse,  and  therefore  the  trim  drag 
is  high.  Furthermore,  as  6/a  becomes  more  negative  the  inclination 
of  the  force  vector  to  the  free  stream  increases,  and  thus  causes  an 
increase  in  trim  drag. 

It  is  evident  that  the  simplified  force  diagrams  of  figure  2 do 
not  show  which  is  the  better  control.  They  show  that  the  trim  drag  is 
reduced  as  6/a  reduces  toward  zero  for  the  canard  and  increases 
towards  -1  for  the  aft  control  because  of  a reduction  in  the  inclination 
of  the  force  vector,  and  they  serve  to  aid  in  the  analysis  of  the  data. 


Therefore  they  will  be  applied  to  a comparison  of  the  trim  drag  for 
canard  and  aft-control  arrangements. 

The  trim  characteristics  of  an  unswept  wing  having  either  a canard, 
an  inline  tail,  or  a high  tail  are  compared  in  figure  5.  The  center  of 
gravity  for  each  configuration  is  set  so  that  the  minimum  static  sta- 
bility occurring  in  either  the  subsonic  or  the  supersonic  speed  range 
is  comparable  for  all  configurations.  For  the  canard  and  inline-tail 
arrangements,  the  results  show  that  the  absolute  value  of  5/a  was 
greater  than  1 in  each  case  so  that  the  forces  are  as  Indicated  on  the 
left  side  and  right  side  of  figure  2.  The  results  for  a Mach  number 
of  1.3  show  that  the  trim  drag  of  the  canard  was  slightly  less  than  that 
of  the  tail  even  though  the  absolute  values  of  6/a  were  approximately 
the  same.  Possibly  of  greater  importance  is  the  effect  of  Mach  number 
on  the  characteristics.  The  wing  is  the  same  in  each  case,  but  its 
center  of  pressure  is  moved  aft  and  each  control  lift-curve  slope  is 
reduced  with  Mach  number.  Both  effects  tend  to  increase  the  absolute 
value  of  6/a  and  hence  to  Increase  the  trim  drag.  However,  the  center 
of  lift  on  the  canard  and  the  associated  interference  lift  on  the  body 
move  forward  with  increasing  Mach  number.  This  movement  tends  to  reduce 
the  required  control  force  and,  hence,  the  deflection,  so  that  6/a  is 
essentially  constant  in  the  Mach  number  range  of  figure  5»  In  general 
this  forward  movement  of  the  center  of  pressure  with  increasing  Mach 
number  between  Mach  numbers  of  1 and  2 has  been  characteristic  of  the 
canard  configurations  investigated,  and  in  the  case  illustrated  in  fig- 
ure 3 amounted  to  I5  percent  of  the  control  length.  Furthermore,  a 
significant  reduction  in  the  interference  lift  with  increasing  super- 
sonic Mach  number  resulted  in  the  increase  in  the  ratio  of  trim-lift 
drag  to  wing -body  lift  drag.  This  reduction  in  interference  with  Mach 
number  has  also  been  characteristic  of  the  various  canards  investigated. 
On  the  other  hand,  for  the  inline -tail  configuration  no  effect  existed 
to  compensate  for  the  rearward  travel  of  the  wing  center  of  pressure 
and  the  decreasing  control  lift-curve  slope  with  decreasing  Mach  n\jm- 
ber,  and  therefore  the  control  force  and  negative  deflection  increased. 
Furthermore,  the  wing  downwash  decreased  with  Mach  nimiber  so  that  the 
negative  deflection  of  the  control  was  increased  to  maintain  an  equal 
force . From  the  force  diagram  on  the  right  of  figure  2 it  is  evident 
that  increasing  the  download  and  negative  deflection  results  in  an 
increase  in  the  drag  component  of  the  control  force  and  hence  an  increase 
in  trim  drag. 

It  should  be  mentioned  that  in  both  cases  the  trim  drag  could  be 
reduced  if  at  subsonic  speeds  artificial  stability  devices  were  used, 
or  if  the  canard  were  permitted  to  free -float  so  that  the  center  of 
gravity  could  be  moved  closer  to  the  wing  center  of  pressure  and  the 
value  of  6/a  for  trim  could  be  reduced.  Nevertheless,  the  relative 
effects  of  increasing  supersonic  Mach  number  would  be  the  same. 


The  adverse  effects  of  Mach  manher  for  the  inline  tail  are  not 
necessarily  characteristic  of  an  aft  control  arrangement,  as  indicated 
by  the  results  for  the  high  tail.  The  data  show  that  for  the  high-tail 
arrangement  6/a  was  between  0 and  -1,  and  therefore  the  control  forces 
are  as  indicated  by  the  lower  center  diagram  of  figure  2.  The  low  value 
of  6/a  resulted  from  two  factors.  First,  the  control  drag  produced  a 
positive  trimming  moment  and  thus  reduced  the  normal  force  required  for 
trim.  This  effect  would  also  reduce  the  canard  trim  drag  if  the  canard 
were  moved  above  the  center  of  gravity  by  negatively  cambering  the  body, 
as  has  been  done  on  several  of  the  configurations  shown  in  figiire  1. 
Second,  interference  between  the  vertical  and  horizontal  tails  induced 
a download  on  the  tail  with  no  corresponding  increase  in  negative  deflec- 
tion. The  res\ilts  show  that  the  effect  of  Mach  number  was  favorable  for 
the  high-tail  arrangement.  This  favorable  effect  resulted  from  the  fact 
that  the  downwash  from  the  wing  in  the  vicinity  of  the  tail  increased 
between  Mach  numbers  of  1.3  and  2.  Thus  the  inclination  of  the  tail  to 
the  free  stream  was  increased  to  maintain  an  eqixal  load  and  the  result 
was  a greater  thrust  component  of  the  control  force  and,  hence,  less 
trim  drag.  This  favorable  effect  of  Mach  number  on  the  high-tail  char- 
acteristics is  determined  by  the  location  of  the  tail  with  respect  to 
the  shock  waves  from  the  leading  and  trailing  edges  of  the  wing.  When 
the  horizontal  tail  is  outside  of  the  region  bounded  by  these  two  shock 
v/aves  the  downwash  from  the  wing  is  small  and  therefore  6/a  is  more 
.'legative  and  the  trim  drag  is  greater  than  shown  in  figure  3 for  a Mach 
.Torabcr  of  2.  Thus,  these  favorable  effects  of  Mach  number  will  dis- 
appear at  some  higher  Mach  number  where  the  shock  wave  from  the  wing 
leading  edge  is  depressed  below  the  horizontal  tall.  Also,  raising  the 
horizontal  tail  or  moving  it  forward  will  lower  the  range  of  Mach  nijrn- 
bers  in  which  this  favorable  effect  is  present.  Although  the  character- 
istics of  the  high-tail  arrangement  shown  in  figure  3 are  very  desirable 
it  should  be  mentioned  that  these  benefits  of  a high  tail  may  be  out- 
weighed by  longitudinal- stability  and  structural  problems  associated 
with  the  arrangement. 

Another  comparison  of  the  trim-drag  characteristics  of  canard  and 
aft  control  arrangements  is  made  in  figure  k,  in  which  results  for  a 
canard  and  a trai ling-edge  flap  in  combination  with  a triangular  wing 
(configurations  1 and  15)  are  shown.  At  low  supersonic  Mach  numbers 
the  absolute  value  of  6/a  was  greater  for  the  canard  than  for  the 
trailing-edge  flap  as  a result  of  lower  control  effectiveness  for  the 
canard  configuration;  the  trim  drag  of  the  canard  configuration  was 
therefore  higher.  With  increasing  Mach  nmber  the  canard  became  con- 
siderably superior  to  the  trailing-edge  flap,  partly  because  of  the 
beneficial  characteristics  mentioned  in  conjunction  with  the  unswept 
wing  and  canard  arrangement  of  figure  3>  that  is,  a forward  movement  of 
the  center  of  pressure  due  to  canard  lift  and  its  associated  interference 
lift  on  the  body  and  a reduction  in  canard-wing  lift  interference . 
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In  addition  to  the  aforementioned  favorable  effects  of  Mach  number 
on  the  trim-drag  characteristics  of  canard  configurations  with  either 
unswept  or  triangular  wings,  another  favorable  characteristic  was  pres- 
ent in  the  case  of  the  triangular  wing  which  was  primarily  responsible 
for  its  more  impressive  beneficial  effects  with  increasing  Mach  nimiber. 

This  additional  beneficial  effect  was  the  large  forward  movement  of  the 
wing  and  body  center  of  pressure  with  increasing  Mach  number,  as  indi- 
cated in  figure  5.  The  position  of  the  center  of  pressure  is  expressed 
as  a percentage  of  the  mean  aerodynamic  chord  of  the  respective  wing, 
and  thus  the  large  differences  in  the  characteristics  of  the  triangular 
and  the  unswept  wing  are  due  in  part  to  the  fact  that  the  meeui  aero- 
dynamic chord  of  the  former  wing  is  approximately  1^  times  that  of  the 

latter  wing  for  the  same  area.  Nevertheless,  even  accounting  for  these 
differences,  the  results  of  figure  5 indicate  that  the  maxim'um  rearward 
travel  of  the  center  of  pressure  between  subsonic  and  supersonic  speeds 
was  less  and  the  forward  movement  of  the  center  of  pressure  with 
increasing  supersonic  Mach  number  was  faster  for  the  triangular  wing 
than  for  the  unswept  wing.  The  forward  movement  of  the  center  of  pres-  * 

s\jre  of  the  triangular  wing  and  body,  coupled  with  the  aforementioned 
forward  shift  of  the  center  of  pressure  of  lift  dije  to  the  cainard  as 
supersonic  Mach  number  increased,  caused  the  center  of  pressure  of  the 
triangular  wing  with  canard  to  be  the  same  at  a Mach  mmiber  of  5*4  as 
at  a Mach  number  of  0.7*  The  data  thus  raise  the  interesting  possi- 
bility that  the  position  of  the  center  of  gravity  for  a triangular  wing 
and  canard  arrangement  similar  to  this  may  be  dictated  by  characteris- 
tics at  Mach  numbers  above  approximately  5*5  rather  than  at  subsonic 
speeds. 

Retirrning  to  trim-drag  characteristics  of  canard  and  aft  control 
arrangements,  figure  6 presents  the  results  for  many  of  the  configura- 
tions of  figure  1 in  order  to  show  general  trends.  The  two  diagonal 
lines  are  symmetrical  about  a value  of  6/a  of  zero  and  are  drawn  to 
aid  in  the  comparison  of  the  general  trends  of  canard  and  aft  control 
configurations.  In  general  the  data  for  the  aft  control  arrangements 
lie  near  the  diagonal  line,  whereas  those  for  the  canard  arrangements 
are  above  the  line,  indicating  that  for  the  same  absolute  value  of  5/a 
the  canard  trim  drag  will  in  general  be  less.  As  before,  the  results 
show  that  the  trim  drag  of  inline -tall  arrangements  increased  with  Mach 
number  (configurations  15,  l6,  said  l8)  whereas  the  trim  drag  decreased 
with  Increasing  Mach  number  for  high-tail  arrangements  (configurations  19 
and  20).  Also  (as  for  configuration  1 in  fig.  4)  the  trim  drag  of  con- 
figuration 2 (a  triangular  wing  and  canard)  decreased  considerably  with 
increasing  Mach  nimiber  between  Mach  numbers  of  1.3  and  2.  Configura-  | 

tions  1 and  2 are  the  same  except  that  the  distance  from  the  control  to 
the  wing  is  larger  in  the  latter  case  and  the  control  effectiveness  is 
therefore  larger.  Comparison  of  the  data  for  these  configurations  in 


figiire  6 shows  that  increasing  the  distance  between  control  and  wing 
is  an  effective  way  of  reducing  6/a  and,  hence,  trim  drag.  Within 
limits,  another  effective  way  of  Increasing  the  control  effectiveness 
and  thereby  reducing  6/a  and  the  trim  drag  is  to  increase  the  con- 
trol area,  as  indicated  by  the  resiilts  for  configurations  8,  and  9, 
in  which  the  exposed  area  of  the  control  was  increased  from  5-1  percent 
to  7.6  percent  of  the  wing  area. 

Beneficial  effects  of  the  canard  on  maximum  trim  lift-drag  ratio 
also  extended  to  higher  lifts,  as  shown  in  figure  7*  The  configurations 
compared  are  the  same  as  those  in  figures  5 and  i|-.  It  will  be  noted 
that  the  lift-drag  ratios  for  these  conf igixrations  are  lower  than  those 
for  the  configurations  discussed  in  previous  papers  by  Elliott  D.  Katzen 
and  by  Donald  D.  Baals,  Thomas  A.  Toll,  and  Owen  G.  Morris.  These 
higher  ratios  are  due  in  part  to  the  fact  that  in  the  present  case  the 
body  volume  is  considerably  larger  relative  to  the  wing  than  in  those 
previous  cases.  The  body  size  should  not  affect  significantly  the  com- 
parisons shown  herein.  More  impressive  than  the  drag  characteristics 
is  the  large  increase  in  maximum  trim  lift,  which  was  as  much  as  60  per- 
cent greater  for  the  canard  than  for  the  aft  control  arrangement,  even 
tho-ugh  the  maximm  control  deflection  was  the  same  in  both  cases.  More 
than  half  of  this  beneficial  effect  of  the  canard  was  due  to  the  fact 
that  the  canard  had  a large  positive  lift  and  the  canard-wing  interfer- 
ence lift  was  small,  whereas  a negative  lift  existed  on  the  aft  control. 


STABILITY  AND  CONTROL 


In  view  of  the  beneficial  effects  of  canard  arrangements  on  lift- 
drag  characteristics,  it  is  advisable  to  investigate  other  aspects  of 
canards,  such  as  their  control  effectiveness  and  their  effect  on  longi- 
tudinal and  lateral  stability.  Figure  8 presents  the  lift-curve  slope 
with  respect  to  angle  of  attack  and  control  deflection  for  various  plan 
forms  as  obtained  experimentally  and  theoretically.  The  theoretical 
methods  were  those  discussed  in  reference  l4.  The  experimental  results 
from  which  the  derivatives  were  obtained  were  essentially  linear  in  the 
angle-of -attack  and  control-deflection  ranges  up  to  10°.  The  compari- 
son indicates  that  the  theory  is  adequate  for  predicting  the  effects 
of  plan  form  on  lift,  such  as  reduced  lift  with  Increasing  supersonic 
Mach  number,  increasing  leading-edge  sweep,  and  decreasing  aspect  ratio. 
These  data  were  obtained  from  the  differences  between  canard -body  data 
and  body-alone  data  in  order  to  eliminate  canard-wing  interference. 

They  contain  the  mutual  interference  between  canard  and  body,  however, 
which  in  this  angle-of-attack  and  deflection  range  was  favorable,  as 
predicted  by  theory.  At  higher  angles  of  attack  the  effect  of  inter- 
ference between  the  canard  and  body  was  such  as  to  suppress  the  body 


lift  resulting  from  viscous  cross  flow  (ref.  15)  and,  to  a smaller 
extent,  the  potential  lift.  Thus  at  angles  of  attack  near  l6°  the 
interference  lift  on  the  body  was  negative,  as  indicated  by  a compari- 
son of  values  for  body  lift  with  and  without  the  canard  and  the  meas- 
ured lift  on  the  canard  in  the  presence  of  the  body.  That  is,  at  high 
angle  of  attack  the  canard  reduced  the  lift  on  the  body. 

At  subsonic  speeds  an  important  characteristic  of  canard  arrange- 
ments is  the  maximum  lift  effectiveness  in  the  presence  of  a gro\ind 
plane,  and  this  characteristic  is  shown  in  figiire  9»  The  curves  labeled 
"required"  are  the  pitching  moment  necessary  to  trim  the  triangular  wing 
and  body  combination  at  various  heights  above  the  ground  plane.  The 
results  indicate  a considerable  increase  in  pitching  moment  and  lift  at 
a constant  angle  of  attack;  that  is,  the  ground  induced  a lift  on  the 
aft  portions  of  the  wing  as  the  wing  and  body  approached  the  ground. 

The  maximum  available  trimming  moment  of  the  canard,  as  shown  in  fig- 
ure 9j  was  obtained  from  an  envelope  of  data  for  various  angles  of 
attack  and  control  deflections.  As  might  be  expected,  the  ground  plane 
did  not  affect  the  maximum  available  trimming  moment  since  the  height 
of  the  canard  above  the  ground,  expressed  in  terms  of  its  own  chord, 
was  considerably  greater  than  that  of  the  wing.  Thus,  as  a result  of 
the  large  influence  of  the  groimd  on  the  wing-body  characteristics  and 
the  lack  of  a corresponding  influence  on  the  canard,  the  maximimi  trimmed 
lift  coefficient  for  this  configuration  was  reduced  approximately  0.2, 
or  l8  percent,  as  it  reached  a distance  of  0.6  of  the  wing  mean  aero- 
dynamic chord  above  the  ground. 

Since  the  ground  plane  had  no  effect  on  the  canard  characteristics, 
the  effects  of  canard  plan  form  on  the  maximum  available  pitching  moment 
required  for  trim  can  be  obtained  in  the  absence  of  a ground  plane. 

Such  data  have  been  obtained  for  canards  of  various  aspect  ratio,  taper 
ratio,  and  sweep,  and  are  shown  in  figure  10.  For  these  data  the  exposed 
canard  area  and  the  distance  from  the  control  to  the  center  of  gravity 
of  the  wing  are  the  same  in  each  case.  In  general  the  results  indicate 
an  increase  in  maximum  pitching  moment  available  for  trim  with  increasing 
leading-edge  sweep  or  decreasing  aspect  ratio,  or  combinations  thereof. 
This  is  just  opposite  to  the  effect  of  these  parameters  on  the  lift 
effectiveness.  For  canards,  an  increase  in  lift  effectiveness  produces 
a destabilizing  contribution  at  low  angles  of  attack.  Thiis,  if  it  were 
desired  to  use  one  of  these  canards  of  higher  aspect  ratio  and  lower 
sweep  in  combination  with  the  wing-body  configuration  of  figure  9,  it 
would  be  necessary  to  increase  the  stability  of  the  wing-body  combination 
by  forward  movement  of  the  center  of  gravity  to  offset  the  increased 
destabilizing  moment  of  the  canard.  Th\is,  increasing  the  aspect  ratio 
or  reducing  the  sweep  of  the  canard  has  the  double  deleterious  effect 
on  maximum  trim- lift  coefficient  of  reducing  the  available  moment  and 
increasing  the  required  moment.  In  fact,  for  the  triangular  wing  and 


body  of  figiire  9 in  combination  with  either  a triangular  or  an  unswept 
canard,  both  configijrations  having  the  same  static  margin,  the  maximum 
trim  lift  of  the  unswept  canard  arrangement  was  only  about  l/2  of  that 
for  the  triangular  canard  configuration. 

Interference  effects  between  the  canard  and  the  wing  or  vertical 
tail  may  be  sufficiently  large  to  prohibit  the  use  of  a canard  arrange- 
ment, and  therefore  it  is  necessary  to  examine  these  effects.  The  lift 
interference  between  the  canard  and  wing  affects  primarily  the  lift- 
drag  characteristics  and  is  shown  in  figure  11.  The  experimental  data 
were  obtained  from  the  difference  in  the  incremental  lifts  due  to  addi- 
tion of  canard  to  the  body  in  the  presence  of  the  wing  and  in  the 
absence  of  the  wing.  The  theoretical  results  are  based  on  the  assump- 
tion that  a vortex  originates  at  the  trailing  edge  of  each  canard  panel 
these  vortices  stream  rearward  over  the  wing,  altering  the  flow  in 
the  vicinity  of  the  wing  and  hence  the  lift  on  the  wing.  The  spanwise 
origin  of  these  vortices  is  determined  in  the  manner  presented  in  ref- 
erence ih.  In  this  method  the  spanwise  loading  on  the  exposed  canard 
panel  must  be  known.  In  the  present  calculations  the  assumption  was 
made  that  at  zero  angle  of  attack  the  spanwise  loading  was  elliptical, 
and  that  it  changed  with  increasing  angle  of  attack  until,  at  an  angle 
of  attack  of  50°,  it  had  the  same  shape  as  the  wing  plan  form.  Thus 
for  the  triangular  canard  the  vortex  is  located  at  n/4  of  the  exposed 
span  at  0°  angle  of  attack  and  l/2  of  the  exposed  span  at  50°  angle  of 
attack.  It  is  next  assumed  that  the  vortex  flows  In  the  free-stream 
direction  from  the  canard  trailing  edge  to  the  wing  shock  wave,  where 
it  is  deflected  downward  by  the  wing  downwash  field.  The  downwash  field 
above  the  wing  was  determined  by  the  methods  of  reference  l6.  The 
strength  of  the  vortex  is  determined  from  the  theoretical  lift  on  the 
exposed  canard  panel,  which  includes  interference  from  the  body,  and 
the  spanwise  distance  from  the  body  to  the  vortex  at  the  canard  trailing 
edge.  The  strength  and  position  of  the  vortex  in  the  vicinity  of  the 
wing  are  used  to  determine  its  influence  on  the  wing  lift  by  means  of 
strip  theory.  In  this  method  the  lift  induced  by  the  vortex  at  any 
wing  section  is  the  product  of  the  angle  of  attack  induced  by  a two- 
dimensional  vortex  and  the  section  lift-curve  slope  (assumed  to  be  equal 
to  the  two-dimensional  value  4/p).  The  results  of  figure  11  show  that 
the  trends  of  the  canard-wing  lift  interference  with  increasing  Mach 
number  are  predictable.  The  agreement  is  not  entirely  satisfactory, 
however,  and  studies  are  continuing  to  determine  the  cause  of  the 
discrepancies . 

The  pitching-moment  interference  between  the  canard  and  wing  shown 
in  figure  12  can  be  serious  in  that  the  stability  of  the  configuration 
may  be  changed.  Two  sets  of  experimental  data  are  shown  in  figiire  12. 
The  symbols  represent  data  measured  for  the  complete  configuration  and 
the  dashed  curves  represent  the  condition  of  no  wing-canard  interference 
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as  determined  from  tests  of  the  separate  components  of  the  conf igvira- 
tions.  The  centers  of  gravity  were  selected  to  provide  the  same  static 
margin  for  all  conf igiH*ations  at  subsonic  speeds,  and  the  Mach  number 
at  which  the  largest  interference  effects  occurred  was  used  for  each 
configuration.  The  theoretical  results  were  obtained  by  the  methods 
discvissed  for  the  wing-canard  lift  interference.  The  experimental  and 
theoretical  resiilts  show  that  for  wings  in  which  the  stabilizing  moment 
of  the  tip  upload  resulting  from  the  upwash  field  of  the  canajcd  is 
small,  either  because  of  a small  tip  chord  in  the  case  of  triangular 
wings  -or  because  the  tip  is  in  line  with  the  root  chord  as  for  the 
unswept  wing,  the  interference  effects  are  small.  In  the  cases  shown 
the  interference  effects  are  slightly  favorable  and  are  unaffected  by 
angle  of  attack.  However,  for  wings  having  a sizable  tip  chord  swept 
considerably  behind  the  center  of  gravity,  the  interference  effects 
can  be  large,  particularly  at  high  control  deflection  and  small  angle 
of  attack,  and  as  shown  in  figure  12  can  affect  adversely  the  stability 
of  the  configuration.  As  shown,  the  stabilizing  contribution  of  the 
upload  at  the  tip  of  the  sweptback  wing  can  become  significant  at  small 
angles  of  attack  and  a control  deflection  of  20°.  However,  with 
increasing  angle  of  attack  the  tip  moves  below  the  canard-vortex  field 
faster  than  the  root  section  of  the  wing.  This  condition  reduces  the 
influence  of  the  tip  with  respect  to  that  of  the  root  section  and  thus 
significantly  reduces  the  stability  of  the  configuration.  At  higher 
angles  of  attack,  where  the  tip  effect  is  small,  the  interference 
becomes  favorable;  that  is,  for  the  conditions  shown  the  interference 
effect  has  increased  the  trim  angle  of  attack.  However,  for  small 
control  deflections  trim  would  occur  in  those  regions  of  reduced  sta- 
bility which  might  be  sviff iciently  pronounced,  for  highly  swept  wings 
with  a sizable  tip  chord,  to  determine  the  center  of  gravity  of  the 
configuration. 

Because  the  directional  stability  of  high-speed  aircraft  may 
become  marginal  at  high  angles  of  attack  at  moderate  supersonic  Mach 
numbers,  it  is  necessary  to  examine  the  interference  effect  of  the 
canard  on  this  characteristic.  In  order  to  show  the  relative  importance 
of  the  canard  interference  on  directional  stability,  in  figure  13  the 
directional  stability  of  the  complete  configuration  BWVC  is  sub- 
divided into  the  stability  contributions  of  the  vertical  tail,  V,  the 
body-wing,  BW,  the  body-wing  interference  on  the  vertical  tail,  Vgy, 

the  canard  interference  on  the  vertical  tail  and  body  at  zero  deflec- 
tion, and  the  canard  interference  on  the  body  and  vertical  tall 

due  to  canard  deflection,  Bg  and  Vg.  The  results  show  that  the 

largest  interference  effect  was  that  of  the  body-wing  on  the  vertical 
tail,  This  effect  is  due  to  an  increase  in  the  high-velocity 

field  and  a reduction  in  dynamic  pressure  in  the  vicinity  of  the  vertical 


tail  resulting  from  the  wing  and  body  effects  which  reduced  the  lift- 
curve  slope  of  the  vertical  tail  (ref.  I7).  Calculations  have  shown 
that  approximately  80  percent  of  could  be  attributed  to  these 

causes. 

The  interference  of  the  canard  on  the  body,  Bq,  was  stabilizing 

at  high  angles  of  attack.  This  effect  can  be  traced  to  the  aforemen- 
tioned reduction  in  body  forces  near  the  canard  due  to  canard  inter- 
ference at  high  angles  of  attack. 

The  interference  of  the  canard  on  the  vertical  tall,  Vq,  was  desta- 
bilizing throughout  the  angle -of -attack  range  for  the  single  vertical- 
tail  arrangement  shown  in  figxjre  15.  This  destabilizing  effect  of  the 
canard  on  the  vertical  tail  res\ilts  from  the  interference  between  the 
canard-vortex  field  .and  the  vertical  tail.  For  a configuration  in 
sideslip  the  interference  is  such  that  the  flow  below  the  core  of  the 
windward-side  vortex  is  in  a destabilizing  direction,  whereas  that  for 
the  lee  side  is  in  a stabilizing  direction.  Therefore,  with  increasing 
sideslip  angle  the  vertical  tail  moves  toward  the  destabilizing  flow 
field  and  away  from  the  stabilizing  flow  field.  With  increasing  angle 
of  attack  the  vertical  tail  moves  down  with  respect  to  these  vortex 
cores  and  the  vortex  strength  increases.  Thus  more  of  the  vertical  tail 
is  affected  by  a stronger  flow  field  beneath  the  core  and  the  adverse 
interference  effect  Increases.  It  can  be  seen  that  if  the  vortex  cores 
are  lowered  with  respect  to  the  vertical  tail  the  destabilizing  influ- 
ence of  the  canard  on  the  vertical  tail  will  be  reduced.  At  high  angles 
of  attack  Vg  is  stabilizing  since  in  this  case  the  vortex  core  is 
moved  downward  as  a result  of  control  deflection. 

The  interference  of  the  canard  on  the  vertical  tail,  Vq,  depends 

to  a large  extent  on  the  vertical- tail  arrangement,  as  shown  in  fig- 
ure ik.  The  results  show  that,  as  in  figure  13,  the  effect  of  the 
canard  is  destabilizing  for  a single-tail  arrangement.  However,  for 
the  twin-tail  arrangement  the  interference  of  the  canard  on  the  verti- 
cal tail  is  stabilizing.  In  contrast  to  the  single  vertical  tail,  the 
twin  vertical  tail  moved  away  from  the  destabilizing  flow  field  beneath 
the  windward  vortex  and  toward  the  stabilizing  flow  field  of  the  lee- 
ward vortex.  Tests  of  another  configuration  having  twin  tails  closer 
together  than  those  of  the  configuration  in  figure  l4  have  indicated 
that  the  tail  space  should  be  at  least  equal  to  the  canard  span  to 
obtain  favorable  interference  between  the  canard  and  vertical  tails. 

The  effects  of  Mach  number  on  the  directional  stability  of  a canard 
configuration  are  presented  in  figure  15  in  a manner  similar  to  that 
of  figure  15.  The  results  show  that  the  destabilizing  influence  of  the 
canard  on  the  vertical  tail  became  essentially  zero  above  a Mach  n\miber 


of  2.2,  whereas  the  stabilizing  contribution  due  to  canard  interference 
on  the  body  extended  up  to  a Mach  number  of  5-5^  the  limit  of  the  tests. 
In  fact,  it  apparently  was  the  favorable  body- canard  interference  that 
maintained  positive  directional  stability  at  Mach  numbers  above  2.5. 


For  all  configurations  investigated,  canard  interference  made  Cij; 

(rolling  moment  due  to  sideslip)  more  negative;  that  is,  it  increased 
the  dihedral  effect.  Since  this  interference  results  from  a leeward 
shift  of  the  center  of  the  canard  interference  lift  on  the  wing  with 
increasing  sideslip,  the  effects  of  Mach  number  and  angle  of  attack  on 
the  interference  Ct  are  similar  to  those  on  interference  lift:  that 
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reduces  with  increasing  supersonic  Mach  number  and  increases 
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with  angle  of  attack. 


CONCLUDING  REMARKS 


The  data  have  Indicated  factors  which  cause  the  trim-drag  char- 
acteristics of  canard  configurations  to  be  superior  to  those  of  trailing- 
edge-flap  and  tail  arrangements.  The  effect  of  plan  form  and  control 
lift  at  low  angles  is  predictable  by  theory  and  is  opposite  to  the  plan- 
form  effect  on  the  maximum  available  pitching  moment.  Interference 
effects  between  the  canard  and  other  configuration  components  were  not 
serious,  except  possibly  those  which  affect  the  directional  stability, 
and  these  latter  effects  can  be  reduced  by  rearrangement  of  the  verti- 
cal tail. 
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ESTIMATION  OF  DIRECTIONAL- STABILITY  CONTRIBUTIONS 


OF  AIRPLANE  COMPONENTS 
By  George  E.  Kaattari 
Ames  Aeronautical  Laboratory 


SUMMARY 


Available  theories  accounting  for  interference  effects  between  com- 
ponents on  airplane  stability  have  been  demonstrated  to  have  experimental 
verification  over  moderate  angle -of -attack  ranges.  This  verification 
establishes  design  principles  useful  in  Increasing  directional  stability 
of  supersonic  airplanes. 


INTRODUCTION 


The  flight  of  airplanes  at  supersonic  speeds  has  introduced  a num- 
ber of  problems  in  pitch  and  yaw  stability.  The  underlying  causes  of 
instability  are  pointed  out  in  reference  1.  It  is  the  purpose  of  the 
present  paper  to  examine  in  detail  one  phase  of  the  stability  problem; 
namely,  the  decay  of  the  directional  coefficient  Cn^  with  increasing 

angle  of  attack  and  Mach  number.  Theoretical  methods  are  presented  for 
calculating  the  stability  contribution  of  lifting  and  stabilizing  sur- 
faces. These  methods  reveal  means  by  which  Cn^  for  supersonic  aircraft 

may  be  improved.  In  this  regard,  particular  attention  will  be  given  to 
the  stabilizing  effects  of  body  shkpe,  of  wing  plan  form  and  location, 
and  of  stabilizer  plan  form  and  location.  Extensive  data  from  wind  tun- 
nels at  the  Ames  and  Langley  Aeronautical  Laboratories  were  compared  with 
theory  (e.g.,  ref.  2). 


DISCUSSION 


Small-Angle  Considerations 

Determining  the  directional  coefficients  of  a complete  airplane  at 
low  angles  of  inclination  is  a linear  problem.  Consider  the  fighter-type 
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configura'tion  shown  in  figvire  1.  In  most  cases  the  direct  contribution 
of  horizontal  surfaces  to  stability  is  negligible.  As  far  as  Cn^  is 

concerned,  add  together  Cnp  of  the  body  alone,  the  change  in  Cnp  of 
the  body  resulting  from  the  addition  of  the  wing,  and  the  Cn^  contri- 


bution of  the  tail  in  the  presence  of  the  body-wing  combination.  These 
incremental  values  of  ^np  associated  with  the  addition  of  each  com- 
ponent are  determined  by  suitable  interference  constants  K times  the 


Cnp  capability  of  the  isolated  component  in  question. 


The  significance 


of  K,  as  for  example  pertaining  to  the  tail,  is  then  that  it  is  the 
ratio  of  Cnp  of  the  tail  in  the  presence  of  the  body-wing  combination  to 


Cn 


P 


of  the  tail  if  mounted  on  a perfect  reflection  plane. 


The  con- 


stant K is  a function  of  the  ratio  of  component  span  to  body  radius 
and  can  be  determined  by  slender-body  theory.  Values  of  K have  been 
evaluated  for  determining  interference  effects  for  a wide  variety  of 
component  arrangements.  These  values  were  determined  with  the  aid  of 
slender-body  solutions  of  reference  3- 


The  question  arises  as  to  the  validity  of  slender-body  theory  in 
application  to  nonslender  configurations  at  supersonic  si)eeds.  This 
question  is  resolved  by  experimental  verification.  In  figure  2 are 
presented  increments  of  Cn^  contributed  by  components  of  a large  num- 
ber of  configurations  at  both  subsonic  and  supersonic  Mach  numbers. 
Experimental  increments  of  Cnp  are  plotted  against  corresponding  theo- 
retical values.  Test  points  denote  the  contribution  to  Cnp  of  the 

surfaces  designated  by  the  dashed  line  in  each  of  the  sketches.  Good 
correlation  exists  both  at  subsonic  and  at  supersonic  Mach  mmabers. 

Body  protuberances,  such  as  duct  intakes  and  canopies,  wing  nacelles, 
and  jet  exhausts,  can  contribute  additional  interference  effects.  A 
discussion  of  these  effects,  however,  is  not  pursued  in  this  brief 
dissertation. 


Large -Angle  Considerations 

The  foregoing  discussion  dealt  with  linear  or  small-angle  theory. 

In  the  remainder  of  the  paper  the  effects  of  large  angles  of  inclination 
and  Mach  number  on  Cnp  are  considered.  Body-alone  characteristics 

are  an  important  source  of  airplane  instability  at  large  angles  of  incli- 
nation. Two  bodies  of  equal  volume  and  length  are  shown  in  figure  5* 
Both  have  identical  circular  noses.  The  top  body  has  a circular  cross 
section  along  its  entire  length.  The  lower  body  has  an  afterbody  of 
deep,  nearly  rectangular  cross  section.  The  experimental  Cn„  of  the 
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bodies  is  plotted  as  a function  of  angle  of  attack.  Both  have  about 
the  same  Cnp  at  low  angles  of  attack.  When  angle  of  attack  is 

increased,  the  loading  on  both  bodies  shifts  rearward  because  of  the 
development  of  viscous  cross-flow  forces  on  the  eifterbody.  These  forces 
are  larger  on  the  rectangular  cross-sectional  body  (hereinafter  referred 
to  as  rectangular  body)  than  on  the  circular  cross-sectional  body  (here- 
inafter referred  to  as  circular  body).  The  rectangular  body  then  has 
the  greater  weathercock  stability  with  Increasing  angle  of  attack.  Iden- 
tical tails  are  added  to  each  body.  The  resulting  Cn^  variations  with 

angle  of  attack  are  compared.  The  stability  of  the  circular -body — tall 
combination  is  greater  than  that  of  the  rectangular -body — tail  combina- 
tion over  the  greater  portion  of  the  angle-of -attack  range.  This  unex- 
pected result  can  be  traced  to  the  greater  adverse  sidewash  due  to  body 
vorticity  that  is  associated  with  the  strong  viscous  cross-flow  field 
about  the  rectangular  body.  Smaller  vorticity  effects  characterize  flow 
about  the  circular  body.  Thus,  smaller  losses  in  tail  effectiveness 
re  suit . 

It  is  evident  that  the  simple  superposition  of  body  and  component 
characteristics  permissive  in  linear  theory  is  not  valid  at  large  angles 
of  inclination.  Additional  methods  for  estimating  the  nonlineeir  effects 
attending  large  angles  are  required.  Development  of  such  methods  is 
undertaken  by  first  determining  the  effect  of  angle  of  attack  and  Mach 
number  on  side-force  interference  between  body  and  wing.  There  are  two 
effects  of  the  wing  on  body  side  force.  The  first  effect  is  shown  in 
figure  h.  Viscous  cross-flow  forces  about  a body  and  a body-wing  com- 
bination are  compared  at  combined  sideslip  and  angle  of  attack.  The 
body  alone  senses  the  side-force  component  Yg  of  the  large  total 

force  R associated  with  combined  a and  p.  The  body  in  the  presence  of 
the  wing  senses  only  the  viscous  effects  due  to  pure  sideslip  since  the 
wing  has  intercepted  the  a component  of  total  inclination.  The  amount 
of  viscous  side  force  developed  is  thus  reduced.  The  reduction  may  be 
estimated  by  the  method  of  reference  This  interference  effect  of 
the  wing  on  the  body  depends  on  the  extent  of  wing  root  chord  along  which 
a suppression  takes  place . Wings  with  long  root  chords  or  with  strakes 
are  effective  in  linearizing  body-wing  directional  characteristics. 

The  second  effect  of  the  wing  on  the  body  is  shown  in  figure  5*  A rear 
view  of  a wing  mounted  on  a body  in  a high  tangent  location  is  repre- 
sented. Because  of  the  effect  of  yaw-induced  side  flow  around  the  body, 
opposite  wing  panels  encounter  differential  angles  of  attack,  that  is, 

+Ax  due  to  upwash  on  the  windward  side  and  -Ax  due  to  downwash  on 
the  leeward  side.  A differential  press\jre  field  then  exists  between 
the  wing  panels  and  reacts  on  the  interposed  body.  This  mechanism 
accounts  for  the  body  reaction  which  is  taken  into  accovmt  in  pure  side- 
slip by  the  linear-theory  interference  constant  ^^(W)’  wings 

are  lifting  at  high  angles  of  attack,  the  wing-body  Interference  zone 


indicated  by  the  shaded  area  is  in  an  environment  of  increased  pressiares 
and  reduced  Mach  number  in  respect  to  free-stream  conditions.  The  com- 
bined effect  of  local  pressure  and  Mach  number  increases  the  body  reac- 
tion nonlinear ly  with  angle  of  attack  and  fli^t  Mach  number.  These 
effects  may  be  calculated  with  shock-expansion  theory.  The  total  effect 
of  the  wing  on  the  body  is  then  the  sm  of  viscous  effects  and  pressure 
effects.  Estimates  of  this  total  effect  can  be  computed  and  ccmpared 
with  experiment.  A typical  correlation  of  theory  and  experiment  is 
shown  in  figure  6 for  three  body-wing  combinations.  Side-force  incre- 
ments due  to  adding  a wing  to  a body  are  plotted  as  a function  of  angle 
of  attack.  Wings  in  high,  low,  and  midbody  position  are  considered. 

In  each  case,  experiment  and  theory  are  in  accord  over  the  angle  range 
shown.  It  is  pointed  out  that  this  Interference  force  on  the  body 
arises  from  any  horizontal  surface  such  as  canards  and  conventional 
pitch  stabilizers.  These  Interference  forces  may  be  exploited  for 
increased  directional  stability.  Midbody  surfaces  give  negative  inter- 
ference forces.  Such  surfaces  should  be  attached  to  the  body  forward 
of  the  airplane  center  of  gravity  for  positive  directional  stability. 
Canards  and  wings  of  highly  sweptback  plan  form  meet  this  requirement 
of  position  in  respect  to  airplane  center  of  gravity.  High-body  sur- 
faces give  positive  interference  forces.  Such  surfaces  should  be 
attached  to  the  body  rearward  of  the  airplane  center  of  gravity.  Con- 
ventional pitch  stabilizers  and  unswept  or  sweptforward  wings  meet  this 
requirement  of  position  in  respect  to  airplane  center  of  gravity. 


The  next  consideration  is  to  determine  the 


Increment  due  to 


the  addition  of  a tail  to  a body-wing  combination.  For  this  purpose 
divide  the  airplanes  into  two  classes;  (l)  airplanes  which  have  large 
bodies  and  small  wings  and  (2)  airplanes  which  have  large  wings  and 
small  bodies.  The  stability  characteristics  of  the  first  class  are 
dominated  by  body-tail  interference  and  those  of  the  second  class  by 
wing-tail  interference.  The  upper  sketch  in  figure  7 depicts  the  mech- 
anism of  body- tail  interference.  At  high  angles  of  attack,  separated 
flow  about  the  body  forms  into  two  vortices  that  pass  near  the  empen- 
nage shown  in  the  cross  section.  Their  influence  on  the  tall  can  be  cal- 
ciilated  (ref.  l) . It  is  a destabilizing  effect  which  increases  approx- 
imately as  the  square  of  the  angle  of  attack.  The  lower  sketch  shows  the 
tail  in  combination  with  a body-wing  combination.  The  wing  has  the 
several  indicated  effects.  Becaiise  of  the  viscous  cross-flow  suppressing 
effect  of  the  wing,  body  vorticity  is  prevented  from  developing  in 
strength  along  the  wing  root  chord.  An  indirectly  favorable  effect  of 
the  wing  resxilts  in  this  respect;  however,  the  vorticity  remains  a 
destabilizing  influence.  In  the  zone  above  the  wing  and  between  the  wing 
shock  lines  originating  at  the  leading  and  trailing  edges,  the  dynamic 
pressure  is  reduced  and  the  Mach  number  is  increased  in  respect  to 
free-stream  conditions.  The  effectiveness  of  C„  of  a stabilizer  in 
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this  zone  is  reduced;  however,  highly  swepthack  tail  plan  forms  can,  to 
some  extent,  avoid  this  unfavorable  region.  The  opposite  effect  takes 
place  below  the  wing  in  regions  where  a ventral  fin  may  be  located. 

The  effectiveness  of  a ventral  fin,  then,  increases  with  angle  of  attack. 
Wing  vortices  are  usually  a minor  consideration  in  closely  coupled  wing- 
tail  cases  such  as  considered  here.  A typical  correlation  of  experiment 
and  theory  for  contributed  by  a tail  to  a body  and  to  a body-wing 

combination  is  presented  in  figure  8.  The  of  a tail  in  presence 

of  a body  at  3 = 5°  is  plotted  as  a function  of  angle  of  attack  on 
the  left-hand  side  of  the  figixre.  Experimental  values  are  denoted  by 
the  small  circles.  The  dashed  curve  gives  theoretical  values  resulting 
when  the  effect  of  body  vortices  is  taken 'into  account.  The  agreement 
between  theory  and  experiment  is  satisfactory  over  the  angle -of -attack 
range  considered.  The  /^sCn  of  a tail  in  the  presence  of  a body- wing  is 
plotted  as  a function  of  angle  of  attack  on  the  right  side  of  the 
figure.  Two  locations  of  wing  on  body  are  considered  with  a conven- 
tionally positioned  stabilizer.  The  top  curve  of  these  two  cases  per- 
tains to  the  low  wing  and  the  lower  curve,  to  the  high  wing.  Theory 
and  experiment  are  again  generally  in  good  accord.  A significant  point 
demonstrated  here  is  that  while  the  stability  of  the  high-wing  model 
is  less  than  that  of  the  low-wing  model,  its  stability  is  less  sensitive 
to  angle  of  attack.  At  higher  .Mach  numbers  than  considered  here,  it  is 
possible  for  a high-wing  airplane  to  have  the  greater  stability  in  a high 
angle -of -attack  range.  The  other  curve  pertains  to  a ventral-tail  con- 
tribution in  presence  of  a high-wing— body  combination.  Experiment  and 
theory  are  in  fair  accord.  The  effect  of  the  wing  compressive  field  on 
the  ventral-tail  contribution  is  evident  by  the  increasing  value  of 

with  angle  of  attack.  The  degree  of  correlation  between  experiment 
and  theory,  as  shown  in  figure  8,  extends  over  a wide  range  of  compo- 
nent plan  form  and  supersonic  Mach  number. 


CONCLUSIONS 


On  the  basis  of  experimental  and  theoretical  studies  of  the  con- 
tribution of  components  to  airplane  directional  stability,  it  is  con- 
cluded that  the  following  items  are  of  particular  importance  in 
increasing  the  directional  stability  of  airplanes  at  supersonic  Mach 
number : 


1.  The  destabilizing  effect  of  body  vorticity  may  be  reduced 
through  use  of  wings  with  long  root  chords  and  by  selection  of  suitable 
afterbody  cross  sections. 


2.  Lifting  and  pitch-control  surfaces  can  be  made  to  contribute 
directional  stability  through  plan-form  effects  and  location  on  the 
body. 


5.  Ventral  fins  are  highly  effective  at  large  angles  of  attack. 
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By  Richard  Scherrer,  John  H.  Lundell, 
and  Lewis  A.  Anderson 

Ames  Aeronautical  Laboratory 


42 


INTRODUCTION 


It  is  well  known  that  total -pres  sure  ratios  approaching  0.9  at 
Mach  numbers  of  about  4 are  desirable  but  have  not  been  attained  because 
of  a group  of  problems  termed  "viscous  effects."  The  purpose  of  this 
paper  is  to  demonstrate  how  viscous  effects  can  be  minimized.  Results 
of  the  basic  research  are  first  presented;  these  results  are  then 
applied  to  the  design  of  an  idealized  inlet  and  the  performance  of  this 
- inlet  is  described. 

The  primary  effect  of  viscosity  at  increasing  free -stream  Mach 
numbers  is  to  increase  the  total  pressure  losses  due  to  friction.  This 
effect^  coupled  with  the  increasing  positive  pressure  gradients  in 
inlets,  results  in  difficulty  in  preventing  separation.  It  may  not  be 
possible  to  do  much  about  this  primary  viscous  effect  other  than  to 
remove  the  low  energy  flow;  however,  there  are  a group  of  secondary 
viscous  effects  that  can  be  eliminated  at  their  soiarces.  Some  of  these 
occur  in  the  inlet  shown  in  figure  1.  This  inlet  is  rectangular  and 
has  partial  internal  contraction.  The  effects  of  corners  and  of  the 
oblique  pressure  fields  on  the  side  walls  are  typical  secondary  viscous 
effects.  These  effects  result  in  local  regions  of  thickened  boundary 
layer,  and  the  first  separations,  in  strong  positive  pressure  gradients, 
would  occur  in  these  regions.  When  the  positive  pressure  gradient  is 
continued  downstream,  the  regions  of  separation  grow  into  wakelike  flows 
having  strong  large-scale  low-frequency  mixing.  The  transonic  region 
in  inlets  is  particularly  sensitive  to  the  development  of  wakelike  flows 
because  of  the  effect  of  fluctuations  in  effective  throat  area  on  the 
throat  Mach  number  and  thus  on  the  total  pressure  losses  at  the  terminal 
shock  and  in  the  subsonic  diffuser.  It  appears  that  care  must  be  exer- 
cised in  inlet  design  to  maintain  uniform  steady  boxmdary -layer  and 
core  flows  in  the  throat.  The  initial  reaction  to  such  an  idealized 
requirement  is  that  it  is  unnecessarily  restrictive,  but  that  this  is 
not  the  case  will  be  demonstrated. 
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SYMBOLS 


M 

Pt 

Pt 

^00 

(^t)max 


r 


R 

S/At 


Mach  manber 
total  pressure 

ambient  total  pressure 

peak-to-pealc  fluctuation  in  total  pressiire 

distance  from  surface 
local  duct  radius 

ratio  of  wetted  area  of  supersonic  diffuser  to  throat 
cross-sectional  area 


BASIC  RESEARCH  RESULTS 


The  basic  research  has  been  directed  toward  providing  sufficient 
understanding  of  unsteady  transonic  diffusing  flows  to  allow  the  design 
of  a Mach  nxamber  4.0  inlet  with  a weak  terminal  shock  and  steady  tran- 
sonic flow.  The  most  important  result  of  this  research  is  demonstrated 
with  motion  pictiires.  These  pictures  have  been  taken  by  use  of  an 
instrumentation  system  which  provides  a continuous  display  and  record 
of  transient-total -pressure  profiles  in  boundary  layers.  The  test 
apparatus  is  shown  in  figure  2.  A fo\ir-tube  total -pressure  rake  with 
transient-pressure  transducers  and  a similar  wall-static-pressure  trans- 
ducer are  located  at  the  exit  of  an  8°  conic  diffuser  in  which  super- 
sonic flow  exists  to  a Mach  number  of  about  1.1  just  downstream  of  the 
throat.  The  outputs  of  the  transducers  are  displayed  on  an  oscillo- 
scope, as  shown  in  figiire  5,  with  total -pres  sure  ratio  as  the  abscissa 
and  radial  position  in  the  duct  as  the  ordinate.  Fluctuations  in  local 
total  pressure  appear  as  horizontal  motions  of  the  spot  at  each  tube 
position.  The  local  static  pressure  is  plotted  at  the  wall  to  provide 
an  indication  of  separation. 

The  first  flow  that  is  shown  is  called  unsteady;  that  is,  large- 
scale,  low-frequency  total  pressure  losses  occur  with  separation  at  the 
wall  and  simultaneous  large  losses  in  pressure  at  the  tube  farthest 
from  the  wall.  Selected  frames  from  the  first  motion  picture  are  repro- 
duced in  figures  4(a)  and  4(b)  . The  time  between  frames  is  0.125  second. 
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The  second  flow  is  relatively  steady  in  that  the  largest  and  lowest  fre- 
quency disturbances  have  been  eliminated.  The  total  pressure  farthest 
from  the  wall  is  almost  constant  and  the  flow  at  the  wall  is  not  quite 
separated.  Selected  frames  from  the  second  motion  pictixre  are  repro- 
duced in  figure  5.  The  time  between  frames  is  0.125  second.  The  differ- 
ence between  the  two  flows  is  due  to  an  improvement  in  initial  flow  uni- 
formity of  less  than  1 percent  in  total  pressiire.  This  is  so  small 
that  the  critical  distiirbances  may  not  be  total -press\ire  fluctuations, 
but  rather  small  fluctuations  in  local  stream  angles  or  vorticity.  In 
either  case,  the  conclusion  is  that  the  initial  flow  should  be  uniform 
and  steady  in  order  to  attain  steady  exit  flows  in  diffusers. 

The  sensitivity  of  diffusing  flows  to  small  initial  distiirbances 
was  unexpected  and  it  was  believed  that  some  rational  explanation  was 
essential  if  the  result  was  to  be  employed  with  confidence.  The  gen- 
eral question  is:  How  does  large-scale  turbulence  grow  from  some  ini- 

tial shear?  This  is  one  of  the  most  basic  fluid-mechanics  problems 
and  one  possible  explanation  of  the  phenomenon  is  shown  in  figure  6. 

It  is  assumed  that  some  initial  shear  exists  in  a field  of  random 
three-dimensional  disturbances.  When  angular  momentum  is  conserved, 
some  spectrum  of  random  streamwise  vortices  is  produced,  each  of  which 
is  a conventional  secondary-flow  vortex.  (See  ref.  1.)  Any  vortex  has 
a low-energy  core  which  grows  in  diameter  with  distance  downstream,  and 
because  of  this  growth  a positive  static-pressure  gradient  must  exist 
along  the  axis.  Now,  assume  the  existence  of  a single  disturbance  suf- 
ficiently strong  to  slow  the  core  appreciably.  The  core  must  expand 
rapidly  in  response  to  this  pulse  and  may  be  forced  to  continue  to 
expand  because  of  the  abrupt  increases  in  positive  pressure  gradient 
demanded  by  the  growing  diameter  and  because  of  the  deflection  of  the 
ambient  flow  about  the  rapidly  growing  core.  Thus,  some  of  the  vortices 
in  the  shear  layer  can  be  unstable  and  explode,  as  indicated.  This  con- 
cept is  consistent  with  the  requirement  of  self-preservation  of  tiirbu- 
lent  flows  because  each  explosion  results  in  the  two  features  required 
for  more  explosions,  namely,  new  vortices  and  a pressure  wave.  In  such 
a flow  it  would  be  expected  that  each  generation  of  vortices  and  explo- 
sions would  become  larger  in  size. 

When  this  hypothesis  is  applied  to  the  flow  in  a choked  diffuser, 
it  is  apparent  that  the  effect  of  the  additional  positive  pressure  gra- 
dient, the  confining  effect  of  the  duct  walls  on  the  pressure  pulses, 
and  the  effect  of  the  terminal  shock  are  to  accentuate  the  growth  of 
initial  shear  into  large-scale  turbulence.  The  effect  observed  in  the 
motion  pictures  appears  to  be  consistent  with  this  simple  physical  rea- 
soning and  the  physical  reasoning  is  consistent  with  many  diverse  fea- 
tLires  of  turbulence.  (See  ref.  2.)  Thus,  both  the  unsteadiness  obser- 
vations and  the  hypothesis  can  be  used  with  some  confidence. 


SUPERSONIC -INLET  DESIGN  AND  TEST  RESULTS 


The  need  for  maintaining  uniform  and  steady  throat  flows  has  been 
emphasized.  This  result  will  now  be  applied  to  the  design  of  an  inlet 
for  a Mach  number  of  about  14^.  The  inlet  shown  in  figure  7 is  one  of 
several  possible  designs  that  can  satisfy  the  need  for  uniform  throat 
flow.  All  the  features  of  this  inlet  - axial  symmetry,  internal  con- 
traction, isentropic  compression,  scoop  location,  terminal -shock  com- 
pensation, and  the  4°  diffuser  - were  selected  to  allow  attainment  of 
steady,  uniform  throat  flow. 

Two  features  of  this  axisymmetric  isentropic  inlet  are  unusual; 
namely,  the  location  of  the  boundary -layer  scoop  just  ahead  of  the 
inflection  point  and  the  abrupt  growth  in  cross-sectional  area  in  the 
terminal -shock  region.  The  scoop  location  provides  a thin  boimdary 
layer  in  the  region  of  maximum  pressure  gradient,  which  should  prevent 
separation  and  thus  provide  steady  flow  in  the  throat.  Terminal-shock 
compensation  has  been  used  for  several  reasons  and  the  most  Interesting 
reason  can  be  demonstrated  by  use  of  the  shear -to -turbulence  hypothesis 
presented  earlier.  It  is  well  known  that  turbulent  boundary  layers 
have  two  basic  components:  eddies,  or  small  finite-length  strearawise 

vortices,  and  "balls"  of  turbulence.  If  it  is  assiomed  that  the  terminal 
shock  will  increase  the  local  production  of  turbulent  balls  from  the 
eddies,  the  local  flow  cross  section  must  be  expanded  to  allow  for  the 
local  total  pressure  loss  in  the  turbulence.  Thus,  the  use  of  terminal- 
shock  compensation  allows  for  departure  from  the  assumed  uniform  throat 
flow.  It  should  be  noted  that  the  mixing  due  to  production  of  new 
eddies  at  the  terminal  shock  is  probably  of  some  significance  in  separa- 
tion or  reattachment  just  downstream  of  the  shock. 

It  is  somewhat  incidental  to  the  main  subject  of  this  paper,  but 
the  question  of  flow-starting  with  internal-contraction  inlets  always 
occurs.  In  the  inlet  shown  in  figure  7,  the  top  half  of  the  supersonic 
flow  region  was  arranged  to  move  upward  and  forward  on  links  to  allow 
the  excess  air  to  be  bypassed  around  the  throat  d\oring  starting. 

Tests  have  been  conducted  with  components  of  the  idealized  inlet 
at  Mach  numbers  from  5-6  to  5.9^,  and  tests  of  the  complete  inlet  were 
conducted  at  Mach  numbers  of  5*70  "to  5*83  for  several  configurations. 

The  test  Reynolds  numbers  were  from  I.5  X I06  to  2.6  X 10°,  based  on 
inlet  diameter.  The  component  tests  were  conducted  to  allow  boundary- 
layer  surveys  at  the  inflection  point  and  at  the  minimimi-area  station, 
Fiu*ther  flow  profiles  were  measured  just  downstream  of  the  terminal 
shock  and  at  the  duct  exit  with  the  complete  configurations.  Typical 
profiles  obtained  at  these  stations  are  presented  in  figures  8 and  9 in 


terms  of  the  mean  total -pressure  ratio  and  the  peak-to-peak  total- 
pressiire -fluctuation  ratio.  It  should  be  noted  that  there  is  no  exit- 
fluctuation  profile  because  the  mean  profile  was  obtained  with  a liquid 
manometer . 

At  the  inflection  point  (fig.  8),  the  mean  total -pressure  profile 
shows  the  concavity  that  is  due  to  the  friction  total  pressure  loss. 

The  fluctuation  profile  (fig.  9)  indicates  large  fluctuations  to  occur 
well  off  of  the  surface,  and  this  result  is  an  indication  of  separation 
ahead  of  the  inflection  point.  Unfortunately,  in  this  investigation  it 
was  not  possible  to  move  the  scoop  forward;  therefore,  the  next  best 
thing  was  to  remove  all  the  separated  flow.  As  a result,  the  shock 
waves  due  to  the  separation  remain  in  the  core  flow  and  prevent  attain- 
ment of  isentropic  coit^jression.  At  the  minimum-area  station,  the  mean 
input  to  the  terminal  shock  is  not  unusual  and  the  fluctuation  profile 
has  a low-amplitude  peak  near  the  surface.  The  output  from  the  terminal 
shock  in  terms  of  the  mean  profile  appears  favorable;  however,  the 
fluctuation  profile,  as  well  as  the  examination  of  the  oscillograph 
records,  suggests  occasional  separation.  The  last  mean  profile  is  at 
the  duct  exit  and  the  distortions,  both  radial  and  circumferential,  are 
small  - less  than  5 percent.  This,  in  view  of  the  occasional  separation 
at  the  diffuser  entry,  indicates  that  the  choice  of  a divergence  in 
the  subsonic  diffuser  was  judicious. 

The  overall  performance  of  the  idealized  inlet  is  shown  in  figure  10 
as  the  variation  of  total -pressiu*e  ratio  with  Mach  number.  Test  data 
for  the  present  inlet  are  for  a Reynolds  number  of  2 x 10^  because  no 
improvement  in  recovery  occvtrred  with  ftirther  increase  in  Reynolds  num- 
ber. The  best  available  results  from  several  other  inlet  investigations  • 
at  Mach  numbers  above  5 shown  for  comparison.  (Some  of  these  data 
are  presented  in  refs.  5^  5*)  Values  of  the  ratio  of  supersonic 

wetted  area  S to  throat  cross-sectional  area  are  listed  in  fig- 

ure 10  to  indicate  roughly  the  relative  size  per  unit  mass  flow  of  the 
various  inlets.  The  inlet  of  the  present  investigation  is  relatively 
short,  but  it  can  be  seen  that  it  has  the  highest  pressiure  recovery. 

A pressure  recovery  of  85  percent  was  obtained  at  a Mach  number  of  3. 70 
and  of  82  percent  was  obtained  at  a Mach  number  of  3 • 85  • Since  the 
boundary-layer -bleed  flow  rates  are  roughly  from  20  to  25  percent  of 
the  total  flow  in  all  the  inlets  presented,  the  comparison  in  figure  10 
is  sufficient  to  indicate  relative  merit.  Although  the  level  of  pres- 
stire  recovery  that  has  been  achieved  is  unusual,  it  is  evident  that 
the  goal  of  90-percent  pressure  recovery  has  not  been  achieved.  How- 
ever, by  using  the  total -pres sure  profiles,  the  component  losses  in  the 
duct  can  be  evaluated  to  find  out  why  the  goal  was  not  achieved. 

A summary  of  the  component  losses  in  the  idealized  inlet  is  as 
follows : 


Subsonic  diffuser,  percent  ... 

^00 

Terminal  shock,  percent  p^  ..... 

*^00 

Scoop -to -throat  friction,  percent  p. 

Supersonic  core  flow,  percent  p^^ 

Total  loss,  percent  p^.  

'-'00 

The  data  shown  are  temporal  mean  values  and  were  obtained  at  M = 5*85 
from  total -pres  sure  profiles  with  the  assun5)tion  that  the  flow  is  actu- 
ally axisymmetric.  It  should  be  noted  that  the  possible  error  in  each 
of  the  component  losses  is  about  tO.Olp^  and  the  possible  error  in 

the  total  loss  is  ±0.005p+  . The  total  pressure  loss  in  the  subsonic 

diffuser  is  small,  which  was  also  indicated  qualitatively  by  the  fact 
that  the  exit  distortions  were  small.  The  Mach  number  ahead  of  the 
terminal  shock  is  about  1.1  and  the  total  pressure  loss  at  the  terminal 
shock  is  less  than  1 percent.  The  fact  that  a Mach  number  as  low  as  1.1 
was  meas\ired  is  evidence  that  the  flow  must  have  been  steady  and  rela- 
tively uniform  in  the  throat.  The  friction  loss  from  the  boundary -layer 
scoop  to  the  throat  is  about  6 percent  and  the  remainder  of  the  total 
pressure  loss  is  in  the  supersonic  core  flow  and  is  roughly  9 percent. 

In  theory,  there  should  be  no  supersonic  core-flow  loss,  but  the  separa- 
tion ahead  of  the  boundary-layer  scoop  has  prevented  attainment  of  the 
theoretical  flow.  It  would  be  expected  that  elimination  of  the  separa- 
tion, by  moving  the  scoop  forward  or  decreasing  the  local  pressure  gra- 
dient, would  reduce  the  core-flow  loss  substantially.  This  should 
result  in  a pressure  recovery  near  90  percent  at  a Mach  number  of 
and  thus  the  initial  goal  is  not  unrealistic. 
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CONCLUDING  REMARKS 


It  has  been  shown  that  the  favorable  end  result  of  the  present 
investigation  has  been  obtained  because  of  a basic  research  program 
directed  toward  understanding  unsteady  flows.  A new  experimental  tech- 
nique, the  continuous  display  of  transient-total -pressure  profiles,  has 
been  used  to  demonstrate  one  origin  of  unsteady  internal  flows,  and  a 
qualitative  understanding  of  such  flows  has  been  achieved.  This  has 
resulted  in  a useful  hypothesis  regarding  one  possible  origin  of  turbu- 
lence and  has  indicated  that  uniform  and  steady  throat  flows  are  required 
for  efficient  inlets.  Rigid  application  of  this  design  requirement  has 
produced  an  efficient  inlet  and  thus  it  has  been  shown  that,  for  the 
Mach  numbers  of  this  investigation,  adverse  viscous  effects  can  be 
minimized. 
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SHEAR-TO-TURBULENCE  HYPOTHESIS 

EXPLOSIVE  DECAY  OF 
VORTEX  INTO  A 

SHEAR  TURBULENT  "BALL" 


Figure  6 


AXIALLY  SYMMETRIC,  ISENTROPIC, 
INTERNAL-CONTRACTION  INLET 


Figure  7 


TYPICAL  PRESSURE  PROFILES 
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TYPICAL  PRESSURE-FLUCTUATION  PROFILES 
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PRESSURE- RECOVERY  COMPARISON 
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SOME  CONSIDERATIONS  INFLUENCING  INLET  SELECTION 
By  Leonard  J.  OLery 
Lewis  Flight  Propulsion  Laboratory 
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INTRODUCTION 


The  designer  of  high  Mach  number  airplanes  finds,  as  he  has  in  the 
past,  that  the  overall  performance  of  the  aircraft  is  critically  depend- 
ent on  the  powerplant  performance  and  that  in  the  high  Mach  number  range, 
a large  amount  of  the  potential  performance  of  the  engine  can  be  lost 
through  the  air-inlet  system.  It  is  the  piirpose  of  this  paper  to  explore 
the  state  of  the  art  in  air -inlet  development  and  to  examine  some  of  the 
characteristics  or  peculiarities  of  the  various  types  of  inlets  that 
would  be  considered  in  the  selection  of  an  inlet  by  a powerplant 
designer.  Furthermore,  this  paper  will  deal  only  with  the  on-design 
performance  of  the  inlets,  and  none  of  the  characteristics  at  off-design 
conditions,  either  angle  of  attack  or  Mach  number,  will  be  included  in 
the  comparisons  made  in  this  paper. 

Neglecting,  for  the  moment,  the  geometry  or  the  particular  type  of 
installation  on  the  aircraft,  the  two  factors  which  primarily  affect  the 
engine  performance  are  the  inlet  pressure  recovery  and  the  drag  produced 
by  the  inlet.  Other  factors,  of  course,  enter  into  the  inlet  selection: 
whether  it  should  be  two-dimensional  or  three-dimensional  in  geometry; 
the  length,  complexity,  and  starting  requirements  if  it  has  high  inter- 
nal contraction;  and  the  control  problems,  among  others.  The  two  pri- 
mary factors,  the  inlet  recovery  and  the  associated  dreig,  will  be 
examined  first. 

Many  of  the  data  to  be  presented  herein  are  as  yet  unpublished.  A 
short  bibliography  of  available  published  data  is  included. 


TOTAL  PRESSURE  RECOVERY 


External-Compression  Inlets 

Figure  l(a)  shows  total  pressiore  recoveries  that  have  been  meas- 
ured recently  from  all-external  supersonic-compression  inlets  at 
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free-stream  Mach  numbers  up  to  5«0>  in  figure  l(b)  are  sketches  of 

the  inlets  used  in  the  veirious  investigations.  As  the  sketches  show, 
all  the  supersonic  compression  is  accomplished  ahead  of  the  cowl  lips, 
and  for  best  performance  the  terminal  shock  would  stand  at  the  cowl  lip 
as  shown.  The  isentropic  spike  inlet  has  a compression  surface  which 
compresses  the  supersonic  flow  as  much  as  possible.  The  limiting  com- 
pression at  any  design  Mach  number  occurs  when  the  focused  waves  at  the 
point  of  coalescence  develop  a pressure  rise  equivalent  to  the  normal- 
shock  value  as  explained  in  reference  1.  This  maximum  turning  limits 
the  pressure  recovery  that  can  be  attained  with  this  inlet  type,  and 
the  isentropic  inlets  presented  in  this  paper  have  all  been  designed 
for  that  limit.  Most  of  the  inlets  presented  also  have  a flush  slot 
bleed  at  the  throat  for  compress ion- surface  boundary- layer  control. 

The  total  pressure  recoveries  of  these  inlets  (fig.  1(a))  ane  believed 
to  be  about  the  highest  that  have  been  measured  to  date  with  this  inlet 
type  and  lie  at  a kinetic-efficiency  level  of  about  97  percent  at  the 
lower  Mach  numbers  and  of  about  95  percent  at  a Mach  number  of  5*00. 

This  dropoff  in  recovery  directly  reflects  the  limiting  compression  that 
can  be  designed  into  the  all-external-compression  Inlets,  and  as  shown 
by  a comparison  with  the  theoretical  limiting  curve,  not  a great  deal 
of  improvement  in  the  recovery  levels  of  all-external-compression  inlets 
can  be  expected. 


Internal-Compression  Inlets 

The  obvious  way  to  hurdle  the  external- compression  limit  is,  of 
course,  to  incorporate  internal  compression  into  the  inlet  designs. 

This  course  was  pursued  several  years  ago  at  the  Ames  Laboratory  with 
the  axisymmetric  center-body  type  of  inlets  shown  in  the  top  sketch  of 
figure  2(a).  These  inlets  had  low-angle  center  bodies  which  translated 
forward  along  their  axis  to  vary  the  throat  area  and  to  provide  the 
reduced  contraction  to  allow  the  supersonic  flow  to  "start"  in  the 
inlet.  The  low-angle  compression  in  this  case  was  required  to  keep  the 
compression-surface  boundary  layer  from  excessive  thickening  or  sepa.- 
rating,  and  it  results  in  a characteristic  long  supersonic  diffuser 
passage.  The  inlet  shown  in  the  middle  sketch  represents  a design 
tested  recently  at  the  Lewis  Laboratory.  The  supersonic  compression  is 
formed  by  the  inside  of  a frustum  of  a cone,  and  the  boundary  layer 
generated  along  the  walls  of  the  supersonic  diffuser  is  bled  away  from 
the  inlet  ahead  of  the  entrance  to  the  subsonic  diffuser.  Starting  of 
this  device  was  accomplished  by  opening  most  of  the  top  half  of  the 
supersonic  diffuser  until  the  internal  compression  was  STifficiently 
reduced  to  establish  the  supersonic  flow.  The  third  inlet  shown  in  fig- 
ure 2(a)  is  two-dimensional,  each  jaw  pivoting  to  reduce  the  capture 
area  and  increase  the  throat  area  until  supersonic  flow  can  be  attained. 
Again  the  boundary  layer  is  diverted  away  from  the  subsonic  diffuser  by 
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a bleed  system  at  the  throat.  In  contrast  to  the  all-external- 
compression  inlets,  no  theoretical  limits  exist  to  the  amount  of  super- 
sonic compression  that  may  be  built  into  these  inlets.  Practical  con- 
siderations, possibly  attendant  with  fluctuations  in  the  internal  bound 
ary  layer,  however,  usually  limit  the  minimum  supersonic  Mach  number 
just  ahead  of  the  inlet  throat  to  about  1.2  at  free -stream  Mach  numbers 
below  5-0  and,  in  the  case  of  the  investigation  at  a Mach  number  of  5-0 
to  about  1.7  at  the  end  of  supersonic  compression. 

The  recovery  obtained  with  the  internal-compression  inlets 
(fig.  2(b))  is  the  highest  measured  to  date  over  the  whole  Mach  number 
range.  The  data  shown  represent  essentially  the  peak  pressure  recov- 
eries of  various  inlets  near  their  design  Mach  number.  No  single  inlet 
is  shown  over  the  entire  Mach  number  range. 

Near  the  design  Mach  numbers,  kinetic-energy  efficiencies  of 
97  percent  have  been  obtained  by  internal- compress  ion  inlets  at  Mach 
numbers  up  to  5*  As  shown  by  the  reference  points,  the  recoveries  of 
the  all-external-  and  all- internal- compress  ion  inlets  are  comparable 
at  Mach  numbers  below  about  5*0,  but  above  5*0  the  restrictions  of 
limited  compression  begin  to  drop  the  pressixre  recovery  of  the  all- 
external inlet  well  below  that  obtained  with  all- internal  compression. 
The  high  values  of  recovery  shown  for  the  all-internal-compression 
inlets  were  obtained,  however,  with  large  amounts  of  boundary-layer 
bleed.  In  most  cases,  bleed  of  the  order  of  20  to  30  percent  of  the 
air  entering  the  inlet  was  required  to  maintain  the  high  recoveries. 
When  this  bleed  was  reduced,  the  recovery  level  was  also  reduced  as 
shown  by  the  data  for  a Mach  number  of  5-0.  Reducing  the  bleed  by 
enlarging  the  subsonic-diffuser  entrance  caused  the  recovery  to  drop 
to  60  percent  with  I8  percent  bleed  and  to  hi  percent  with  6 percent 
bleed.  Here  with  comparable  bleed,  about  the  same  recoveries  were 
measured  with  all-internal-  or  all-external- compress  ion  inlets. 

These  all-internal-compression  inlets  apparently  will  require  a 
large  amoimt  of  bleed  and  as  shown  in  the  sketches  of  figure  2(a)  have 
long  supersonic  passages  which  require  large  geometry  variations  for 
starting.  In  an  effort  to  cut  down  on  the  amoiint  of  boundary- layer 
removal  required  and  to  shorten  the  internal  supersonic  passage,  a 
third  type  of  inlet  has  been  designed  and  investigated  recently.  As 
shown  in  figure  5(a),  this  type  of  inlet  combined  external  compression 
with  high-pressure -gradient  internal  compression. 


External- Internal-Conpres Sion  Inlets 

The  high  pressure  gradients  of  the  external- internal  compression 
inlets  result  in  a very  short  internal  contraction  passage;  however. 


inasmuch  as  the  pressure  rise  across  the  focal  point  of  the  internal 
shocks  is  more  than  enough  to  separate  a boxmdary  layer,  the  boundary 
layer  developed  by  the  external -compression  surface  had  to  be  removed 
ahead  of  the  point  of  impingement  of  the  high-strength  internal  shocks. 
Without  this  bleed  the  inlets  could  not  be  brought  to  their  design 
conditions . 

The  pressure  recoveries  obtained  with  this  inlet  type  eire  shown 
in  figure  5(b).  Reference  values  of  the  all-external  inlets  presented 
previously  are  shown  for  comparison.  To  date,  recoveries  nearing  a 
kinetic-efficiency  level  of  97  percent  have  been  measured  at  Mach  num- 
bers of  5 below.  At  a Mach  number  of  5*0  a two-dimensional  comblned- 
cong>ression  inlet  again  gave  a pressure  recovery  comparable  to  the  best 
value  measured  with  an  all-external- compress  ion  inlet  to  date.  This 
inlet  type  has  no  apparent  limitation  on  potential  recovery  and  should 
be  capable  of  recoveries  at  least  as  high  as  the  all-internal-con^jression 
inlets.  It  is  expected  that  recoveries  comparable  to  the  best  measured 
to  date  can  be  attained  with  more  refined  compression  s-urfaces  or  with 
a boundary- layer-control  system  in  the  region  of  the  terminal  shocks. 

For,  as  with  any  other  inlet,  the  interaction  between  the  inlet  terminal 
shock  and  the  boundary  layer  formed  along  the  diffuser  walls  can  cause 
very  large  losses  in  pressvire  recovery,  and  the  attainment  of  high  pres- 
sure recovery  will  probably  depend  largely  on  the  degree  to  which  the 
internal  boxindaxy-layer  separation  can  be  controlled. 


INLET  DRAG 


The  other  factor  that  has  a primary  influence  on  powerplant  per- 
formance is  the  dra^  produced  by  or  directly  chargeable  to  the  inlet. 
This  drag  may  be  produced  by  projecting  surfaces,  such  as  the  cowl  lip 
or  the  side  fairings  of  an  inlet,  or  may  result  from  the  spilling  or 
diverting  of  air  by  the  inlet  such  as  that  which  occurs,  for  example, 
with  boundary-layer  bleed  air.  In  any  case,  the  drag  directly  reduces 
the  net  propulsive  thrust  available  to  power  the  aircraft. 

The  general  levels  of  the  drag  produced  by  the  three  types  of 

inlets  are  shown  in  figure  4.  The  drag  is  presented  over  the  Mach  num- 

ber range  as  a percent  of  the  engine  propulsion  thrust j that  is,  the 
thrust  that  the  engine  could  actually  deliver  at  the  pressure  recovery 
being  produced  by  the  respective  inlets.  In  computing  the  thrust,  the 
assumptions  have  been  made  that  at  Mach  numbers  less  than  3*0  the  after- 
burner temperatiare  will  be  3,500°  R sjid  at  Mach  numbers  above  5*0, 

4,000°  R.  It  was  further  assumed  that  the  pressure  ratio  across  the 
engine,  or  the  ramjet  combustor,  as  the  case  might  be,  was  equal  to  1. 
This  appears  to  be  a reasonable  assumption  for  high  Mach  number  turbojet 


engines,  or  for  ramjet  engines  it  requires  the  assumption  that  the  loss 
across  the  combustor  be  neglected.  The  bleed  drags  for  all  the  inlets 
were  computed  by  assuming  axial  discharge  through  a sonic  nozzle  with 
100  percent  velocity  coefficient  at  either  a measured  recovery  in  the 
bleed  duct  or  at  JO  percent  of  diffuser-exit  total  pressiire  recovery. 

The  70-percent  value  would  essentially  correspond  to  the  static  pres- 
sure behind  the  inlet  terminal  shock,  and  it  requires  the  assumption 
that  the  bleed  system  could  recover  all  the  static  pressure  at  the 
beginning  of  subsonic  diffusion.  If  the  bleed  air  could  be  used  else- 
where, the  drag  chsirged  to  the  inlet  could  be  reduced;  however,  since 
the  purpose  of  the  present  paper  is  a comparison  of  inlet  types,  exter- 
nal mitigating  factors  are  beyond  its  scope. 

The  external- compress ion  Inlets  generally  yielded  the  highest  drag 
values,  primarily  because  of  the  cowl  drag.  Even  with  low  cowl  projected 
areas,  on  the  order  of  only  20  percent  of  the  projected  area,  the  drag 
at  a Mach  number  of  5*0  accoimted  for  about  IJ  percent  of  the  thrust 
that  could  be  produced  by  the  engine.  The  difference  in  the  drag  levels 
of  the  external  compression  inlets  at  a Mach  number  of  5*0  resulted 
from  subcritical  spillage.  The  point  shown  at  about  19  percent  is  the 
drag  of  the  highest  total-pressure -recovery  point  presented  in  fig- 
ure 1(a)  at  a Mach  number  of  3*0. 

The  drag  of  the  internal-compression  Inlets  resulted  entirely  from 
the  momentum  change  in  the  boundary-layer  air  spilled  from  the  inlets. 
These  drag  values  generally  fell  on  a single  line  and  indicate  the  thrust 
penalty  that  can  result  from  the  high  spillage  rates. 

The  low  values  of  drag  shown  for  the  external- internal-compression 
inlets  resulted  from  the  low  cowl  projected  areas  and  the  small  amounts 
of  spillage  necessary  for  their  satisfactory  operation.  For  the  cases 
shown,  only  about  2 percent  spillage  was  required  at  a Mach  number 
of  5-0  and  less  than  5 percent  at  a Mach  number  of  5*0. 


INLET  EVAKJATION 


The  combined  effects  of  drag  and  pressure  recovery  largely  deter- 
mine the  overall  performance  of  the  engine  package.  In  order  to  compare 
the  relative  worths  of  the  various  inlets,  they  must  be  applied  to  some 
particular  type  of  operational  requirement.  For  comparison,  therefore, 
these  inlets  will  be  used  on  two  distinct,  diametrically  opposed  types 
of  aircraft  configurations.  First,  consider  a missile  that  would  be 
required  to  accelerate  rapidly  up  to  its  design  speed  and  altitude  and 
make  sharp  maneuvers.  For  this  configuration  the  primary  interest  is 
in  obtaining  the  maximum  thrust  minus  inlet  drag  from  the  engine. 
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Figure  5 shows  the  net  propulsion  thrust  which  the  inlet-engine  combi- 
nation could  deliver  to  the  aircraft  as  a percent  of  the  ideal  (or 
100-percent  recovery  - no  drag)  thrust.  Here  the  net  thrust  produced 
by  the  all-internal-compression  inlets  is  shown  to  be  highest  over  the 
whole  Mach  number  range.  This,  of  coixrse,  results  from  the  high  recov- 
ery of  these  inlets  in  spite  of  their  relatively  high  drag.  It  is 
interesting  to  note  that  over  most  of  the  Mach  number  range  the  drag 
of  the  all- internal- compress  ion  inlets  was  ^ to  k times  the  drag  of  the 
combined- compress  ion  inlets,  but  because  of  their  higher  recovery  their 
net  thrust  was  higher  by  10  to  20  percent. 

Of  course,  it  might  be  expected  that  the  internal- compress ion  inlets 
will  be  heavy  and  will  weigh  considerably  more  thsin  the  other  types. 

The  question  naturally  arises  of  how  much  the  engine  weight  can  be 
increased  and  take  advantage  of  the  higher  recoveries.  Calculations  of 
allowable  weight  increases  were  made  for  a hypothetical  missile  with  a 
total  weight  of  10,000  pounds.  An  engine  weight  of  25  percent  of  the 
missile  gross  weight  was  assumed  to  make  changes  in  the  engine  weight 
as  significant  as  possible.  The  calculations  showed  that,  if  a change 
were  made  from  the  highest  thrust  external- compress  ion  inlet  to  the 
high  thrust  internal-compression  inlet  at  a Mach  number  of  5*0,  the 
engine  weight  could  be  increased  by  62  percent,  or  some  1,500  pounds 
could  be  added  to  the  original  10,000-pound  missile  without  a reduction 
in  acceleration  potential.  Any  increase  in  weight  less  than  that  amount 
would,  of  course,  give  a higher  acceleration  to  the  internal- compress ion 
inlet.  It  appears  then  that  a considerable  amount  of  weight  can  be  a 
added  to  an  acceleration-type  aircraft  to  obtain  better  performance. 

The  conclusion  appears  inescapable:  for  the  acceleration  vehicle  the 

pressure  recovery  obtained  by  the  inlet  has  a very  great  effect  on  the 
overall  performance,  and  it  will  not  be  possible  to  sacrifice  pressure 
recovery  to  any  great  extent  in  the  interest  of  obtaining  lower  drag. 

Consider  now  an  inlet-engine  installation  on  a second  type  of  air- 
craft for  which  range  is  of  paramount  importance  and  the  highest  impulse 
will  be  needed  from  the  powerplant.  Figure  6 presents  impulse  ratios 
computed  from  the  previous  inlet-engine  characteristics.  The  impulse 
ratio  is  defined  as  the  impulse  that  the  engine  package  would  deliver 
(that  is,  the  pounds  of  net  propulsive  thrust  per  pound  of  fuel  burned) 
divided  by  the  impulse  that  would  be  obtained  from  a powerplant  which 
operated  at  100 -percent  recovery  and  zero  drag.  Again  the  propulsion 
figure  of  merit  (here  the  impulse)  must  be  balanced  against  an  engine 
weight  increase.  Consider  a heavy  bomber-type  configuration.  For  this 
case  the  engine  weight  is  only  about  6 percent  of  the  total  weight  and 
intuitively  it  probably  could  be  expected  that  large  increases  in  engine 
weight  could  be  made  with  only  minor  effects  on  the  airplane  range. 
Calculations  indicated  that  such  indeed  is  the  case  and  that,  at  least 


to  a first  order,  the  aircraft  ranges  can  he  compared  directly  from 
their  impulse  ratios. 

Now  the  inlets  which  had  the  lowest  drag  gave  the  highest  impulse 
or  would  give  the  longest  range  and  conversely  the  high-drag  inlets 
gave  the  poorest  impulse  and  hence  the  shortest  range.  Here,  in  con- 
trast to  the  previous  curves  of  net  thrust  ratio  (fig.  5),  the  pressure 
recovery  developed  by  the  respective  inlets  had  considerably  less  effect 
on  the  impulse  ratio  and,  hence,  would  have  a smaller  effect  on  the 
aircraft  range.  Even  at  the  highest  Mach  number,  where  the  recovery  of 
the  internal- compress ion  inlet  was  nearly  20  percent  of  the  total  pres- 
sure higher  than  the  combined-compression  inlet,  this  higher  recovery 
did  not  offset  the  drag  penalty. 

From  the  two  analyses  presented,  several  conclusions  can  be  reached. 
First,  it  appears  from  the  calculations  that  for  either  of  the  two  types 
of  applications  relatively  iarge  increases  in  inlet  weight  will  be  per- 
missible for  reasonable  increases  in  performance;  therefore,  at  least 
to  a first  order,  the  overall  performance  will  depend  primarily  on  the 
total  pressure  recovery  and  the  drag.  Of  these  two  factors,  the  inlet 
total  pressure  recovery  will  be  the  dominant  factor  for  the  acceleration 
vehicle  while  the  inlet  drag  will  predominate  for  the  long-range  air- 
craft. In  either  case,  however,  for  the  airplane  or  the  missile,  the 
best  inlet  would  be  the  one  that  produces  high  pressure  recovery  and 
low  drag  simultaneously.  The  desirable  high  pressure  recovery  will  come 
from  designing  the  supersonic-compression  surfaces  for  maximum  recovery 
but  particularly  from  an  ability  to  control  the  shock — boiindary- layer 
interaction  inside  the  inlets.  It  seems  that  the  external- compress ion 
inlets  will  not  be  able  to  achieve  low  drag  and  that  the  maximum  total 
pressure  recoveries,  both  expected  theoretically  and  measvired  experi- 
mentally, show  that  the  all-external- compress ion  inlets  will  not  be  able 
to  give  the  high  pressure  recoveries  needed  at  the  higher  Mach  numbers 
and  that  some  degree  of  internal  contraction  will  be  required. 


ADDITIONAL  CONSIDERATIONS 


With  the  use  of  internally  contracted  passages  come  additional 
factors  that  must  be  considered  by  the  inlet  designer.  Internal  con- 
traction greater  than  the  Kantrowitz  value  will  require  variable  geom- 
etry to  "start"  the  supersonic  flow  in  the  inlet,  auid,  of  course,  vari- 
able geometry  of  this  type  will  add  considerable  complexity,  stiructural 
problems,  and  weight  to  the  inlet  designs. 


Figure  7 shows  examples  of  the  geometry  variations  required  to 
eliminate  the  internal  contraction  from  the  inlet  passages  to  enable 
steirting  at  the  lower  Mach  numbers.  The  lengths  of  the  surfaces  required 
to  move  for  elimination  of  the  internal  contraction  are  shown  for  two- 
dimensional  inlets  in  figure  7(s-)  as  a function  of  inlet  height  for  the 
design  Mach  number.  The  top  sketch  shows  a current  external- internal- 

compression  inlet  with  a starting  door  of  only  62^  percent  of  the  inlet 

height.  This  inlet  was  designed  for  a Mach  number  of  5.O,  and  opening 
the  door  to  the  position  indicated  by  the  dashed  line  allowed  the  inlet 
to  start.  The  door  was  then,  of  course,  returned  to  its  design  position 
for  normal  operation.  The  other  two-dimensional  inlet  (shown  in  the 
bottom  sketch)  varies  the  inlet  captiare  area  to  eliminate  internal 
compression  and  start  the  inlet  flow.  In  this  case  it  is  necessary  to 
rotate  the  whole  length  of  the  supersonic  con^ression  ran^js.  This 
length  for  a Mach  5.0. design  is  equal  to  almost  5 inlet  heights. 

For  the  three-dimensional  inlets  (fig.  7(b))  the  most  common  method 
of  reducing  the  internal  contraction  is  to  translate  the  center  body. 

For  the  two  cases  shown  in  this  figure,  a combined- compress ion  and  an 
all- internal-contraction  inlet,  the  respective  translational  require- 
ments are  l/h  and  2^  inlet  diameters.  In  both  the  three-dimensional 

and  the  two-dimensional  cases  shown  here  (and  from  other  inlets  as 
well),  it  appears  that  considerable  savings  in  the  amount  of  variation 
required  for  the  internal-contraction  inlets  can  be  made  by  using  par- 
tial external  compression  and  short  internal  supersonic  passages  having 
relatively  high  pressure  gradient  shocks. 

The  control  problem  of  positioning  both  the  spike  or  ramp  and  the 
internal  terminal  shock  is  similar  for  the  two  types  of  inlets.  In 
general,  however,  it  probably  would  be  easier  to  position  the  spike  or 
the  ramp  of  the  combined-conqpression  inlets  because  of  the  distinct  and 
relatively  high-strength  shock  waves  set  up  by  the  cowl.  The  spike  or 
ramp  of  the  all-internal-contraction  inlets  would  probably  have  to  be 
scheduled  as  a function  of  Mach  number  and  Reynolds  number  according 
to  the  few  preliminary  control  investigations  that  have  been  conducted 
to  date.  While  this  type  of  control  system  is  reasonable,  it  is  undoubt- 
edly more  complex  than  the  relatively  simple  shock-positioning  system 
possible  for  the  combined-compression  inlets. 


CONCUJDING  REMARKS 


In  conclusion,  it  appears  that  high  pressvire  recovery  can  be 
obtained  from  all  three  types  of  inlets  considered  and  that  the  current 


599 


level  of  peak  recovery  is  about  97 -percent  kinetic-energy  efficiency. 

In  order  to  attain  high  pressure  recovery,  particularly  with  low  drag, 
some  degree  of  internal  contraction  will  be  needed,  especially  at  the 
higher  Mach  numbers.  While  the  supersonic-compression  surfaces  must 
be  designed  to  produce  their  maximum  potential,  the  most  important  and 
probably  the  most  difficult  development  work  will  be  to  control  the 
terminal- shock — internal-boundary- layer  interaction . 

With  the  low-angle  all-internal-conpression  inlets  come  the  attend- 
ant long  supersonic  passages  and  the  large  translational  or  rotational 
distances,  probably  with  complex  control  systems.  It  appears  that  the 
combined- compress ion  inlets  will  probably  offer  important  advantages 
from  the  small  geometry  variations  possible  with  this  type  of  inlet. 

But  whatever  the  advantages,  disadvantages,  or  characteristics  peculiar 
to  each  inlet  type,  the  selection  of  the  propulsion-system  inlet  will 
be  dictated  by  the  aircraft  requirements  and,  to  be  successful,  it  must 
be  compatible  with  the  aircraft  mission. 
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THE  OFF-DESIGN  PERFORMANCE  CHARACTERISTICS  OF  INLETS 
By  Leonard  E.  Stitt 

V 

Lewis  Flight  Propulsion  Laboratory 


INTRODUCTION 


The  factors  influencing  the  selection  of  inlet  systems  from  design- 
point  considerations  were  discussed  in  the  preceding  paper  by  Leonard 
J,  Obery,  The  selection  of  an  inlet  for  a particuleir  engine,  however, 
requires  peak  performance  not  only  at  the  design  speed  but  at  off- 
design  Mach  numbers  as  well.  It  appears  that,  as  the  design  Mach  mm- 
ber  of  turbojet-powered  aircraft  increases,  the  off-design  matching 
problem  of  the  inlet  to  the  engine  becomes  intensified.  It  is  conceiv- 
able that  an  inlet,  although  it  possesses  high  performance  at  the  design 
Mach  number,  could  impose  excessive  performance  penalties  at  some  lower 
speed  by  inadequate  matching. 
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It  is  the  piarpose  of  this  paper,  then,  to  discuss  the  off-design 
performance  characteristics  of  various  types  of  inlets  and  the  thrust 
penalties  that  occur  when  these  inlets  are  matched  to  an  engine.  This 
will  be  done  in  the  following  three  steps;  First,  a series  of  basic 
inlet  types  that  appear  to  be  attractive,  strictly  from  design-point 
considerations,  will  be  selected.  Second,  off -design  air-flow  char- 
acteristics of  these  inlets  will  be  presented  and  compared  with  the  air- 
flow schedule  of  a particular  engine.  Finally,  the  thrust  penalties 
that  occur  when  these  inlets  are  matched  to  this  engine  will  be  indi- 
cated at  the  design  speed  and  an  off -design  Mach  number. 


INLET  CONFIGURATIONS 


Consider  the  four  inlet  configurations  that  are  shown  schematically 
in  figure  1.  Based  on  the  results  obtained  by  Obery,  the  selection  is 
being  limited  to  either  external-internal-compression  or  all- internal- 
compression  inlets.  (The  all-external-compression  inlet  is  not  consid- 
ered herein  for  high  Mach  number  turbojet  application.)  The  first  two 
inlets  shown  in  figure  1 have  a combination  of  external  and  internal 
compression  with  fixed  capture  areas,  while  the  second  two  have  all 
♦ internal  compression  and  incorporate,  to  some  extent,  variations  in 

the  capture  area. 
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The  first  configuration,  which  will  be  called  the  translating- 
center-body  inlet,  is  a three-dimensional  external- internal-compression 
inlet  that  has  been  tested  experimentally  in  the  Lewis  10-  by  10-foot 
supersonic  tunnel  (ref.  l).  The  external  compression  resulted  from  a 
low-angle  cone,  while  the  internal  compression  resulted  from  turning 
the  supersonic  flow  with  the  cowl  surface.  The  resulting  oblique  shocks 
were  focused  on  the  center  body  at  a common  station. 

The  second  inlet,  which  will  be  called  the  variable -throat  inlet, 
has  a combination  of  isentropic  external  plus  internal  compression; 
however,  the  throat  Mach  number  at  design  was  approximately  the  same  as 
in  the 'trauslating-center-body  inlet.  This  inlet  is  two-dimensional, 
and  large  variations  in  throat  area  result  at  off -design  speeds  as  the 
ramps  are  lowered  for  optimixm  compression.  An  inlet  of  this  type  is 
under  development  in  the  small  supersonic  wind  tunnels  at  the  Lewis 
Laboratory  at  Mach  numbers  of  J.O  and  5*0* 

A principal  difference  between  the  first  two  Inlets  is  the  amount 
of  supersonic  spillage  that  occurs  at  off -design  Mach  numbers.  The 
translating- center-body  inlet  spills  about  60  percent  of  the  capture 
mass  flow  ahead  of  the  inlet  lip  at  transonic  speeds,  while  the  two- 
dimensional  inlet  spills  from  10  to  20  percent.  It  is  evident  that, 
with  the  external- internal-compression  technique,  the  projected  cowl 
area  and  initial  cowl  lip  angle  can  be  kept  low,  of  the  order  of 
10  percent  of  maximum  cross-sectional  area  and  10°,  respectively. 

The  other  two  inlets,  best  represented  as  two-dimensional,  are  all- 
internal-compression  inlets  without  center  bodies  and  include  some  vari- 
ation in  capture  area.  The  first  inlet  varies  capture  area  only  and 
has  no  change  in  throat  size.  A maximum  contraction  ratio  between  the 
inlet  and  throat,  coincident  with  peak  recovery,  is  determined  at  each 
free-stream  Mach  nvunber  by  varying  the  capture  area.  An  inlet  of  this 
type  has  been  tested  experimentally  in  the  small  supersonic  wind  tunnels 
at  the  Lewis  Laboratory. 

The  last  inlet  varies  both  the  capture  and  throat  areas  simultane- 
ously by  locating  the  pivot  point  between  these  two  stations.  Again, 
a ma.yirm]m  contraction  ratio  is  set  at  each  Mach  number  by  the  variable- 
geometry  feature.  An  inlet  of  this  type  is  currently  under  investiga- 
tion (ref.  2). 


AIR -FLOW  SCHEDULES 

♦ 


Inlet-engine  matching  is  primarily  a function  of  the  particular 
engine  air-flow  schedule  that  is  assumed.  This  example  is  limited  to 


the  Mach  3*0  family  of  aircraft,  either  bomber  or  interceptor.  The 
txorbojet  engine  receiving  the  most  consideration  for  this  flight  regime 
at  this  time  has  the  air-flow  characteristics  shown  in  figure  2.  The 
corrected  air  flow  of  this  engine,  which  is  referenced  to  a Mach  number 
of  1.0,  decreases  about  50  percent  over  the  Mach  number  range  from  1.0 
to  3*0. 


The  theoretical  corrected  air-flow  schedule  of  each  of  the  four 
inlets  is  also  shown  in  figure  2.  The  figure  includes  the  available 
experimental  datum  points,  which  verify  the  predicted  air-flow  trends 
for  these  inlets.  Estimates  of  mass  flow  ratio  and- overall  recovery 
were  necessary  to  obtain  the  theoretical  curves.  The  mass  flow  ratio 
was  estimated  by  using  the  equation  of  continuity  between  the  free 
stream  and  the  initial  diffuser  flow  area  at  the  inlet  lip  station. 

Very  close  agreement  between  theoretical  and  measured  mass  flow  ratios 
has  been  obtained  with  this  technique.  The  overall  total  pressiore 
recovery,  which  depends  largely  on  the  amount  and  type  of  internal  bleed, 
is  fairly  hard  to  predict  theoretically;  therefore,  measured  levels  of 
overall  recovery  for  the  various  inlet  types,  such  as  those  presented 
by  Obery,  are  relied  on. 

The  translating- center -body  inlet  has  a relatively  small  variation 
in  corrected  air  flow  at  Mach  numbers  from  1.0  to  3.0.  This  schedule 
is  characteristic  of  all  spike-type  inlets,  even  with  translation,  and 
results  primarily  from  the  small  change  in  throat  area.  It  is  obvious 
that  this  inlet,  if  it  were  matched  to  the  engine  at  a Mach  number 
of  3.0,  would  operate  supercritically  in  the  transonic  region.  There- 
fore, the  inlet  is  designed  to  match  the  engine  at  a Mach  niimber  of  1.0, 
eind  this  requires  excess  air  to  be  spilled  ahead  of  the  engine  at  the 
higher  Mach  numbers. 

The  variable -throat  inlet,  on  the  other  hand,  has  large  variations 
in  air  flow  over  the  Mach  niimber  range.  This  particular  inlet  has  some 
supercritical  spillage  at  transonic  speeds.  An  all- internal- compress ion 
inlet  of  this  type  would  have  an  even  greater  amount  of  air-flow 
variation  than  that  shown.  Matching  this  inlet  with  the  pngi np  at  a 

Mach  number  of  J>.0  requires  spillage  of  air  at  the  lower  Mach  numbers 

to  match  the  engine. 

The  variable-capture-area  inlet,  which  has  no  throat  variation, 
gives  even  less  air-flow  regulation  than  the  translatlng-center-body 
inlet.  Again,  this  inlet  has  been  designed  to  match  the  engine  at  a 

Mach  munber  of  1.0  and  spills  air  at  the  higher  Mach  numbers  to  match 

the  engine.  This  spillage  might  not  be  too  bad,  however,  since  rela- 
tively large  amounts  of  bleed  are  required  with  this  inlet  type  to 
obtain  the  high  values  of  total  pressure  recovery  that  have  been 
reported. 


The  most  versatile  of  all  the  inlets  appears  to  be  the  one  with 
variations  in  both  capture  and  throat  area.  In  fact,  by  a judicious 
selection  of  the  pivot  point,  the  engine  air-flow  requirements  can  be 
matched  with  this  inlet. 


BREAKDOWN  OF  LOSSES 


The  corrected  air-flow  schedules  of  the  four  inlets  have  been  shown 
and  compared  with  the  schedule  for  a particiaar  engine.  The  next  step 
will  be  to  Indicate  the  penalties  that  occur  at  Mach  numbers  of  5.0 
and  1.5  when  the  comparative  air-flow  schedules  shown  in  figure  2 are 
used  with  this  engine.  These  losses,  presented  in  figure  5 as  percent 
of  ideal  engine  thrust,  are  made  up  of  the  following  items:  (l)  total 

pressure  recovery,  (2)  cowl  pressure  drag,  (5)  additive  drag,  and 
(4)  bypass  or  bleed  drag.  Experimental  values,  which  represent  "state 
of  the  art"  for  these  inlet  types,  were  used  wherever  available.  Since 
internal  compression  was  assumed,  the  inlet  will  be  matched  to  the 
engine,  where  necessary,  by  bypassing  air  ahead  of  the  engine.  The 
following  paper  by  Milton  A.  Beheim  and  John  L.  Klann  will  consider 
using  any  excess  air  that  might  be  available  in  the  traasonic  region 
for  the  ejector.  Bypass  drags  were  computed  with  the  assumption  of  a 
fully  expanded  nozzle  and  a thrust  coefficient  of  0.9*  Bypass  recovery 
was  assumed  to  be  equal  to  the  diffuser-exit  total  pressure  recovery, 
while  the  bleed  recovery  was  assumed  to  be  JO  percent  of  that  value. 

The  translating- center-body  inlet  has  a 28  percent  loss  in  ideal 
thrust  due  to  total  pressure  recovery.  To  date,  a total  pressure  recov- 
ery of  79  percent  has  been  measured  with  this  inlet  at  a Mach  number 
of  5.0.  At  the  present  time,  more  refined  compression  surfaces  are 
being  proposed  to  increase  the  recovery  of  this  inlet.  The  low  cowl 
drag  resulted  from  the  use  of  a 10  percent  projected  cowl  area  and  an 
initial  external  lip  angle  of  about  7°.  Bypassing  50  percent  of  the 
flow  at  a Mach  number  of  5*0  to  match  the  engine  costs  about  5 percent 
in  ideal  thrust.  In  the  transonic  range,  a large  part  of  the  total  loss 
is  from  additive  drag.  This  inlet  spills  about  60  percent  of  its  air 
flow  ahead  of  the  lip  at  the  lower  Mach  numbers,  and  even  though  the 

spillage  is  behind  a low -angle  cone,  the  penalty  is  about  12^  percent 

of  the  ideal  thrust.  Although  more  refined  surfaces  would  Improve  the 
recovery  at  a Mach  number  of  5-0,  they  would  not  reduce  the  additive 
drag  at  a Mach  number  of  1.5*  Iii  fact,  the  additive  drag  would  prob- 
ably increase. 

A total  pressure  recovery  of  79  percent  has  also  been  measured 
with  the  variable -throat  inlet.  Since  this  inlet  already  has 


isentropic  surfaces,  a more  refined  internal-bleed  system  is  being  pro- 
posed to  improve  its  recovery.  At  a Mach  number  of  1.5  the  50  percent 
bypass  required  to  match  the  engine  costs  about  5 percent  of  the  ideal 
thrust.  This  loss,  as  far  as  the  inlet  is  concerned,  coxild  be  elimina- 
ted by  supplying  the  excess  air  to  the  ejector. 

The  variable-capture-area  inlet  utilizes  the  55  percent  spillage 
required  to  match  the  engine  as  boundary-layer  bleed  in  order  to  obtain 
the  high  values  of  recovery  that  have  been  reported  with  this  inlet  type. 
With  the  assumption  of  an  overall  recovery  of  88  percent,  a 15-percent 
thrust  gain  over  the  previous  two  inlets  results  from  the  higher  recov- 
ery at  a cost  of  6-percent  thrust  loss  from  the  bleed.  At  a Mach  num- 
ber of  1.5  the  reduction  in  capture  area  exposed  a large  projected  cowl 

area  which  costs  about  9^  percent  in  ideal  thrust. 

In  figure  2 it  was  shown  that  by  varying  both  the  inlet  captxire 
and  throat  areas  simultaneously,  the  engine  characteristics  could  be 
matched.  However,  in  order  to  obtain  the  high  total-pressure-recovery 
values  reported  with  this  inlet  type,  it  has  been  necessary  to  bleed 
50  percent  of  the  mass  flow  at  the  throat.  This  bleed  drag  costs  about 
5 percent  of  the  ideal  thrust  at  a Mach  number  of  5*0  and  about  2 percent 
at  1.5*  However,  the  cowl  drag  at  a Mach  number  of  I.5  has  been  reduced, 
compared  with  that  of  the  previous  inlet,  by  decreasing  both  the  external 
cowl  angle  and  the  projected  area. 


CONCLUDING  REMARKS 


It  has  been  shown  that  large  differences  in  the  off-design  inlet 
air-flow  characteristics  can  occur,  depending  on  the  type  of  inlet 
selected  and  the  amoimt  of  variable  geometry  that  is  included.  For 
example,  the  center-body  types  of  inlet  have  little  air-flow  variation 
and  also  have  large  values  of  additive  drag  transonically.  The  variable- 
throat  inlet  has  large  variations  of  air  flow  and  will  probably  require 
bypassing  in  the  transonic  range.  This  feat\ire  may  not  be  too  bad  if 
this  excess  flow  can  be  used  for  the  ejector  or  nozzle  base  region.  The 
variable-captirre-area  inlet  with  fixed  throat  has  relatively  small 
air-flow  variation  and,  to  date,  has  required  high  bleed  for  obtaining 
high  recovery.  This  inlet  also  has  large  values  of  cowl  drag  in  the 
transonic  region.  Finally,  the  most  versatile  inlet  appears  to  be  the 
one  with  variations  in  both  capture  and  throat  areas.  However,  this 
inlet  type  also  has  required  high  bleed  flows  to  obtain  high  recoveries. 
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OFF-DESIGN  EJECTOR  PERFORMANCE 


By  Milton  A.  Beheim  and  John  L.  Klann 
Lewis  Flight  Propulsion  Laboratory 


INTRODUCTION 


The  problems  of  designing  an  efficient  jet-aircraft  exit  have 
become  more  con^ilex  as  higher  flight  Mach  numbers  have  been  reached. 
Fixed-ejector  configurations,  designed  for  particular  cruise  conditions, 
are  known  to  incur  thrust  losses  at  off-design  conditions.  These  losses 
can  be  too  large  to  be  compensated  for  by  high- thrust  engines.  Variable- 
geometry  ejectors,  on  the  other  hand,  can  be  constructed  to  perform 
efficiently  over  a wider  Mach  number  range.  This  solution,  however, 
adds  weight  and  complexity  to  the  aircraft. 

In  order  to  answer  some  of  these  design  problems,  several  Mach 
number  5 design  ejectors  were  investigated  in  the  Lewis  8-  by  6-foot 
wind  tunnel  in  the  Mach  number  range  of  0.8  to  2.0. 


DISCUSSION 


For  the  purpose  of  comparing  ejector  performances,  several  assun^)- 
tions  have  been  made  and  applied  to  each  ejector.  Figure  1 shows  the 
assvuned  variation  of  primary-nozzle  pressure  ratio  and  also  the  accom- 
panying variation  in  ideal-nozzle  expansion  ratio  with  free-stream  Mach 
number.  In  addition  to  the  exit  area  variation  of  the  ideal  nozzle 
required  by  the  cheinglng  nozzle  pressure  ratio,  variation  of  the  exit 
area  is  needed  as  a result  of  the  changes  in  primary  throat  area,  which 
depend  upon  the  degree  of  afterburning.  Arbitrarily,  afterburning  was 
assumed  to  be  "full  on"  above  a Mach  number  of  1.35  and  "full  off"  below 
that  Mach  number.  It  is  felt  that  this  assumption  will  have  no  effect 
on  the  generality  of  the  analysis  to  follow.  The  ratio  of  primary- 
nozzle  diameter  without  afterburning  to  that  with  afterburning  was  0.75- 

Figure  2 shows  the  performance  of  a fixed  Mach  number  3 design 
ejector,  which  has  a low  divergence  angle  of  11°  and  the  ideal  expansion 
ratio  1.8,  for  a Mach  n\jmber  of  3*  The  estimated  on-design  performance 
of  this  ejector,  in  terms  of  an  effective  gross-jet-thrust  parameter, 
was  good;  however,  it  can  be  seen  that  off -design  performance  fell  off 
rapidly,  as  was  expected.  The  abscissa  of  figure  2 is  the  flight  Mach 
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number,  whereas  the  ordinate  is  a ratio  of  gross  ejector  jet  thrust  minus 
secondary  free-stream  momentum  minus  base  and  boattail  drags  and  the 
ideal  gross  thrust  attainable  from  the  primary  flow. 

For  all  data  in  figure  2,  the  secondary  weight-flow  ratio  was  held 
constant  at  2 percent.  This  is  about  the  amount  of  secondary  flow  that 
has  been  used  in  the  past  for  engine-cooling  requirements. 

The  off-design  thrust  losses  of  the  fixed  Mach  number  3 configura- 
tion result  mainly  from  overexpansion  of  the  flow  in  the  divergent  por- 
tion of  the  ejector.  One  way  of  reducing  this  loss  is  to  increase  the 
divergence  angle  and  improve  the  lower  Mach  number  separation  character- 
istics. The  performance  at  a Mach  number  of  3 of  an  ejector  with  a 
divergence  angle  of  25°  and  the  same  expansion  ratio  (fig.  2)  is  esti- 
mated to  decrease  slightly.  The  performance  at  low  Mach  numbers  did 
improve  as  expected. 

Another  possible  design  compromise  would  be  reducing  the  expansion 
ratio  by  effectively  designing  the  ejector  for  a lower  Mach  number  and 
splitting  off-design  losses  between  underexpeins ion  and  overexpansion. 

As  seen  in  figure  2,  about  counts  in  the  effective  thrust  parameter 

would  be  lost  because  of  underexpansion  at  a Mach  number  of  3 a 
1.45-diameter-ratio  ejector.  However,  the  performance  at  the  lower 
speeds  has  been  improved. 

Still  another  method  for  handling  the  off-design  problem  at  the 
low  Mach  numbers  is  to  use  large  amounts  of  secondary  air  to  fill  a 
portion  of  the  exit  area  and  thus  prevent  overexpansion  of  the  primary 
flow.  This  method  seems  to  be  suited  to  the  off -design  inlet  problem 
discussed  in  the  paper  by  Leonard  E.  Stitt  in  which  large  amounts  of 
air  were  available  at  the  lower  Mach  numbers  with  certain  inlet  types. 

In  order  to  determine  the  effects  of  larger  amounts  of  secondary  flows, 
an  inlet-engine  combination  has  been  assumed.  The  inlet  has  a variable 
throat  and  may  capture  a full  stream  tube  over  the  flight  range . The 
inlet  air  minus  the  engine  requirements  yields  the  typical  bypass  mass- 
flow  schedule  shown  in  figure  3*  If  "this  bypass  air  were  used  as 
secondary  flow  in  the  ejector,  and  with  the  assumptions  that  the  tem- 
perature with  the  primary  afterburner  on  was  3^500  whereas  the 
temperature  with  the  afterbiirner  off  was  1,600°  R,  an  upper  limit  of 
corrected  secondary  weight-flow  ratio  can  be  computed  and  is  shown  in 
figure  3.  With  an  assumed  inlet  pressure  recovery  and  the  assumption 
of  additional  total-press\ore  losses  in  ducting  the  bypass  air  around 
the  engine  and  back  to  the  ejector,  an  upper  limit  of  secondary  total- 
pressure  ratio  can  be  computed  and  is  also  shown  in  figure  3*  These 
two  limits  on  the  bypass  air  available  at  the  ejector  will  be  referred 


to  as  uypass-air  limitations.  The  mechanical  difficulties  that  might 
he  involved  in  ducting  this  bypass  air  back  to  the  ejector  have  not 
been  considered. 

Figure  4 shows  the  effect  of  such  high  secondary  flow  on  the  per- 
formance of  the  1.45-diameter-ratio  ejector  of  figure  2,  Using  all  the 
flow  that  the  inlet  can  supply  produced  large  thrust  gains.  The 
50-percent  values  of  corrected  secondary  flow  are  considerably  larger 
than  those  generally  considered  in  the  past. 

With  respect  to  these  large  flows,  it  should  be  remembered  that 
in  the  effective  thrust  parameter  the  ejector  has  been  penalized  with 
the  full  free -stream  momentum  of  all  secondary  air.  Therefore,  if 
large  amounts  of  secondary  air  cannot  be  obtained  from  the  main  inlet 
bypass,  it  may  be  desirable  to  have  auxiliary  inlets  for  this  purpose. 
However,  the  problems  of  installing  large  auxiliary  inlets  are  not 
considered  herein. 

In  turning  now  to  the  other  design  philosophy,  that  is,  variable - 
geometry  ejectors,  the  upper  ejector  of  figure  5 can  be  seen  to  be  an 
extreme  design.  It  is  mechanically  complex.  This  ejector  has  very 
long  leaves  in  order  that  boattail  drag  be  negligible  and  also  has 
multiple  pivot  points  to  vary  the  secondary  throat,  the  exit  area,  and 
the  boattail  angle.  If  this  idealized  configuration  had  been  investi- 
gated, it  is  felt  that  it  could  produce  a thrust  parameter  of  0.97  over 
the  entire  flight  range.  Somewhat  simpler  geometries  have  been  investi- 
gated. The  first  of  these  designs,  shown  in  figure  5>  had  a variable 
boattail  and  exit  with  a single  compromised  pivot  point.  The  secondary 
diameter  was  fixed.  The  simpler  ejector  in  this  figure  was  supplied 
with  2-percent  cooling  air.  Performance  with  the  afterburner  off 
dropped  at  Mach  numbers  of  1.55  and  1.00  because  of  afterbody  drags  and 
the  inability  of  this  ejector  to  handle  secondary  area  variations 
required  for  operation  with  the  ai^terburner  off. 

To  explain  this  problem  with  a fixed  secondary  diameter  further, 
figure  6 presents  a comparison  of  the  ideal  expansion  ratio  and  the 
actual  test  value  of  expansion  ratio  for  the  variable  boattail  ejector. 
With  the  ideal  expansion  ratio  at  some  Mach  number  (for  example,  a 
Mach  number  of  l),  the  ejector  shroud  leaves  formed  a convergent  flow 
passage,  which  resulted  in  poor  internal  performance.  Ali  alternative 
would  have  been  to  avoid  such  a convergent  passage  and  permit  overexpan- 
sion of  the  primary  flow  by  setting  larger  values  of  exit-  to  primary- 
nozzle -diameter  ratio  than  the  ideal,  as  was  done  at  a Mach  number 
of  1.55  vith  no  afterburning.  In  either  case,  performance  would  be  less 
than  ideal  as  a result  of  the  mechanical  simplification  of  permitting 
the  secondary  diameter  to  remain  constant. 


A different  approach  to  the  problem  of  simplifing  the  complex 
idealized  nozzle  is  considered  in  figure  7*  Here  the  boattail  was 
fixed^  whereas  inner  leaves  varied  the  expansion  ratio.  Again^  secondary 
diameter  was  fixed.  As  the  exit  area  decreased,  the  base  ^ea  increased. 
This  configuration  was  investigated  with  and  without  flow  into  the  base. 
For  the  case  with  base  flow,  bypass  air  was  used  according  to  the  schedule 
of  the  lower  curve  in  figure  7*  Th®  bypass-air  limitations  were  applied 
to  these  data.  When  secondary  air  and  no  base  bleed  were  used,  the 
tertiary  passage  being  blocked  off,  performance  dropped  off.  This  result 
was  partly  due  to  the  added  base  drag  of  the  configuration  and  partly 
due  to  primary  flow  overexpansion. 

Figure  8 compares  the  schedule  of  expansion  ratios  for  this  ejector 
with  the  ideal  expansion  ratios.  It  can  be  noted  that  the  Mach  number  5 
design  has  been  slightly  compromised  and  that,  for  performance  with  the 
afterburner  off,  the  ejector  shroud  became  cylindrical  in  shape.  As  a 
result,  the  expansion  ratio  was  greater  than  ideal.  This  modification 
was  made  in  order  to  avoid  the  performance  penalty  resulting  from  a 
convergent  shroud,  as  discussed  for  the  ejector  of  figure  5* 

Still  another  variable-geometry  type  that  was  considered  is  the 
fixed  boattail  and  exit  with  a variable  secondary  diameter  as  shown  in 
figure  9.  Engine  bypass  air  was  employed  according  to  the  lower  curve 
and,  as  in  figure  7,  the  bypass-air  limitations  were  applied.  Perform- 
ance was  very  good  at  all  Mach  numbers . 

A summary  of  the  best  configurations  is  shown  in  figure  10  where 
the  variable  boattail  with  cooling  air,  the  variable  secondary  ttiroat 
diameter  with  bypass  air,  and  the  fixed  lower  Mach  mmiber  design  com- 
promise with  bypass  air  are  compared.  It  appears  that  a variable- 
geometry  exit  considerably  simpler  than  an  ideal  exit  and  with  only 
sufficient  secondary  air  to  cool  the  engine  can  provide  reasonably  good 
perfomance  at  all  Mach  numbers.  If  large  amounts  of  high-pressure 
secondary  air  can  be  obtained,  the  performance  of  a fixed-geometry 
ejector,  with  suitable  values  of  secondary  diameter,  can  be  maintained 
at  a high  level  at  all  Mach  numbers.  If  a variable  secondary  diameter 
is  employed  with  these  large  amounts  of  secondary  air,  even  better 
thrust  performance  can  be  obtained. 
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VARIABLE  EXIT  WITH  FIXED  BOATTAIL 
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EXPANSION  RATIO  SCHEDULE 

VARIABLE  EXIT  AREA  WITH  FIXED  BOATTAIL 


EXIT  TO 
PRIMARY 
NOZZLE 
DIAM 
RATIO. 
De/Dp 


1.8i— 


1.2- 

1.0- 

L 


1.0 


1.4  1.8 

MACH  NO. 


3.0 


# 


Figure  8 


I 


.6 


J L- 

2.2  2.6 


625 


FIXED  EXIT  WITH  VARIABLE  SECONDARY 
THROAT  DIAMETER 
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COMPARISON  OF  BEST  TYPES 
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PERFOEMANCE  OF  MULTIPLE  JET-EXIT  INSTALLATIONS 


By  John  M.  Swihart  and  William  J.  Nelson 
Langley  Aeronautical  Laboratory 


SUMMARY 


This  paper  presents  the  results  of  recent  exploratory  investiga- 
tions of  the  performance  of  clustered  jet-exit  installations  at  Mach 
numbers  from  0.60  to  5»05*  Data  presented  herein  vere  obtained  with 
tunnel-wall-mounted  models  with  cold-air- jet  exhaust.  The  results  indi- 
cate that  large  base-pressure  drag  coefficients  may  be  encountered  in 
the  transonic  and  low  supersonic  speed  range  and  that  the  best  configura- 
tion investigated  was  boattailed  between  the  nacelles,  had  a cylindrical 
nacelle  afterbody,  and  a divergent  nozzle  with  a design  pressure  ratio 
of  15.  It  was  also  indicated  that  afterbody  terminal  fairings  or  base 
bleed  might  be  used  to  eliminate  the  performance  losses  of  overexpanded 
XXW  Xi  Xj  O . If  the  terminal  fairings  or  base  bleed  were  applied  to  fixed 
ejector  geometry,  an  important  saving  in  weight  and  complexity  would 
result. 


INTRODUCTION 


Recent  supersonic  airplane  designs,  where  the  engines  are  clustered 
along  the  trailing  edge  of  the  wing  in  a side-by-side  arrangement,  have 
raised  many  questions  relative  to  internacelle  and  interjet  interferences 
on  the  base  and  afterbody  drag.  The  purpose  of  this  paper  is  to  discuss 
the  results  of  some  recent  investigations  of  clustered  exit  installations. 
Tests  were  conducted  at  Mach  numbers  from  O.60  to  3*05  with  jet  total- 
pressure  ratios  up  to  4o. 


SYMBOIS 

C-r,  dreig  coefficient,  — 

^ qS 

base-pressure  drag  coefficient 


"p,b 
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Pt.,i 
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A(Cp 


e 


F 

thrust  coefficient,  — 

qS 

^ 

base  pressure  coefficient,  

drag 
thrust 
Mach  number 
base  pressure 

ratio  of  jet  total  pressure  to  free-stream  static  pressure 

free -stream  static  pressure 
dynamic  pressure 

assumed  model  wing  area,  0.57  sq  ft 
Cj^  incremental  thrust-iiiinus--drag  coefficient 

nozzle  divergence  angle 
boattail  angle 


APPARATUS 


An  exploratory  investigation  has  been  conducted  in  the  Langley 
9-  by  12- inch  blowdown  tunnel  and  in  the  Langley  internal  aerodynamics 
laboratory  by  using  wall-mounted  models  which  approximately  duplicated  half 
of  the  configuration  shown  in  figure  1.  Interchangeable  exit  configurations 
with  different  amounts  of  boattailing,  nozzle-divergence  angles,  and 
afterbody  terminal  fairings  are  presented  subsequently.  The  jet  exhaust 
was  simulated  with  cold  air;  numerous  test  data  have  shown  that  this 
simulation  is  adequate  for  an  exploratory  investigation  of  this  type. 

(3ee  refs.  1 and  2.)  Base  pressures,  surface  pressures  between  the 
nacelles,  drag,  and  thrust -minus -drag  were  measured,  and  flow- visualization 
studies  have  been  made  over  the  Mach  number  range. 


RESULTS  AND  DISCUSSION 
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Base  Pressures 


Effect  of  pressure  ratio  at  transonic  speeds.-  Figure  2 shows  the 
base-pressure  coefficients  of  side-by-side  arrangements  at  transonic 
speeds.  The  average  base-pressure  coefficient  obtained  by  averaging 
the  pressures  over  the  base  is  plotted  against  the  ratio  of  jet  total 
pressure  to  free-stream  static  pressure  at  Mach  mombers  of  O.9O  and  I.25. 
Data  are  for  a three -engine  conf iguration  with  a jet-to-base  diameter 
ratio  of  0.5  and  sonic  exits.  This  configuration  is  a basic  model  with 
slight  boattailing  and  a flat  base  and  is  not  intended  as  a practical 
configuration;  however,  configurations  with  similar  lines  have  been 
proposed  where  large  amounts  of  secondary  flow  are  available  for  base 
bleed.  Single-engine  nacelle  data  are  shown  for  comparison,  inasmuch  as 
wide  ranges  of  shape  variables  have  been  investigated  on  single-engine 
nacelles  at  transonic  and  supersonic  speeds.  The  data  for  the  single- 
engine configuration  are  for  a cylindrical  nacelle  with  a sonic  jet  exit 
and  the  same  base-to-diameter  ratio  as  the  three-engine  clustered  config- 
uration- The  data  indicate  that  the  trends  of  the  single-engine  and 
the  three-engine  configurations  are  very  similar;  thus,  the  single- 
engine nacelle  data  could  probably  be  applied  qualitatively  to  the 
clustered  exit  design.  The  important  thing  in  figure  2,  however,  is  the 
magnitude  of  the  base-pressure  coefficient,  inasmuch  as  the  peak  nega- 
tive values  occur  near  the  operating  press^ure  ratios  for  supersonic 
engines  for  each  Mach  number.  In  fact,  at  a Mach  number  of  1.25  for  a 
six-.pr.gine  airplane  w-ith  5-f oot-diameter  nacelles  and  6,000  square  feet 
of  wing  area,  the  base-pressure  drag  coefficient  would  be  O.OO66.  This 


value  of  C- 


D,b 


indicates  that,  in  a region  where  the  thrust  margin  of 


the  supersonic  engine  may  be  a minimum,  the  base-pressure  drag  may  be 
a maximum;  consequently,  there  would  be  an  increase  in  acceleration  time 
and  a loss  in  airplane  range. 


Effect  of  Mach  nuimber.-  Figure  3 shows  the  effect  of  Mach  number 
on  base-pressure  coefficient.  The  average  base-pressure  coefficient 
is  plotted  against  Mach  number  at  pressure  ratios  corresponding  to  this 
schedule  of  engine-pressure-ratio  variation  with  Mach  number  also  shown 
in  this  figure.  This  pres sure -ratio  schedule  is  considered  to  be 
typical  for  the  supersonic  engine.  The  data  shown  in  the  transonic 
speed  range  are  for  the  three -engine  configuration  shown  in  figure  2 
with  sonic  jet  exits.  The  data  shown  at  Mach  numbers  of  1.62  and  above 
are  for  a similar  flat-base  configuration  with  convergent-divergent 
nozzles  with  design  pressure  ratios  of  8.  xne  nozzles  are  underexpanded 
for  all  Mach  numbers  above  1.62;  however,  this  is  the  design  condition 
for  some  supersonic  engine  configurations.  Expansion  ratios  greater 
than  this  value  would  make  more  negative.  The  data  indicate 


that  the  base-pressure  coefficient  reaches  a peak  negative  value  between 
Mach  n\xmbers  of  1 and  1.5  sind  then  falls  rapidly  with  an  increase  in 
Mach  number-  The  value  looks  small  at  a Mach  mmber  of  5-05;  however, 
if  it  were  applied  to  the  six-engine  airplane  with  a wing  area  of 
6,000  square  feet  mentioned  previously,  the  base-pressure  drag  coeffi- 
cient would  be  about  0.0010  or  approximately  7 percent  of  the  expected 
total  drag  of  such  a configuration. 


Effect  of  Boattailing 

The  question  arises  - how  much  should  the  clustered  exit  configu- 
ration be  boattailed?  Shown  in  figure  4 are  three  configurations  with 
various  amounts  of  boattailing.  All  three  of  these  configurations  have 
the  same  internal  nozzle  contour,  namely,  convergent-divergent  nozzles 
with  design  pressure  ratios  of  about  8.  Configuration  1 is  an  idealized 
configuration  with  zero  base  area  and  6^  of  boattailing  on  the  individual 
nacelle.  It  is  also  boattailed  between  the  individual  nacelles.  Con- 
figuration 2 has  cylindrical  nacelles,  a base  annulus,  and  boattailing 
between  the  nacelles.  Configuration  5 tias  no  boattailing  whatsoever. 

As  was  stated  previously,  consideration  has  been  given  to  configurations 
with  flat  bases  similar  to  configuration  J. 

Figure  5 shows  the  effect  of  boattailing  on  incremental  thrust 
minus  drag  coefficient.  The  incremental  thrust  drag  is  obtained  by 
subtracting  the  measured  thrust  minus  drag  of  the  configuration  from 
that  of  configuration  1 at  pressure  ratios  corresponding  to  the  schedule 
with  Mach  number  also  shown  in  the  figure.  Configuration  1 will  be  used 
as  the  reference  configuration  in  all  subsequent  plots  of  A^Cp  - C^^ 

in  this  paper.  The  data  indicate  that  progressive  boattailing  from 
configuration  5 to  configuration  1 results  in  a reduction  of  drag  in 
that  same  order.  It  appears  that  the  overall  boattailing  of  the  configu- 
ration may  be  more  important  than  that  of  the  individual  nacelle,  since 
configuration  2 has  reduced  the  drag  so  that  it  approaches  that  of  con- 
figuration 1.  Base  pressiures  measured  on  configurations  2 and  5 sit  a 
Mach  number  of  5*05  indicate  that  the  jet  interference  due  to  the  \mder- 
expanded  jet  has  a more  marked  beneficial  effect  on  configuration  2 
than  on  configuration  sls  is  shown  in  figure  6.  The  improvement  to 
configuration  5 that  would  be  obtained  by  the  addition  of  base  bleed  is 
unknown,  but  it  is  expected  that  base  bleed  would  provide  a small  improve- 
ment in  base -pres sure  drag  coefficient. 


Effect  of  Afterbody-Nozzle  Geometry 

In  figure  5 'the  effect  of  boattailing  with  fixed  nozzle  geometry 
was  shown.  Fig^ire  7 shows  three  configurations  which  represent  a schedule 
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of  afterbody-nozzle  geometry  over  the  Mach  number  range  where  each  setting 
is  designed  to  produce  optxmum  thrust  at  a particular  Mach  number#  Con- 
figuration 1 is  repeated  from  the  previous  figures  and  conf igirration  4 
represents  a maximum  afterburner  setting  with  a cylindrical  nacelle  and 
» a convergent-divergent  nozzle  with  a design  pressure  ratio  of  15  at  a Mach 

number  of  2.4.  Configuration  5 represents  an  intermediate  setting  with 
(3_0sign  pressure  ratio  of  11  and  design  Mach  number  of  1.9*  The  varia- 
tion of  incremental  thrust-minus-drag  coefficient  with  Mach  number  for 
these  three  configurations  is  shown  in  figure  8.  The  data  are  presented 
for  the  pre s sure —rat lo  schedule  also  shown  in  figure  8.  It  is  indicated 
that  configuration  4 is  better  than  the  other  two  configurations  over 
the  entire  Mach  number  range.  It  would  be  expected  that  configuration  4 
would  be  the  best  above  a Mach  niimber  of  2.4,  since  it  has  a zero  pres- 
sure drag  nacelle  and  the  nozzle  is  at  or  above  its  design  pressure 
ratio.  In  other  words,  it  is  developing  more  divergent  nozzle  thrust 
above  this  Mach  number.  The  low  value  of  " ^d)  configuration  4 

suggests  the  possibility  of  even  better  performance  near  M = 3-0  with 
a larger  nacelle  and  a nozzle  having  a higher  design  pressure  ratio.  It 
. is  surprising  that  configuration  4 does  not  exhibit  more  of  the  expected 

large  overexpansion  losses  at  speeds  below  design.  It  is  noted  that 
some  delay  in  experiencing  these  losses  has  already  occurred,  probably 
because  of  external  stream  and  separation  effects  in  the  nozzle.  It  may 
* also  be  caused  by  the  low  Reynolds  number  of  the  internal  flow.  If  the 

good  performance  of  configuration  4 can  be  maintained  into  the  transonic 
speed  range  by  eliminating  the  overexpansion  losses,  it  might  be  pos- 
sible to  operate  the  clustered  exit  over  the  Mach  number  range  of  this 
investigation  with  fixed  ejector  geometry  and  thereby  make  a large 
saving  in  weight  and  complexity. 


Terminal  Fairings 

Figure  9 shows  photographs  of  two  special  devices  which  were  investi- 
gated at  transonic  speeds  in  an  attempt  to  reduce  the  overexpansion  losses 
of  fixed  ejector  geometry  and  to  improve  the  configuration  performance. 

To  the  first  device,  shown  in  the  upper  left  of  the  figure,  six  bodies 
have  been  applied  to  a combination  of  a low -design -pres sure -ratio 
convergent-divergent  nozzle  and  a curved-afterbody,  and  these  fairings 
are  very  carefully  designed  to  increase  the  effective  fineness  ratio 
of  the  afterbody  and  to  provide  surfaces  for  the  underexpanded  jet  to 
act  upon.  The  slotted  afterbody  shown  in  the  lower  right  of  the  figure 
is  a variation  of  the  terminal  fairing  idea  which  looks  a little  more 
conventional.  It  consists  of  a basic  curved  afterbody  with  a fixed- 
divergent  ejector  designed  for  a pressure  ratio  of  10  with  longitudinal 
slots  cut  into  the  ejector  throat  to  ventilate  the  surface  at  sonic 
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speeds.  Both  of  these  terminal  fairing  models  showed  significant  improve- 
ment in  thrust  minus  drag  over  their  basic  configurations  throughout  most 
of  the  transonic  speed  range. 

Since  some  success  had  been  attained  at  transonic  speeds,  terminal 
fairings  were  applied  to  the  flat-base  configuration  (configuration  5)^ 
and  figure  10  shows  the  complete  model  used  for  the  supersonic  investi- 
gation with  the  terminal  fairings  installed.  The  internal  contour  of 
the  nozzles  is  the  same  as  that  of  the  flat-base  configuration  and  the 
boattailed  configuration  (configuration  l)  that  was  shown  earlier.  The 
results  shown  in  figure  11,  where  - Cjj)  is  plotted  against  Mach 

number  for  the  pres sure -ratio  schedule  shown  in  the  figure,  indicate  that 
the  fairings  provide  a significant  improvement  over  the  flat-base  config- 
uration. In  fact,  they  reduce  the  drag  about  one-half  the  way  toward 
configuration  4,  which  was  the  best  studied.  The  drag  of  the  fairing 
model  was  about  the  same  as  the  best  of  the  boattail  series  shown  here 
as  the  reference.  Obviously,  the  fairings  could  have  been  applied  to 
a boattailed  design  and,  of  course,  the  fairing  design  has  not  been 
optimumized  in  the  supersonic  speed  range.  The  success  gained  to  date 
with  these  terminal  fairings  indicates  the  need  for  further  research  on 
this  type  of  design. 


CONCmSIONS 


Recent  exploratory  investigations  of  the  performance  of  clustered 
jet-exit  installations  at  Mach  numbers  from  0.60  to  3-05  indicated  the 
following  conclusions: 

1.  There  is  a large  amount  of  single-engine  data  available  that 
would  apply  qualitatively  to  the  clustered-exit  design. 

2.  The  clustered-exit  installations  may  encounter  very  large  base 
pressure  drags  in  the  transonic  and  low  supersonic  speed  range  where 
the  exit  nozzle  is  closed  down  to  provide  maximum  internal  performance. 

3-  Significant  effects  of  configuration  geometry  were  shown  with 
the  indication,  at  least,  that  overall  boattailing  may  be  more  powerful 
than  that  of  the  individual  nacelle. 

4.  The  best  configuration  investigated  was  a cylindrical  nacelle 
with  boattailing  between  the  nacelles  and  a convergent-divergent  exhaust 
nozzle  with  a design  pressure  ratio  of  15 . This  configuration  was 
superior  well  into  the  region  where  the  nozzle  was  overexpanded.  It 
appears  that,  if  some  method  of  delaying  these  adverse  overexpansion 
effects  can  be  found,  important  savings  in  weight  and  complexity  can  be 
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gained  by  fixed  ejector  geometry.  One  possible  method  of  accomplishing 
this  is  by  the  use  of  terminal  fairings  and  another  method  may  be  by  the 
use  of  base  bleed. 
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BOATTAIL  AND  NOZZLE  GEOMETRY 
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INCREMENTAL  THRUST-DRAG 
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TERMINAL  FAIRINGS 
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TERMINAL  FAIRINGS  APPLIED  TO  CLUSTERED  EXIT  ARRANGEMENT 
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